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Foreword 


The  previous  AGARD  Ruid  Dynamics  Panel  Symposium  on  missile  aerodynamics  (AGARD  Conference  Proceedings 
No.336)  was  held  at  Trondheim,  Norway  in  September  1982.  Since  that  time,  substantia]  experimental  and  theoretical  work 
has  beat  conducted  in  an  attempt  to  improve  the  fundamental  understanding  of  the  aerodynamics  of  missiles,  to  provide 
comprehensive  data  bases  and  to  develop  semi-empirical  and  computational  prediction  methods.  Whilst  significant  progress 
has  been  made,  the  performance  requirements  of  many  types  of  missile  have,  at  the  same  time,  tended  to  widen  significantly  to 
cover,  for  example,  hitler  speeds,  increased  agility  and  longer  range.  In  addition,  the  use  of  unconventional  shapes  for  weapons 
is  now  being  considered  more  often.  Consequently,  new  problems  are  bang  posed  and  thus,  after  eight  years,  it  was  considered 
appropriate  to  hold  another  symposium  on  missile  aerodynamics  to  (i)  review  current  progress  and  achievements,  (li)  highlight 
outstanding  problems  and  (iii)  establish  pointers  for  planning  future  research  programmes. 

To  this  end,  the  Symposium  addressed  many  aspects  of  the  aerodynamic  design  and  performance  of  missiles  for  the  subsonic 
through  to  die  hypersonic  flight  regimes  and  reviews  covering  the  stability  and  control  of  tactical  missiles  and  progress  made  in 
the  field  of  store  carriage  and  release  were  also  presented.  31  papers  were  accommodated  in  seven  sessions  with  contributions 
from  Canada,  France,  Germany,  Turkey,  United  Kingdom  and  United  States.  The  sessions  were:- 

—  Overview  (3  invited  papers) 

—  Analysis  and  Predictive  Methodologies:  Computational  Methods/Validation  (S  papers) 

—  Analysis  and  Predictive  Methodologies:  Empirical  Tools  and  Experimental  Techniques  (r.  papers) 

—  Row  Separation  and  Interference  Effects  (3  papers) 

—  Unconventional  Shapes  and  Projectiles  (5  papers) 

—  Propulsion,  Base  Rows  and  Jet  Reaction  Controls  (5  papers) 

—  Aerothermodynamics  and  Hypersonics  (5  papers) 

The  Symposium  ended  with  a  substantial  and  worthwhile  discussion  penod  which  began  with  a  preliminary  assessment  given 
by  the  Technical  Evaluator.  These  proceedings  include  a  record  of  the  discussion.  The  Technical  Evaluation  Report  is  available 
as  AGARD  Advisory  Report  AR-298. 


P.R.Bignell 

Programme  Committee  Chairman 


Avant-Propos 


Le  dernier  symposium  sur  i’aerodynamique  des  missiles  organise  par  le  Panel  AGARD  de  la  Dynamique  des  Fluides  s'est  tenu 
a  Trondheim  en  Norvege  en  septembre  1982  (voir  compte-rendu  de  conference  AGARD  No,336).  Depuis  lors,  d’importants 
travaux  theoriques  et  experimentaux  ont  ete  realises  en  vue  d’elargir  le  domaine  des  connaissances  de  I’aerodynamique  des 
missiles,  de  foumir  des  bases  de  donnees  completes  et  d’elaborer  des  methodes  de  prevision  semi-empiriques  et  statistiques 
Bicn  que  des  progres  importants  aient  ete  realises  dans  ce  domaine,  I’enveloppe  des  performances  exigees  a  tendance  a  s’elargi  r, 
pour  inclure,  par  excmple,  I’accroissement  de  la  vitesse  et  la  manoeuvrabilite,  ainsi  que  I'extension  de  la  portee.  En  outre,  les 
formes  de  missiles  exotiques  sont  de  plus  en  plus  a  envtsager. 

Pat  consequent,  de  nouveaux  problemes  se  posent  et,  huit  ans  apres,  le  Panel  AGARD  de  la  Dynamique  des  Fluides  a  )uge 
opportun  d’organiser  un  deuxieme  symposium  sur  ce  sujet  afin  de  (i)  taire  le  point  des  travaux  en  cours  et  des  resultats  deja 
obtenus,  (ii)  definir  les  problemes  qui  restent  a  resoudre,  et  (iii)  poser  des  reperes  en  vue  de  la  planification  des  foturs 
programmes  de  recherche. 

A  cette  fin,  le  symposium  a  examine  differents  aspects  de  la  conception  aerodynamique  et  les  performances  des  missiles,  pour 
des  regimes  de  vol  allant  du  subsonique  a  l'hypersonique.  Des  exposes  portant  sur  la  stabilite  et  le  controle  des  missiles  tactiques 
et  sur  les  progres  realises  dans  le  domaine  de  l'emport  et  du  largage  des  charges  extemes  ont  egalement  ete  presentees.  En  tout, 
qudques  31  exposes  ont  pu  etre  donnes  par  des  conferenders  du  Canada,  de  la  France,  de  lAllemagne,  de  la  Turquie,  du 
Royaume-Uni  et  des  Etats-Unis  lors  des  7  sessions  du  symposium,  a  savoir: 

—  preambule  (3  communications  sur  invitation) 

—  I’analyse  et  les  methodologies  de  prevision:  les  methodes  de  calcul/validation  (5  communications) 

—  (’analyse  et  ie$  methodologies  de  prevision:  les  ouhls  empiriques  et  les  techniques  experimental  (S  communications) 

—  le  decollemcnt  de  I’ecouiement  et  les  effets  de  sillage  (3  communications) 

—  les  formes  et  les  projectiles  peu  conventionnels  (3  communications) 

—  la  propulsion,  les  ecoulements  de  culot  et  les  ccmmandes.  par  jets  de  gaz  (5  communications) 

—  i’aerothennodynamique  et  l’hypersonique  (S  communications) 

Le  symposium  s’est  tennine  par  un  echange  de  vues  soutenu  et  tres  valable,  avec,  en  guise  d’introduction,  une  evaluation 
prcliminaire  presentee  par  l’expert  technique  du  symposium.  Ce  compte-rendu  comprend  le  texte  du  debat.  Le  rapport 
d’cvahiation  technique  est  edite  sous  la  forme  du  Rapport  Consultant  AGARD  AR-298. 


P.R.Bigneil 

President  du  Comite  de  Programme 
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SOME  TRENDS  IN  MISSILE  AERODYNAMICS 


by 

R.G.  LACAU  and  M.  ROBERT 
aerospatlale  -  Division  Engins  Tactiques 
2,  rue  B6ranger  -  92320  ChStillon  -  France 


SUMMARY 

The  objective  of  this  paper  is  to  highlight  the  requirements  for  the  next  generation  of  tactical  missiles,  the 
corresponding  new  aerodynamic  problems,  and  the  new  wind  tunnel  testing  techniques  and  computational  methods. 
A  special  attention  is  focused  mi :  unconventional  shapes  as  airbreathing  missiles,  stealth  considerations,  pyrotechnical 
lateral  jet  control,  high  angles  of  attack  and  non  rigid  airframe.  The  computational  codes  presented  are  based  on 
the  resolution  of  the  Euler  equations  ;  they  are  illustrated  by  numerous  industrial  examples. 


I.  INTRODUCTION 

This  paper  provides  a  general  review  of  trends  in  tactical  missile  aerodynamics.  The  paper  contents  four  parts. 

The  first  part  is  related  to  new  requirements  in  tactical  missiles.  They  are  given  for  each  missile  family  with 
associated  new  aerodynamics  problems. 

The  second  part  describes  some  of  these  problems  facing  the  aerodynamicist : 

-  unconventional  shapes  which  result  from  the  use  of  side  intakes  on  axisymmetric  fuselage  (ramjet  missiles), 

the  packaging  of  submunitions,  the  better  integration  on  an  aircraft,...  , 

-  stealth  considerations, 

-  pyrotechnical  lateral  jet  control  which  is  highly  suitable  for  :  antitank,  very  short  range  missiles  or  missiles 
which  use  this  system  during  a  limited  operating  time, 

-  high  angles  of  incidence  which  are  encountered  when  a  missile  is  fired  vertically  in  a  turnover  phase  to  intercept 
a  sea-skimming  missile,... 

-  deformed  shapes  which  result  from  loading. 

Each  problem  will  be  described  with  his  aerodynamic  effects. 

The  *hird  part  presents  non-classical  wind  tunnel  testing  relative  to  pyrotechnical  lateral  jet,  and  flowfield 
investigation. 

The  fourth  and  last  part  is  dedicated  to  computational  fluid  dynamics  (CFD).  This  approach  is  essential  to 

-  treat  complicated  configurations  as  airbreathing  missiles, 

-  determine  load  distributions  for  structural  calculations,  local  flow  field  properties  (e.g.  velocity  profiles  at  an 
inlet  face),... 

-  provide  with  important  insights  into  the  understanding  of  complex  flow  mechanisms. 

Not  so  long,  in  1982  (previous  AGARD  symposium  cm  missile  aerodynamics),  only  the  linearized  potential  solvers 
were  able  to  compute  complete  missile  configurations.  Since  that  time,  remarkable  progress  have  been  done  in  numerical 
methods  particularly  for  the  Euler  equations  and  grid  generation,  allowing  today  to  compute  inviscid  nonlinear  flow 
fields  around  complex  3D  configurations.  To  demonstrate  the  capabilities  of  Euler  codes  we  present  several  industrial 
examples. 


2.  NEW  REQUIREMENTS  IN  TACTICAL  MISSILES 
2.1  The  antitank  missiles 

For  the  3rd  generation  Of  antitank  missiles,  development  work  is  taking  place  in  two  directions  : 

-  the  renewal  of  the  actual  series  of  medium  range  (2  km)  and  long  range  (4  km)  missiles, 

-  the  improvement  of  short  range  (25  m  to  600  m)  missiles. 

There  will  probably  never  be  any  great  changes  made  to  the  shapes  which  will  remain  conventional,  that  means, 
cylindrical  cruciform  with  folding  stabilizers  at  the  rear.  Nevertheless,  for  certain  of  these  future  antitank  missiles 
(ERYX,  ACMP)  an  original  construction  method  has  been  adopted  : 
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-  motor  at  the  front  and  hollow-charge  warhead  at  the  rear,  thus  enhancing  warhead  efficiency, 

-  force-type  flight  control  system,  enabling  launching  at  reduced  speed  (launching  possibilities  within  confined 
areas)  and  a  possibility  of  guidance  at  low  speed  (efficiency  at  very  short  ranges).  This  new  flight  control  system 
will  produce  lateral  jets,  causing  complex  three-dimensional  flow  patterns  (fig.  1). 

2.2  The  anti-ship  missiles 

In  the  future,  due  to  the  foreseen  developments  of  anti-missile  systems,  it  will  be  necessary  to  develop  missiles 
with  a  greater  range  and  a  greater  target  penetration  capability.  These  results  can  be  obtained  by  increasing  the  missile 
speeds  (Mach  >  2)  and  by  bringing  them  over  the  targets  at  very  low  heights  with  terminal  maneuvering  at  high 
load  factors. 

In  the  range  of  speeds  and  altitudes  to  be  covered,  the  most  satisfactory  means  of  propulsion  is  the  ramjet  engine. 
This  is  the  type  of  propulsion  selected  for  the  successor  of  the  EXOCET.  The  choice  of  this  type  of  propulsion 
has  the  effect  of  giving  the  missile  an  unconventional  shape,  due  to  the  existence  of  air  intakes  (fig.  2). 

2.3  The  surface-to-air  missiles 

As  the  surface-to-air  missiles  have  demonstrated  their  efficiency  against  attacking  aircraft  (i.e.  the  FALKLANDS 
campaign  and  the  IRAN-IRAK  war),  the  attacking  aircraft  must  now  be  equipped  with  jamming  counter-measures 
to  confuse  surface-to-air  missiles,  and  air-to-surface  missiles  that  can  be  launched  beyond  the  range  of  the  anti-aircraft 
defences.  For  these  reasons,  future  surface-to-air  missiles  must  be  able  to  intercept  not  only  high  performance  aircraft 
but  also  supersonic  missiles  having  diving  or  surface-skimming  flight  paths,  a  high  degree  of  maneuverability  and 
which  are  launched  out  of  defensive  range. 

The  response  to  these  threats  necessitates  : 

-  vertical  launching  and  turning  over  in  all  directions  (reduction  of  launching  sequence  time), 

-  a  supersonic  speed, 

-  a  very  high  degree  of  maneuverability  (50  g).  In  order  to  obtain  such  maneuverability,  but  above  all  a  very 
short  response  time  so  as  to  render  the  evasive  actions  of  the  enemy  aircraft  ineffective,  a  very  advanced  technical 
solution  has  been  selected  for  the  ASTER  missile,  which  is  being  designed  in  France  (fig.  3).  This  consists  in  a 
force-type  flight  control  by  lateral  jets,  which  provides  very  short  response  time,  operating  in  conjunction  with  a 
conventional  aerodynamic  flight  control  that  makes  the  most  important  contribution  to  the  maneuverability. 

These  new  characteristics  will  lead  to  very  high  angles  of  incidence  and  complex  three-dimensional  flow  patterns 
due  to  lateral  jets. 

2.4  The  air-to-air  missiles 

The  development  of  the  threat  that  can  be  anticipated  at  the  end  of  this  century  necessitates  the  definition  of 
new  missiles  able  to  be  fired  from  aircraft  flying  at  very  high  incidence  (35°  and  perhaps  more)  and  capable  of 
hitting  very  maneuverable  targets  that  may  be  dispersed  throughout  a  very  large  range  of  altitude. 

In  order  to  fulfil  this  requirement,  work  is  actually  being  undertaken  in  two  directions  : 

-  renewal  of  the  present-day  missiles.  Examples  :  AMRAAM  for  long  ranges,  ASRAAM  for  short  ranges,  both 
types  being  developed  within  an  international  framework 

-  development  of  a  light  missile  capable  of  fulfilling  requirements  for  long  range  interception  missions  and  dogfights. 
Example  :  the  MICA  missile  which  is  being  developed  in  France  (fig.  4).  This  missile  is  small,  of  low  weight,  very 
compact  (long  chord  wings),  and  provided  with  a  mixed  flight  control  system  incorporating  both  aerodynamic  control 
surfaces  and  jet  deflector  control  surfaces,  which  allows  very  great  variations  of  attitude.  The  choice  of  long  chord 
wings  and  rear  control  surfaces  enables  high  angles  of  incidence  while  allowing  die  missile  to  be  slung  directly  against 
the  underside  of  the  aircraft. 

2.5  The  air-to-surface  missiles 

About  air-to-surface  missiles,  the  object  is  to  launch  them  from  an  aircraft  beyond  the  range  of  die  enemy  defences. 

Among  long  range  and  highly  accurate  missiles  we  can  mention  the  ASMP  which  is  certainly  a  weapon  unique 
in  die  world.  It  is  propelled  by  a  ramjet  engine  with  an  integrated  booster,  and  equipped  with  a  pair  of  two-dimensional 
lateral  air  intakes.  Its  shape  is  therefore  unconventional  (fig.  5).  Flight  control  is  aerodynamic,  by  means  of  rear 
control  surfaces. 

A  new  generadon  of  cluster-type  air-to-surface  weapons  is  being  prepared  for  future  requirements  for  instance 
APACHE  in  France,  This  modular  subsonic  missile  is  designed  to  carry  sub-projectiles  suited  to  designated  fixed 
or  moving  targets  at  a  range  of  several  tens  of  kilometers,  while  allowing  the  launching  aircraft  to  remain  out  of 
range  of  the  ground-to-air  defence  systems  of  these  targets.  These  missiles  will  no  longer  have  a  symmetrical  shape 
and  they  will  have  long  folding  wings  (fig.  5).  Their  shape  will  be  designed  by  taking  geometrical  constraints  into 
consideration  in  association  with  the  reduction  of  the  Radar  Cross-Section  (RCS). 


3.  NEW  PROBLEMS  FACING  THE  AERODYNAMICIST 


3.1  Unconventional  shape* 

34.1.  Bodies  with  side  intakes 

Two  classes  of  missiles  are  concerned  : 

•  ramjet  or  tamroked  missiles 

-  turbojet  missiles. 

The  number,  shape  and  position  of  the  air  intakes  must  be  choosen  taking  into  account  the  following  aspects 
(Kv'  1,2): 

•  internal  performance  :  thrust, 

-  external  aerodynamics  :  drag,  lift-to-drag  ratio, 

-  operational  constraints  :  overall  dimensions  (airplane  carriage),  discretion,... 

■  autopilot skid-to-tum  or  bank-to-tum  control. 

Severall  configurations  are  illustrated  fig  6. 

-  With  a  single  intake  : 

•  nose  intake  has  high  pressure  recoveries  but  bad  integration.  It  is  no  longer  used. 

•  chin  intake  is  well  suited  for  bank-to-tum  flight  control  (well  adopted  for  long  range  missions).  It  uses  the 
windward  upstream  part  of  the  missile  nose  as  supersonic  compression  ramp. 

•  annular  intake  has  a  better  integration  than  the  precedent  but  its  performance  is  the  poorest, 

•  vertical  intake  is  an  excellent  solution.  Compactness  is  good  (the  detection,  attack  and  propulsion  functions 
are  separated)  and  performance  is  high. 

•  top  mounted  intake  is  an  optimum  solution  for  RCS  (the  intake  is  hidden  from  the  ground  based  radar)  but 
is  limited  in  incidence. 

-  With  two  lateral  intakes  (e.g.  ASMP) 

A  missile  configuration  with  two  lateral  air  intakes  is  well  adapted  for  a  bank-to-tum  control.  The  intakes  are 
located  diametrically  opposed  or  inclined  towards  the  bottom.  The  first  case  is  the  best  for  supplying  the  chamber 
and  for  incrementing  the  normal  force.  The  second  case  is  the  best  for  internal  performance. 

-  With  four  intakes  (e.g.  ANS,  SA6) 

A  missile  configuration  with  four  lateral  air  intakes  is  well  suited  for  skid-to-tum  control.  However,  at  high 
incidence  the  leeward  intakes  reach  their  operation  limit,  and  the  lift-to-drag  ratio  of  these  configurations  is  not  optimal 
(two  intakes  are  sufficient  to  give  lift,  die  other  two  induce  drag). 

For  all  these  intakes  the  shape  may  be  :  axisymmetric,  half  axisymmetric,  rectangular  (classical  or  inverted), . ... 

(fig.  7)- 

The  longitudinal  location  is  a  compromise  between  :  die  flowfield  around  die  fuselage,  the  diffuser  length,  the 
center  of  pressure  and  the  attachment  points  on  the  fuselage,  but  the  normal  force  is  only  slighdy  modified. 

It  is  possible  to  increase  the  performance  of  such  intakes  by  adding  wings  or  strokes  to  the  fuselage. 

a)  External  aerodynamics  (Ref.  3,  4) 

Concerning  external  aerodynamics,  airbreathing  missiles  may  be  classified  in  two  families  : 

-  configurations  with  nose,  chin  or  annular  intakes.  These  intakes  influence  only  fuselage's  drag, 

-  configurations  with  lateral  intakes.  These  intakes  influence  fuselage’s  lift,  stability  and  drag. 

•  Lift  and  stability 

Generally  lateral  intakes  increase  lift  : 

-  intake  span  influences  mainly  lift.  Note  that  air  intake  aerodynamics  behaves  like  die  long-wing  aerodynamics, 

-  length  of  the  intake  nacelle  influences  mainly  die  center  of  pressure, 

-  intake  type  influences  lift  and  stability.  For  example  rectangular  intakes  and  fairings  produce  higher  lift  than 
axisymmetric  intakes. 

-  intake  roll  position  is  also  important.  The  lift  is  maximal  if  the  intakes  are  in  an  horizontal  position  (fig.  8  taken 
from  ref.  3). 

•  Drag 

Figure  9  (ref.  4)  presents  the  different  drag  components  of  an  airbreathing  missile  with  four  axisymmetric  air- 
intakes  at  Mach  2  at  sea  level.  We  note  the  important  contribution  of  the  air  intakes  which  represents  in  this  case 
38  %  of  the  total  drag  : 

9  %  tor  inlets  )  _____  Ara„ 

15  %  for  the  fluting  boat-tails  j  **  * 

14  %  for  die  friction  drag 

To  optimize  drag  we  must  do  the  thrust-drag  balance. 

•  Control  surfaces  efficiency,  hinge  moments 

Generally  control  surfaces  are  located  on  the  fairings.  Therefore  theoretical  prediction  of  the  control  forces  and 
hinge  moments  is  very  difficult. 
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b)  Flow  Add  around  the  fuselage 

The  study  of  this  flow  field  is  necessary  do  determine  the  best  intake  location.  To  obtain  high  performances, 
low  velocity  fields  are  sought  and  low  energy  fields  (boundary  layers,  vortices)  are  avoided. 

A  delicate  problem  concerns  the  ogival  nose  vortices  that  develop  on  the  leeward  side  of  the  missile  at  angles 
of  attack  beyond  5®.  These  vortices  cause  major  total  pressure  losses  in  air  intakes.  With  four-intake  configurations, 
there  will  be  always  one  or  two  intakes  affected  by  these  low-energy  regions.  It  should  be  noted  that  longitudinal 
strakes  upstream  of  the  air  intakes  modify  the  natural  development  of  the  boundary  layer  around  the  fuselage 
at  incidence  and  make  it  possible  to  move  the  vortices  away  from  the  intakes. 

c)  Internal  aerodynamics 

Once  we  have  defined  the  stream  tube  captured  by  the  air  intake,  characterized  by  mean  values  in  the  inlet 
plane  (Mach,  incidence,  side-slop,...)  it  is  possible  to  study  the  intake  in  a  uniform  flow  field  and  consequently 
to  study  it  isolated.  But  this  quick  cheap  method  is  not  perfect  and  studies  with  air  intakes  on  the  fuselage  are 
imperative  during  the  development  process. 


3.1.2.  Non-circular  bodies 

Two  classes  of  missiles  are  concerned  : 

-  subsonic  modular  stand-off-missiles  with  square  or  rectangular  cross-sections 

-  supersonic/hypersonic  air-breathing  missiles  with  elliptical  or  triangular,...  cross-sections. 

A  typical  subsonic  modular  stand-off-missile  is  presented  fig.  10.  The  layout  shows  a  square  cross-section  body 
with  the  wing  mounted  at  the  top  of  the  body  to  allow  unrestricted  installation  of  the  submunitions. 

The  sharp  comers  of  the  body  produce  flow  separations  and  vortex  sheets  inducing  non-linear  lift.  Thus  a  square 
body  provides  much  more  normal  force  than  a  circular  body  with  the  same  cross-section  area.  When  the  body  is 
rolled  the  flow  patterns  change,  they  become  unsymmetrical  inducing  lateral  forces  and  moments,  but  become 
symmetric  again  when  the  roll  angle  reaches  45°. 

Typical  supersonic/hypersonic  air-breathing  missiles  are  presented  fig.  1 1  (Ref.  5-8).  Their  objectives  are  : 

-  optimum  integration  of  the  intakes  in  the  fuselage  flow  field, 

-  low  drag, 

-  high  lift-to-drag  ratio, 

-  low  RCS, 

-  good  integration  under  aircraft. 

Different  shapes  are  possible  waveriders,  elliptical,  triangular,  square,...  Figure  11  presents  two  types  of 
examples  : 

-  the  waveriders  which  are  designed  for  a  minimum  drag  (streamlines  on  the  leeward  side  are  not  deflected) 
and  for  a  maximum  lift  (shock  wave  is  limited  by  the  leading  edges). 

-  the  lenticular  shape  which  is  designed  for  a  high  lift-to-drag  ratio  at  constant  surface  cross-section  and  for  high 
lift  at  incidence  (the  sharp  leading  edges  generate  vortices).  Figure  11  presents  an  ONERA  study, 

3.2  Stealth  considerations 

The  main  class  of  missiles  which  may  be  concerned  by  low  radar  signature  (RCS)  and  low  infrared  signature 
(IRS)  are  missiles  with  relatively  long  flight  times  : 

-  subsonic  stand-off  missiles 

-  supersonic  airbreathing  missiles. 

The  RCS  depends  on  many  factors  :  the  area,  the  shape,  the  presentation  angle,  the  nature  of  materials,  etc. 
The  figure  12  shows  the  RCS  of  the  B-52,  the  B-1B,  and  the  US  Air  Forces  future  stealth  bomber,  and  reveals 
the  spectacular  reduction  achieved.  As  a  reduction  in  RCS  by  one  order  of  magnitude  means  an  80  %  decrease  in 
radar  detection,  the  immense  importance  of  such  research  becoms  manifest,  particularly  since  quite  simple  steps 
can  produce  significant  results. 

To  reduce  the  RCS,  there  are  essentially  two  ways  : 

-  shape  foe  airframe  to  deflect  the  radar  signals  (fig.  13  -  Ref.  9), 

-  use  composite  materials  that  absorbe  radar  signals. 

Today,  it  can  be  assert  that  considerable  know-how  has  been  gained  in  studying  shapes  for  greater  stealth,  having 
regard  for  such  constraints  as  space,  carrying  capacity,... 

For  the  aerodynamicist  the  main  design  recommandations  are  : 

-  avoid  sharp  angles  and  surface  irregularities, 

-  avoid  straight  leading  edges, 

-  suppress  reflective  surfaces  (depends  on  the  observation  direction), 
that  means : 

-  design  smooth  profil  for  the  lifting  surfaces  and  foe  fuselage,  smooth  the  junction  body/wings, 

-  use  elliptic  fuselage,  sweep  and  curve  the  leading  and  trailing  edges. 

Air  intakes  are  also  significant  sources  of  radar  returns.  To  reduce  them  it  is  recommanded  to  : 

-  smooth  foe  intake  duct 

-  shape  foe  lips 
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-  treat  duct  walls  with  radar,  absorbent  material 

-  flush  subsonic  intakes  with  the  fuselages. 

Concerning  the  infrared  signatures  for  subsonic  missiles,  they  are  essentially  in  the  rear  part.  In  order  to  minimize 
them,  a  shield  can  be  installed  around  the  jet  pipe  with  or  without  auxiliary  intakes  admitting  cold  air  to  mix  the  hot  flux. 

3.3  The  pyrotechnics!  lateral  let  control 

a)  Limitation  of  moment  control  and  advantages  of  pyrotechnical  force  control 

Tire  conventional  control  of  missiles  consists  in  responding  to  a  lateral  acceleration  command  by  controlling 
the  flight  control  surfaces  creating  the  moment.  This  moment  produces  an  angular  movement  of  the  missile  resulting 
in  a  change  of  incidence  which  creates  an  aerodynamic  lift  force  ensuring  the  desired  maneuver. 

The  two  disadvantages  of  this  type  of  control  are  : 

-  a  time  delay  between  the  steering  command  and  execution  of  the  order,  related  to  a  number  of  “intermediaries’ ' 
and  parameters  governing  the  angular  movement  required  to  create  the  lateral  acceleration  (missile  moment  of  inertia, 
aerodynamic  damping  moment) ;  this  applies  to  any  type  of  moment  control  (aerodynamic  or  jet  controls), 

-  an  aerodynamic  control  force  which  is  proportional  to  the  dynamic  pressure,  i.e.  to  the  air  density  and  speed, 
and  then  a  lack  effectiveness  at  launching  flow  speed)  and  at  high  altitude  flow  air  density). 

But  the  use  of  a  propulsive  force  at  the  missile  center  of  gravity  overrides  these  two  disadvantages,  thus  enabling  : 

-  to  considerably  reduce  response  time,  and  as  a  result,  the  passing  distance  from  difficult  targets,  particularly, 
highly  maneuvering  targets, 

•  very  low  speed  and  high  altitude  maneuvers. 

However,  pyrotechnical  force  control  has  certain  constraints  : 

-  used  as  single  means  of  control,  its  operational  domain  is  limited  by  its  powder  consumption.  In  particular, 
with  a  gas  generator  associed  to  a  distribution  system  towards  the  nozzles,  powder  consumption  remains  the  same 
whichever  the  maneuver  (null  or  maximum), 

-  the  missile  cannot  be  used  Mowing  die  propulsion  phase  of  this  system, 

-  the  missile  must  b;  organized  to  obtain  a  nearly  fixed  center  of  gravity  during  use  of  the  system, 

-  die  definition  of  the  missile's  aerodynamic  configuration  must  take  account  of  interaction  effects  created  by  the  jets. 

For  all  of  diese  reasons,  the  purely  pyrotechnical  force  control  technology  is  highly  suitable  for  antitank  and 
very  short  range  missi'es,  or  for  missiles  which  only  use  this  system  in  die  final  guidance  phase  (thus  limiting  operating 
time)  with  an  associated  aerodynamic  control  system  (thus  limiting  the  required  power  level). 

Note  that  the  use  of  moving  wings  at  the  center  of  gravity,  which  is  also  a  type  of  force  control,  but  aerodynamic, 
presents  limitations  (capacity  of  actuators,  altitude  effect,  low  speed  effect,  etc.)  which  do  not  allow  the  control 
levels  provided  by  pyrotechnical  force  control. 

b)  Aerodynamic  interactions  due  to  a  lateral  jet 

The  transverse  ejection  of  a  lateral  jet  into  an  external  flow  results  in  a  highly  complex  flow  field  (figure  14) 
leading  to  a  set  of  interactions  which  can  be  classified  in  two  categories  (figure  IS) 

-  local  interactions, 

-  downstream  interactions. 

The  local  interactions  (figure  16)  ate  related  to  the  jet  obstacle  effect  which,  at  supersonic  speeds,  produces 
upstream  of  the  nozzle  a  detached  shock  and  a  separation  of  the  boundary  layer  forming  a  shock  generating  an 
overpressure  zone.  Just  immediately  downstream  of  the  nozzle,  the  external  flow  around  the  jet  produces  a  depression 
zone.  The  distribution  of  the  pressures  around  the  nozzle,  for  a  nozzle  located  on  a  wingless  fuselage  and  near  the 
center  of  gravity  ,  produces  a  low  resulting  force  which  is  generally  opposed  to  the  thrust  of  the  nozzle  (unfavorable 
interaction)  and  a  slight  nose  up  moment  in  the  maneuver  direction. 

The  downstream  interactions  (figure  17)  are  due  to  the  highly  vortical  character  of  the  flow  downstream  of  the 
jet.  Far  fromthe  exit  Section,  the  jet  wake  aims  the  form  of  two  contra-rotating  vortices  resulting  from  the  curvature 
of  the  jet  and  its  rounding  by  the  external  flew.  Thus,  the  speeds  induced  by  these  vortical  structures  affect  the  lifting 
surface*  placed  downstream,  generally  pro, feeing  a  loss  of  lift  and  moments. 

The  total  jsgra  of  these  interactions  resui  in ; 

-  an  interaction  force  which  is  added  to  the  lateral  propulsive  force  and  which  can  affect  efficiency  of  the  propulsion 

system,. ,  .  ;  . 

-  “distutbing''  pitch  and  roll  moments  which  should  not  affect  the  controlability  of  the  missile. 

:  To  design'  s  missile  controled  by  lateral  jets,  it  is  therefore  necessary ; 

-  to  optimize  the  aerodynamic  shape  of  the  missile  with  respect  to  the  two  preceding  criteria, 

-  to  achieve  a  complete  model  of  the  interactions  required  for  die  control  studies. 

’ '  ^ety  hi  gh  angles  iff  iSackdccw  during  vertical  launch  (fig.  18) : 
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-  at  the  beginning  of  the  trajectory  when  the  missile  has  a  low  forward  speed  and  the  launch  platform  is  travelling 
or  with  lateral  wind, 

-  at  the  turn  over  maneuver  to  intercept  sea-skimming  missiles  or  aircrafts. 

A  typical  vertical  launch  trajectory  is  shown  in  fig.  19  (Ref.  10).  Within  approximately  the  first  second,  the 
missile  pitches  at  about  300  deg/s  and  the  angle  of  attack  can  be  as  high  as  50°-60°.  Under  these  conditions,  the 
missile  can  be  subjected  to  asymmetric  flow  separations,  inducing  highly  non-linear  out-of-plane  side  force  and  moment. 

An  extensive  review  of  available  information  on  asymmetric  vortex  shedding  from  bodies  of  revolution  compiled 
by  Ericson  and  Reding  is  available  in  reference  11.  From  this  reference  we  can  note  : 

-  asymmetric  flow  separation  occurs  generally  between  30°  and  60°, 

-  significant  side  forces  occur  only  for  subsonic  cross  flow, 

-  the  magnitude  of  the  side  force  is  Reynolds  number  dependent, 

-  the  phenomen  is  nose  and  roil  angle  dependent. 

To  remove  die  dependence  on  roll  angle  of  the  out-of-plane  force  or  to  reduce  it,  various  systems  are  proposed  : 

-  excrescences  very'  close  to  the  tip  of  die  nose  to  generate  reliable  and  repeatable  out-of-plane  force  at  all  roil  angles, 

-  air  jets  to  control  asymmetric  force  (Ref.  12), 

-  a  short  section  of  the  nose,  free  to  rotate,  with  strakes,  allows  to  reduce  the  magnitude  (Ref.  13). 

3.S  Non  rigid  airframes 

The  last  problem  concerns  some  types  of  missiles,  as  the  air-air,  which  have  long  bodies  (L/D  >  20)  and  with 
light  structures  constituted  for  example  by  composite  materials.  In  this  case,  the  missiles  relatively  flexible  are  deformed 
by  the  aerodynamic  forces  inducing  changes  in  aerodynamic  characteristics  which  may  reduce  missile  stability  and 
maneuverability  (fig.  20  -  Ref.  14). 


4.  NEW  WIND  TUNNEL  TESTING  TECHNIQUES 
4.1  Lateral  jets 

The  use  of  lateral  jets  as  a  control  means  has  needed  new  wind  tunnel  test  techniques  to  identify  the  aerodynamic 
characteristics  of  such  a  missile.  In  the  same  way,  the  base  jets  may  afreet  the  stability  of  missiles  at  the  very  high 
angles  of  incidence  now  encountered  (vertical  launch).  The  measurement  of  these  aerodynamic  interactions  brings 
up  three  main  problems  i 

•  The  simulation  of  the  jets 

The  best  representation  of  real  effects  of  lateral  jets  is  got  with  powder  gases  obtained  by  minipropulsion  units 
mounted  in  the  model.  The  study  and  the  manufacture  of  these  specific  units  -  that  must  respect  the  adaptation  ratio 
of  the  nozzles  in  flight,  in  comparison  with  the  static  pressure  feasible  in  the  wind  tunnel  -  are  very  expensive  ; 
the  use  of  powder  blocks  brings  to  very  long  occupation  times  of  the  wind  tunnels  (safety  problems,  installation 
and  removal  operations  for  each  propulsion  unit,  i.e.  for  each  point  of  the  flight  domain  to  explore),  and  so  to  verv 
huge  costs. 

So  the  use  of  compressed  air  to  simulate  jets  has  appeared  very  attractive,  and  many  wind  tunnels  offer  now 
continuous  supply  lines.  The  characteristics  of  such  compressed  air  being  different  from  those  of  real  powder  gases, 
the  research  of  a  similarity  criterion  has  to  be  made  to  respect  at  best  physical  phenomenons  and  effects.  This  technique 
is  very  often  used,  generally  m  addition  to  some  ponctual  tests  with  real  propulsion  units. 

•  The  weight  principle 

The  support  ofthe  model  sustains  both  aerodynamic  and  propulsive  component  forces.  Two  techniques  can  be  used  : 

-  it  is  first  possible  to  measure  the  only  aerodynamic  forces  and  moments  ;  the  propulsion  unit  and  the  nozzles 
must  be  then  directly  connected  to  the  sting  and  uncoupled  with  the  external  aerodynamic  model  that  is  mounted 
on  fee  strain-gage  balance  (fig.  21).  This  measurement  technique  permits  to  adapt  the  balance  to  the  aerodynamic 
leads  only,  and  so  to  obtain  a  good  precision.  Furthermore,  the  deformations  or  vibrations  are  weak,  the  propulsive 
forces  loading  only  the  sting,  that  is  more  rigid  than  the  balance.  T Tie  inconvenient  of  the  technique  concerns  the 
needful  looseness  between  the  nozzles  and  the  model,  specially  for  small  sizes. 

-  it  is  also  possible  to  measure  the  gross-aerodynamic  forces  and  moments  (aerodynamic  and  propulsive).  Propulsion 
unit  and  nozzles ’are  then  connected  to  the  model,  the  manufacturing  of  which  is  more  easy.  But  dynamic  responses 
are  then  bigger,  for  instance  at  the  time  of  the  ignition  of  the  powder-block,  because  the  strain  gage-balance  is, 
by  definition,  a  flexible  mounting  ;  it  measures  Sen,  in  addition  of  aerodynamic  and  propulsive  components,  the 
inertial  forces  and  moments  due  to  the  movements  of  the  model ;  the  measuring  capacity  of  the  balance  must  be 
adapted  to  these  loads,  to  the  detriment  of  the  precision. 

•  The  correction  of  inerifelTottes  and  moments 

It  may  be  necessary  to  correct  these  inertial  components  in  the  two  following  cases v 

-  either  when  the  combustion  time  is  too  short,  so  that  these  dynamic  responses  cannot  get  damped  ;  it  is  then 
vety  difficult  to  extract  a  mean  value  that  represents  only  the  external  forces  and  moments  applied  on  the  model, 


-  or  when  one  is  actually  interested  in  these  transient  or  dynamic  phenomenons  (ignition  of  the  propulsion,  command 

switchings,...). 

Then,  the  model  must  be  equipped  with  accelerometers,  that  permit  to  substract  the  inertial  forces  from  the  gross- 
forces  measured  by  the  balance.  Industrial  wind-tunnel  tests  of  this  type  have  been  already  realized  for  some  last 
years  (Ref.  15)  and  will  be  a  valuable  implement  in  many  unsteady  studies,  regarding  for  instance  missiles  in 
autorotation. 

4.2  Flowfield  Investigation 

The  advent  of  Computational  Fluid  Dynamic  has  created  new  requirements  in  measurement  techniques  in  wind- 
channels.  Theorists  and  “Numerists"  have  to  know  the  physical  phenomenons  so  as  to  develop  adequate  flow  modelings 
and  to  get  some  experimental  data  for  their  validation.  Therefore,  even  if  visualisation  techniques  are  still  rather 
employed  (hydrodynamic,  oil,  schlieren  techniques...),  the  actual  need  consists  now  of  quantitative  measures,  not 
only  of  the  gross-forces,  but  also  of  the  velocity  and  pressure  characteristics  on  the  model  skin  and  in  the  whole 
flowfield. 

Many  new  techniques  have  emerged  during  the  past  decade  and  are  now  currently  used  for  the  research,  as 
the  following  ones  : 

-  the  non  intrusive  techniques,  as  the  laser  velocimeter  system,  to  measure  the  flow  velocity  and  its  fluctuations . 
The  example  given  in  figure  22  presents  a  detailed  exploration  by  Laser  Doppler  Velocimeiry  of  the  separated  flow 
behind  a  cylindrical  after  body  with  jet  (Ref.  16). 

-  the  RAMAN  diffusion  to  identify  different  species  in  the  flow  (for  instance  air  and  powder  gaz). 

The  improvement  of  instrumentation  and  data  acquisition  permits  also  such  testings  in  an  industrial  context, 
for  validations  of  numerical  codes  on  complete  configurations  of  missiles,  or  for  particular  studies  of  vortex  downstream 
of  wings  or  lateral  jets  It  is  now  possible  through,  among  other  developments 

-  new  electronic  pressure  transducer  switches  (PSI),  that  allow  a  quicker  acquisition  cadence,  and  so  a  larger 
number  of  measurement  points  than  when  using  scanivalves, 

-  five-hole  probes  of  very  small  size,  that  allow  detailed  investigations  of  the  flowfield  (velocity  module  and 
direction,  pressure). 

The  example  given  in  figure  23  shows  a  detained  exploration  with  a  five-hole  probe  of  the  separated  cross-flow 
around  a  fuselage  at  one  longitudinal  station  (Ref.  17). 


5.  NEW  PREDICTIVE  TOOLS  :  THE  EULER  SOLVERS 

The  Euler  equations  represent  die  most  complete  set  of  equations  modelling  the  evolution  of  a  non-viscous  and 
non-conducting  fluid.  They  admit  weak  solutions  with  jumps,  among  which  physical  discontinuities  are  modelled 
such  as  shock  waves  and  vortex  sheets. 

Important  progress  has  been  made  these  last  ten  years  for  solving  the  3D  Euler  equations.  Moreover,  the  access 
tc  fast  vector  computer  makes  Euler  calculations  feasible  and  cost-effective,  thus  opening  a  new  way  for  the  prediction 
of  missile  aerodynamics.  However  care  must  be  taken  since  the  model  does  not  take  into  account  the  viscous  effects 
even  if  it  computes  vortex  sheets. 

To  compute  steady  flows  with  Euler  equations  two  ways  are  possible  : 

-  to  solve  the  steady  equations.  In  this  case,  the  equations  are  hyperbolic  in  space  and  a  space-marching  technique 
is  used.  This  procedure  is  valid  only  for  supersonic  flows  (e.g.  code  SWINT  Ref.  18  and  code  SUP  Ref.  19,  20), 

-  to  solve  the  unsteady  equations.  In  this  case,  the  full  three-dimensional  flow  variables  are  advanced  in  time 
until  an  asymptotic  limit  is  readied.  Tins  procedure  is  valid  for  any  speed  range.  But  if  the  flow  is  everywhere 
supersonic,  a  pseudo-unsteady  marching  procedure  can  be  used  in  which  the  steady  solution  is  obtained  in  a  plane 
using  an  upwind  scheme  and  driving  the  time  derivaties  to  zero,  then  proceeding  to  the  next  plane,  sweeping  the 
domain  in  the  flow  direction  (e.g.  code  FLU3C,  Ref  21,  FLU3M,  Ref  22).  In  this  way,  the  memory  requirement 
is  kept  to  a  minimum  and  computing  time  is  reduced. 

In  tables  1  and  2  of  the  present  paper,  we  have  summarized  the  capabilities  of  13  codes  and  some  details  on 
their  models.  From  table  1,  we  note  that  there  are  two  programs,  SWINT  and  FLU3C,  which  have  computed  all 
types  of  configurations  but  only  in  supersonic.  These  two  codes  can  also  calculate  flow  separation. 

Remarks  about  flow  separation  calculation  :  Flow  can  separate  from  sharp  edges  (leading  and  tip  edges  of 
wings)  or  smooth  surfaces .  ft  is  sow  welt  known  that  Euler  codes  can  calculate  sharp  edge  separation  without  any 
mooifkation.  The  common  explanation  is  that  numerical  dissipation  which  locally  generates  entropy  in  such  distorted 
regions  is  responsible  for  the  phenomenon.  For  smooth  surface  separation,  the  problem  is  more  complicated.  Some 
authors  (Rizzi,  Newsome)  showed  separated  flows  without  any  modification  of  the  codes.  But  the  results  are  strongly 
dependent  on  the  mesh  used.  With  a  very  fine  grid  separation  can  even  disappear.  Another  approach  consists  in 
,  s^>jp^i%»4qcatibreteaxitiiei^0Cuna4Ilce  cobdition>that  rotates  the  body  surface  velocity  vectors  near  separation  points 
tb  make  them  panltel  with  a  given  separation  line  (called  forced  separation  technique).  The  results  obtained  with 
-  boduharpedge  and  smooth  surface  reparation  are  very  similar  to  experimental  measurements  except  near  die  center 
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of  the  vortices.  Much  theoretical  work  has  to  be  done  to  explain  why  we  get  such  nice  results  with  perfect  gaz  models. 
From  an  engineer  point  of  view,  we  can  say  that  “it  works”  and  can  give  usefull  qualitative  and  quantitative  results 
in  aircraft,  missile  and  even  car  aerodynamics. 

To  demonstrate  the  capabilities  of  Euler  codes,  we  present  some  industrial  examples  in  supersonic. 

a)  Configurations  calculated  with  FLU3C  : 

•  Conventional  missile 

Figure  24  presents  for  Mach  number  2  the  normal  force  coefficient  and  the  center  of  pressure  as  a  function 
of  incidence.  The  computation-test  agreement  is  good  and  results  are  even  a  few  better  than  semi-empirical  ones. 
Figure  25  presents  a  visualization  of  the  surface  pressure  and  shows  in  particular  the  body  area  influenced  by  the 
lifting  surfaces. 

•  Boosted  configuration 

This  configuration  concerns  the  ASTER  missile,  which  can  be  seen  in  figure  26  with  a  visualization  of  the  surface 
pressure  coefficients.  Several  configurations  were  tested,  differing  by  the  booster  dimensions  (chord  length,  span 
and  apex  position  of  the  tail).  The  computation-test  data  comparison  (table  of  figure  26)  shows  a  good  absolute 
agreement.  Moreover  there  is  an  excellent  relative  agreement  for  the  configuration  variations,  that  underlines  the 
advantage  of  this  method  for  dimensioning  complex  shapes. 

•  Long  wing  missile 

Figure  27  shows  the  isobar  lines  on  the  ASTER  surface  as  well  as  a  transverse  plane  (Mach  2.5  and  incidence 
10°).  On  the  transverse  plane,  we  note  the  vortical  structures  produced  by  the  tip  edges  of  the  long  wings.  Figure  28 
shows  the  computation-experimentation  comparison  for  the  pressure  on  the  long  wing  ;  the  agreement  is  very  good 
from  an  industrial  point  of  view.. 

•  Missile  with  side  jet  controls  : 

The  interaction  of  a  supersonic  jet  coming  out  of  the  missile  surface  with  the  external  supersonic  flow  gives 
a  very  complicated  flow..  The  vorticity  requires  at  least  the  Euler  equations  and  though  they  do  not  enable  to  find 
all  the  real  effects  (separation  upstream  of  the  jet,...)  they  provide  us  with  interesting  information  on  the  structure 
of  the  flow  (see  figure  29). 

The  figure  30  and  31  show  die  variations  of  the  normal  force  coefficient  as  a  function  of  the  incidence  respectively 
for  a  horizontal  wing  (+  configuration)  and  a  leeward  wing  (x  configuration)  in  a  body-wing  configuration.  The 
computation  provides  a  good  representation  of  the  changes  in  the  normal  force  coefficient  CN  as  a  function  of  incidence, 
and  in  particular,  the  difference  at  a  given  incidence  between  values  with  and  without  jet. 

Figure  32  shows  the  pressure  distribution  on  the  surface  of  the  ASTER  and  the  isobar  lines  in  a  transverse  plane 
located  just  downstream  of  the  nozzle.  This  figure  indicates  die  complexity  of  the  flow  and  shows  the  obvious  usefulness 
of  these  computations  in  understanding  physical  phenomena  ;  in  particular,  it  illustrates  the  favorable  overpressure 
of  the  detached  shock  on  the  fins. 

Figure  33  illustrates  die  effect  of  altitude  on  the  shape  and  position  of  the  primary  shock.  Note  that  the  computations 
and  experiment  results  are  in  good  agreement. 

•  Airbreathing  missile 

Figure  34  presents  the  pressure  distribution  on  the  surface  of  the  ANS  at  Mach  2  and  incidence  4°  and  the  surface 
grid  used  for  this  computation.  This  example  illustrates  the  capability  of  FLU3C  to  compute  very  complex 
configurations. 

b)  Configurations  calculated  with  FLU3M 

Even  if  vesy  complex  geometries  can  be  calculated  with  FLU3C,  it  has  some  limitations  due  to  its  monodomain 
grid  strategy. 

But  to  treat  certain  very  complex  general  geometries  and  to  make  refinements  in  interesting  regions  without  refining 
the  whoiodomain,  it  is  necessary  to  adopt  a  multiblock  grid  strategy.  In  general  the  multiblock  grid  should  be  made 
of  several  structured,  possibly  overlapping  or  patched  domains.  This  choise  considerably  simplifies  the  mesh 
construction  and  allows  the  same  generality  as  unstructured  grids.  Such  multiblock  grid  strategy  is  used  in  the  Euler 
code  FLU3M  (Ref.  22). 

•  Lateral  jet  calculation  (Ref.  23) 

This  case  is  related  to  the  computation  of  a  subsonic  pocket  experimentally  exhibited  in  the  wake  of  the  jet. 
This  phenomen  could  not  be  captured  with  a  coarse  gride.  Figure  35  presents  the  multiblock  structure  and  the  refined 
domain  which  has  beat  included  in  the  coarse  grid.  Figure  36  shows  the  Mach  number  distribution  in  the  flowfield 
obtained  With  both  grids  (coarse  grid  and  refined  grid).  As  we  can  see,  only  the  refined  grid  is  able  to  capture  the 
subsonic  region. 

•  Supersouk  air-intake  calculation 

This  lastcase  concerns  the  computation  of  inlet  internal  flowfield  including  the  presence  of  the  inner  boundary 
layer  bleed  (art internal  trap).  Its  complicated  shape  necessitates  to  use  a  multiblock  grid.  Figure37  shows  the 
mniticonmnapproach  with  a  discontinuous  two-domain  grid  and  the  Mach  number  contours  in  a  limited  region  of 
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the  inlet,  around  die  entry  section  of  the  inner  boundary  layer  bleed.  The  computation-experiment  (schlieren 
visualization)  comparison  is  good  even  if  the  calculation  does  not  take  into  account  the  viscous  effects. 

Ml  these  applications  emphasize  what  Euler  codes  can  bring  to  industrial  studies. 

In  conclusion,  Euler  codes  appear  as  powerful  analysis  tods  for  complex  external  and  internal  3D  flows,  extending 
die  capabilities  of  the  semi-empirical  methods.  But  there  is  still  much  progress  to  do  in 

-  understanding  and  modelling  of  flow-separation  on  smooth  bodies, 

-  development  of  robust  and  cost-effective  Euler  codes  for  subsonic  and  transonic  flows, 

-  mesh  optimisation. 


6.  CONCLUSION 

The  challenge  for  the  2000’s  is  to  develop  long  range,  high  speed,  highly  maneuverable  and  highly  penetrative 
missiles. 

Among  the  aerodynamics  problems  involved  in  the  design  of  these  new  missiles,  there  are 

-  unconventional  shape  aerodynamics, 

-  aerodynamic  interactions  due  to  pyrotechnical  lateral  jet, 

-  high  angle  of  attack  aerodynamics. 

All  these  problems  received  much  attention  during  these  last  years  but  they  are  not  yet  completely  solved. 

With  regards  to  the  predictive  methods,  the  most  important  progress  have  been  made  in  numerical  methods  for 
solving  the  Euler  equations  and  in  grid  generation  linked  to  CAD  system  for  meshing  realistic  configurations.  Today 
Eider  solvers  are  able  to  compute  very  complex  geometries  opening  a  new  way  for  die  prediction  of  missile 
aerodynamics;  But  before  they  could  be  among  the  principal  tools  for  missile  designers,  they  need  a  great  deal  of 
work  in  all  areas  from  mesh  generation  (grid  optimisation,...)  to  finding  better  ways  of  treating  flow  separation, 
and  an  increasing  of  Computer  speed. 

Even  if  computation  takes  more  and  more  place  in  die  missile  aerodynamic  studies,  the  wind  tunnel  tests  will 
remain  necessary  for  the  complete  modelisation  of  the  aerodynamic  characteristics,  for  complex  configurations  such 
as  airbreathing  missiles,  and  for  specific  studies  (lateral  jets,,..).  Experimentation  and  calculation  stay  complementary 
and  progress  must  continue  to  be  done  in  both  domains. 
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Requirements  : 

-  launches  from  confined-spaces 

-  shorter  ranges 


Aerodynamic  problem  : 

Jet  interaction  with  external  flow 


ERYX 


SOME  TRENDS  IN  FUTURE  ANTITANK  MISSILES  AND 
RESULTING  NEW  AERODYNAMIC  PROBLEMS 
Figure  T 

Requirements  : 

-  Increased  range  (>100  km) 

•  tow  tlme-to-target 
improved  penetrativity 
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Airhreathlna  ramlet  missile 
Aerodynamic  problems  : 

-  unconventional  shape 

-  airframe-inlet  Interference 

-  aerodynamic  heating 

-  etc. 

SOME  TRENDS  IN  FUTURE  ANTI-SHIP  MISSILES  AND 
RESULTING  NEW  AERODYNAMIC  PROBLEMS 
Figure  2 


Requirements  : 

-  launch  sequence 

-  high  maneuverability 

-  fast  control  response 


ASTER 


Aerodynamic  problems  : 

-  high  angle-of-attack  aerodynamics 
•  lateral  Jet  interaction  with  external  flow 


SOME  TRENDS  IN  FUTURE  GROUND/$URFACE-TO-AIR  MISSILES 
AND  RESULTING  NEW  AERODYNAMIC  PROBLEMS 
Figure  3 
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High  angle-ol-attack  aerodynamic  a  (>20*) 


SOME  TRENDS  IN  FUTURE  AIR-TO-AIR  MISSILES 
AND  RESULTING  NEW  AERODYNAMIC  PROBLEMS 
Figure  4 
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-  unconventional  ahapa 

-  alrtiame-Wet  Interterance 

-  aerodynamic  heating 
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SOME  TRENDS  IN  AIR  GROUND/SURFACE  MISSILES  AND 
RESULTING  NEW  AERODYNAMIC  PROBLEMS 
Figure  5 
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INTAKE  POSITIONS 
Figure  6 
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VENTRAL  INTAKES 
Figure  7 


TWIN  INTAKES :  INCREMENTAL  NORMAL  FORCE 
Figure  8 
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DIFFERENT  DRAG  COMPONENTS  OF  AN  AIRBREATHING  MISSILE 

Figure  9 
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APACHE  -  MODULAR  STAND-OFF-MISSILE 
Figure  10 


Wavaridar  configuration* 
(SCWNDH  -  RASMUSSEN) 


lanHcutaf  configuration 
(ONERA) 


CONFIGURAHONS  WITH  NON  CIRCULAR  CROSS-SECTIONS 
Figure  1 T 
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RCS  -  RADAR  CROSS-SECTION 
Figure  12 


LOW  OBSERVABLE  CONFIGURATION 
TEXAS  INSTRUMENTS  CONCEPT  (ARTISTS  SKETCH) 
Figure  13 
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ISOBAR  PATTERN  -  ASTER  MISSILE  AT  MACH  2.5, 10  deg  INCIDBMCE 
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CALCULATED  AND  MEASURED  SURFACE  PRESSURES  ON  A  LONG  WING 
MISSILE  ASTER  (MACH  2.5) 

Figure  28 


LATERAL  JET  IN  AN  EXTERNAL  SUPERSONIC  FLOW 
VELOCITY  VECTORS  IN  THE  TRANSVERSE  PLANE  LOCATED  6.5D 
BEHING  THE  NOZZLE 
Rgure  29 


WING-BODY  MODEL  (*+*  SHAPED  WINGS  -  Mo  =  2) 
NORMAL  FORCE  COEFFICIENT  OF  A  HORIZONTAL  WING 
Figure  30 


WING-BODY  MOD&  (Y  SHAPED  WtNGS-  Mo  =  2) 
NORMAL  FORCE  COEFFICIENT  OF  LEEWARD  WING 
Figure  31 


ASTER  MISSILE  (Mo  =  2  -  a  =  12°  -  WITH  LATERAL  JET) 
PRESSURE  DISTRIBUTION  -  FLUC3C  COMPUTATION 
Figure  32 
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ASTER  MISSILE  (Mo  =  2-0=  12°- WITH  LATERAL  JET) 
DETACHED  SHOCK  LOCATION  -  COMPARISON  BETWEEN 
FLUC3GCOMPUTATKDNAND  EXPB3MENT 
Figure  33 


MESH  AND  SURFACE  PRESSURE  DISTRIBUTION 
MISSILE  ANS  -  MACH  2,o  =  4° 

Figure  34 


LATERAL  JET  FLOW 

MULTIDOMAIN  APPROACH  -  GRID  REFINEMENT  IN  THE  FLOWFIELD 

Figure  35 
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LATERAL  JET  aOW  -  EULER  COMPUTATION 
GRID  REFINEMENT  EFFECT  IN  THE  FLOWFIELD 
MACH  NUMBER  CONTOURS 
Figure  36 


SUPERSONIC  AIR  INTAKE  -  INTERNAL  FLOWFIELD 
COMPARISON  BETWEEN  EULB?  COMPUTATION  AND  EXPERIMENT 

Figure  37 
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REVIEW  OF  THE  SPRING  1988  AGARD  FMP  SYMPOSIUM 

by 

HA.Torodt 
Attack  Weapons  Dept. 

Royal  Aerospace  Establishment 
Fam  bo  rough,  Hampshire  GUM  6TD 
United  Kingdom 

SUMMARY 

The  AGARO  Flight  Mechanics  Panel  held  its  71st  symposium  in  Ankara,  Turkey 
during  the  period  9  to  12  May  1988  (Ref  18  2).  The  symposium  was  entitled  "The 
Stability  and  Control  of  Tactical  Missile  Systems"  and  was  classified  NATO 
Secret.  This  topic  was  last  sponsored  by  AGASD  through  the  Fluid  Dynamics  Panel 
in  1982  (ref  3) ,  but  several  subsequent  symposia  have  also  contained  significant 
relevant  information  on  underlying  technologies  (see  References). 


INTRODUCTION 

The  symposium  was  first  proposed  in  an  FMP  Pilot  Paper  in  1984,  and  was 
subsequently  refined  by  several  members  of  the  Flight  Mechanics  Panel  (notably 
Mr  R.  o.  Anderson  and  Mr  V.  Hoehne  of  US)  and  was  ultimately  proposed  to  and 
authorised  by  the  AGARO  National  Delegates  Board  in  March  1987.  The  definitive 
proposal  and  meeting  theme  was  built  around  the  following  issues: 


"With  recant  advances  in  missile  seekers  and  processors,  aid  in  the 
analysis  of  missile  dynamic  motions  and  the  associated  control  subsystem 
design,  missile  manoeuvre  envelopes  have  expanded  rapidly.  It  is  therefore 
appropriate  and  timely  that  the  stability  and  controllability  of  such 
missiles  be  examined,  and  this  symposium  will  provide  a  forum  for  the 
interchange  of  ideas,  and  discussion  of  the  different  techniques  currently 
involved  in  dealing  with  the  various  aspects  of  this  subject.  The 
presentations  will  cover  a  wide  selection  of  topics,  from  prediction, 
simulation  and  test,  through  to  a  look  at  current  development  experience. 
The  subject  of  the  symposium  would  be  limited  to  tactical  missiles, 
encompassing  air-to-air,  air-to-ground,  and  ground-to-air,  but  not 
ballistic  missiles." 


The  programme  committee,  co-chaired  by  Monsieur  F.Mary  (France) and  Mr  S.  Metres 
(US) ,  solicited  papers  by  invitation  and,  as  expected,  created  considerable 
interest  from  the  Fluid  Dynamics  frateri  ty.  Dr.  K.U.  Orlik-Ruckemann  (Canada) 
of  the  AGARD  Pluid  Dynamics  Panel  joined  the  Programme  Committee  and  undertook 
the  organisation  of  Session  1.  Guidance  and  Control  wa3  also  seen  as  a  driving 
technology  and  a  significant  input  for  Session  2  was  solicited  from  the  AGARD 
Guidance  and  Control  Panel,  in  the  form  of  a  survey  paper  on  their  own  symposium 
on  a  closely  allied  subject  in  the  same  timeframe  (see  Paper  9  and  Ref  11). 

The  final  programme  consisted  of  26  technic?!  papers  (from  S  NATO  nations)  plus 
two  keynote  addresses  and  the  overview  paper.  The  symposium  received  some  140 
registrations  and  was  attended  by  members  of  12  NATO  nations. 

This  paper  summarises  the  technical  aspects  of  the  symposium  in  respect  of  the 
individual  papers  and  their  collective  fulfilment  of  the  meeting  theme  above. 

It  is  organised  as  follows.  Under  section  2  the  individual  unclassified  papers 
are  commented  upon.  (Classified  presentations,  denoted  by  *,  are  not  discussed 
in  this  unclassified  document) .  Discussion  has  not  been  attempted  in  Session  or 
presentation  order  owing  to  the  breadth  of  the  technical  fields  covered. 

Instead,  the  papers  have  been  regrouped  under  more  numerous  sub-headings  to 
reflect  better  the  interrelation  between  the  presentation  material  (Fig  1) . 
paper  numbers  are  cross  referenced  under  sub-headings.  The  Closing  Discussion 
is  reviewed  in  Section  3.  Section  4  attempts  to  collect  the  impressions  of  the 
meeting  as  an  entity  and  to  comment  on  its  effectiveness  in  covering  the 
perceived  field.  The  views  expressed  herein  are  the  sole  responsibility  of  the 
author. 

2.  REVIEW  OF  TECHNICAL  PAPERS  ‘ 

2.1  Aerodynamic  Prediction  Codes  (Papers  1,3,  and  4)  j 

In  paper  1  CHANPIGNY  gave  a  wide  ranging  review  of  the  computational  methods  J 
applied  for  aerodynamic  prediction  in  France.  It  covered  panel  methods,  Euler  a 
codes  apd  semi-empirical  methods  with  detailed  illustrative  examples  of  the  | 
varied  Strengths  of  each  technique,  accompanied  by  the  customary,  unparalleled  | 
ORERA  graphic#-  lit  was  of  interest  to  note  that  panel  methods  (methodes  de  | 
singular ites)  maintain  a  strong  following  in  France  particularly  when  applied  § 


to  provisional,  pro j sot  styla  studies.  More  developed  ("higher  order"  panel 
methods)  continued  to  show  promise,  even  when  applied  to  non-circular  and 
non-classical  configurations.  Their  principle  limitation  remains  the  lack  of 
ability  to  handle  body  vortices  and  therefore  body  lift.  The  Euler  code 
presented  (FUJ3C)  also  showed  considerable  promise.  Although  limited  to 
axisymmetric  examples  in  fully  supersonic  flows,  the  ASTER  configuration  showed 
very  good  agreement  with  subsequent  measurement.  The  fine  computational  meshes 
used  in  the  examples  clearly  make  computations  of  all  but  the  most  definitive 
of  shapes  prohibitive. 

FORNASIER  (paper  3)  continued  by  describing  in  detail  the  development  of  the 
Franco/  German  HISSS  panel  code  (also  referenced  above).  This  panel  code  appears 
unique  in  its  capability  of  handling  both  fully  subsonic  and  fully  supersonic 
flows.  The  author  describes  in  some  detail  the  precautions  necessary  to  provide 
the  correct  functioning  of  a  panel  coda  in  supersonic  flow.  Examples  were  shown 
of  the  versatile  options  available  in  the  software  including  treatment  of  fixed 
wakes,  non-circular  bodies  and  most  notably  intake  flows  with  both  sub  and 
supercritical  (or  super inclined)  intake  angles.  The  performance  of  the  code  in 
supersonic  regime  appeared  most  encouraging.  Subsonically  the  major  limitation 
(apart  from  flow  criticality) ,  was  again  noted  as  the  lack  of  treatment  of  body 
vortices  leading  to  poor  incidence  performance  particularly  for  bodies  alone. 
It  was  candidly  agreed  that  5  degrees  of  flow  onset  angle  remained  the  limit  for 
precise  calculation,  although  presented  results  often  showed  good  performance 
above  this  low  limit,  illustrating  a  high  degree  of  configuration  dependency  in 
this  type  of  calculation. 

Amongst  semi-empirical  codes  the  US  Missile  DATCOM  is  perhaps  one  of  the  most 
comprehensive.  JENKINS  (paper  4)  gave  a  status  report  covering  the  basic 
concepts  of  the  component  prediction  technique  and  the  subsequent  assembly  of 
the  subject  configuration  with  consideration  of  the  appropriate  interference 
effects.  While  accepting  that  such  an  approach  remained  part  art  part  science 
he  demonstrated  its  integration  with  new  "engineering"  features  such  as 
experimental  data  substitution  and  the  ability  to  redatum  estimations  on  that 
inputted  data.  As  with  pure  numerical  codes,  present  limitations  appear  to  be 
centred  on  vortex  representations,  in  this  case  the  precision  of  tracking  of 
shed  vortices  and  their  downstream  development. 

2.2  High  Incidence  Dynamics  (Papers  6,7  and  8) 

FUCHS  (paper  6)  showed  how  higher  order  Fourier  series  expansions  could  be  used, 
sometimes  in  conjunction  with  more  conventional  Taylor  series  techniques,  to 
isolate  higher  order  derivatives  from  dynamic  experiments.  He  demonstrated  how 
expansion  to  second  order  permitted  the  identification  of  several  high  incidence 
effects  into  characterising  derivatives,  as  well  as  several  incidental 
advantages  over  classical  techniques  (including  the  ability  to  isolate  Cmg  from 
Cmfdot) .  Using  a  "Eurofighter"  aircraft  style  example,  he  was  able  to  show  the 
methods  success  in  quantifying  such  effects  as  that  of  vortex  breakdown  on 
aircraft  motion  at  high  incidence  and/or  body  rates.  Subsequent  discussion  noted 
that  there  was, even  so,  a  limit  to  what  could  be  achieved  through  extended 
linear  expansion  for  incorporating  higher  order  dynamics  and  that  ultimately  the 
severity  of  the  ensuing  motion  invalidates  linear  superposition  assumptions.  In 
future  a  fully  non  linear  approach  may  be  required. 

In  a  wide  ranging,  review  style  paper,  ERICSSON  described  a  variety  of  complex 
flow  mechanisms  which  can  dominate  high  incidence  dynamics.  He  stressed  that 
given  a  high  incidence  condition,  remarkably  low  body  rates  can  often  result  in 
significant  cross  coupled  motions.  He  also  noted  that  many  (but  not  all)  of 
these  phenomena  bring  about  increases  in  static  stability  (stiffness)  at  the 
same  time  as  reductions  in  dynamic  stability  (damping) ;  therefore  stable 
oscillations  and  limit  cycles  often  result.  During  the  paper  and  questioning  it 
was  stressed  that  such  behaviour  are  often  the  result  of  complex  interactions 
between  fluid  dynamic  processes  of  different  gendre  and  that  complete 
representation  of  all  these  aspects  would  be  necessary  if  sub  scale  modelling 
were  to  be  successful. 

MENDENHALL  (paper  8)  concentrated  on  one  particular  fluid  dynamic  process,  the 
effect  of  fore  body  vortex  shedding  on  fin  effectiveness  and  missile  loads 
during  rapid  high  incidence  manoeuvres.  Using  a  space  marching  vortex  cloud 
technique  within  an  Euler  solution  he  pursued  the  consequences  of  vortex 
interaction  and  lag  through  to  the  prediction  of  unsteady  non  linear  fin  load 
cycles.  The  net  effect  of  these  interactions  on  the  ensuing  motion  was  not 
addressed  (a  pity  in  this  forum)  and  thus  no  comparisons  with  observed  behaviour 
were  available. 

2.3  Hind  Tunnel  Experiments  (Papers  5*, 16, 17  and  18). 

Internal  carriage  of  stores  has  received  a  considerable  re-evaluation  in  recant 
years  as  the  operational  limitations  of  external  carriage  have  become  more 
severely  evident.  SAWYER  (paper  16)  described  an  experimental  programme  using 
a  well  Conceived  group  of  conceptual  models  with  differing  metric  elements  to 
investigate  carriage  within  a  cavity.,  A  variety  of  configurations  were 
considered  (but  at  zero  incidence  only) ,  with  each  exhibiting  at  least  one 


serious  shortcoming,  these  being  diversely  internal  and  external  aerodynamic  or 
acoustic  environment.  Thus  far  reported  no  attempts  at  configuration  tuning  had 
been  made.  The  author  felt  that  there  was  a  poor  likelihood  of  finding  a 
configuration  that  would  be  free  from  all  problems,  or  even  capable  of  offering 
an  acceptable  mix.  It  was  agreed  during  discussion  that  the  closing  of  such  a 
cavity  was  only  a  partial  solution  to  some  of  these  problems  when  viewed  in  an 
operational  context.  The  way  forward  was  therefore  unclear  with  future 
developments  eagerly  awaited. 

NASA  Ames/Langley  contributed  a  paper  given  by  ALLEN  on  the  assembly  of  the 
tri-service/NASA  MISSILE3  database  which  essentially  encompasses  the  entire 
operational  regime  for  a  wide  variety  of  classically  configured  missiles.  The 
paper  concentrated  on  the  wind  tunnel  automation  and  techniques  necessary  to 
even  contemplate  the  acquisition  of  such  a  huge  body  of  data.  It  was  also 
suitably  illustrated  with  several  cases  where  the  gathered  data  had  shown  trends 
which  had  not  been  found  in  comparison  with  current  CFO  codes.  The  investment 
in  such  a  programme  was  warmly  applauded  by  the  audience  who  were  able  to  offer 
numerous  suggestions  as  to  how  this  database  might  be  further  expanded  in 
future,  to  the  benefit  of  the  entire  community. 

MAZZUCA  described  in  generic  terms  the  Italian  approach  to  wind  tunnel  testing 
of  missiles.  The  paper  provides  a  comprehensive  checklist  for  one  contemplating 
such  a  programme  but  lacked  any  results  or  examples.  The  author  showed  the  value 
of  investment  in  tunnel  automation  and  the  resulting  efficiency  of  tunnel  usage. 

£.4  Configuration  and  Control  (Papers  9*, 12, 13, 15, 22  and  28) 

Paper  12  by  RANDALL  described  some  interesting  ap; lications  where  careful 
integration  of  a  sensor  and  its  strategy  with  aerodynamic  configuration  could 
offer  some  simple  lower  cost  options.  The  case  considered  was  the  use  of  a 
simple  sensor  (e.g.  an  IR  sensor)  with  a  single  axis  field  of  view  thus 
requiring  "twist  to  track"  control  to  maintain  the  target  in  the  field  of  view 
simultaneous  with  the  conventional  trajectory  guidance.  The  author  showed  how 
modem  control  theory  could  be  used  to  optimise  the  resulting  control  law  and 
the  ensuing  trajectory.  He  further  postulated  the  use  of  a  non-cruciform 
("anisotropic")  aerodynamic  configuration  combining  aircraft  like  bank-to-tum 
guidance  with  twlst-to-  track  orientation  during  a  terminal  manoeuvre.  It  was 
perhaps  unfortunate  that  the  paper  concentrated  on  the  mathematical  optimisation 
of  the  tracking  rather  than  the  more  practical,  yet  less  determinate, 
optimisation  of  using  configurational  aerodynamics  to  compensate  for  limited 
sensor  sophistication,  in  order  to  achieve  a  cost  effective  weapon. 

In  his  first  paper  (13)  GAZZINA  discussed  the  methodologies  for  controlling 
unstable  missiles  and  highlighted  some  of  the  limitations  imposed  by  this  class 
of  vehicle.  His  tutorial  style  paper  used  clear  mathematics  carefully  simplified 
to  highlight  its  basic  conclusions.  The  was  a  clear  parallel  with  the  case  of 
control  of  statically  unstable  aircraft,  particularly  since  longitudinal  motion 
only  was  considered,  without  any  real  involvement  of  guidance  aspects. 

Sensor  development  will  always  remain  a  driving  technology  in  missile  guidance. 
PETIT  (paper  15)  traced  the  miniaturisation  of  the  3  axis  ring  laser  gyro  to  the 
present  point  were  it  now  becomes  feasible  for  use  in  small  high  performance 
missiles. 

KLABUNDE  (Paper  22)  addressed  the  problem  of  establishing  the  robustness  of  a 
multi-  variable  control  system  through  the  use  of  the  structured  singular  value 
approach.  The  Monte-Carlo  eigenvalue  search  technique  used  appeared  innovative 
and,  as  presented,  removes  much  of  the  conservatism  of  the  basic  approach.  The 
author  anticipated  that  this  technique  (or  developments  thereof)  will  provide 
an  efficient  means  to  analyse  the  robustness  of  large  multivariable  systems.  To 
date  a  precision  of  +10%  had  been  demonstrated  on  a  sample  system  of  order  25. 
He  also  maintained  that  the  technique  was  applicable  to  nonlinear  systems 
although  how  this  is  achieved  without  local  linearisation  about  the  chosen 
operating  point  is  not  clear.  The  written  paper  is  largely  concerned  with  the 
strict  demonstration  of  the  control  theory.  It  is  perhaps  unfortunate  that  the 
clear  simple  example  used  in  the  verbal  presentation  was  not  included. 

In  his  second  paper  (28)  GAZZINA  reminded  us  that  an  analytical  approach  to 
configuration  studies  can  still  provide  simple,  visible  results  which  are  often 
obscured  by  complex  parametric  simulations,  using  a  series  of  simplifying 
assumptions  (e.g.  manoeuvres  only  in  the  terminal  phase) ,  he  succeeded  in 
extracting,  analytic  solutions  for  the  entire  flight  profile  of  an  air-to-air 
interception.  This  enabled  him  to  consider  concisely  the  relative  operational 
merits  of  winged  and  wingless  weapons  in  this  class.  His  input  data  showed 
marked  dependency  of  normal  force  characteristics  to  static  stability  margin  for 
the  wingless  case.  The  result  suggested  that  these  reflected  strongly  in  the 
lift  dependant  and  trim  drags.  Ultimately  direct  comparisons  were  made  at  equal 
levels  of  (neutral)  stability.  The  authors  initial  premise  was  that  the  analytic 
approach  added  .  visibility  to  complex  scenarios.  As  such  it  was  a  pity  that  his 
results  were  not  more  expansive  in  considering  a  more  varied  selection  of 
operational  profiles. 


2*4 


2.5  Direct  Force  Control 

Many  missile  applications  now  demand  powerful,  precise  control  in  conditions  of 
low  dynamic  pressure,  where  aerodynamic  controls  have  severe  limitations.  Only 
one  author  discussed  integration  of  aerodynamic  and  direct  force  based 
motivators.  The  need  for  careful  siting  of  control  jets  was  stressed,  to 
minimise  aerodynamic  interference,  or  indeed  to  turn  it  to  positive  advantage, 
which  appears  a  possibility  particularly  at  higher  Mach  numbers.  The  continuous 
use  of  jet  thrusters  appears  wasteful  of  limited  gas  resources  for  non  critical 
flight  phases.  The  combining  of  jet  and  aerodynamic  control  either  through 
scheduling,  or  the  employment  of  jets  as  a  high  bandwidth  control  to  enhance 
response  time.  Thruster  and  thrust  vector  controls  of  various  forma  were 
examined  in  detail  in  papers  11*,  14*  and  21.  Further  more  limited  references 
to  their  evaluation  were  also  made  in  papers  19,  23,  27  and  30*. 

DANIELSON  (paper  21)  described  the  design  and  development  of  a  deployable,  four 
vane,  thrust  vector  controller.  (A  rotating  ball-in-socket  nozzle  vectoring 
system  is  also  discussed  in  the  written  text) .  The  development  programme 
concentrated  on  mechanisation  aspects,  the  durability  and  continuing 
effectiveness  of  the  vanes  in  an  erosive,  aluminised  propellant  stream  clearly 
being  the  design  driver.  Excessive  hinge  moment  were  also  sited  as  leading  to 
undesirable  hysteresis  effects,  but  this  appeared  to  be  configuration  specific. 


2.6  Aeroelasticity  (Papers  10  and  25). 

Aeroelastic  prediction  has  also  benefited  from  recent  advances  in  CFD 
aerodynamic  codes.  The  symposium  two  presentations  on  advanced  techniques  for 
the  prediction  of  non  linear  dynamic  behaviour  of  canard  controls  on  an 
air-to-air  missile.  Both  noted  a  significant  computational  inconvenience  in 
realigning  data  from  separate  aerodynamic  i_nd  structural  grid  matrices. 

DILLENIUS  (paper  10)  described  current  work  to  combine  a  NASTRAN  type  code  with 
an  aerodynamic  (supersonic  panel)  code  to  create  a  optimisation  tool  for  a 
composite  control  fin  structure,  incorporating  a  variety  of  design  constraints. 
A  key  feature  was  the  use  of  local  principal  axes  as  design  variables  in  an 
otherwise  unvaried  structure .  This  choice  impacts  uniquely  on  the  stiffness 
matrix  which  is  used  initially  to  evaluate  the  deformation  of  a  first 
approximation  lay  up.  Aerodynamic  load  and  structural  displacement  are  then 
compare  iteratively  to  converge  onto  a  compatible  solution.  This  can  be  treated 
as  an  end  in  itself  or  evaluated  against  the  constraints  for  reentry  and 
optimisation  of  the  design.  The  recent  results  presented  showed  good  convergence 
and  considerable  promise,  although  much  still  needs  to  be  considered  before  a 
solution  can  be  optimised  for  the  full  flight  envelope.  The  ultimate  aim  is  to 
reduce  fin  loads  and  actuator  size  and  power  ratings. 

SEPAHV,  in  paper  25  (presented  by  R. Randall)  also  discussed  the  possibilities 
of  an  extension  to  NAS TRAN  type  solvers,  in  this  case,  to  consider  kinematic 
nonlinearities.  He  described  a  two  techniques,  time  simulation  and  local 
linearisation  to  an  equivalent  system;  both  techniques  well  known  to  control 
system  engineering,  one  was  left  with  the  impression  that  the  linearisation 
process  still  required  a  considerable  degree  of  intuition  and  the  author  notes 
that  the  time  simulation  technique  currently  provides  a  more  accurate  result, 
albeit  with  higher  computing  overheads.  A  test  case  considers  the  effect  of 
introducing  hinge  backlash  into  an  all-moving  canard  control  surface.-  The 
nonlinear  methods  predict  an  additional  dynamic  mode  and  a  radical 
redistribution  of  modal  energy.  Unfortunately,  the  experimental  evidence  offered 
did  not  extend  to  the  nonlinear  case,  and  was  therefore  unable  to  corroborate 
these  interesting  effects.  The  programme  is  ongoing. 

2.7  Test  and  Evaluation  (Papers  19,20,23,  and  24). 

Paper  19  by  DOHERR  et  al  was  an  excellent  illustration  of  the  major  recent 
strides  made  in  raising  the  parameter  identification  technique  to  a  effective 
engineering  tool.  The  case  studied,  that  of  a  jet  controlled,  aerodynamic 
lifting  guided  shell/submunition  was  clearly  related  to  a  serious  developmental 
programme  demanding  practical  results.  Nonetheless,  the  identification  of  this 
diminutive  vehicle  appeared  practically  challenging  and  laden  with  pitfalls  for 
the  unwary.  The  careful  integration  of  a  varied  suite  of  high  precision 
instrumentation  into  a  very  compact  vehicle,  launched  from  and  imprecisely 
initialised  platform  (under  a  hovering  helicopter)  was  particularly  impressive. 
It  was  equally  complemented  by  the  methodical  modification  and  application  of 
the  DFVLR  interpretation  of  the  Maximum  Likelihood  method,  which  in  this  case 
included  nonlinear  modelling,  and  caters  for  both  process  and  measurement  noise. 
The  preliminary  results  presented  were  limited  but  nonetheless  impressive,  and 
lead  one  to  speculate  on  the  impact  this  technique  could  soon  have  on  the 
investigation  of  other  highly  nonlinear  vehicles. 

BOB  (paper  20)  presented  the  findings  of  a  recent  AGARD/FMP  working  group 
activity  to  attempt  to  quantify  the  validity  of  missile  system  simulations  (Ref 
7).  This  endeavour  emerged  as  much  philosophical  as  technical  and  the  paper 
concentrated  on  the  strict  semantics  definition  of  various  validation  processes. 
This  text  is  recommended  to  anyone  concerned  with  simulation,  primarily  as  a 
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sound  strategy  against  which  to  judge  hie  own  procedures  and  preparations.  The 
significance  of  such  work  is  easily  underestimated  particularly  when  such  model 
systems  are  required  to  migrate  within  corporate  or  even  international  usage 
where  retention  of  confidence  is  a  prime  requisite.  The  utility  of  a  procedure 
such  as  presented  will  only  be  demonstrated  by  usage.  A  questioner  also  drew 
attention  to  the  further  applicability  of  these  approaches  in  respect  of  "expert 
systems" . 

STEVENS  (paper  23)  described  a  technology  demonstrator  programme  leading  to  test 
firings  of  a  controlled  but  unguided  missile  vehicle,  and  highlighted  the  role 
of  hardware-in-the-loop  (HWIL)  simulation  as  an  effective  systems  integration 
tool.  Problems  which  were  isolated  through  simulation  included  the  out  of 
tolerance  variation  of  actuator  characteristics,  confirmation  of  adequate  gas 
reservoir  capacity  and  evolution  of  autopilot  control  laws.  It  was  perhaps 
surprising  that  a  problem  that  did  escaped  the  net  (although  preliminarily 
evaluated)  was  that  of  body  structural  modes  and  lack  of  appropriate  structural 
filters.  An  interesting  side  issue,  barely  touched  upon,  was  the  value  of  these 
tests  as  a  focal  point  for  the  combined  engineering  workforce,  all  of  whom  were 
simultaneously  involved  in  the  corporate  simulation  activity. 

Papers  concerning  test  and  evaluation  usually  stress  their  successes.  It  is  an 
unfortunate  fact  that  such  a  paper's  value  is  moat  often  proportional  to  the 
authors  willingness  to  discuss  what  did  not  go  according  to  plan.  This  paper  was 
delivered  in  a  frank,  narrative  style  enabling  the  recipient  to  share  in  what 
was  clearly  a  valuable  exercise  with  many  lessons  learned. 

DESLANDES  (paper  24)  was  the  only  speaker  to  address  stores  separation,  focusing 
on  the  important  point  that  prevention  of  physical  contact  with  the  parent 
aircraft  was  a  necessary  but  by  no  means  sufficient  criteria  for  a  successful 
missile  launch.  Having  described  some  of  the  advanced  features  of  the  current 
MSB  separation  prediction  method,  he  shoved  two  case  studies  where  launch 
trajectories  cleared  the  airframe  but  nonetheless  suffered  disturbances 
sufficient  to  impair  guidance  system  performance  and  sensor  lock.  It  should  be 
accepted  that  the  second  case  represented  an  extreme  flight  condition  (in 
incidence)  but  it  was  all  the  more  impressive  to  note  the  good  agreement  of  the 
prediction  method.  Also  noted  in  the  paper  was  the  utility  of  a  launch  control 
system  in  suppressing  the  disturbance  and  retrieving  a  marginal  launch.  This 
paper  highlighted  the  need  for  careful  systems  integration  in  this  sensitive 
area. 

2.8  Project  descriptions. (Papers  27  and  30*) 

MAZZUCA  (Paper  27)  described  the  extensive  modifications  made  to  the  Sparrow 
IIIB  missile  to  enable  it  to  be  used  in  the  ground-to-air  role  as  Aspide.  This 
role  change  demanded  a  considerable  expansion  of  the  original  flight  envelope, 
particularly  in  Mach  number  and  dynamic  pressure  ranges.  The  need  to  improve 
low  speed  manoeuvrability  immediately  post  launch  led  to  the  interesting  example 
of  retrospective  reduction  of  static  stability  (see  also  Paper  13  by  GAZZINA) . 
It  says  much,  both  for  the  original  design  and  the  subsequent  astute  development 
that  this  major  revision  has  been  pursued  successfully. 


3.  SUMMARY  OF  CLOSING  DISCUSSION. 

The  closing  discussion  was  arranged  as  a  forum  of  selected  authors  drawn  from 
the  various  fields  which  had  formed  the  subject  matter  of  the  symposium.  These 
were  F.  Mary  (TPC  and  Chairman),  M.  Mendenhall  (Aerodynamics),  A.  Gazzina 
(Configurational  Design), P.  Letang  (Project  Development),  H.  schilling 
(Aeroballistics) ,  and  G.  Stevens  (Test  and  Evaluation) .  As  a  catalyst  to 
discussion  and  audience  questions  this  panel  was  first  asked  to  consider,  within 
their  own  fields; 


"  In  what  directions  will  future  operational  requirements  and  guidance 
developments  drive  overall  missile  configurational  design  and  development". 


This  was  a  broad  issue,  to  which  the  panel  could,  perhaps,  have  been  given  a 
little  more  advanced  warning.  Their  initial  reactions  centred  largely  on  two 
themes: 

1} .  That  the  overriding  new  requirement  on  missile  systems  was  rapidity  of 
reaction  and  control  response.  This  lead  to  complex  dynamic  flight  situations 
Which,  in  themselves  were  extending  aerodynamic  prediction  tools  to  the  limit. 

2) .  With  ever  increasing  demands  on  cost  control,  the  many  sub  systems  which  now 
make  up  an  advanced  Weapon  need  careful  integration  and  rigorous  testing.  New 
techniques  of  evaluation  and  analysis  will  be  required  to  handle  the  rapidly 
approaching  prospects  of  onboard  "expert"  guidance  systems. 


The  first  of  the Be  issues  quite  naturally  lead  to  a  discussion  of  the 
interleaved  roles  of  aerodynamic  prediction  and  control  system  simulation.  The 
fluid  dynaaicists  present  pointed  out,  with  numerous  case  studies,  occasions 
when  aerodynamic  predictions  had  been  oversimplified,  or  worse  still,  been 
neglected  or  ignored  until  too  late  in  a  projects  development.  Nonetheless  it 
was  conceded  that  there  were  numerous  practical  areas  where  aeroprediction 
remains  in  its  infancy,  and  required  practised  interpretation.  In  this  situation 
practical  testing  through  wind  tunnel  rigs  remains  a  necessary  step  for  several 
issues.  The  following  areas  were  defined  as  requiring  further  efforts: 


a)  Improved  prediction  of  roll  characteristics 

b)  Greater  flexibility  in  store  separation  prediction. 

c)  Limitations  in  respect  of  angle  of  attack,  (and  the 
configuration  dependence  of  such  limits' . 

d)  Capacity  to  consider  non-classical  3hapes.  (e.g. 
Noncircular/bluff  bodies,  and  body  vortices) 


One  course  of  action  offered  was  the  use  of  empiricism  embedded  in  computational 
codes  to  inject  test  data  where  effects  could  not  be  modelled  analytically 
(provided  those  mechanisms  are  adequately  understood) .  Accepting  that  there 
often  existed  mechanisms  which  were  not  defined,  there  was  also  a  body  of 
opinion  which  suggested  that,  in  such  cases,  the  employment  of  a  simple  (e.g. 
panel)  method  was  often  the  most  appropriate,  if  only  because  in  a  project  wide 
sense  the  results  were  accorded  the  appropriate  margins  of  uncertainty.  All 
agreed  that  modern  requirements  and  the  guidance  performance  presently  available 
to  satisfy  them  laid  severe  demands  on  configurational  prediction  and  design. 
Full  envelope,  nonlinear,  dynamics  modelling  of  the  airframe  as  well  as  the 
systems  now  needed  to  be  carried  into  the  systems  integration  phase.  The  future 
now  demanded  closer-than-ever  collaboration  between  aerodynamicists  and  control 
engineers  and  as  such,  technical  meetings  of  this  nature  were  invaluable. 

The  second  central  theme  identified  in  discussion  was  perhaps  of  more  central 
interest  to  the  Flight  Mechanics  Panel.  Development  cycle  costs  are  currently 
rising  against  the  trends  of  more  accurate  predictions  and  more  rigorous 
testing.  The  costs  of  a  programme  interruption  due  to  inadequate  validation 
(ultimately  resulting  in  a  test  failure)  are  now  so  high  that  there  is  no  place 
for  complacency  in  success.  Valuable  data  is  often  discarded  as  surplus  to 
requirements  and  could,  if  properly  analysed,  hold  the  key  to  the  timely 
solution  of  a  future  problem.  This  aspect  was  considered  to  be  the  strongest, 
as  well  as  the  simplest,  means  of  reducing  test  times  and  unexpected  delays. 
Secondly,  sophisticated  analysis  tools,  such  as  parameter  estimation  and 
hardware  in  the  loop  testing  must  be  pursued  to  the  point  where  they  make 
economic  as  well  as  technical  sense. 

The  natural  tendency  to  compartmentalise  the  disciplines  required  to  produce  an 
advanced  weapons  system  drives  heavily  against  the  policy  of  integrated  design. 
"Smart"  weapons  require  the  abilities  of  their  seekers  to  be  preserved  (and 
their  limitations  respected)  in  their  onboard  environment.  These  demands  and  the 
constraints  imposed  by  the  parent  aircraft  must  be  integrated  into  the  proposed 
weapon  airframe  at  the  earliest  possible  stage  if  a  rational  development  is  to 
result. 

The  highly  sophisticated,  and  rapidly  developing  fields  of  image  processing  and 
target  recognition  remain  driving  technologies,  but  they  cannot  be  expected  to 
ease  the  problems  of  configurational  designers.  While  onboard  computing 
capability  will  undoubtedly  increase  dramatically  in  the  foreseeable  future, 
operational  requirements  will  demand  that  advantages  in  target  recognition  must 
be  complemented  by  advances  in  missile  agility  and  effectiveness.  Detailed 
dialogue,  commencing  at  the  earliest  possible  stage  was  again  seen  as  the  key 
to  successful  integration.  Attendees  from  the  flight  control  field  expressed 
their  satisfaction  with  a  new  appreciation  of  configurational  problems  as  a 
result  of  this  symposium. 


4.  SYMPOSIUM  ASSESSMENT 

This  symposium  was  conceived,  and  was  described  in  the  pilot  paper  as  "a  forum 
for  the  interchange  of  ideas  and  discussion  of  the  various  different  techniques 
currently  involved  with  the  various  aspects  of  missile  stability  and  control". 
It  was  clearly  accepted  at  the  outset  that  the  subject  matter  would  cover  a  wide 
selection  of  topics  and  discuss  their  interrelation  and  integration  within  the 
context  of  the  overall  design  problem.  In  the  first  keynote  address,  NIELSON 
traced  the  history  of  missile  aerodynamics,  and  accompanied  this  with  a  list  of 
key  topics,  meritorious  of  further  research  in  that  field.  BXSKUT,  the  second 
keynote  speaker  set  the  symposium  into  this  context  with  a  review  of  the  issues 
anticipate  to  be  central  to  the  discussions.  The  audience  proved  to  be  a  blend 


of  aerodynamic ists,  control  technologists  and  test  and  evaluation  engineers 
which  provided  the  variety  of  viewpoint  necessary  to  stimulate  good  discussion. 
As  a  Flight  Mechanics  Panel  initiative,  it  was  therefore  anticipated  that 
dialogue  between  these  disciplines  would  review  their  strengths  and  weaknesses 
in  addressing  the  overall  design  problem. 

Presentations  on  aerodynamics  proved  to  be  a  large  part  of  the  programme 
occupying  the  whole  of  the  first  day,  and  this  may  have  left  the  impression  of 
over-emphasis  on  this  area.  The  papers  of  Session  1,  and  the  wind  tunnel 
experiments  of  papers  16  to  18  gave  a  vary  thorough  overview  of  the  aerodynamics 
field  and  stressed  the  impact  of  rapidly  varying  dynamics  on  overall 
configurational  design  capabilities.  There  was  nonetheless  a  serious  omission 
in  that  the  field  of  carriage  and  release  of  externally  carried  store  remained 
unaddressed;  leaving  the  paper  by  SAWYER  et  al,  on  internal  carriage,  as  the 
only  paper  on  aerodynamic  store/airframe  integration.  While  accepting  that  many 
aerodynamic  aspects  required  to  be  covered,  the  reviewer  feels  that  the  basic 
needs  of  the  symposium  could  well  have  been  covered  by,  perhaps  two  or  three 
review  style  papers,  highlighting  the  implications  of  the  critical  aerodynamic 
aspects . 

The  areas  of  the  programme  encompassing  configurational  and  control  technologies 
spread  over  a  wide  range  of  issues  during  days  2  and  3.  Tne  interaction  between 
control  requirements  and  configurational  design  was  the  key  area  where  modern 
guidance  and  control  strategies  meet  the  real  world  of  operational  demands  and 
system  integration.  Most  papers  in  these  sections,  albeit  well  presented  and 
topical,  tended  to  concentrate  on  detailed  individual  technologies  and  did  not 
define  their  impact  on  the  overall  design  issues  and  mission  effectiveness,  only 
the  papers  by  RANDELL  and  GAZZINA  attempted  to  highlight  the  opportunities  and 
constraints  that  their  technologies  imbued  on  the  ultimate  capabilities  of  the 
overall  system. 

There  was  a  justifiably  strong  core  of  emphasis  on  the  use  of  direct  force 
control  which  must  now  be  recognised  as  an  established  option  in  high 
manoeuvrability  missiles,  particularly  in  regimes  of  lov  dynamic  pressure.  Among 
a  group  of  excellent  presentations  on  this  topic  only  one  refered  to  the 
integration  of  direct  and  aerodynamic  force  motivators.  Clearly  this  is  a 
promising  area  for  further  work.-  The  proper  integration  of  direct  thrust  and 
aerodynamic  control  is  clearly  a  fruitful  area  for  further  research,  offering 
considerable  returns. 

Regrettably,  these  sessions  left  the  fields  of  guidance  strategies  and  control 
law  implementation  virtually  unaddressed.  Fossibly  the  programme  committee  had 
been  cautious  in  this  area,  being  aware  of  the  near  concurrent  AGARD  GCP  meeting 
in  the  same  field. 

The  final  sessions  concentrated  on  test,  evaluation  and  projects  and  did  much 
to  redress  the  ovarall  balance  of  the  meeting.  In  particular,  papers  by  DOHERR 
et  al  (on  parameter  estimation) ,  STEVENS  (on  hardware-  in-loop  testing)  and 
DESLANDES  (on  store  separation  testing)  contributed  valuable,  practical 
experience  in  these  areas  of  vital  interest.  Additional  and  contrasting 
contributions  on  such  topics  would  have  complemented  the  value  of  the 
interchanges  in  these  areas,  which  well  characterise  the  complex  issues  facing 
system  and  store/  airframe  integration.  For  the  future,  detailed  joint  studies 
and/or  collaboration  could  be  expected  to  expedite  progress,  or  at  least  ease 
communication  channels  in  any  of  these  fields  particularly  in  support  of 
numerous  international  projects. 

The  two  project  orientated  papers  provided  good  examples  of  their  type,  largely 
because  they  contained  innovative  technological  aspects  and  showed  clearly  how 
these  had  been  progressed  and  controlled  within  the  overall  project  management.. 
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STORE  CARRIAGE,  INTEGRATION  AND  RELEASE 
A  B  Ha  1  nts 

Chairman,  Aerodynamics  Group  Committee 
Royal  Aeronautical  Society 
4  Hamilton  Place,  London  W1V  OBQ,  OK 


NUMMARY 

An  international  conference  on  ’Store  Carriage, 
Integration  and  Release'  organised  by  the  Royal 
Aeronautical  Society  was  held  at  Bath,  UK  on  April 
4-6  1990.  The  conference  was  attended  by  140 
delegates  from  11  different  countries.  All  the 
papers  presented  at  the  conference  can  be  obtained 
from  the  Conference  Department,  Royal  Aeronautical 
Society  but  the  present  paper  summarises  the 
highlights  of  the  conference  and  is  intended  to 
give  a  balanced  view  of  recent  developments  and 
prospects  for  the  future  in  both  design  and 
predict  ion. 

1  INTRQKKim 

An  international  conference  on  ‘Store  Carriage, 
Integration  and  Release',  organised  by  the  Royal 
Aeronautical  Society  was  held  in  Bath  cn  April  4-6 
1990.  The  conference  was  well  attended  with  140 
delegates  from  11  different  countries.  29  papers 
were  presented  by  speakers  from  8  countries.  A 
full  list  of  the  papers  is  given  at  the  end  of  this 
paper;  all  an  be  obtained  by  application  to  the 
Conference  Department  at  the  Royal  Aeronautical 
Society,,  4  Hamilton  Place,  London  W1V  OBQ. 

The  aim  of  the  present  paper  is  to  give  a  balanced 
view  of  recent  developments  and  future  prospects  in 
both  design  and  prediction,  based  on  the  papers 
from  the  conference.  The  sessions  of  the 
conference  can  be  listed  as  follows: 

1  General  reviews  of  the  present  and  future  scene 
as  seen  by 

Va)  an  'elder  statesman*  in  the  subject: 
Charles  Epstein*,  formerly  of  USAFL,  Eglin 
and  NATO  Headquarters,  Brussels  and  now 
Vice  President  of  Armcom  Inc, 

(b)  an  airframe  aerodynamic  designer:-  David 
Shaw*,.  Assistant  Chief  Aerodynamicist  - 
Fluid  Motion,  BAe  (Military  Aircraft), 
Warton.  and 

(c)  a  launcher  designer:-  Mr  D  Criffin^,  Chief 
Engineer,  Frazer  Nash  Defence  Systems  Ltd. 

2  'New'  design  concepts: 

(a)  Internal  carriage, 

(b)  Improved  launch  systems, 

(c)  Active  Control  during  launch 

3  Mathematical  modelling  for  predictions  of  store 
release. 

4  Development  and  application  of  exrer 1 mental  and 

eng  I  neering  1  eve  1_  _  srcdl  ctjon — flgJ&gte  for 

installed  drag,  carriage  loads,  effects  on 
aircraft  stability  and  store  release 
trajectories. 

5  TV  KAE  Tcrrado  ,  fH«ta_r*«jLKh  protrafflra  to 
provide  data  for  evaluation  of  prediction 
amthods:  wlrcrift  flow  ffelds,  store  carriage 
loads  and  release  trajectories.. 


to  problems  of  store 
carriage  and  release:  design  and  prediction. 


The  first  day  of  the  conference  was  therefore 
devoted  to  design  and  new  concepts  (Items  1  and  2 
above)  and  the  remainder  of  the  conference  to 
progress  in  developing,  applying  and  evaluating 
prediction  methods  (items  3-6  above). 

1 _ Pg^OLgaiCmiL  AIKCEATT/SIQPE  CARRIAGE 

Charles  Epstein*,  throughout  his  career  first  at 
USAFL  Eglin,  then  at  NATO  Headquarters  and  then  as 
Program  Manager  of  the  USAF  Low  Observables  Weapons 
Program,  has  emphasised  the  need  for  aircraft /store 
compatibility.  This  has  also  been  the  constant 
theme  of  AGARD  FDP  Working  Parties  and  conferences;- 
ideally,  aircraft  and  weapons  should  be  designed 
together  as  a  single  entity.  There  have  been  many 
reasons  why  progress  towards  this  ideal  has  been 
slow:  in  practice,  aircraft  have  to  carry  many 
different  stores  of  varying  shape  and  slze;:  many  of 
these  stores  have  been  stockpiled  for  many  years 
and  there  is  a  reluctance  to  abandon  them. 
However,  genuine  progress  has  been  made.  It  Is  no 
longer  the  norm,  as  it  was  10-20  years  ago,  to 
carry  all  the  stores  on  aerodynamical ly  dirty 
multiple  racks  or  carriers.  Standards  of 
aerodynamic  cleanliness  have  been  greatly  improved 
and  there  has  been  a  trend  towards  carrying  as  many 
of  the  stores  as  possible  under  the  fuselage  rather 
than  on  pylons  below  the  wing.  Shaw  in  his  review* 
listed  the  pros  and  cons  of  alternative  schemes 
He  noted  that  carrying  the  stores  on  pylons  below 
the  wings  not  only  generally  gave  the  highest 
installed  drag:  it  could  lead  to  a  loss  In 
longitudinal  stability  for  an  aircraft  with  a  low 
tail;;  It  could  cause  flutter  problems  and  it  could 
make  jettison  of  light  stores  difficult;  jettison 
loads  could  give  wing  response  problems  and 
asymmetric  carriage  could  lead  to  rolling  moment -g 
limits  on  pull-out.  However,  underfuselage 
carriage  on  pylons  is  not  necessarily  a  panacea: 
there  can  be  directional  stability  problems. 
Regard  simply  for  aerodynamics  can  lead  the 
engineer  to  favour  an  installation  in  which  the 
stores  are  semi -buried  in  the  bottom  of  the 
fuselage:-  lowest  drag,  negligible  effects  on 
stability,  smallest  installed  loads,  no  flutter  or 
aeroelastic  problems  and,  in  general,  satisfactory 
jettison  and  release  characteristics.  However,- 
installation  accessibility  with  such  a  sch*ne  can 
be  poor  and  the  cavities  cut  Into  the  aircraft 
fuselage  rarely  fit  more  than  one  type  of  weapon. 
One  must  conclude  that,  to  date,  the  best  all-round 
compromise  has  been  achieved  with  conformal 
carriage.  Generally,  this  implies  that  the  stores 
are  carried  in  tandem  and  are  fitted  snugly  below 
the  bottom  of  the  fuselage  and,  in  this  sense, 
conformal  carriage  has  been  practised  extensively 
on  aircraft  such  as  the  F-14,  F-1SE  and  Tornado. 
Indeed,  one  could  claim  that  the  store 

installations  on  the  F-15E  in  particular  exploit 
many  of  the  recommendations  put  forward  In  earlier 
AGARD  reports.  The  F-15E,  now  in  production.  Is 
able  to  carry  up  to  12  bombs  in  two  rows  of  3  on 
conformal  fuel  tanks  located  on  each  side  of  the 
a'rcraft  fuselage.  The  complete  arrangement,  le 
aircraft  +  fuel  tanks  -f  weapon  racks,  has  been 
designed  with  regard  to  Its  longitudinal 

distribution  of  cross-sectional  area  and,  as  a 
result,  the  performance  improvements  are  similar  to 
those  obtained  in  the  1970s  In  a  research  programme 
with  the  F-4B.  Epstein1  noted,  for  example,  that 
this  arrangement  on  the  F-lSE  had  given  more  than 
230  NM  increase  in  low-altitude  dash,  more  than  100 
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MM  radius  increase  at  supersonic  speeds ,  a  450  KM 
radius  Incraasa  while  carrying  thraa  2000  ib  bombs , 
and  an  Incraasa  of  ovar  1.5  hours  of  on-station 
time;  tha  installed  drag  of  tha  conformal  tanks  was 
about  50K  lass  than  that  of  two  pylon-mountad  tanks 
and  also,  the  conformal  tanks  hold  28*  more  fuel. 
Although  not  mentioned  at  the  Bath  conference,  one 
could  add  at  this  point  that  conformal  carriage  is 
not  necessarily  limited  to  installations  on  tha 
fuselage:  tha  F-16XL  la  an  example  of  where  it  is 
possible  to  mount  weapons  in  tandem  in  a  semi- 
conformal  arrangement  snugly  against  the  wing  lower 
surface  again  showing,  as  confirmed  by  flight 
tests,  very  low  values  of  installed  drag. 

Conformal  carriage  or  at  least,  an  approach  to 
conformal  carriage,  is  therefore  practised  on 
existing  aircraft  but,  looking  to  the  future,  there 
appears  to  be  a  trend  in  the  US  but  not  yet  in 
Europe,  towards  -  or,  should  one  say,  back  to  - 
Internal  carriage.  The  potential  advantages  are 
obvious  -  no  store  drag  and  a  low  radar  signature 
or  at  least  a  low  signature  on  the  way  to  the 
target.  In  passing,  one  must  wonder  about  the 
Implications  of  the  fact  that  when  the  aircraft 
reaches  the  target  area  -  the  most  difficult  part 
of  the  flight  -  the  bomb  bay  must  be  opened  to 
release  the  weapons  and  It  is  quite  possible  for 
the  radar  signature  to  increase  by  as  much  as  two 
orders  of  magnitude. 

Internal  carriage  has  been  chosen  as  the  primary 
method  of  store  carriage  on  the  USATF,  A-12  and 
B-2.  Internal  carriage  brings  its  own  aerodynamic 
problems.  Both  NASA  Langley5  and  AEDC  Tullahoma4 
have  been  studying  these  problems  in  major  long- 
running  research  programmes;  highlights  of  both 
programmes  were  presented  to  the  Bath  conference 
and  are  to  be  found  in  papers  4  and  5. 

Floyd  Wilcox5  of  NASA  Langley  discussed  the  effects 
of  cavity  geometry  on  the  flow  In  the  cavity.  The 
primary  factor  in  determining  the  type  of  flow  is 
the  length/depth  ratio,  L/h.  In  a  deep  cavity  with 
L/h  <  11,  the  external  flow  passes  over  the  cavity 
with  hardly  any  expansion  into  the  cavity:  this  is 
termed  ’open  cavity  flow'.  With  a  shallow  cavity, 
L/h  >  13,  on  the  other  hand,  the  flow  expands  into 
the  cavity,  impinges  on  and  attaches  to  the  cavity 
floor  (le  bomb  bay  roof)  and  then  exits  at  the 
rear;  this  ia  termed  ‘closed  cavity  flow’..  The 
corresponding  pressure  distribution  shows  a 
decrease  in  pressure  In  the  forward  region  where 
the  flow  is  expanding  into  the  cavity,  an  increase 
in  pressure  aa  the  flow  impinges  on  the  floor,  a 
pressure  plateau  as  the  flow  passes  along  the  floor 
and  then  a  further  increase  in  pressure  as  the  flow 
exits  ahead  of  the  rear  face.  In  the  transitional 
range,  11  <  L/h  <  13,  as  L/h  changes  from  13 
towards  11,  the  impingement  and  exit  shocks  first 
coalesce  to  form  a  single  shock:  transitional- 
closed  flow  and  then,  as  L/h  is  decreased  further, 
the  high  pressure  region  at  the  rear  vents  to  the 
low  pressure  region  at  the  front  and  the  flow  is 
then  turned  by  a  series  of  weak  expansion  and 
compression  waves:  transitional-open  flow. 

Clearly,  the  pressure  fields  associated  with  closed 
or  transitional-closed  flows  exert  more  severe 
interference  on  the  stores  when  they  are  ejected  or 
released  and  exanplee  are  included  by  Floyd  Wilcox 
showing  how  the  store  normal  force  and  pitching 
moment  can  vary  appreciably  with  distance  below  the 
cavity  when  the  flow  is  of  the  transit ional -closed 
type  but  where  there  is  hardly  any  variation  for 
open  cavity  flow; 

Closed  cavity  fjew,  ia  a  shallow  cavity,  la  however 
of  amjor  practical  interest:  if  one  has  to  incraasa 
tl* .  depth  of  the  cevity  to  avoid  these  adverse 
interference  effects,  this  is  equivalent  to  saying 
that  ope  is.  Increasing  the  voluaw  of  the  aircraft 
and  thus,  Increasing  its  drag.  Ths  i^xirtant 


feature  of  the  research  at  NASA  Langley  Is 
therefore  that  the  adverse  effects  can  be 
alleviated  significantly  by  allowing  air  to  bleed 
from  the  rear  to  tha  front  of  the  cavity  either 
through  a  chamber  below  a  porous  floor  or  through 
pipes  let  Into  the  floor.  Again,  from  volume 
considerat  ions ,  tha  second  of  these  schemes  is 
potentially  more  attractive  but,,  in  the  research  to 
date,  it  has  not  been  uniformly  successful  at  all 
Mach  numbers  In  the  test  range  up  to  M  -  2.65:  this 
may  merely  Indicate  that  further  research  Is  needed 
to  establish  the  design  rules  for  the  size  of  the 
pipes.  When  it  is  successful,  the  Improvements  In 
the  variation  of  both  store  pitching  moment  and 
yawing  moment  as  the  store  leaves  the  cavity  are 
dramatic. 

The  research4  at  AEDC.  which  has  concentrated  on 
the  aeroacoustic  characteristics  of  cavtty  flow, 
shows  however  that  even  open  cavity  flow  can  lead 
to  problems.  Typical  acoustic  spectra  for  a  deep 
cavity  show  that  both  the  model  and  broadband 
amplitudes  are  at  their  greatest  near  the 
downstream  wall  of  the  cavity  where  the  steady 
pressure  reaches  a  maximum.  Characteristic  tones 
are  clearly  visible  in  these  spectra  and  it  is 
disturbing  to  find  that,  even  in  this  example  with 
open  cavity  flow,  the  amplitude  of  these  tones  can 
be  as  high  as  170  dB.  As  noted!  by  Epstein,  'these 
high  acoustic  levels,  approximating  the  levels  of  a 
Jet  engine  exhaust  at  20  feet  or  a  booster  rocket,, 
csn  cause  serious  structural  problems  to  both  the 
aircraft  and  weapon  structure,  and  may  be 
cataatrophic  for  sensitive  store  avionics.'  A  main 
aim  of  tha  reaearch  at  AEDC  has  been  to  find  some 
means  of  alleviating  these  high  acoustic  levels. 
Some  success  has  attended  the  use  of  sawteeth  or 
flap  type  spoilers  mounted  at  or  near  the  leading 
edge  of  the  cavity.  Earlier  work50  by  Clark  of 
AFATL  had  shown  that  the  combination  of  a  leading 
edge  sawtooth  spoiler  and  a  rear  bulkhead  ramp  was 
the  most  effective  device  but  Dix  in  his  paper4  at 
the  Bath  conference  pointed  out  that  the  Internal 
ramp  requires  a  cavity  length  that  is  longer  than 
otherwise  required  and  Is  therefore  not  regarded 
with  favour  by  the  structural  designer.-  Results  in 
the  Beth  psper  show  that,  at  subsonic  speeds,  a 
sawtooth  spoiler  with  a  height  -  3  x  boundary  layer 
thickness  placed  at  the  front  of  the  cavity  on  its 
own  was  effective  in  reducing  both  the  tones  and 
the  overall  sound  pressure  level.  It  also  creates 
a  benign  flow  field  over  more  of  the  length  of  the 
cavity  and  also,  it  gives  a  favourable  nose-down 
pitching  moment  on  a  store  when  It  is  released. 
Unfortunately,  however,  these  spoilers  appear  to 
lose  their  effectiveness  at  supersonic  speeds.  The 
paper  also  shows  the  Interaction  between  spoiler 
effectiveness  and  different  types  of  cavity  door. 

The  test  programmes  at  both  NASA  Langley  and  AEDC 
have  created  a  very  large  data  bank  of  experimental 
data  which  is  now  available  for  correlation.  This 
exercise  should  help  to  Improve  prediction  methods:- 
at  present,  for  example,  one  can  make  a  tolerable 
attempt  at  predicting  modal  frequencies  but  there 
is  no  easily  applicable  method  for  predicting  modal 
amplitudes.  Doubts  persist  as  to  whether  the  dsts 
are  subject  to  scale  effect  (note:  scale,  not 
necessarily  to  b"  equated  to  Reynolds  number). 

Further  research  la  therefore  still  required  but 
Epstein  suggested  that  practical  questions  rather 
than  aerodynamics  may  ultimately  pose  the  more 
serious  problems  hindering  the  successful  use  of 
Internal  carriage.-  At  present,  there  appears  to  be 
little  activity  on  the  practical  Issues  to  match 
the  effort  on  aerodynamics.  To  quota  some  of  thesa 
practical  questions,  'how  are  the  stores  to  be 
mounted  in  the  cavity,  how  will  the  desired  store 
h*  '*1«cte<>  «t  *ny  time  for  release,  how  will  the 
bos*  racks  be  moved  around  to  allow  for  dlffsrsnt 
size  stores  to  be  carried  and,  if  more  than  one 
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layer  of  stores  Is  used,  how  will  the  upper  stores 
be  ejected  wihtout  hitting  the  lower  racks?' 

Whether  one  should  adopt  internal  carriage  on  a  new 
high  per forme nee  aircraft  depends  on  a  judgement 
regarding  acceptable  levels  of  aircraft  radar 
cross-section.  Again,  to  quote  Epstein,  'Internal 
carriage  is  not  necessarily  required  to  obtain  'Low 
Observable'  standards  even  with  exiating  weapons.' 
Designers  sre  however  considering  -  and  In  some 
cases  -  adopting  interna!  carriage  to  achieve  'Very 
Low  Observability*  but  even  here,  there  are 
tradeoffs  to  be  considered. 

2 _ BES.ifa..CQHCEPIS.L..UWQffR  SfiSICH 

There  Is  no  doubt  that  safe  separation  of  stores 
from  a  cavity  is  more  likely  to  occur  If  the  stores 
ere  ejected  with  a  high  end-of-stroke  velocity  and 
a  reasonable  nose-down  pitch  rate.  The  trend  to 
Internal  carriage  will  therefore  increase  the  need, 
already  present,  for  improved  launchers  giving  high 
end-of-stroke  velocities  coupled  with  low  peak 
accelerations  over  the  ram  stroke.  Several 
papers3 »®*7»®  at  the  conference  drew  attention  to 
the  typical  acceleration  versus  time  curves  of 
present  -day  launchers.-  Criffin3  noted  that  missile 
structural  strength  or  gyro  tolerance  generally  set 
the  limit  to  the  peak  allowable  acceleration  and 
the  aircraft  installation  is  often  the  primary 
factor  in  determining  the  length  of  the  ram  stroke. 
This  leaves  the  launcher  designer  with  the  task  of 
optimising  the  launcher  performance  to  give  a  ratio 
of  peak  to  mean  acceleration  as  close  as  possible 
to  1:1;  present-day  launchers  fall  well  short  of 
this  ideal. 

Several  papers3*®*®  discussed  how  to  improve 
launcher  designs  in  this  important  respect.- 
Long-term,  the  moat  significant  paper  may  prove  to 
be  that  given  by  Holder®  of  Attack  Weapons 
Department,  RAE  Farnborough.  This  described  the 
early  stages  of  a  research  programme  aimed  at 
exploring  the  posslbio  use  of  liquid  propellants. 
These  would  offer  a  number  of  important  advantages :• 
reduced  maintenance,  reduced  costs  and,  most 
significantly,  the  ability  to  change  the  rate  of 
flow  during  the  stroke  and  thus  to  modify  the  shape 
of  the  force,  le  acceleration  versus  time  curve. 
Research  to  date  has  concentrated  on  finding  e 
suitable  liquid  propellant  and  addressing  the 
crucial  issue  of  repeatability.  Factors  affecting 
performance  are  still  being  addressed  and  much 
remains  to  be  done.  Eventually,  it  is  hoped  to 
produce  a  ram  powered  by  a  liquid  propellant  and  to 
establish,  using  the  ignition  of  the  bulk  fluid, 
full  pressurisation  curves  for  thi  operation  of  the 
ram.  The  final  phase  will  be  to  try  to  perform 
open  and  closed  loop  control  of  the  liquid  supply 
to  vary  the  burning  rate  rith  ram  stroke  and  hence 
to  be  able  to  generate  a  particular  response  by 
altering  the  control  mechanism. 

This  work  with  liquid  propellants  is  being  watched 
with  interest  by  the  manufacturers  but  it  has  to  be 
viewed  as  a  long-term  development.  In  the 
meant  iar,  both  Frazer-Nash7  and  ML  Aviation® 
described  their  present  design  strategy.  Frazer- 
Nssh  highlighted  how  they  have  used  mathematical 
modelling  including  dynamic  simulations;  ML 
Aviation  presented  the  design  of  a  high-pressuro 
nitrogen-powered  eject  launcher  developed  In 
association  with  MBB  and  Matra:-  this  would  be 
suitable  to  meet  the  priorities  of  an  internal 
carriage  Installation  but  would  involve  significant 
penalties,  ag.lS*  In  weight  and  25%  In  volume 
compared  w<th  existing  launchers  wbicfc  are  thought 
to  be  mo  •#  than  adequate  for  aircraft  such  as 
Tornado.,  rW  or  ETA. 


Criffin3,  In  his  general  review  of  launcher  deaign 
philosophy,  pleaded  for  the  launcher  requirements 
to  be  considered  at  a  much  earlier  atage  in  the 
design  of  a  new  aircraft  or  a  new  weapon.  The 
essential  requirements  are  to  provide  full  control 
and  restraint  to  the  store  in  yaw,  pitch  and  roll 
throughout  the  ejector  stroke  but  too  often  in 
practice,  these  have  had  to  be  compromised  because 
the  launcher  designer  has  been  faced  with  a 
situation  in  which  both  the  aircraft  and  weapon 
designs  have  been  frozen  without  discussion  with 
the  launcher  designer.  Criffin  showed  a  picture  of 
his  idealised  ejectable  ml  sal  le/ launcher  interface:- 
still  designed  to  cope  with  rail  launch  in  addition 
to  store  ejection  as  this  is  seen  to  be  a 
continuing  requirement.  It  is  however  idealised  in 
the  sense  of  including  spigot  features  on  the 
missile  directly  under  both  ram  feet:-  such  spigots 
or  pegs  on  Sky-Flash  provide  *a  quantum  Improvement 
in  missile  alignment,-  load  capability  and 
constraint,-  during  ejection'.  Missile  Interface 
limitations  on  past  launchers/weapons  are 
considered  to  be  the  greatest  single  problem  facing 
eject  launcher  designers.  Complex  geometry  and,-  In 
particular,  excrescences  on  the  missile  such  as 
strakes  containing  the  RF  avionic  systems  have  been 
a  serious  embarrassment.  In  practice,  compromises 
will  always  be  necessary  and  so,  whatever 
recommendations  are  made  in  an  idealised  world, 
problems  In  release  will  be  encountered  in  the  real 
world  even  with  the  best  launcher  designs:  hence, 
the  importance  of  the  next  design  concept  -  the  use 
of  active  control,  le  an  autopilot  in  the  launch 
phase . 

« - PES.ICN  CONCEPTS :  ACTIVE  CONTROL  DURING  LAUNCH 

A  complete  session  of  the  Bath  conference  was 
devoted  to  the  concept  of  using  active  control  in 
the  launch  phase  -  a  valuable  concept  that  has 
already  proved  itself  In  p-ectfce,  eg  in  the 
certified  releases12  of  Skyfla.-h  from  Tornado,  but 
which  is,  of  course,  limited  to  releases  of  guided 
weapons;  it  is  of  no  use  for  an  nert  bomb. 

Deslandes?  of  MBB  presented  a  clear  example  of  the 
value  of  this  concept.  In  this  case,  without 
active  control,  high  weapon  roll  rates  were  induced 
by  the  aircraft  flowfleld,  accentuated  if  the 
aircraft  wes  manoeuvring  In  a  turn.  In  a  45'  turn 
at  M  -  0.8,  computer  predictions  suggested  that  the 
weapon  would  roll  so  fast  that  the  upper  rear  fin 
would  collide  with  the  launcher  at  the  start  of  the 
release  and  that  the  roil  motion  would  saturate  the 
missile  gyro;'  as  a  result,  when  full  guidance  was 
activated,  one  would  be  left  with  a  bank  error  of 
15  making  it  very  dubious  whether  the  missile 
would  perform  its  operational  task.  Indeed,  the 
predictions  suggested  thit  it  was  only  when  the 
aircraft  was  flying  straight  in  a  restricted 
Incidence  range  between  2"  and  6'  that  there  would 
bo  no  degradation  of  the  weapon  flight  control 
system.  Performance  therefore  fell  well  short  of 
the  customer's  requirements.  Activation  of  the 
full  guidance  mode  of  the  missile  during  the  launch 
phase  gave  only  a  marginal  Improvement  but 
development  of  a  special  software  package  with 
enhanced  roll  control  solved  the  problem.  This 
autopilot  was  activated  from  0.05  to  1.0  seconds 
after  hook-off  during  which  time  the  missile  moved 
forward  from  the  cartiage  position  to  a  location 
about  50  ft  ahead  of  the  aircraft.  The  software 
package  was  designed  to  accept  US'  roll  deflection 
authority  (rather  than  15')  applied  to  all  surfaces 
and  Ignored  all  pitch  and  yaw  commands..  The 
roll-rate  peak  rales  now  remained  below  the  gyro 
limitation  and  the  missile  ns  controlled  Into  the 
horizontal  hook-up  position  compensating  correctly 
for  the  45'  Initial  bank  angle  of  the  aircraft;’  a 
clear  separation  was  predicted.  These  computer 
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prediction*  were  subsequently  confirmed  in  flight 
trials.  The  customer  requirements  were  row  fully 
«*(<  Deslandes?  concluded  that  active  control  was 
an  attractive,  feasible  solution  in  cases  where, 
without  active  control,  flow  disturbances  are 
leading  to  an  unacceptable  limitation  of  the 
operating  envelope,  where  hardware  changes  sre 
difficult  or  impossible  to  implement  but  where 
software  changes  can  he  introduced  cheaply  and 
quickly  into  the  missile  guidance  system. 

The  required  type  of  autopilot  is  likely  to  vary 
according  to  the  mi ssil e/aircraft  combination.  In 
the  case  Just  described,  the  problem  lay  in  the 
missile  rolling  motion;  in  the  c«e‘®i^  of 
Skyflash  on  Tornado,  the  problem  arose  because,- 
under  certain  conditions,  the  missile  could 
experience  a  large  nose-up  pitching  moment  which, 
if  uncontrolled,  could  lead  to  a  collision  between 
the  missile  and  the  nose  of  the  aircraft  fuselage. 
Two  active  control  modes  In  pitch  were  developed, 
one  based  on  pitch  rate  and  the  other  on  pitch 
attitude.  For  this  particular  application,  pitch 
attitude  proved  to  be  the  better  choice;-  the  pitch 
rate  control  gave  excessive  nose-down  pitching 
moments  for  releases  under  benign  conditions 
whereas  pitch  attitude  gave  satisfactory  results, 
ie  safe  separations,  for  releases  under  both 
adverse  and  benign  conditions.  BAe,  in  two 
papers*****2  at  the  conference,  argued  convincingly 
that  the  certified  Skyflash  envelope  was  an 
'excellent  achievement  which  would  not  have  been 
possible  without  a  reliable  flight  control  system 
active  during  the  release*. 


Use  of  active  control  clearly  adds  to  the 
complexity  of  making  accurate  predictions  of  the 
release  characteristics  by  means  of  ground-based 
experiments.  Mrs  Ifood**  of  ARA  described  how  this 
challenge  had  been  met  successfully  with  the 
2-sting  rig  at  ARA.  With  an  1/11  scale  model,  it 
was  not  possible  to  move  the  missile  wings  during 
the  test  and  so  the  loads  due  to  the  action  of  the 
autopilot  had  to  be  estimated  by  a  simplified 
representation  of  the  control  system  and  then  fed 
into  the  TSR  computer  as  corrections  to  the 
measured  loads.  Further  corrections  to  these  loads 
were  needed  to  allow  for  the  missile  rocket  motor 
thrust  and  also  for  the  fact  that,  during  the 
release,  the  missile  Mach  number  was  greater  than 
the  aircraft  Mach  number  and,  as  a  result,  the 
missile  shock  patterns  in  a  test  conducted  at  the 
aircraft  Mach  number  are  incorrect.  In  addition, 
as  1*  normal  practice  with  the  TSR,  corrections  had 
to  be  eiade  to  allow  for  the  dynamic  incidence  and 
damping  derivative  terms..  For  practical  reasons, 
the  TSR  trajectories  were  cownenced  at  the  end  of 
ejector  stroke  (EOS)  and  the  EOS  conditions  were 
either  matched  to  flight  in  cases  where  the  firings 
had  already  taken  place,  or  to  conditions 
calculated  using  the  BAe  mathematical  model12  (see 
below  in  §5)  in  cases  where  the  flight  data  did  not 
yet  exist.  Despite  the  necessarily  indirect 
approach,  trustworthy  nre-fl iafit  predictions  of  the 
trajectories  were  achieved  but  as  with  any  ground- 
based  experimental  (or  theoretical)  prediction  to 
be  successful,  one  requires  an  adequate 
representation  of  the  missile  control  system, 
control  aerodynamics  and  the  performance  of  both 
the  rocket  motor  and  launcher. 


simulations  which  has  led  to  a  significant 
reduction  in  the  required  flight  test  programme*. 
The  model  was  comprehensive:  it  included  the 
missile  mass  characteristics,  the  rocket  motor 
thrust  profile,  the  launcher  performance,  the  free 
air  aerodynamic  data  for  the  missile,  s  model  of 
the  aerodynamic  interference  data  based  on  measured 
flow  fields  and  also  grid  loads  measured  with  the 
ARA  TSR  and  finally,  the  flight  control  system  as 
transfer  function  blocks  connecting  missile  wing 
deflection  outputs  to  missile  angular  body  rate/ 
attitude  Input.  The  model  was  used  to  define  the 
flight  test  programme,  in  general,  the  flight  test 
data  were  in  reasonable  agreement  with  the  model 
predictions  but  as  the  flight  test  programme 
continued,  modifications,  significant  but  never 
Urge,  were  introduced  into  the  mathematical  model 
to  improve  the  match.  For  convenience,  the 
modifications  were  mostly  made  to  the  aerodynamic 
pitching  moment  term  although,  in  fact,  it  is 
likely  that  the  wide  variability  in  launcher 
performance  (strongly  dependent  on  temperature)  was 
at  least  partly  responsible.- 

The  second  relevant  paper  In  the  context  of 
mathematical  modelling  was  that  given  by  Wolffelt*7 
and  his  colleagues  at  SAAB.  It  was  generally 
recognised  that  this  was  one  of  the  two  outstanding 
papers  at  the  conference  (the  other  being  the 
review2*  of  CFD  developments  by  Kraft  and  Belk,  see 
§8).  The  SAAB  approach  starts  from  the  thesis  that 
al  1  ground-based  experimental  techniques  and  al  1 
theoretical  methods  have  their  limitations  bu  all 
can  -  and  should  -  be  used  to  develop  and  validate 
the  mathematical  model..  Clearly,  all  TSR  and  drop 
tests  In  a  wind  tunnel  should  attempt  to  reproduce 
as  closely  as  possible  the  conditions  in  the 
relevant  flight  release  but  when  a  mathematical 
model  is  available,  the  tests  will  still  be  useful 
even  when  a  perfect  correspondence  with  the  flight 
conditions  is  not  possible.  The  model  can  be  used 
to  predict  the  release  In  the  tunnel  test;  if  good 
agreement  is  obtained,  this  helps  to  create  the 
confidence  that  the  model  can  be  used  to  predict 
the  flight  release.  Both  the  SAAB  and  BAe  models 
discussed  above  are  being  'based  on  wind  tunnel 
data'  but  there  is  a  subtle  change  of  emphasis. 
The  SAAB  approach  lays  considerable  stress  on  the 
value  of  wind  tun*  *1  drop  tests.  These  are  planned 
with  the  specific  aim  of  evaluating  and  refining 
the  mathematical  model.  As  noted  above,  they  do 
not  necessarily  simulate  any  particular  flight 
release.  Technically,  these  drop  tests  can  be 
complex  and  expensive  but  SAAB  are  convinced  that 
they  provide  the  beet  means  of  validating  the 
flow-field  representation  in  the  model  and  that 
then,  there  will  be  no  need  to  tune  the  model  to 
give  agreement  with  particular  flight  tests. 
Experience  has  confirmed  these  hopes  -  provided  one 
really  knows  the  initial  conditions  for  the 
release.-  Accurate  knowledge  of  the  end-of-stroke 
velocities  is  absolutely  vital.  Regarding  the 
expense  of  the  special  drop  tests,  Wolffelt*7  noted 
that,  for  the  clearance  of  releases  of  external 
fuel  tanks  from  the  JAS  39  aircraft,  the  reduction 
in  costs  of  the  flight  test  programme  already 
corresponds  almost  exactly  with  the  cost  of  the 
tunnel  tests  and  ultimately,  as  the  programme 
proceeds  with  the  deletion  of  further  flight  tests,, 
there  wilt  be  clear  profit. 


Two  papers  at  the  conference  highlighted  the  value 
of  a  mathematical  model  for  the  prediction  of  store 
release  trajectories.  First,  Akroyd*2  of  FAe 
(Military  Aircraft)  when  describing  the 
certification  exercise  for  the  Skyflash  on  Tornado 
concluded  that  'the  use  of  mathematical  models 
based  on  wind  tunnel  data  gives  accurate  trajectory 


The  SAAB  mathematical  model  is  comprehensive;  it 
includes  all  the  modules  mentioned  when  discussing 
the  BAe  model  and  also,  a  special  collision  control 
algorithm  since  experience  had  Ihown  that  without 
such  a  feature,  collisions  were  difficult  to 
detect .  The  input  data  for  the  model  were  blended 
and  selected  not  by  a  computer  but  by  an 
intelligent  engineer  directing  a  computer!  SAAB 
emphasise  that  it  is  important  to  obtain  a  complete 
picture  of  the  interference  effects  in  the  carriage 
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position  -  from  tests  on  rood* Is  with  a  faithful 
representation  of  the  full-scale  geometry.  An 
example  was  quoted  where  the  missile  control 
surface  efficiency  was  changed  dramatically  by 
these  interference  effects.  The  results  were  for 
the  Skyflash  missile  for  which  two  of  the  four 
wings  mounted  half  way  along  the  body  provide  the 
roll  control.  With  the  missile  in  isolation,  the 
direct  effect  of  these  controls  tends  to  be  offset 
by  the  effects_of  the  swirl  on  the  tail  fins  but  In 
and  near  the  carriage  position,  the  presence  of  the 
aircraft  pylon  tends  to  destroy  this  offsetting 
effect.  Differences  are  also  observed  between  port 
and  starboard  results  because  of  the  relative 
direction  of  the  aircraft -induced  si dewash  to  the 
wings  providing  the  control.  This  detailed  point 
was  not  mentioned  by  any  other  speaker  at  the 
meeting  and  is  a  good  example  of  the  careful 
thinking  underlying  the  development  of  the  model. 

The  value  of  a  mathematical  model  was  demonstrated 
by  an  example  where  the  release  trajectory 
predicted  using  the  model  appeared  to  be  completely 
safe  whereas,  in  a  CTS  test  using  the  ASA  TSR,  it 
was  very  different  and  clearly  a  hazardous  release.- 
Flight  tests  subsequently  showed  that  the  safe 
release  prediction  by  the  model  was  correct.'  The 
explanation  for  the  discrepancy  between  the  two 
predictions  lay  in  the  very  rapid  change  in  store 
pitching  moment  with  a  small  vertical  displacement 
of  the  store  from  the  carriage  position.  In  the 
TSR  test,  the  trajectory  had  to  start  from  a  point 
a  small  but  finite  distance  below  carriage; 
otherwise,  due  to  rig  vibration,  a  collision  would 
occur  As  noted  earlier,  the  mathematical  model 
can  be  used  -  and  was  used  -  to  predict  both  the 
tunnel  and  flight  trajectories  and  this  confirmed 
that  the  difference  between  them  was  due  to  the 
small  error  in  starting  condition.  One  could  of 
course  add  that  an  alternative  solution  to  this 
difficulty,  once  one  had  been  aware  of  the  pitching 
moment  data,  would  have  been  to  derive  some 
corrections  to  the  measured  loads  to  allow  for  the 
difference  in  starting  conditions,  and  then  feed 
these  into  the  trajectory  calculations  in  the  TSR 
computer,  in  the  manner  described  earlier  for  the 
corrections  in  the  CW  release  tests. 


As  a  final  point  about  the  SAAB  presentation.  It 
ended  with  an  Impressive  video  showing  how  the 
release  predictions  are  handled  at  a  graphics 
workstation.  A  program  described  as  a  'synthetic 
projector'  has  been  written  and  this  enables  the 
release  to  be  viewed  from  any  angle  and  for  the 
angle  of  view  to  be  varied  during  a  release  without 
disturbing  the  store  motion. 

$ — i^WEHENT  m  AFPM£ATIQH  OF  EHQ I  NEE*  INC- 

LEVEL  PREDICTION  METHODS 

As  would  be  expected,  the  conference  included  a 
number  of  papers  describing  further  refinements  in 
the  empirical  prediction  methods  and  application  of 
these  methods  in  new  situations  such  as  releases 
from  a  hovering  helicopter. 

DHlenius**  reviewed  progress  at  the  Nielsen 
organisation  with  NEAR  methods..  The  application  of 
these  methods  to  the  carriage  and  launch  of  Pegasus 
from  a  B-S2  Is  td  be  described  In  another  paper*1 
at  this  AGARD  meeting.  Genera!  experience  has 
shown  that  these  methods  can  be  a  reliable  guide  to 
release  Characteristics  particularly  if,  at 
supersonic  speeds,  Corrections  for  non-linear 
effects  are  included  when  determining  the  positions 
of  shock  waves  in  the  flow  fields.  Poorer 
agreement- would  be  expected  when  using  the  methods 
to  calculate  carriage  loads  becaust  of  the 
likelihood  of  more  severe  viscous  effects  and  so 
perhaps  the  most  encouraging  example  in  the  paper** 
by  DHlenius  Is  the  comparison  between  prediction 


and  experiment  for  the  variation  of  store  normal 
force  and  pitching  moment  with  vertical 
displacement  of  a  store  below  an  open  cavity.  Hie 
NEAR  methods  correctly  predicted  the  reversals  in 
normal  force  and  pitching  moment  which  occur  close 
to  the  cavity  in  contrast  to  the  smooth  monotonlc 
behaviour  for  a  store  below  a  closed  solid  body.. 

Isaacs??  described  recent  improvements  In  the 
RAENEAR  code  and  presented  many  comparisons  with 
experiment.  Recent  refinements  have  inproved  the 
agreement  and  reasonable  results  are  often  achieved 
in  supercritical  conditions  at  low  incidence. 
Isaacs  points  out  that  many  of  the  remaining 
discrepancies  are  due  to  strong  viscous  effects  in 
the  real  flow  and  hence,  similar  discrepancies 
would  be  expected  to  be  present  even  if  the 
predictions  were  made  by  the  more  expensive  panel 
or  Euler  methods.  Also,  the  RAENEAR  predictions 
would  be  expected  to  be  more  accurate  for  cases 
where  the  installations  had  been  designed?*  to 
eliminate  separations  In,  for  example,  the 
wing-pylon  junction. 

A  parallel  paper?*  by  Bailey  of  the  BAe  Sowerby 
Research  Centre  presented  results  from  a  recent 
study  In  which  the  semi -empiri cal  supersonic  NUFA 
(SNUFA)  method  was  used  to  predict  store  captive 
trajectory  loads  and  store  load  distributions. 
SNUFA  requires  the  input  of  a  flow  field  and,  in 
this  study,  the  flow  fields  were  obtained  either 
experimentally  or  with  the  use  of  either  the  BAe 
(Warton)  Mk  II  Supersonic  Panel  Program  or  two 
Euler  codes  developed  at  BAo  (FI  1  ton).  The  results 
showed  that  the  quality  of  the  SNUFA  predictions 
depended  critically  on  the  quality  of  the  flow 
fields  and.  In  this  respect,  both  the  panel  method 
and  the  Euler  codes  had  their  weaknesses.-  The 
panel  method  had  the  great  advantage  that  complex 
configurations  could  be  modelled  with  ease  but  the 
assumption  of  potential,-  linearised  theory  meant 
that  the  shock  waves  in  the  flow  field  were  not 
positioned  correctly  (ie  corrections  such  as  those 
introduced  into  the  NEAR  programs  were  needed). 
The  result*:  using  the  Euler  codes  were  encouraging 
but  showed  the  need  for  a  finer  grid;  It  is  hoped 
that,  in  the  future,-  It  will  be  possible  to  use  a 
full  multiblock  method  to  calculate  the  flow  field. 

Another  paper**  from  the  BAo  Sowerby  Research 
Centre  described  the  development  of  a  prediction 
method  for  modelling  store  releases  from  a  hovering 
helicopter.  This  was  achieved  by  coupling  together 
a  number  of  existing  codes  and  modifying  and 
improving  these  where  necessary.  Encouraging 
results  have  been  obtained  but  further  developments 
are  needed.  For  example,  the  program  currently 
calculates  time-averaged  Induced  velocities  rather 
than  instantaneous  Induced  velocities.  Modifying 
the  program  to  calculate  instantaneous  induced 
velocities  could  improve  trajectory  predictions  if, 
at  the  same  time,  some  control  of  blade  position  at 
store  release  were  also  incorporated.  This  would 
provide  a  means  of  controlling  the  interaction  of 
the  tip  vortex  with  the  store.  Another  limitation 
at  present  is  that  the  distorting  effect  of  the 
fuselage  on  the  rotor  wake  is  not  being  modelled. 

Finally,  in  this  brief  survey  of  empirical  methods, 
mention  should  be  made  of  the  paper**  by  Ross  of 
RAE  Bedford  describing  the  further  development  of 
the  RAE  method  for  predicting  installed  drag 
Recent  experimental  programmes  have  extended  the 
data  base  at  transonic  and  supersonic  speed*  and 
attempts  have  been  made  to  improve  the  accuracy  of 
the  prediction  method  In  the  difficult  Mach  number 
range  between  M  -  0.95  and  M  -  1.2.  The  paper 
highlighted  some  examples  of  where,  In  tbl*  range, 
any  empirical  method  will  inevitably  have  Its 
limitations  in  predicting  the  variation  of 
installed  drag  with  Mach  number.-  Unexpected 
variations  have  been  found,  particularly  for  very 
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thin  wings.  It  is  believed  that  these  results  art 
genuine  end  not  caused  by  tunnel  wall  interference 
but  almost  certainly,  a  CfD  approach  would  be 
needed  to  predict  them. 

7  THE  RAE  TORNADO  FL!CKLJt£SEARCH-i^CKa^ 

A  complete  afternoon  at  the  Bath  conference  was 
devoted  to  the  presentation  and  discussion  of  a 
wide-ranging  UK  research  programme  in  which 
measurements  are  being  made  In  flight  of  store 
carriage  loads,  store  release  trajectories  and  the 
flow  fields  through  which  the  stores  pass 
loaoediately  after  release.  The  aim  is  to  provide 
high  quality  flight  data  that  can  be  used  for  the 
evaluation  of  all  available  ground-based  prediction 
methods,  both  experimental  and  theoretical.  Two 
papers1^*2®  from  RAE  described 

(!)  the  aircraft  being  used  for  the  tests  -  a 
Tornado, 

(II)  the  specially  instrumented  stores  -  inert 
BL755s,  equipped  with  Internal  5-component 
strain  gauged  balances,  and  mounted  on  the 
shoulder  underfuselage  pylons, 

(111)  the  special  instrumentation  developed  for 
the  tests  such  as  the  rigs  for  the  flow- 
survey  rakes, 

(Iv)  the  test  programmes  and  how  the  data  are 
being  recorded  and  reduced 

Results  from  this  important  programme  are  only  just 
becoming  available;'  the  analysis  of  the  data  has 
only  just  started.  Staff  at  six  different  sites  in 
the  UK  are  cooperating  In  the  analysis  and  in  the 
comparison  of  the  data  with  the  prediction  methods. 
The  workshop-style  unscripted  discussion  at  the 
conference  provided  a  snapshot  of  this  activity  at 
this  point  in  time.  Suggestions  and  comments  in 
the  discussion  will  help  in  the  planning  of  further 
tests  when  flying  resumes  later  in  1990.  To  date, 
carriage  loads  have  been  measured  for  4,  3,  2  and 
1 -store  arrangements  on  the  shoulder  underfuselage 
pylons  and  store  releases  have  been  photographed 
For  4,  2  and  1-bomb  conflgurat  ions  with  all 

releases  being  from  the  rear  port  station.  It  is 
clear  that  this  programme  will  provide  plenty  of 
data  for  future  ACARD  conferences. 

8  OF  CEP  IP.  STORE.  CAE&1ASE 

AND  release 

There  has  been  considerable  progress  in  the  last 
few  years  in  the  development  and  application  of  CFD 
to  problems  of  store  carriage  and  release.  At  the 
very  least,  CFD  can  now  be  used  as  a  guide  to  good 
design  but  in  an  exciting  review  paper2*  by  Kraft 
of  AEDC/Calspan  and  Belk  of  AFATL  Eg! in,  much 
stronger  claims  are  made.  To  quote:  ’Dramatic 
advances  have  been  made  in  various  CFD  methods  that 
now  permit  good  engineering  simulation  of  the 
carriage  and  release  of  weapons  from  advanced 
aircraft  configurations.  The  introduction  of  CFD 
into  the  weapons  Integration  process  ...  portends  a 
significant  change  in  the  manner  in  which  stores 
are  integrated  with  airframes  ...  weapon 
integration  can  now  be  examined  before  the  design 
Is  frozen.  Modifications  to  the  location  and 
orientation  of  hard  points  for  weapon  attachment 
can  be  evaluated  ...  For  existing  aircraft,  the 
use  of  CFD  techniques  presents  a  significant 
opportunity  to  reduce  the  time  needed  to  certify 
stores  for  safe  separation  ....  Release  effects 
can  be  determined  within  a  few  weeks  using 
computational  methods.* 

these  are  strong  claims.  How  has  the  progress  been 
made?  The  paper24  By  Kraft  and  Belk  suggests  that 
the  vital  contributory  factors  are: 


(1)  Ad,v»nc»a.,Jn  grid  ggutrtiign  Tv... cgap.lt x 
JmmtgUng  ggflatirlts 

Two  primary  techniques  are  being  used.  First,-  the 
EAGLE  code:  a  multiblock  approach;:  this  is  a 
general,  three-dimensional  elliptic  grid  generation 
code  developed  by  Thompson32  with  recent  extensions 
by  Kim33  and  Tu^4  who  have  demonstrated  solution 
adaptive  grid  generation  on  blocked  grids.  This 
code  was  developed  originally  under  USAF  funding 
but  Is  now  widely  available  in  the  US.  Second,-  the 
CHIMERA  approach  by  which  one  mesh  may  be  embedded 
entirely  or  partially  within  another  and  which 
allows  each  subdomain  to  be  meshed  Independently 
with  no  requirement  for  continuity  of  grid  lines 
from  one  grid  to  another.  Communication  between 
grids  is  established  solely  through  grid 
boundaries. 

Examples  of  the  use  of  both  techniques  are  included 
In  the  Kraft  and  Belk  paper24.  The  CHIMERA 
approach  is  particularly  suitable  for  external 
store  problems.  The  sub-grid  around  the  store, 
once  optimised,  can  be  placed  in  any  relative 
position  in  the  aircraft  flow  field  and  NASA  Ames 
have  now  produced  a  program2^  known  as  X'MtfHON  jn 
which  CHIMERA  grids  move  relatively  to  each  other 
in  order  to  calculate  transient  flow  fields  around 
bodies  in  relative  motion.  Meakln2^,  in  another 
paper  at  the  Bath  conference,  described  the 
application  of  the  x-WOTlON  program  to  the 
prediction  of  the  transient  flow  around  the  space 
shuttle  vehicle  both  in  Its  ascent  from  subsonic  to 
transonic  conditions  and  during  the  release  of  the 
space  rocket  boosters. 

(2)  Adytiic.es.  _  to  fl9tt.ag.Wgr.  nU at i %bm 

Codes  are  available  based  on  the  solution  of  both 
the  Euler  and  the  Reynolds -averaged  Navler-Stokes 
equations..  The  derivation  and  refinement  of  upwind 
algorithms  has  greatly  Improved  the  resolution  of 
shock  waves  in  the  flow  fields.  Also,  in  the 
context  of  store  separation  problems,  Kraft  and 
Belk  place  particular  emphasis  on  the  value  of 
implicit  methods.-  In  general.  In  the  past,  the 
preference  has  been  for  explicit  methods  on  the 
grounds  of  simplicity,  low  cost  per  time  step  and 
smaller  requirements  for  computer  memory.  However, 
the  timescales  Involved  In  store  separation  are 
very  large  compared  with  the  time  step  required  for 
a  stable  solution  from  an  explicit  method:* 
typically,  10*  time  steps  required  to  drop  a  store 
a  few  u’^meters.  Implicit  time-accurate  viscous 
calculations  have  however  been  demonstrated  with 
Courant  numbers  as  high  as  104  rather  than  0(1) 
and,  as  a  result,  simulation  of  a  store  drop  can  be 
done  in  hundreds  rather  than  millions  of  time 
steps.  The  change  to  implicit  methods  has 
therefore  been  a  most  important  factor  In  reducing 
computing  costs  for  store  release  calculations. 

(3)  Vgg  tnccgjPdiuLi^ghnlflM^g.  fgr. 

gfftftgttgn.gf  ngre .reltaM 

Methodologies  have  been  developed  at  AEDC  whereby, 
instead  of  having  to  undertake  CFD  calculations  of 
the  absolute  flow  fields  and  store  loads,  one 
merely  uses  CFD  to  calculate  the  incremental 
effects  on  the  f 1 >w  field  and  store  loads  having 
already  determined  the  basic  aircraft  flow  field  by 
either  a  wind  tunnel  test  or  a  CFD  calculation. 
These  increments  are  then  introduced  Into  a 
trajectory'  generation  program  developed  as  an 
extension  of  the  Influence  Function  Method  (IFM), 
described  in  papers  at  earl  lor  conferences. 
Somewhat  surprisingly.  It  is  claimed  that  when  an 
IFM  free-streata  prediction  with  its  associated 
linearisation  error  is  subtracted  from  an  IFM 
interference  flow  prediction  atso  including 
linearisation  errors,  the  resulting  delta 
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coefficients  are  clot*  to  the  true  values  that 
would  be  observed  In  an  experiment.  Also,  by  using 
delta  coefficients  In  the  trajectory  prediction 
code,  one  only  needs  a  CFD  calculation  with  the 
store  In  the  carriage  position  as  opposed  to  a 
series  of  calculations  with  the  store  at  many 
different  points  in  its  trajectory.  With  these 
simplifications,  the  calculations  for  predicting 
store  release  become  cost-effective  on  present-day 
computers  as  an  engineering  tool. 

(*)  ExuMlxg..fM»rJaanul  pmrgtre  fpr 
CfP.mJLii.it  Ian 

Finally  and  significantly,  AEDC  in  recent  years, 
has  undertaken  major  experimental  programmes 
planned  with  the  specific  aim  of  providing  data 
that  can  be  used  for  the  evaluation  of  the  new  CFD 
methods. 

The  paper^*  by  Kraft  and  Be lk  contained  various 
examples  demonstrating  the  capability  of  the  CFD 
methods.  These  included: 

(a)  Mach  number  contours  In  the  flow  field  around  a 
wing-pylon-weapon  configuration.  These  were 
obtained  from  Reynolds-averaged  Navler-Stokes 
calculations  and  the  results  show  the  detail  of 
the  flow,  eg  in  the  boundary  layer  and  In  the 
wake  behind  the  pylon. 

(b)  Pictures  of  the  streamlines  close  to  the 
undersurface  of  a  3-body  configuration  showing 
good  agreement  between  the  results  of  Navier- 
Stokes  calculations  and  the  evidence  from  oil 
flow  tests(< 

(c)  Pressures  at  a  point  on  the  side  of  a  shoulder 
body  in  a  3-body  configuration,  each  body 
fitted  with  low  aspect  ratio  cruciform  fins  at 
the  rear.  Euler  multiblock  calculations  were 
successful  in  forecasting  the  main  trends  with 
Mach  number  in  the  experimental  results  in  the 
transonic  range  (M  -  0.80  to  M  -  1.20), 

(d)  Finally,  a  comparison  between  prediction  and 
experiment  of  the  release  trajectory  of  a 
weapon  released  from  a  pylon  on  the  outboard 
side  of  one  of  the  conformal  fuel  tanks  on  the 
F-15E.  These  predicted  results  were  obtained 
entirely  by  CFD  without  making  the 
simpl lficat Ions  described  above.  The  flow 
field  around  the  complete  aircraft  +  conformal 
fuel  tanks  +  pylons  +  stores  was  calculated  and 
the  predicted  trajectory  showed  good  agreement 
with  experiment.  This  was  a  far  from  trivial 
case:  on  release,  the  weapon  initially  hung  up 
close  to  the  carriage  position  but  yawed 
notably:  these  features  in  the  experimental 
results  were  faithfully  reproduced  by  the 
calculations:-  an  Impressive  result. 

Despite  this  success,  Kraft  and  Belk  conclude^ 
that  'even  with  these  advances  in  CFD  techniques, 
aerodynamic  predictions  of  a  quality  sufficient  to 
enable  accurate  trajectory  predictions  are  beyond 
the  capabilities  of  current  methods  In  a  totally 
robust  manner.'  Nevertheless,  they  'can  be  used 
confidently  in  a  preliminary  design  stage  to  assess 
the  influence  of  the  airframe  design  on  the  quality 
of  store  separation.'  The  paper  ends  with  a 
summary  of  the  on-going  CFD  development  tasks  being 
undertaken  at  AEDC  and  AFATL. 

The  paper  from  AEOC/AFATL  has  been  summarised  In 
some  detail  because  it  clearly  gives  a  good  idea  of 
what  Is  being  achieved  at  the  frontiers  of 
progress.  It  can  be  regarded  as  a  guide  to  what  Is 
going  to  be  possible  more  generally  In  the  future 
but  three  other  papers  are  worth  mentioning  as 
illustrations  of  what  can  be  achieved  today: 


(i)  Stanniiand  of  ARA  showed^  how  the  ARA 
Mult iblock/BAe  Euler  CFO  method  has  been 
used  successfully  to  design  improved 
underwing  pylon  installations. 

< i  I )  Clarkson  of  BAe  (MA),-  Brough,  presented^ 
examples  of  where  the  BAe  panel  trajectory 
program,  TSPARV,  has  been  used 
successfully  to  predict  release 
trajectories  for  complex  cases.  For 
example,  the  method  is  capable  of 
modelling  the  complex  store  interaction 
effects  In  a  ripple  release  and  hence,  in 
determining  release  sequencing/ intervals 
for  satisfactory  release  It  is 

noteworthy  that  a  run  with  TSPARV  only 
costs  £500  -  far  cheaper  than  the  more 
advanced  CFD  methods  or  a  flight  test 
programme . 

(lit)  Finally,  Carrol!  Dougherty,  who  introduced 
the  CHIMERA  grid  concept  to  an  ACARD 
audience  in  Athens  in  1983,  presented^ 
further  examples  of  its  use.  The 
calculations  are  effective  in  showing  the 
physics  of  the  unsteady  flow  around  a 
store  in  the  release  trom  a  simple  wing. 

9  CONCLUDING  REMARKS 

To  sum  up,  the  highlights  of  the  conference  can  be 

listed  as  fol lows’ 

1  Progress  In  solvln  the  aerodynamic  problems  of 
Internal  carriage 

2  Long-term  prospects  foi  launchers  giving  rnean- 
to-peak  acceleration  ratios  closer  to  unity, 

3  The  success  of  applications  of  active  control 
durfng  release, 

4  The  value  of  mathematical  modelling  for 
predictions  of  store  release, 

5  Steady  progress  in  refining  empirical  methods 
of  prediction  and  in  the  application  of  these 
methods  to  new  problems,- 

6  A  major  flight  research  programme,. 

7  Dramatic  progress  in  CFD  developments  for  at 
least  3  US  establishments. 
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SUMMARY 

Surface  pressure  measurements  on  a 
cylindrical  body  with  a  tangent-ogive 
nose  are  described.  The  Mach  number 
range  is  0.7  to  4.5  with  incidence  angles 
up  to  26*.  The  high  density  of  the 
measurements  has  allowed  surface  pressure 
contours  to  be  constructed  and  detailed 
flow  features  can  be  observed.  The 
measurements  have  suggested  the  use  of  a 
2-element  approximation  to  represent  the 
line  along  which  flow  separation  occurs. 
Calculations  have  been  made  using  a 
space-marching  Euler  code  (ZEUSB)  both 
with  and  without  forcing  flow  separation. 
Comparisons  with  experimental  data  are 
presented  which  show  that  forcing  flow 
separation  significantly  Improves  both 
the  surface  pressure  ana  force  predic¬ 
tions.  Conclusions  are  drawn  regarding 
the  use  of  a  2-element  separation  line 
represenation  within  Euler  codes. 

LIST  OF  SYMBOLS 

Ci  total  rolling  moment  coefficient 

Cn  total  normal  force  coefficient 

Cnp  control  panel  normal  force  coef- 

'*  ficient  (ie  normal  to  panel 

surface) 

Cp  pressure  coefficient,  ie  (p-p»)/q 

Cpmin  minimum  value  of  Cp  (see  Fig  7) 

cPvac  pressure  coefficient  when  p  »  0 

D  maximum  body  diameter  (1  calibre) 

M  freestream  Mach  number 

p  surface  pressure 

p_  freestream  static  pressure 

q“  dynamic  pressure 

Re  freestream  Reynolds  number 

X  distance  from  nose  along  body 

axis 

Xa  distance  from  nose  to  upstream 

row  of  pressure  taps 

Xb  distance  from  nose  to  downstream 

row  of  pressure  taps 
xcp  value  of  X  for  ^longitudinal 

centre  of  pressure  position 
Xn  length  of  cylindrical  extension 

piece 

9  total  angle  of  incidence 

(degrees) 

X  body  roll  angle 

4>  angular  position  on  body  surface 

relative  to  windward  generator 
(positive  anticlockwise) 

«m  value  of  $  at  Cp^ 

<tmc  value  of  for  an  Infinite 
Cylinder 


1  INTRODUCTION 

Traditionally,  the  aerodynamic  loads  on  a 
missile  shape  have  been  obtained  from 


wind-tunnel  tests  and  semi-empirical  pre¬ 
diction  methods.  The  combination  of 
falling  computer  costs  and  the  inability 
of  semi-empirical  methods  to  handle  some 
new  configurations  has  led  to 
Computational  Fluid  Dynamic  (CFD)  methods 
being  applied  to  missiles.  For  conven¬ 
tional  shapes  CFD  methods  are  more  expen¬ 
sive  to  run  than  semi-empirical  methods 
but  they  can  provide  more  accurate  predic¬ 
tions  and  additionally  supply  flowfield 
Information. 

The  Royal  Aerospace  Establishment  (RAE) 
has  conducted  a  series  of  tests  to  produce 
a  data-base  of  experimental  forces  and 
moments  on  a  variety  of  body,  body-wing, 
8nd  body-control  configurations  at  i'ach 
numbers  from  2.5  to  4.5  (Ref  1)  in  order 
to  support  enhancements  of  semi-empirical 
methods.  These  data  have  also  been  used 
to  carry  out  a  limited  assessment  of  CFD 
methods,  but  measurements  of  surface 
pressures  and/or  flowfield  data  are 
required  for  more  thorough  validation  of 
such  methods . 

A  short  experiment  has  shown  that  reliable 
pressure  measurements  can  be  obtained  at 
high  Mach  number  using  existing  models  and 
equipment  (Ref  2).  Consequently  a  longer 
and  more  comprehensive  series  of  tests  has 
been  planned.  Fig  1  Illustrates  the  three 
phases  of  pressure  measurements  currently 
being  performed  at  Mach  numbers  from  0.7 
to  4.5.  The  models  have  a  very  high  den¬ 
sity  of  pressure  taps,  the  limit  being  set 
by  space  within  the  various  model  com¬ 
ponents  rather  than  by  the  number  of 
pressures  that  can  be  connected  to  the 
pressure  switches  at  any  one  time.  All 
new  model  components  are  compatible  with 
model  parts  used  in  the  data-base  tests, 
thereby  allowing  for  possible  future 
extensions  to  the  planned  programme. 

In  addition,  surveys  of  the  external  flow 
using  pitot  and  yawmeter  probes  are  under 
way,  initially  on  the  plain  cylindrical 
body.  It  is  hoped  that  such  studies  will 
be  continued  for  some  of  the  body/wing/ 
control  combinations. 

Most  current  CFD  methods  applied  to  miss¬ 
iles  are  based  on  the  Euler  equations. 
Unfortunately  the  Euler  solution  for  the 
flow  on  the  leeside  cf  a  missile  body  at 
incidences  higher  than  about  6*  is  not 
realistic,  with  flow  separation  and  the 
resulting  body  vortices  not  being 
correctly  modelled.  Navier-Stokes  methods 
with  appropriate  turbulence  models  will 
provide  realistic  predictions  but  with  a 
heavy  cost  in  computing  resources  on 
current  machines,  until  there  are  further 
major  Increases  in  computer  speed  and 
memory,  Euler  methods  which  incorporate  an 
empirical  separation  model  could  be  more 
attractive. 
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This  paper  gives  a  general  description  of 
the  experimental  work  for  measuring  the 
surface  pressures,  presents  some  of  the 
data,  and  describes  the  progress  being 
made  at  RAE  towards  the  development  of 
empirical  formulae  for  cross-flow  separ¬ 
ation  locations  on  missile-type  bodies. 
These  formulae  are  intended  for  use  in 
conjunction  with  a  separation  model  incor¬ 
porated  within  an  Euler  code,  initial 
comparisons  between  prediction  and 
measurement  have  allowed  several  conclu¬ 
sions  to  be  drawn  relating  to  the  extent 
and  shape  of  imposed  flow  separation 
lines,  and  have  shown  the  improvements  in 
predictions  which  can  be  obtained  by 
forcing  flow  separation. 

2 _ EXPERIMENTAL  PRESSURE  MBASURBMEMTS 

2.1  Model,  test  equipment,  and  wind 

tunne^ 

The  surface  pressures  on  the  cylindrical 
body  were  measured  using  two  rings  of 
pressure  taps  located  at  different  axial 
stations  along  an  ft-calibre  long  body 
(Fig  2).  A  3-calibre  power-law  sharp  nose 
(virtually  identical  with  the  profile  of  a 
tangent  ogive)  was  fitted  to  the  body  by 
means  of  various  length  extension  pieces. 
This  had  the  effect  of  repositioning  the 
measurement  stations  relative  to  the  nose 
apex  within  the  range  3.5  £  X/D  £  14.5  in 
1-callbre  steps.  Each  pressure-tap  ring 
consisted  of  80  taps,  individually  spaced 
4.5*  apart  in  roll.  43  consecutive  taps 
of  each  ring  (aligned  with  one  another 
along  common  body  generators)  ware  con¬ 
nected  to  the  ports  of  two  commercially 
available  48-way  pressure  scanning 
switches  mounted  within  the  model. 

The  surface  pressures  over  the  nose  pro¬ 
file  were  measured  using  a  physically  dif¬ 
ferent  nose  built  to  the  same  geometry, 
having  pressure  tap  rings  every  0.2  of  a 
calibre  within  the  range  0.2  £  X/D  £  4 
from  the  nose  apex,  and  at  relative  orien¬ 
tations  of  45* .  As  for  the  body,  the  cir¬ 
cumferential  angle  between  recorded 
pressures  was  every  4.5',  in  this  case 
being  achieved  by  rolling  the  model. 

For  both  of  these  tests  carborundum  grit 
was  applied  to  the  nose  at  0.27  £  x/d 
£  0.35  in  order  to  promote  boundary-layer 
transition. 

The  BAB  3ft  X  4ft  (0.914m  x  1.219m) 
continuously-running  wind  tunnel  was  used 
for  tests  at  freestream  Mach  numbers  of 
2.5,  3,  3.5,  4  and  4.5.  Most  of  these 
tests  ware  performed  at  a  constant  Reynolds 
number  of  13.1  x  l06/m  (4  x  i0*/ft),  and 

at  nominal  model  incidences  from  -2' 
to  18*,  in  steps  of  2*.  Additional  data 
were  recorded  for  some  conditions  at  nomi¬ 
nal  model  incidences  up  to  28*,  though  19* 
was  taken  to  be  the  maximum  incidence  in 
most  cases.  At  Mach  numbers  of  3  and  4.5 
some  data  were  taken  at  freestream 
Reynolds  numbers  of  6.6  x  l06/m  and 

19.7  X  i0®/m  (2  X  lo6/ft  and  6  X  io6/ft), 
both  with  and  without  the  boundary-layer 
trip  applied. 

The  tests  at  Mach  numbers  of  0.7,  1.45  and 
1.8  were  performed  in  the  rae  8ft  x  8ft, 
(2.438m  x  2.438m)  continuously-running 
wind  tunnel  at  a  freestream  Reynolds 


number  of  6.6  x  io6/m  and  nominal  model 
Incidences  from  -2*  to  22*,  in  steps  of 
2*. 

2.2  Accuracy  of  the  results 

A  discussion  of  the  problems  associated 
with  the  measurement  of  the  very  low  sur¬ 
face  pressures  encountered  at  high  Mach 
number  is  presented  in  Ref  2.  it  is  worth 
noting  that  the  pressure  levels  that 
require  to  be  measured  can  be  as  low  as 

1.7  mbar  (0.05  inches  of  mercury  absolute), 
for  a  freestream  Reynolds  number  of 

of  6.6  x  io6/m  at  Mach  4.5.; 

Fig  3  shows  a  comparison  between  values  of 
Cp  measured  for  the  three  freestream 
Reynolds  numbers  of  6.6,  13.1  and 

19.7  x  l0°/m  at  Mach  4.5,  X/d  »  4.5  and  a 
nominal  model  incidence  of  19*.  After  the 
preliminary  tests  described  in  Ref  2, 
doubts  had  been  voiced  about  whether  the 
lowest  pressures  recorded  were  genuine,  or 
just  the  lowest  that  the  equipment  could 
handle.  It  is  clear  from  the  close  riml- 
larity  of  the  curves  in  Fig  3  that  at  the 
lowest  Reynolds  number  (and  in  particular 
at  the  lowest  pressure) ,  the  results  are 
consistent  with  those  at  the  other  two 
Reynolds  numbers. 

Thus  at  the  usual  test  Reynolds  number  of 
13.1  x  106/m  no  equipment  limit  appears  to 
have  been  reached. 

2 . 3  Flow  symmetry 

With  only  43  of  the  80  pressure  taps  of 
each  body  ring  connected  to  the  pressure 
switches,  a  complete  360*  roll  coverage  of 
the  surface  pressures  around  the  body 
requires  data  to  be  taken  at  two  model 
roll  angles  180*  apart.  This  would  not  be 
necessary  if  flow  symmetry  across  the 
incidence  plane  could  be  assumed,  with 
substantial  savings  in  both  wind-tunnel 
running  time  and  costs.  During  the 
earlier  tests  (Ref  2)  some  data  were 
recorded  at  model  roll  angles  of  -90*,  0* 
and  90*,  for  X/D  -  5.5,  a  model  incidence 
of  19*,  and  at  Mach  numbers  of  2.5,  3.5 
and  4.5.  The  results  are  shown  in  Fig  4., 
No  obvious  asymmetry  is  apparent,  the 
small  differences  that  appear  between  the 
port  and  starboard  pressures  are  either 
within  the  resolution  of  the  test,  or  can 
be  explained  by  a  small  error  in  the 
setting  of  the  body  zero  roll  angle,  it 
was  therefore  decided  not  to  roll  the  body 
during  the  present  tests,  and  assume  flow 
symmetry.  Likewise,  flow  symmetry  was 
assumed  during  the  tests  to  measure  the 
nose  pressures. 

2.4  Experimental  data  comparisons  at 
Mach  | 

Fig  5  shows  comparisons  between  the 
results  of  the  present  test  and  those  of 
Ref  3  around  bodies  having  virtually  the 
same  geometry,  a  common  Mach  number  of  3, 
model  incidences  of  8*,  12*  and  16*,  and 
X/D  values  of  4.5  and  6.5.  In  general  the 
agreement  is  fairly  reasonable.  However, 
the  occasionally  complex  shape  of  the 
curves  as  revealed  by  the  present  data  can 
not  be  appreciated  from  the  sparseness  of 
the  data  from  Ref  3.  use  of  these  data 
alone  would  increase  the  chances  of 
fortuitous  agreement  with  theoretical 
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prediction* ,  and  the  correct  modelling  of 
all  the  eurface  flow  feature*  could  not  be 
verified.  This  highlight*  the  danger  of 
using  sparse  experimental  data  to  validate 
a  theoretical  method. 

2.S  Sample  contour  plot*  of  Cp  at 
HjjH  SI  ana  4.5 

Pig  6  shows  contour  plot*  of  CB  covering 
the  X/D  rang*  from  0.2  to  14.5  for  half  of 
the  body  surface  (circumferential  angles 
from  windward  to  leeward),  at  incidences 
of  12*  and  16*  at  Mach  2.5,  and  12*  at 
Mach  4*5. 

For  Mach  2.S  and  12*  of  incidence,  rom 
windward  at  each  X/D  station  on  the 
cylindrical  body  the  pressure  decreases  to 
a  minimum  followed  by  a  pressure  rise 
causing  flow  separation.  For  X/D  values 
up  to  about  6  there  is  *  local  high 
pressure  region  around  the  most  leeward 
generator.  Between  these  two  areas  is  a 
second  low  pressure  region.  From  contour 
plots  at  other  incidences  (eg  at  16*), 
this  low  pressure  region  is  shown  to  move 
forwards  as  the  incidence  increases, 
having  initially  appeared  at  around  6*  to 
6*  of  incidence,  it  seems  certain  there¬ 
fore  that  it  is  created  by  one  of  the  pair 
of  vortices  shed  from  the  body.  Possibly 
a  secondary  separation  occurs  slightly  to 
windward  of  this  second  minimum  value  of 
Cp  at  some  values  of  x/D.  Similar  pat¬ 
terns  have  been  observed  before,  for 
example  on  a  conically  pointed  circular 
cylindar  at  Mach  2.3  (Ref  4). 

At  Mach  4.5  there  is  no  evidence  of  a 
cross-flow  shock  associated  with  flow 
separation,  at  either  the  12*  of  incidence 
shown  or  at  any  other  test  Incidence 
angle.  In  general,  pressures  on  the 
body  leeside  remain  fairly  constant  at  all 
incidences,  the  body  vortex  having  only  a 
minimal  effect.  This  is  confirmed  from 
schlieren  observations  which  show  that 
both  leeside  vortices  appear  to  be  weak, 
diffuse,  and  further  away  from  the  body 
than  at  lower  Mach  numbers. 

An  understanding  of  the  complex  nature  of 
the  leeside  flow  requires  more  than  Just 
surface  pressure  measurements,  however 
detailed,  ideally,  surface  oil- flow 
pictures,  coupled  with  boundary- layer  and 
flow-field  measurements  are  needed. 
Currently,  tbs  RAE  is  undertaking  pitot 
probe  and  yawmeter  surveys  of  the  external 
flow  over  the  leeside  of  a  body  with  the 
same  geometry  as  used  in  these  surface 
pressure  teats,  at  Mach  numbers  from  0.7 
to  4.5.  Some  data  have  been  acquired,  and 
are  in  the  process  of  being  analysed. 

The  contour  plots  of  Fig  6  show  that  the 
length  of  body  that  is  influenced  by  the 
nose  decreases  as  both  incidence  and  Mach 
number  Increase.  Thus  at  high  values  of 
X/D  (eg  x/D  >  13  at  Mach  2.5,  or  X/O  >  8 
at  Mach  4.5,  both  at.  12*  of  incidence),  a 
contour  pattern  showing  no  apparent  nose 
effects  emerges,  suggesting  that  this  is 
close  to.  the  flow  pattern  that  would  be 
observed  on  an  infinitely  long  cylinder. 


3  FLOW  SEPARATION 

3.1  Location  of  flow  separation  from 

measured  pressures 

Typical  single  station  pressure  distri¬ 
butions  were  shown  in  Fig  5.  if  cross- 
flow  separation  occurs,  it  is  associated 
with  the  pressure  rise  immediately  to 
leeward  of  the  pressure  minimum.  In  some 
cases  flow  separation  is  triggered  by  a 
cross-flow  shock,  and  flow  separation  can 
be  asaumed  to  be  located  at  the  shock 
position,  in  other  cases  (particularly  at 
high  Mach  number  or  at  low  incidence 
angles)  the  pressure  rise  is  more  gentle 
and  the  circumferential  location  of  flow 
separation  is  not  obvious,  various  cri- 
teris  for  obtaining  separation  locations 
from  measured  pressure  distributions  have 
been  suggested  (eg  Ref  5),  but  the  authors 
know  of  none  which  can  be  applied  con¬ 
sistently  over  the  ranges  of  Mach  number 
and  incidence  covered  by  the  present 
tests.  Although  the  cross-flow  separation 
line  would  not  coincide  with  the  minimum 
presaure  line,  it  would  be  expected  to 
follow  the  same  trends  (Ref  6). 

As  the  object  of  this  exercise  was  to 
investigate  the  effects  of  adding  a  semi- 
empirical  separation  line  option  into  an 
Euler  code,  it  was  felt  that  absolute 
accuracy  in  defining  the  location  of  flow 
separation  would  not  be  as  Important  as 
consistency  across  the  Mach  number  and 
incidence  test  ranges,  as  each  of  the 
measured  pressure  distributions  bas  a  well 
defined  minimum,  its  position  has  there¬ 
fore  been  taken  as  an  Indication  of  the 
separation  location. 

Fig  7  shows  values  at  Cp_ln  of  the  cir¬ 
cumferential  angle,  4^,  tor  M  «  3.5  and 
various  angles  of  incidence.  Up  to 
X/D  ■  6.5  the  spread  of  these  data  at  each 
station  is  only  about  ±5*,  ie  relatively 
independent  of  incidence  when  compared 
with  the  data  at  X/D  values  greater  than 
6.5.  The  data  for  other  Mach  numbers  show 
the  same  trends,  suggesting  that  the  mini¬ 
mum  pressure  line  (and  therefore  the 
corresponding  separation  line)  can  be 
approximated  by  two  discrete  elements. 

The  forward  element  is  part  of  a  common 
curve.  When  that  curve  reaches  a  par¬ 
ticular  value  of  4>m,  (<t>mc),  which  is 
dependent  on  the  angle  of  incidence,  the 
minimum  Cn  line  (and  presumably  the 
corresponding  separation  line)  continues 
at  a  constant  value.  Thus  the  aft 
elements  are  straight  lines  at  constant 
values  of  ♦. 

The  value  4>mc  is  achieved  at  a  distance 
sufficiently  far  along  the  body  for  the 
nose  to  have  no  further  effect,  ie  4>mc 
is  the  minimum  Cp  location  which  would  be 
achieved  on  an  infinitely  long  cylinder, 
and  thus  should  be  dependent  only  on  the 
cross-flow  Mach  number,  Msine.  Fig  8 
shows  a  plot  of  4>m  at  X/D  -  14.5  against 
MsinB  for  all  the  Mach  number  and  angle  of 
Incidence  combinations  which  exhibited 
flow  separation.  Most  of  the  points  fall 
within  a  band  only  4*  wide.  For  values  of 
Maine  <  0.5,  the  crossflow  remains  sub¬ 
sonic,  allowing  the  nose  to  influence  the 
flow  over  the  entire  body. 
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4  COMPARISONS  WITH  PREDICTIONS 

4.1  prediction  wthod 

4.1.1  ZEUSB 

Tha  prediction  method  used  for  the  calcu¬ 
lations  is  ZEUSB,  a  UK  development  of  the 
NSKC  space  marching  Ruler  code.  ZEUS 
(Ref  7).  Extensions  to  ZEUS  incorporated 
Kith in  ZEUSB  include: 

a)  a  parametric  geometry  input  scheme 
developed  by  British  Aerospace 
(Ref  6) 

b)  the  calculation  of  individual 
control  panel  loads  (RAE) 

c)  tha  inclusion  of  a  model  of  flow 
separation  from  the  body,  orig¬ 
inally  developed  at  the  University 
of  Salford  under  RAE  funding 

(Ref  9). 

The  separation  model  was  incorporated  into 
ZEUS  for  the  half  flowfleld  case  (ie  where 
flow  symmetry  is  assumed)  by  NSWC  and 
extended  to  the  full  flowfleld  case  by 
RAE. 

All  tha  present  calculations  used  an 
unclustered  grid  consisting  of  72  calls 
between  the  body  end  the  bow  shock,  and 
circumferential  spacing  of  2.5*.  Thus 
half  flowfleld  calculations  used  a  72  x  72 
grid,  and  full  flowfleld  calculations  a 
72  x  144  grid. 

4.1.2  Separation  model 

Although  full  details  of  the  Salford 
separation  modal  are  available  in  Ref  9, 
it  is  felt  that  a  brief  description  here 
of  its  implementation  would  be  useful, 
within  the  ZEUSB  code  the  size  of  the  step 
between  computing  planes  in  the  axial 
direction  ia  calculated  from  the  flow 
variables,  and  a  two-dimensional  grid 
constructed  around  the  configuration  at 
the  new  axial  location.  The  two  cells 
adjacent  to  the  body  surface  and  nearest 
to  the  Imposed  separation  location  are 
identified,  and  at  all  the  remaining  calls 
the  Euler  solution  is  calculated.  In  the 
two  cells,  pressure  and  density  are 
obtained  by  averaging  nalghbouring  values 
in  the  circumferential  direction  and  the 
flow  speed  is  obtained  by  using  the  con¬ 
dition  of  constant  total  enthalpy.  The 
velocity  components  in  the  two  cells  are 
then  obtained  using  empirically  defined 
flow  directions.  These  flow  directions 
have  radial  components  away  from  tha  body, 
and  circumferential  components  towards 
each  other  in  order  to  force  separation. 
Other  flow  variables  can  be  derived  and 
the  next  axial  step  size  is  calculated. 

4.2  Comparisons  for  body  alone 
configuration 

4.2.1  surface  pressures 

in  order  to  assess  the  ability  of  the 
Euler  coin  ZEUSB  to  predict  flow  features 
for  tha  body  alone  configuration  discussed 
earlier,  contours  of  calculated  and 
measured  surface  pressures  have  bean  com¬ 
pared.  Pig  6  showed  the  experimental 
measurements  for  Mach  2.5  and  12*  angle  of 


Incidence,  and  Fig  9  the  ZEUSB  results 
with  no  separation  modelling.  The 
agreement  is  good  on  the  windward  side  of 
the  body  and  on  the  whole  of  the  nose  sec¬ 
tion,  but  is  poor  on  the  leeward  side  of 
the  cylindrical  section  (X/D  >3).  The 
prediction  shows  the  flow  expanding  beyond 
the  observed  minimum  pressure  line  with 
recompression  through  a  strong  crossflow 
shock.  Thera  Is  no  indication  in  the  pre¬ 
diction  of  flow  separation  from  tha  body 
or  of  a  suction  under  a  body  vortex. 

A  ZEUSB  calculation  was  performed  with 
separation  forced  along  a  line  derived 
from  the  experimental  measurements  (as 
described  in  Section  3 ) .  The  line  con¬ 
sisted  of  two  straight-line  elements,  one 
in  the  region  2  <  X/D  <  7  and  the  other 
parallel  to  the  body  axis  in  the  region 
X/D  >  7.  The  forward  element  starts  at 
X/D  -  2  because  the  measurements  indicate 
no  flow  separation  ahead  of  this  point. 

The  leeside  prediction  (Fig  10)  shows  a 
large  area  of  low  pressure  caused  by  the 
high  velocities  under  a  body  vortex. 
Although  this  feature  is  spread  over  a 
larger  area  than  is  observed  in  the 
measurements,  its  presence  provides  a 
significant  improvement  over  the  predic¬ 
tion  without  separation  modelling. 

Another  feature  observed  in  Pig  10  is  the 
location  of  the  minimum  pressure  lino. 

The  forward  element  of  the  forced  separ¬ 
ation  line  (2  <  X/D  <  7)  matches  the  pre¬ 
dicted  minimum  pressure  line.  However, 
the  aft  element  (X/D  >  7)  lies  to  the 
leeward  of  the  predicted  minimum  pressure 

line.  It  appears  that  the  forced  separ¬ 
ation  model  has  behaved  as  required  for 
the  forward  element,  but  the  slope  discon¬ 
tinuity  at  X/D  *  7  has  caused  a  problem. 
Having  initiated  the  flow  separation  for 
X/D  <  7,  the  calculation  has  produced  a 
pressure  minimum  and  a  flow  separation 
along  a  continuation  of  the  forward 
element  of  the  imposed  separation  line, 
with  a  second  separation  being  forced 
along  the  aft  element  of  the  imposed  line. 

A  calculation  was  performed  with  separ¬ 
ation  forced  along  the  forward  element 
(2  <  X/D  <  7)  only  anu  this  overcame  the 
above  problem,  producing  surface  pressures 
in  closer  agreement  with  experiment.  A 
calculation  with  separation  forced  along  a 
shortened  version  of  the  forward  element 
(3  <  X/D  <  6.5)  provided  further  improved 
results  (Pig  11).  By  comparing  Fig  11 
with  Figs  6  and  10  it  can  be  seen  that  the 
predicted  vortex  suction  is  more  loca¬ 
lised,  although  its  position  does  not 
match  that  deduced  from  experiment  very 
well.  The  calculated  minimum  pressure 
line  beyond  X/D  •  6.5  is  in  good  agreement 
with  experiment. 

This  prediction  probably  gives  the  best 
agreement  with  experiment  that  could  be 
expected  from  an  Euler  method  with  a 
simple  forced  flow  separation  model. 

There  are  areas  of  tha  leeside  flow  where 
the  agreement  is  not  good,  but  these  can 
be  attributed  to  tha  lack  of  viscous  terms 
in  the  calculation.  The  separation 
modelling  has  achieved  its  main  objective 
of  modelling  the  gross  effects  of  the  real 
vortical  flow. 
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The  imposed  separation  line 
(3  <  X/D  <  6.5)  is  in  the  region  where 
separation  location  is  relatively 
unaffected  by  the  incidence  of  the  body. 

It  was  therefore  considered  worthwhile 
carrying  out  calculations  for  the  body 
alone  configuration  at  Mach  2.S  and  a 
range  of  incidences,  using  the  sane  forced 
separation  line. 

Fig  12  shows  measured  and  calculated  sur¬ 
face  pressure  contours  for  the  body  alone 
configuration  at  Mach  2.5  and  8*  of  inci¬ 
dence.  Although  the  quantitative 
agreement  could  be  better,  the  observed 
flow  features-  have  been  represented  in  the 
prediction.  The  minimum  pressure  and  the 
vortex  suction  are  both  in  approximately 
the  correct  locations.  However,  the 
calculated  mlninum  pressure  is  lower  and 
the  vortex  suction  wecVer  than  observed 
experimentally . 

Fig  13  shows  calculated  surface  pressure 
contours  for  the  body  alone  configuration 
at  Mach  2.5  and  16*  of  incidence.  This 
figure  can  be  compared  with  Fig  6  which 
shows  the  corresponding  experimental 
measurements .  The  predictions  show  a 
localised  vortex  suction  a  little  further 
along  the  body  than  is  seen  in  the 
measurements.  However,  after  the  forcing 
of  flow  separation  ceases  at  X/D  *  6.5, 
the  separetion  does  not  continue  in  the 
aame  way  as  it  did  at  12*  of  incidence. 

In  contrast,  the  calculated  leeside 
flowfield  at  16*  of  incidence  quickly 
reverts  to  that  expected  with  no  separ¬ 
ation  modelling,  and  features  a  strong 
crossflow  shock. 


There  is  an  explanation  for  the  behaviour 
at  16*  of  incidence.  The  value  of  Maine 
for  this  case  is  0.689.  so  that  just 
above  the  surface  near  ♦  «  90*  the 
crossflow  le  supersonic.  Therefore  the 
forced  flow  separation  in  the  region 
3  <  X/D  <  6.5  cannot  influence  the  calcu¬ 
lated  flow  further  along  the  body  in  the 
region  where  flow  separation  is  likely  to 
occur.  Thus  in  the  region  X/D  >6.5,  the 
calculated  flow  near  6  *  90*  knows 
nothing  Of  the  forced  flow  separation 
further  forward,  and  therefore  behaves  as 
It  would  in  a  calculation  with  no  forced 
separation. 

in  contrast,  at  8*  of  incidence  the  value 
of  Nsln8  is  0.348  so  that  the  cross- flow 
remains  subsonic  and  the  forced  separ¬ 
etion  can  trigger  separation  further 
along  the  body.  MsinO  *  0.5  corresponds 
to  the  change  in  the  nature  of  the  flow 
for  an  infinite  cylinder. 

For  all  three  incidence  angles  (8*. 

12* ,  16*)  the  forced  separation  has 
introduced  a  body  vortex  into  the  half 
flowfield  Calculation  and  thus  improved 
the  modelling  of  the  vortical  leeside 
flow,  at  least  qualitatively.  At  16*  of 
incidence,  the  predicted  leeside  flow  can 
be  further  improved  by  forcing  separation 
along  the  whole  cylindrical  section  of 
the  body,  as  shown  in  the  lower  half  of 
Figr  13.  - 

A  general  conclusion  that  can  be  drawn 
from  the  above  discussion  is  that,  having 
initiated  a  flow  separation  in  a  calcu¬ 
lation  at  some  forward  station,  it  is 


only  necessary  to  force  separation  at 
stations  further  aft  if  the  local  Mach 
number  normal  to  the  separation  line  is 
greater  than  unity. 

4.2.2  Forces 

Measured  forces  have  been  compared  with 
those  predicted  by  ZEUSB  both  with  and 
without  forced  separation.  In  all  calcu¬ 
lations  with  forced  separation,  only  the 
shortened  version  of  the  forward  element 
of  the  separation  line  has  been  used. 

Fig  14  shows  calculated  and  measured 
values  of  normal  force  coefficient,  Cn, 
for  a  range  of  incidences  at  Mach  2.5. 

The  results  of  the  calculations  without 
forced  separation  are  in  good  agreement 
with  the  measurements  at  low  angles  of 
incidence  (8  <  6*)  and  at  high  angles  of 
incidence  (8  >  14*).  However,  for  inci¬ 
dences  in  the  range  6*  <  8  <  14*.  the  nor¬ 
mal  force  predictions  are  significantly 
below  the  measurements  because  they  do  not 
Include  a  vortex  suction  contribution. 
Although  body  vortices  are  still  present 
in  the  real  flow  at  the  higher  angles  of 
incidence,  their  effect  at  the  body  sur¬ 
face  is  fait  over  a  relatively  small  area, 
and  so  the  vortex  suction  contribution  to 
normal  force  is  reduced.  Also,  the 
predicted  leeside  pressures,  although  not 
in  agreement  with  experiment.  Integrate 
fortuitously  to  provide  forces  that  are  in 
agreement  with  experiment. 

With  separation  forced  along  the  line 
described  above,  there  is  a  significant 
improvement  in  the  normal  force  predic¬ 
tions  for  the  range  6*  <  8  <  14* ,  because 
the  body  vortices  and  tholr  suction  at  the 
body  surface  are  now  being  modelled.  At 
incidences  above  14*,  as  only  the  forward 
element  of  the  separation  line  is  being 
used,  the  modelling  is  incomplete.-  Also 
the  vortex  suction  may  have  been  slightly 
overestimated . 

Fig  15  shows  the  corresponding  centre  of 
pressure  positions.  Without  separation 
modelling  the  calculations  are  in  poor 
agreement  with  experiment  for  Incidences 
below  12*,  but  at  higher  angles  the 
agreement  with  experiment  is  good.  With 
forced  separation,  the  vortex  suction  on 
the  cylindrical  section  of  the  body  is 
modelled,  and  as  a  result  the  centre  of 
pressure  moves  towards  the  base  of  the 
body.  A  significant  improvement  in  the 
agreement  between  prediction  and  experi¬ 
ment  is  seen  for  8  <  12*.  For  higher 
incidences,  the  extent  of  the  calculated 
vortex  suction  is  overestimated  and  the 
centre  of  pressure  is  moved  too  far  aft. 

4.3  Comparisons  for  body-control 
configuration 

Further  calculations  were  made  on  a  body- 
control  configuration  to  assess  the 
modelling  of  the  interaction  between  body 
vortices  and  undeflected  control  panels .- 
The  configuration  ciisen  is  shown  in 
Fig  16 .  In  the  exp*  riraent  two  opposite 
control  panels  were  Instrumented  with 
strain-gauge  balances.  The  measurements 
of  panel  load  against  angle  of  incidence 
with  the  instrumented  controls  at  right 
angles  to  the  incidence  plane  are 
displayed  in  Fig  17.  Also  shown  in  Fig  17 
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are  results  of  ZEUSB  calculations  with  and 
without  forced  flow  separation  from  the 
body  along  the  line  described  above. 

The  predictions  without  forced  separation 
are  in  good  agreement  with  experiment  up 
to  about  6*  of  incidence.  At  higher  inci¬ 
dences  the  panel  loads  are  overestimated. 

With  forced  separation  there  is  a  signifi¬ 
cant  improvement  in  the  agreement  with 
experiment  at  angles  of  incidence 
below  16*.  At  incidences  up  to  12*  the 
agreement  with  experiment  is  good. 

Figs  18  and  19  show  comparisons  of  calcu¬ 
lated  loads  with  measurements  for  various 
roll  angles  at  Mach  2.5  and  12*  of  inci¬ 
dence.  This  is  the  incidence  for  which 
the  imposed  separation  line  was  tuned,  so 
it  would  be  hoped  that  these  calculations 
3hould  give  reasonable  agreement  with 
experiment. 

Fig  18  shows  the  load  on  a  control  panel 
as  the  configuration  is  rolled  through 
360*  (the  panel  being  in  the  leeward  pos¬ 
ition  at  2ero  roll),  when  the  panel  is 
within  60*  of  the  windward  position 
(120*  <  A  <  240* ) ,  the  ZEUSB  calculations 
(both  with  and  without  separation 
modelling)  produce  panel  loads  in 
excellent  agreement  with  measurement. 
Outside  this  region  the  results  of  the 
calculations  with  forced  separation  remain 
in  good  agreement  with  experiment,  while 
those  without  separation  are  poor.  In 
particular,  the  calculations  without 
forced  separation  have  not  predicted  the 
sign  reversal  seen  in  the  measured  panel 
loads  near  the  leeward  position.  With 
separation  modelling,  this  featue  is 
predicted. 

Fig  19  shows  corresponding  comparisons  of 
overall  rolling  moment,  Ci,  a  notoriously 
difficult  parameter  to  predict,  once 
again,  the  results  of  the  calculations 
with  separation  modelling  are  In  much 
better  agreement  with  experiment  than 
those  without.  The  latter  results  do 
not  even  show  the  correct  trends. 

5 _ CONCLUSIONS 

The  surface  pressures  on  a  cylindrical 
body  and  tangent-ogive  nose  have  bean 
measured  for  a  Mach  number  range  from  0.7 
to  4,5,  and  at  angles  of  incidence  up  to 
26*.  Data  were  recorded  for  circumferen¬ 
tial  angles  around  the  model  from  0*  to 
180*  in  4.5*  steps,  and  at  axial  stations 
from  0.2  to  14.5  calibres.  This  paper 
shows  that: 

1  The  pressure  measurements  are 
of  high  accuracy,  dad  the  coverage  is  suf¬ 
ficiently  dense  to  show  many  features 
which  would  otherwise  be  missed. 

Z  The  measurements  suggest  that 
for  cay  given  Mach  number  the  flow  separ¬ 
ation  line  can  be  approximated  by  two 
elements,  the  forward  element  being  inde¬ 
pendent  pi  incidence,  and  the  aft  element 
being  independent  gj t  X/D.  For  values  of 
Msine  >.o„5j  the  aft  element  represents 
the  flow  separation  line  that-  would,  he 
observed  on  an  infinite  cylinder. 


The  flow  separation  modal  within  the  Euler 
code  ZEUSB  has  been  provided  with  a 
realistic  separation  line  derived  from  the 
experimental  measurements,  comparisons 
have  been  made  between  experimental  data 
for  surface  pressures,  total  loads  and 
control  panel  loads,  and  the  computed 
results  using  ZEUSB  both  with  and  without 
separation  modelling.;  The  following 
conclusion  has  been  reached. 

3  Forcing  flow  separation  within 
an  Euler  code  can  improve  predicted  sur¬ 
face  pressures  by  introducing  a  vortical 
flow  into  the  solution.  The  prediction  of 
both  overall  and  control  panel  loads  can 
also  be  significantly  improved. 

The  separation  lines  discussed  in  the  pre¬ 
sent  study  heve  been  associated  with 
cylindrical  bodies  ha<’ing  3-calibre 
tangent-ogive  noses.  However,  the 
following  conclusion  is  generally  applic¬ 
able  to  separation  modelling  in  Euler 
codes  using  cell-centred  schemes. 

4  Having  initiated  a  flow  separ¬ 
ation  in  a  calculation  at  some  forward 
station,  it  is  only  necessary  to  force 
separation  at  stations  further  aft  if  the 
local  Mach  number  normal  to  the  separation 
line  is  greater  than  unity. 

The  results  described  here  are  encouraging 
and  justify  further  work  on  empirical  for¬ 
mulae  for  separation  lines  which  can  be 
used  within  Euler  codes.  In  particular, 
further  calculations  are  required  to  be 
performed  in  order  to  fully  verify 
conclusion  4 . 
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1  SUMMARY 

This  paper  describes  finite  difference 
computations  aided  at  the  prediction 
of  the  viscous  flow  field  around 
projectiles  and  slender  bodies  at 
transonic  and  low  supersonic  speeds. 
Following  a  step  by  step  validation 
process  to  ensure  reliability  in  the 
coaputer  program  developaent,  the  code 
is  tested  with  an  axi-syaaetric  body  of 
revolution  at  a  free  stream  Mach  number 
of  1.4  and  length  based  Reynolds  number 
of  Rexel. 0*10  .  Results  using  Baldwin- 
Lomax  and  Johnson-King  turbulence 
models  are  shown.. 


Z  LIST  OF  SYMBOLS 

Cf  Local  skin  friction  Coefficient. 

Cp  Pressure  coefficient. 

E,F  Flux  vectors  in  $  and 
•7  directions. 

H  Axi-symmetric  source  tern. 

L  Reference  length. 

M  Mach  number. 

<J  Vector  of  conservative  variables. 
Rex  Reynolds  number  based  on  reference 
length  L.; 

Res  Reynolds  number  based  on  momentum 
thickness  0  . 

S  Viscous  A  heat  conduction  vector. 

T  Temperature. 

U,V  Velocity  in  X  and  Y  direction. 

X,Y  Cartesian  co-ordinate  axes, 
fi  Boundary  layer  thickness. 

6*  Displacement  thickness. 

1,7  Computational  co-ordinate  axes. 

0  Momentum  thickness. 
f  Density., 

Subscripts 

w  Wall  condition.- 

00  Free  stream  value. 


3  INTRODUCTION 

A  project  to  develop  a  computer  code  to 
calculate  the  flow  field  around 
projectiles  at  transonic  and/or  low 
supersonic  speed  has  been  in  progress 
for  nearly  3  years.  The  long  term 
objective  of  the  project  is  to 
calculate  spinning  projectiles  at 
incidence.  In  order  to  achieve  this 
objective,  a  structured  sequence  of 
validation  tests  have  been  carried  out. 
They  are: 

*  Inviscid  code  development  and 
validation  against  analytical 
data. 

*  Laminar  viscous  code  and  validation 
against  classical  boundary 

layer  theory. 

*  Introduction  of  simple  turbulence 
models  and  validation  against 
good  and  reliable  experiments. 


The  axi-symmetric  compressible  thin- 
layer  approximation  of  the  Navier- 
Stoke3  equations  in  conservation  law 
form  in  general  curvilinear  co- 
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The  equations  are  solved  by  the  Warming 
and  Beam  (Ref.  1)  explicit  time 
marching  scheme.  The  method  uses 
central  differencing  in  the  regions 
where  the  eigenvalues  of  the  Jacobian 
are  negative  and  upwind  differencing  in 
the  regions  where  the  eigenvalues  are 
positive.  This  scheme  captures  shocks 
more  sharply  than  the  MacCormsck  method 
which,  in  effect,  uses  central 
differencing  everywhere.;  The  equations 
are  transformed  for  use  with  a  general 
curvilinear  co-ordinate  system.  In 
order  to  damp  high  frequency 
oscillations  fourth  order  numerical 
dissipation  terms  suggested  by  Warning 
and  Beam  are  added. 

All  the  results  presented  here  are 
calculated  with  the  far  field  boundary 
sufficiently  far  away  from  the  body  to 
allow  the  free  stream  condition  to  be 
used  at  the  boundary.  When  the  far 
boundary  was  taken  close  to  the  solid 
body  and  the  bow  shock  penetrated  the 
boundary,  it  caused  a  large  error  in 
body  surface  pressure  prediction,  even 
when  a  characteristic  based  boundary 
condition  was  used.. 

The  algebraic  turbulence  model  due  to 
Baldwin  and  Lomax  (Ref.  2)  is  one  of 
the  most  widely  used  turbulence  models 
for  compressible  flow  computations 
because  of  its  simplicity.  The  model 
has  been  applied  for  a  variety  of  flows 
including  separated  flows.  However  the 
method  incorporates  no  ’history 
effects’  and  may  not  be  adequate  for 
regions  of  large  pressure  gradient. 

Johnson  and  King  (Ref.-  3)  introduced  a 
turbulence  closure  model  which  added 
some  ’history  effects’  to  the  simple 
algebraic  eddy  viscosity  model.  An 
ordinary  differential  equation  is 
introduced  to  relate  the  maximum 
Reynolds  shear  stress  development  in 
the  streamwise  direction  to  account  for 
convection  and  diffusion  effects.. 

In  this  paper  both  models  are  applied 
to  a  waisted  body  of  revolution,  for 
which.- Winter  et.  al.  (Ref.  4}  have  made 
a  series  of  detailed  measurements  of 
surface  pressure,  boundary  layer 
profiles  and  skin  friction. 
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Finallyt  we  have  used  thla  project  to 
develop  our  computing  ability  on 
porsonal  computers)  the  bulk  of  the 
work  being  performed  on  a  Compaq 
Deskpro  386/25  with  a  Weitek  floating 
point  co-processor. 


4  VALIDATION  TESTS 

He  have  followed  a  step  by  step 
validation  process  to  ensure 
reliability  in  the  coaputer  code 
development.  Inviacid  validation  tests 
were  conducted  against  analytical 
solution  of  cones  and  cone-cylinders  at 
various  cone  angles  and  Mach  numbers. 

The  basic  laainar  2-D  code  has  been 
validated  against  the  flat  plate 
boundary  layer  of  Van  Driest  (Ref.  5) 
with  sero  pressure  gradient  with  and 
without  heat  transfer.  Initial  tests 
with  various  co-ordinate  aysteas  for 
the  adiabatic  case  showed  that  at  the 
very  least  15  aesh  points  are  needed  to 
predict  velocity  and  temperature 
profiles  with  reasonable  accuracy  at 
the  downstream  end  of  the  boundary 
layer.  Even  Bore  points  aay  be 
necessary  for  cases  with  heat  transfer. 
Figure  1  shows  the  co-ordinate  ayatea 
used  for  the  cold  wall  case  where  the 
wall  temperature  is  fixed  at  the  free 
streaa  value.  This  case  is  a  auch 
severer  test  than  the  adiabatic  wall 
case  because  of  the  larger  temperature 
variation  across  the  boundary  layer  and 
the  reversal  of  the  temperature 
gradient  near  the  wall.  The  free  streaa 
Hach  number  is  at  H<s  >4.0.  There  are  37 
aesh  points  within  the  boundary  layer 
at  the  point  close  to  the  downstreaa 
end.  The  arrow  indicates  the  station 
where  the  velocity  and  temperature 
profiles  are  coapared  with  theory.  In 
Figure  2  the  dotted  lines  represent  the 
analytical  solution  of  Van  Driest.  The 
agreement  between  the  results  are  very 
good,  and  a  similar  accuracy  was 
achieved  for  the  adiabatic  wall  case. 


FIGURE  2.  Velocity  and  temperature 
profiles  of  laminar  flat  plate 
boundary-layer  at  Rex=5*10  . 


90  by  90  Mesh  (Every  5  lines  ) 


FIGURE  3.  Co-ordinate  system  for 
turbulent  flat  plate  boundary  layer 
with  zero  pressure  gradient:  Adiabatic 
wall  case  Moo  =4.0,  Too  =310*  K. 
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The  first  turbulent  test  was  carried 
out  with  the  Baldwin- Lomax  algebraic 
turbulence  model.  A  turbulent  flat 
plate  boundary  layer  with  zero  pressure 
gradient,  at  a  free  stream  Mach  number 
of  4.0,  is  calculated  and  compared  with 


80  by  70  Mtsh  (Every  5  lines  ) 


FIGURE  1.  Co-ordinate  system  for 
laainar  flat  plate  boundary-layer: 
Cold  wall  case  Ms>  =4.0,  Tw*T<»  . 


FIGURE  4.  Velocity  profiles  of 
turbulent  flat  plate  boundary  layer  at 
Reg  =14700:  Adiabatic  case  M®  =4.0 
To,  =310'  K. 
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the  experiments  o f  Maybe?  et.  al.  (Ref. 
6)'.  They  Measured  profiles  at  6 
streaavise  stations  and  paid  a  great 
deal  of  attention  for  achieving  near 
adiabatic  conditions.  The  experimental 
profiles  are  also  given  in  great  detail 
e.g.  50  points  in  a  profile.  The  co¬ 
ordinate  system  used  computationally  is 
shown  in  Figure  3  and  the  arrow 
indicates  the  point  where  the 
comparison  is  made.  Although  the 
calculated  momentum  thickness  is 
approximately  20%  larger  than  the 
experiments  at  a  given  X-station,  the 
growth  rates  of  the  boundary  layer  are 
very  similar.  This  discrepancy  may  be 
caused  by  a  difference  in  transition 
position.  The  velocity  profile 
comparisons,  therefore,  are  made  at 
momentum  thickness  based  Reynolds 
number  rather  than  length  based 
Reynolds  number  Rex,.  The  profile  at  Res 
*14700  (Bex*2. 29*10' )  is  shown  in 
Figure  4.  The  crosses  represent  the 
measured  profile  which  agrees  very  well 
with  the  calculated  profile.  The  skin 
friction  prediction  also  agrees  well 
with  the  experiments. 


S  WAISTED  BODY  OF  REVOliUTIQW 

He  now  extend  the  validation  teats  to 
the  boundary-layer  with  pressure 
gradient.  There  are  several  choices  of 
experimental  data  for  such  a  purpose. 
However  the  test  flow  should  be 
attached,  because  at  this  stage  the 
validation  should  be  carried  out 
without  the  added  complication  of 
separation.  The  flow  should  be  at  a 
moderate  Mach  number,  because  the 
ultimate  purpose  of  the  project  is  to 
predict  the  flow  field  around 
projectiles  at  transonic  speed,  not  at 
subsonic  or  high  supersonic  speed.  And 
preferably  the  flow  field  should  be 
axi-symmetric  since  it  represents 
projectiles  and  also  a  two  dimensional 
planar  flow  field  is  likely  to  be  more 
difficult  to  create  accurately  in  an 
experiment. 


Winter,  Rotta  and  Smith  (Ref.  4) 
carried  out  definitive  experiments  to 
measure  the  boundary-layers  on  an  axi- 
symmetric  waisted  body  which  is  shown 
in  Figure  5.  The  body  is  1524mm  long. 
The  conical  nose  has  a  half  angle  of  20 
degrees.  This  is  followed  by  a  shape 
defined  by  a  quartic  curve  which  joins 
the  cubic  giving  approximately  constant 
convergence.  A  mirror  image  of  this 
cubic  provides  the  final  flare  and  a 
quartic  fairing  curve  joins  the 
converging  and  diverging  region.  The 
flow  is  attached  and  measurements  at 
various  Mach  numbers  and  Reynolds 
numbers .were  .carried  out.  The  case 
chosen  for  the  present  validation  test 
is  with  the  free  atream  Mach  number  at 
Mo>  =1.4  and  the  length  based  Reynolds 
number  of  Rex=l .01*10  . 

At  first,  only  the  cone  part  up  to 
X/L=0.11  is  calculated  using  the 
Baldwin-Lomax  model.  The  turbulence 
model  was  switched  on  at  the  sane 
location  as  the  transition  trip  in  the 
experiments  (X/t=0.025 ) .  The  grid  used 
for  this  pert  has  SOpoints  in  the  X 
direction  (X/L*0  to  0.11)  and  80  points 
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FIGURE  5.  Geometry  of  Waisted  body  of 
Winter  et.  al. 


FIGURE  6.  Co-ordinate  system  for 
Waisted  body  of  Winter  et.  al.  at 
Mco  =1.4,  Too  =290°  K  and  Rex=1.01*10' 


in  the  Y  direction.  The  result  at 
X/L=0.1  is  then  used  ae  a  starting 
condition  to  calculate  the  downstream 
part  of  the  body  using  both  the 
Baldwin-Losax  model  (BLM)  and  the 
Johnson-Sing  model  (JKM). 

The  co-ordinate  system  used  for  the 
afterbody  calculation  has  140  points  in 
the  X  direction  and  80  in  the  Y 
direction  as  seen  in  Figure  6.  The  grid 
is  generated  to  distribute  at  least  35 
mesh  points  within  the  boundary  layer 
at  around  X/L=0.5.  We  consider  this  to 
be  the  number  needed  to  calculate 
turbulent  boundary  layers  with 
reasonable  accuracy.  The  present  grid 
has  44  points  within  ths  boundary 
layer.  The  results  with  a  mesh  which 
has  120  by  70  points  are  compared  with 
the  present  results.  This  grid  has  38 
points  within  the  boundary  layer  at  the 
same  streamwise  location.  Both  results 
are  almost  identical  and  this  suggests 
that  the  number  of  mesh  points  seems  to 
be  adequate  and  the  results  are  more- 
or-less  mesh  independent.  Approximately 
25000  time  steps  are  required  to  obtain 
a  converged  solution. 
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Figure  7  shows  the  computed  surface 
pressure,  coapared  with  experlaents, 
for  BLM,  JKM  and  an  inviscid 
calculation.  The  results  of  the  BLM  and 
JKM  are  almost  identical  and  they  fall 
on  a  single  line.  The  dotted  line 
represents  the  inviscid  results  which 
is  very  close  to  the  viscous  results. 
Agreeaent  with  experiaent  is  also  very 
good,  providing  a  further  validation  of 
the  inviscid  part  of  the  code  and  also 
ensuring  that  the  pressure  field  is 
correctly  aodelled  for  the  viscous 
calculation.  The  results  show  a  region 
of  aajor  favourable  pressure  gradient 
froa  the  nose  to  X/LaO.4,  followed  by 
adverse  pressure  gradient.  The  close 
agreeaent  between  the  viscous  and 
inviscid  results  suggests  that  the 
boundary  layer  displaceaent  thickness 
is  relatively  snail  and  hence  the 
viscous  effect  on  the  pressure  is 
saall. 

The  aoaentua  thickness  developaents 
along  the  body  are  shown  in  Figure  8. 
The  solid  and  dotted  lines  represent 
the  BLM  and  JKM  results  respectively 
and  the  crosses  represent  the 
experiments.  All  the  following  figures 
are  also  presented  in  the  same  way. 
Figure  9  shows  the  displacement 
thickness  development  along  the  body. 
Both  figures  8  and  9  show  the 
discrepancy  between  BLM  and  JKM  is 
rather  saall,  and  in  general,  the 
agreeaent  between  the  calculated 
results  and  the  experiaent  is 
reasonably  good. 

The  akin  friction  coefficient  is 
probably  the  aost  difficult  boundary 
layer  parameter  to  calculate  and  to 
measure  with  reasonable  accuracy.  It  is 
evaluated  from  the  velocity  gradient  at 
the  wall  using  the  velocity  value  at 
the  first  mesh  point  from  the  wall;  a 
higher  order  Interpolation  would  change 
predicted  values  by  up  to  -flSX.  Figure 
10  shows  the  skin  friction.  The  dashed 
line  represents  the  skin  friction  of 
the  forebody.  The  two  dots  at  X/LxO . 05 
and  0.1  are  the  calculated  values  froa 
the  1/7  power  law  on  a  cone  as  quoted 
by  Winter  et.  al.  Both  BLM  and  JKM  give 
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FIGURE  8.  Momentum  thickness 
comparison  between  BLM,  JKM  and 
experiment. 


FIOUBE  9.  Displacement  thickness 
comparison  between  BLM,  JKM  and 
experiment. 


FIGURE  7.  Surface  pressure  comparison 
between  BLM,  JKM  lb  inviscid 
calculations  and  experiaent. 


FIGURE  10.  Skin  friction  coefficient 
comparison  between  BLM,  JKM  and 
experiaent. 
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results  which  arc  auch  lower  than  the 
experiments  in  the  conical  none  region. 
The  experiments  alao  ahow  larger 
variation  in  the  skin  friction, 
generally.  The  BLH  of  the  two  methods 
given  the  better  reproduction  of  the 
trenda. 

Figure  11  showa  the  velocity  profilea 
at  varioua  X  stationa.  The  calculated 
and  aeasured  velocity  profiles  agree 
reaaonably  well  at  X/L*0.4  where  the 
preeaure  gradient  reveraea  froa 
favourable  to  adverae.  At  X/L=0 . <75 
which  ia  the  beginning  of  the  adverae 
preaaure  gradient,  the  agreeaent 
between  the  calculationa  and  the 
experiaent  is  still  reasonable. 

However,  for  the  further  downstrean 
stations  at  X/L*0.5S  and  0.7  the 
discrepancies  between  the  calculated 
and  the  aeasured  profiles  are  large. 

The  computed  profiles  appear  to  be  aore 
sensitive  to  the  pressure  gradient  than 
are  the  experimental  ones,  perhaps 
indicating  an  overestimate  of  the 
Reynolds  stresses  by  both  turbulence 
models.  The  calculated  profiles  at 
X/L*0.833  which  are  in  the  second 
favourable  pressure  region  again  agree 
reasonably  well.  However,  at  the  last 
station  at  X/L=0.983  the  disagreement 
among  the  profiles  are  large  although 
this  is  also  close  to  the  model 
trailing  edge.  The  discrepancy  between 
the  two  models,  the  BLH  and  JKM,  are 
relatively  small  when  compared  with  the 
discrepancy  with  the  calculated  and  the 
measured  results. 


Y/L 


FIGURE  11.  Velocity  profile  comparison  between  BLH,  JKM  and 
experiment.  (For  notation  see  FIGURE  8.) 
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It  is  still  too  marly  in  th«  study  to 
give  definite  consents  on  the  JKH 
calculations  and  is  not  clear  yet  why 
the  history  effect  included  in  the  JKN 
does  not  five  a  better  representation 
than  the  simpler  BLH.  A  further  study 
should  be  carried  out  Kith 
progressively  severer  pressure 
grsdient,  but  it  aay  be  very  difficult 
to  find  suitable  experiaentsl  cases. 


6  CONCLUDING  REMARKS 

A  coaputer  code  to  calculate  laainar 
and  turbulent  flows  around  projectile 
shaped  body  has  been  developed.  The 
code  underwent  rigorous  step  by  step 
validation  stages.  All  of  the 
validation  tests  against  analytical 
results  have  given  confidence  with  the 
code.  However,  it  becaae  aore  difficult 
to  validate  turbulent  flows,  especially 
with  pressure  gradient,  because  of  the 
difficulties  in  finding  appropriate  and 
reliable  experiaental  cases.  The  code 
has  been  tested  with  the  waisted  body 
of  Vinter  et.  al.  This  body  seeas  to  be 
ideal  for  testing  the  code  and  its 
turbulence  aodels  in  non-separated 
flows.  In  the  present  study  both 
Baldwin-Loaax  and  Johnson-King 
turbulence  models  are  used.  Both  models 
produced  very  siailar  results,  and  are 
in  reasonable  agreeaent  with  the 
experiments,  although  we  consider  that 
extensive  validations  are  still 
required  for  flows  with  pressure 
gradient. 
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ABSTRACT 

The  space-marching  Euler  solver,  ZEUS,  is  coupled  with  a  separation  model  to  predict  the  fully  three-dimensional  separated 
flows  for  supersonic  tactical  missiles.  ZEUS  incorporates  a  multiple  zone,  gridding  technique  and  a  second-order  extension  of 
Godunov's  method.  The  separation  model  assumes  a  vortex  sheet  leaves  the  surface  at  the  experimentally  observed  separation 
point  Computations  are  performed  on  missiles  which  have  bodies  of  cbcnlar  and  elliptic  cross  sections  at  incidences  high  enough 
to  exhibit  boundary  layer  separation.  Results  show  that  the  separation  model  was  most  effective  in  improving  predictions  on 
missiles  with  circular  bodies  at  Mach  numbers  below  3.5;  but,  at  higher  Mach  numbers,  predicted  loads  are  not  significantly 
affected.  Qualitatively,  calculated  and  measured  flow  field  structures  exhibit  improved  agreement  which  increases  Ok  accuracy 
of  the  predicted  body  and  fin  loads,  however,  quantitative  flow  field  differences  remain.  For  elliptic  Bodies,  in  viscid  solutions 
are  in  close  agreement  with  measured  surface  pressures  except  near  the  shoulder  where  calculations  display  a  crossflow  shock. 
Inclusions  of  the  separation  model  diminishes  the  strength  of  the  inviscid  crossflow  shock  in  the  vicinity  of  the  shoulder  but 
has  tittle  influence  cm  the  missile  loads. 


NOMENCLATURE 

Ak  area  of  control  volume  edge  lying  in  the 

a  ~  a*  plane. 
d  diameter 

Cy  pitching  moment  coefficient, 

( pitching  moment  (  jcoSL) 

C/f  normal  force  coefficient, 

(normal  force/ qxS) 

Cs,„  fin  normal  force  coefficient 

Ci  rolling  moment  coefficient, 

( rolling  mbment/q^Sd) 

C,  pressure  coefficient, 

(P-P»)/  9oo 

Cy  side  force  coefficient, 

(aide  /oree/g«,S) 

P  flux  vector  [Eqs.  (1)] 

Bi  stagnation  enthalpy 

L  reference  length 

tJ co  free  stream  Midi  number 

n  -  (r>j,n,,n,)  vector  normal  to  the  cell  edge  [Eqs.  (1)] 

|fi|  cell  edge  area 

p  pressure 

Ico  flee  stream  dynamic  pressure 

At  upper  and  lower  supersonic  streams  for  the 

Riemaiyi  problem  (Pig.  3) 

S  reference  area 

a  wall  cell  immediately  windward  of  the 

croasfiow  separation  point  (Hg.  2) 

0  flux  vector  [Eqs,  (1)] 

(v,v,w)  Cartesian  velocity  components 

(x,y,z)  Cartesian  coordinate*  with  t  along  the 

missile  axil 

a  angle  of  attack  (degrees) 

axial  and  crossflow  plane  angles  defining 
the  streamline  direction  immediately 
leeward  of  tbeaepsratioepotat  (Fig.  2) 
e  canard  deflection  angle,  positive  with 

'  leading  edge  up 

flow  direction  angle  (Hg.  3) 
ratio  of  specific  heats 


rd  difference  limiter  [Eqs.  (3)] 

<t>  croasfiow  plane  angle  measured  clockwise 

from  the  Ieeaide  pitch  plane 

<t>t,  dc  axial  and  crossflow  plane  angles  defining 

the  streamline  directum  immediately 
windward  of  the  separation  point  (Fig.  2) 

P  density 

Subscripts 

n,m,  It  cell  center  (Fig.  4) 

1, 2,3,4  canard  panel  number  as  defined  in  Fig.  10 

so  ambient  conditions 

L  INTRODUCTION 

The  in  viscid  shock  layer  for  tactical  missiles  in  supersonic 
flight  can  be  approximated  by  nuroericallv  solving  the  Euler 
equations.  This  approach  does  not  depend  on  an  extensive 
data-base  such  as  semi-empirical  methods  and  other  traditional 
predictive  methods.  Solutions  to  the  Euler  equations  provide 
detailed  flow  field  properties,  aerodynamic  coefficients  and 
load  distributions.  For  missiles  in  supersonic  flight,  Euler’s 
equations  are  best  solved  using  a  space-marching  procedure. 
Under  these  conditions,  the  equations  are  hyperbolic,  and 
the  missile's  flow  field  can  be  determined  from  known  flow 
conditions  at  a  cross-sectional  plane  near  the  nose  tip  which  is 
marched  down  the  length  of  tire  missile.  Euler's  equations  can 
convect  votticity  and  determine  tire  circulation  generated  by 
shocks;  but,  viscous  phenomenon,  such  as  vortex  shedding  from 
the  surface  of  smooth  bodies,  must  be  empirically  modeled. 

The  prediction  of  flow  separation  and  the  formation  of 
vortices  is  important  for  an  effective  treatment  erf  tactical 
missiles.  Matures  exert  a  significant  and  non-linear  influence 
on  missile  aerodynamics.  They  are  generated  by  sharp  lifting 
surfaces  and  from  body  boundary  layer  separation.  Changes 
in  incidence  alter  tire  vortex  trajectories  as  well  as  the  number 
of  vortices  present,  as  shown  in  Hg.  1.  The  penalties  for 
neglecting  separation  for  missile  shapes  are  poor  force  and 
moment  predictions  on  circular  bodies  and  fins.  1b  remedy 
this  situation,  body  boundary  layer  separation  can  be  simulated 
by  modifying  Boundary  conditions  near  tire  experimentally 
(reserved  separation  line. 

Mxtex  shedding  from  smooth  bodies  in  inviscid  flows  has 
been  studied  for  many  years.  Smithw  developed  a  model  in 
which  vortex  sheets  are  shed  into  otherwise  notations!  Bow; 
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LOW  INCIDENCE 


Figure  1.  Vortex  structures  in  a  tactical  missile  flow  field 
at  different  incidences. 


however,  this  model  was  restricted  to  conical  flow.  The  discrete 
vortex  method  of  Mendenhall3  predicted  both  symmetric  and 
asymmetric  vortex  shedding  from  bodies  at  incidence.  Rddes4 
incorporated  Smith's  model  to  conical  flow  by  using  slender 
body  theory  for  the  irrotational  flow  and  fitting  the  complex 
spiraling  vortex  sheets  with  point  vortices. 

In  addition  to  potential  Sows,  separation  modeling  has 
also  been  used  in  conjunction  with  Euler's  equations.  These 
separation  models  are  usually  based  on  the  assumption  that 
a  slip  surface  leaves  the  body  along  the  separation  line.  The 
velocity  normal  to  this  surface  is  zero,  and  across  this  surface, 
the  pressure  is  continuous  but  other  variables  may  not  be.  Also, 
the  separation  line  is  prescribed  empirically. 

One  method  of  implementing  this  type  of  separation  model, 
suggested  by  Kkpfer  and  Nielsen1  for  tangent  ogive  bodies, 
does  not  try  to  capture  property  jumps  across  the  sKp  surface. 
Here,  the  pressure  and  density  at  the  separation  point  are 
determined  by  interpolation  which,  together  with  the  constant 
total  enthalpy  constraint,  allow  the  velocity  magnitude  to  be 
ascertained.  The  yekx  .ty  direction  is  empirically  prescribed  (at 
a  constant  circutSferemial  angle)  which  completes  the  definition 
of  the  properties  at  the  separation  point  Tins  approach  has 
been  applied  to  missile  shapes  by  Wardlaw  et  at4  and  Guillen 
and  Lordon7  where  the  separation  line  lies  between  grid  points 
and  the  velocity  vector  is  aligned  with  die  reparation  line. 

In  a  similar  vane,  Kwcng  and  Myring*  have  developed  a 
farced  separation  model  coupled  with  a  time-dependent  Euler 
solver  and  have  applied  this  to  bodies  of  revolution.  In  this 
model,  the  vortex  sheet  is  assumed  to  leave  the  surface  at 
the  experimentally  observed  separation  point  At  the  cells 
adjacent  to -the  wall  immediately  upstream  and  downstream 
of  the  separation  point,  a  velocity  jump  is  imposed  across  the 
vonex  sheet  with  mean  values  computed  for  the  pressure  and 
density.  The  velocity  components  ate  determined  at  each  of  the 
two  cells  by  prescribing  a  streamline  direction,  as  shown  in  Fig. 
2,  and  imposing  die  constant  total  enthalpy  condition.  Away 
from  dm  surface,  the  vortex  sheet  is  caponed  by  the  numerical 
scheme  (see  Sect.  IS  for  more  details). 

A  second  method,  developed  by  Marconi,9,10  uses  Smith’s 
model  together  with  the  Euler  equations  to  predict  separated 
flow  on  conical  bodies  at  supersonic  speeds.  This  method 
captures  foe  tangent  velocity  and  entropy  jump  across  foe  slip 
outface.  Along  foe  body,  foe  slip  suffice  is  modeled  using  a 
double  point' at -foo  separation  location.  The  point  representing 
the  windward  side  of  the  slip  surface  is  computed  using  die 
Euler  equations  differenced  in  a  one-sided  manner  away  from 
foe  reparation  surface.  At  die  leeside  point,  foe  crossflow 
velocity  is «r  to  refit,  son  a  small  pressure  plateau  is  imposed 


Figure  2.  Flow  angle  parameters  in  3-D  forced  separation 
model.8 


along  the  surface  leeward  of  the  separation  point.  Both  primary 
and  secondary  separation  are  modeled. 

Another  approach  to  separation  modeling  is  the  clipping 
technique  of  Baltakis  et  aL11  Here,  separation  is  allowed  to 
occur  in  conformance  with  the  loeside  circulation  level.  This 
circulation  is  introduced  by  limiting  the.  setting  an  upper 
bound)  die  crossflow  velocity  near  the  surface. 

The  reparation  models  described  above  produce  a  quali¬ 
tatively  correct  picture  of  the  Sow  field  for  circular  bodies. 
However,  die  ability  of  separation  models  to  quantitatively 
define  the  flow  field  remains  to  be  demonstrated 

In  the  present  study,  the  separation  model  of  Kwong  and 
Myring  (Ref.  8)  is  incorporated  into  the  space-marching  Euler 
solver,  ZEUS.17"16  ZEUS  is  applied  to  various  tactical  missile 
shapes  and  is  evaluated  for  its  ability  to  predict  measured 
surface  pressures  and  flow  field  profiles.  Computations  are 
performed  on  missiles  which  have  bodies  of  circular  or  elliptic 
cross  sections  at  incidences  high  enough  to  exhibit  boundary 
layer  separation.  Results  are  compared  with  measured  surface 
pressures.  Sow  field  profiles,  and  force  and  moment  data,  as 
well  as  some  of  die  previous  work  of  Refs.  8-11.  A  brief 
description  of  the  ZEUS  computational  algorithm  is  provided 
in  Sec.  11.  and  an  outline  of  the  fenced  crossflow  separation 
model  is  given  in  Sec.  Ht.  Sec.  IV  discusses  results  while  Sec. 
V  outlines  conclusions  drawn  from  this  study. 


a  COMPUTATIONAL  PROCEDURE 

The  ZEUS  code  combines  a  multiple  zone  gridding 
technique  with  a  second  order  extension  of  Godunov’s  method, 
an  upwind  scheme  based  on  foe  Riemann  problem  for  steady 
supersonic  flow.  It  is  cast  in  control  volume  form  and 
consists  of  a  predictor  and  corrector  step.  The  predictor  step 
advances  foe  primitive  variables  using  Euler’s  equations  in  non- 
conservation  form.  Derivatives  are  computed  using  a  limited 
central  differencing  procedure.  The  corrector  step  modifies 
Godunov’s  method  by  assuming  linear  property  variations 
within  each  control  volume.  This  program  is  devoid  of  explicit 
artificial  viscosity  and  is  robust 

Some  details  of  ZEUS  are  given  below  with  a  more 
elaborate  description  found  in  Refs.  13  and  14. 

A.  ZONE  STRUCTURE 

The  ZEUS  program  toes  a  multiple  rone  structure  which 
provides  a  convenient  framework  from  which  to  compute 
shapes  having  sharp  edged  fins.  The  crossflow  plane  is 


divided  into  several  quadrilateral  zones,  and, a  simple,  separate 
transformation  is  applied  to  each.  Zone  boundaries  are  taken 
to  coincide  with  the  body,  canard  and  tail  surfaces,  and  the 
bow  abode  allowing  fin  thickness  and  fin  deflections  to  be 
accurately  modeled. 

B.  NUMERICAL  SCHEME 

For  steady  supersonic  Sow,  the  Riemann  problem  represents 
the  confluence  of  two,  two  dimensional  supersonic  streams, 
as  illustrated  in  fig.  3.  At  the  point  of  intersection,  shocks 
or  expansion  fans  form  which  turn  both  streams  to  a  common 
direction.  The  two  final  streams  need  not  feature  the  same 
density  or  velocity,  awl  a  slip  tine  generally  forms  between 
them.  The  direction  of  the  sop  line  is  the  one  producing  the 
same  pressure  in  both  streams.  If  the  two  streams  forming 
the  Riemann  problem  have  similar  properties,  a  dosed  farm 
linear  solution  can  he  obtained  Alternatively,  an  approximate 
Riemann  problem17  can  be  constructed  which  has  a  closed 
form  solution. 


Figure  3.  The  supersonic  Riemann  problem  consists  of  two 
intersecting  supersonic  streams,  R+  and  R_. 


Using  the  notation  of  Fig.  4,  mass  and  momentum 
conservation  through  a  control  volume  can  be  expressed  as: 


0%-0^-P.^  +  P^ 

m  ,m+^  +  <!•> 


where: 


UL  = 


pro 

pv>*+p 

pwu 


Ipwv 


(lb) 


*U*,i 


oV 

pwV  +  n,p 
puV  q  «,p 
poV  +  n,p , 


K+J.m 


(lc) 


V,  =  ”.+|,m»  (M) 


Here,  0  is  the  flux  in  die  r -direction  which  passes  through  the 
shaded  cell  ends  while  the  F’s  are  the  fluxes  associated  with 
the  remaining  cell  edges.  Equations  (1)  are  closed  using  the 
constant  total  enthalpy  condition  and  the  perfect-gas  equation 
of  state  that  yield  fee  constraint 


B°=EP(^T)+lv+v‘+w2'>  (2) 

The  ZEUS  code  integrates  Euler’s  equations  using  a  second 
order  Godunov  method  Godunov’s  original  roethtd1*  is  first 
Older  accurate  and  usually  cast  in  a  control  volume  form. 
Properties  within  each  ceu  are  assumed  constant  :nd  fluxes 
IF  appearing  in  Eq.  (1)]  at  cell  edges  are  calcci^eu  using 
the  Rtemaim  problem. 

Godunov’s  method  is  extended  to  second  older  by  adding  a 
predictor  step  to  determine  properties  at  rl+Az/2  and  linearly 
extrapolating  these  properties  to  the  cell  edge.  The  property 
slopes  for  both  the  predictor  step  and  the  linear  extrapolation  are 
computed  using  limited  differences  which  prevent  oscillations 
near  shocks.  These  differences  are  calculated  in  the  following 
manner 


9f_  fO  if  cj  <  0 ) 
d(  (cj  if  ci>0  / 

where: 

C1  “  (/«+!, m  —  fn,m)  ( f*,m  ~  fn- l,ta) 


(3a) 


(3b) 


cj 


\fn+l,m  fn— l,ml 

2 

K  l/«+i,»  —  /»,«! 

l/n,m  fn-  l,ml 


(3c) 


Here,  f  is  some  dependent  variable  differentiated  with  respect 
to  some  independent  variable  (  and  1  £  r!  S  2. 

Near  shocks  and  other  discontinuities,  the  limiter  reduces 
all  slopes  to  zero  -nd  the  scheme  collapses  to  the  first  order 
Godunov  method 


Figure  A  Control  volume  nomenclature. 


6-4 


C.  BOUNDARY  CONDITIONS 

ZEUS  is  based  on  a  finite  volume  formulation.  Therefore, 
grid  points  do  not  lie  oo  the  boundary,  but  rather  the  cells 
adjacent  to  the  wall  have  an  edge  lying  along  the  boundary. 
Properties  along  cell  edges  adjacent  to  the  wall  are  computed 
by  extrapolating  predicted  properties  to  the  wall  using  the  cell 
slope  normal  to  the  wall,  these  edge  properties  do  not  satisfy 
die  tangent  flow  boundary  conditions  and  must  be  turned  using 
either  an  oblique  shock  or  Prandtl-Meyer  expansion  to  satisfy 
the  wall  boundary  conditions.  The  flow  is  tangent  to  the  'waU, 
and  only  the  post-turn  pressure  influences  the  flux  at  the  edge 
lying  on  the  wall 

The  outer  rone  boundary  is  determined  by  tracking 
the  domain  of  dependence  of  the  numerical  solution  using 
information  contained  in  die  Riemarm  problem. 

a  SPECIAL  PROCEDURES 

Artificial  viscosity  and  other  special  precedurcs  are  not 
required  by  the  ZEUS  code.  However,  Bee  parameters  do 
occur  in  cN>  d«*wice  limiters.  In  the  program,  id  of  Eqs.  (3) 
is  set  to  0  at  cells  next  to  fin  surfaces,  1  at  interior  cells  and  2 
at  boundary  cells  in  smooch  flow  regions.  These  values  of  k' 
do  not  require  adjustment  from  one  problem  to  the  next. 


1IL  CROSSFLOW  SEPARATION  MODELING 

The  separation  model  of  Ref.  8  is  incorporated  into  the 
ZEUS  program  to  model  boundary  layer  separation  far  bodies 
of  revolution.  At  large  Reynolds  numbers,  the  separated 
boundary  layer  can  he  regarded  as  a  vortex  sheet  embedded  in 
an  invisdd  flow.  Therefore,  this  model  is  constructed  baaed  on 
the  following  physical  conditions  for  a  vortex  sheet: 

1.  zero  velocity  component  normal  to  the  sheet 

2.  continuous  pressure  across  the  sheet 

3.  constant  total  enthalpy  for  steady  flow 

4.  a  jump  in  tangential  velocity  across  the  sheet 

In  the  crossflow  plane,  the  separation  model  is  applied  to 
the  wall  ceils  a  and  a  +  1  which  ate  immediately  windward 
and  leeward  of  the  separation  point,  respectively,  as  shown  in 
Pig.  2.  Here,  the  vortex  sheet  is  assumed  to  leave  die  surface 
at  the  experimentally  observed  separation  point  lying  between 
cells  a  and  a  + 1.  A  velocity  jump  is  imposed  across  the  vortex 
sheet  with  mean  values  of  die  fluid  properties  computed  at  the 
two  cells  in  the  following  manner 


a  marching  step  size  of  90%  of  the  CFL  limit  In  some  cases, 
mesh  effects  were  compared  by  halfing  and  doubting  the  mesh 
size.  Computations  featuring  canards  or  a  tail  were  tun  using 
multiple  zones;  otherwise,  a  one  zone  model  was  employed. 
The  streamline  angles,  <f>c.  d«.  fit  ■  Pc  were  taken  as  20°,  20°, 
20°  and  S°,  respectively. 

A.  BODIES  ALONE 

Experiment  and  computations  for  a  tangent-ogi  ve/cylinder 
body19  with  a  nose  fineness  ratio  of  4  and  a  length  of  ?  calibers 
are  shown  in  Figs.  5-7  for  *>  3.5,  4.0  at  a  =  10°,  15°. 
The  measured  flow  field  and  surface  pressure  distributions  at 
Af*>  =  3.5  and  a  =•  10°  are  illustrated  in  Rz.  5.  A  crossflow 
shock  is  located  on  the  leeside  of  the  body  followed  by  a  vortex 
which  is  primarily  die  product  of  boundary  layer  separation. 
The  10°  incidence  curve  it  marked  with  letters  A,  B  and  C. 


a  =  10° 


'  X  ' 


'  '  i 

'  A 


' 


r.  =5(^-1+ ■*!+!) 


*Wt  =  5  (£  +  ***)  (4b) 

Here,  F  denotes  either  p  or  p.  The  +  and  -  subscripts  denote 
the  leeward  and  windward  directions,  respectively.  The  ' 
superscripts  denote  old  values. 

The  flow  velocities  are  determined  at  each  of  the  two  cells 

totaTerthitoy  constraint  The  direction  oflhe'rtrcamliDe  at 
the  wail  ceil  on  the  windward  side  (cell  a)  of  the  separation 
line  is  specified  by  die  angles,  <t> ,  and  pc>  as  shown  in  Fig. 

2.  similarly,  at  die  wall  cell  00  the  leeward  side  (cell  s+1), 
the  streamline  is  specified  by  the  angles,  f}a  and  0C-  Once 
this  vortex  sheet  has  left  die  body  surface,  it  is  captured  by 
the  numerical  scheme.  ' 


COMPUTED  RESULTS  AND  DISCUSSION 

The  ZEUS  program,  coupled  with  the  separation  model  of 
Bet  8,  has  been  applied  to  tnissile-shsped  bodies  of  circular 
and  elliptic  cross  sections.  Calculations  included  bodies  alone 
and  bodies  with  lifting  surfaces.  Results  were  achieved  using 


9 

Figure  5.  Measured19  crossflow  plane  isobars  and  velocity 
directions  on  the  leeside  of  a  tangent-ogive/ 
cylinder  for  A/„  =  3.5,  a  =  10°  and  z/d  =  6.5. 
Measured  surface  pressure  distribution  are  also 
shown  at  various  incidences. 


•«****«*| 
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He  three-dimensional  separated  flow  over  a  tangent 
ogive/cylinder  body10  with  a  noae  fineness  ratio  of  3  and  a 
length  of  14.5  calibers  was  computed  far  “  2.5  at  a  = 
12°  16°  and  Moo  *  4.5  at  a  =  12°.  The  separation  tae  was 
estimated  from  the  experimental  surface  pressure  distribution 
by  Hodges.20  fig.  8  illustrates  surface  pressure  distributions  at 
four  axial  stations  for  M»  =  25  at  ft  *  16°.  Separated  results 
are  compared  with  experiment,  inviscid  ZEUS  calculattoos  and 
Ref.  g.  As  expected  for  all  cases,  the  inviscid  results  agree 
well  with  experiment  on  the  windside  of  the  body;  however,  as 
die  flow  expands  around  the  leeside  of  the  body,  the  pressure 
decreases  below  measurement,  and  a  crossflow  shock  occurs. 
With  the  separation  model  atkfcd,  ZEUS  computations  typically 
emulate  the  viscous  results  in  the  vicinity  of  the  separation 
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figure  8.  Surface  pressure  distribution  for  a  three  caliber 

tangent-ogive/cylinder  for  Moo  =  25,  a  =  16°  and 
lid  =  5-5, 8.5, 145.  Results  compare  ZEUS  with 
separation  model,  inviscid  ZEUS,  inviscid  Euler8 
and  measurement20  Windward  plane  is  (f  =  0°. 


point  Leeward  of  the  separation  point  in  the  region  under 
tire  main  vortex,  however,  the  pressures  we  somewhat  under- 
predicted  At  z/d  =  8.5,  computations  with  separation  modeled 
display  a  vortex  trapped  near  the  surface  and  a  reverse  crossflow 
shock  under  the  vortex  as  indicated  by  the  airow.  The  predicted 
vortex  is  too  strong,  as  indicated  by  the  large  dp  in  the  pressure 
distribution  behind  the  reverse  crossflow  shock,  which  is  not 
observed  experimentally.  Downstream  at  z/d  =  14.5,  however, 
this  discrepancy  subsides  as  the  vortex  lifts  away  from  the 
surface.  The  vortex  formation  and  lift  off  is  illustrated  in  fig. 
9  at  three  axial  stations  using  computed  isobars.  The  primary 
vortex  and  the  reverse  crossflow  shock  locations  are  matked.  A 
mesh  dependency  is  seen  in  the  leeside  flow  field  using  ZEUS. 
Similar  results  are  observed  for  Mx  =  2.5,  4.5  at  a  =  12° 
which  are  not  shown  here. 


z/d=5.5 


z/d=8.5 


(36  X  36)  (72  X  72)  (144  X  144) 


(36  X  36) 


z/d=14.5 
(72  X  72) 


figure  9.  Computed  pressure  contours  for  the  configuration 
of  Fig.  8  fcrMoo  =  25  and  a  =  16°  using 
ZEUS  w/separation  model.  Computations  are 
for  a  (36  x  36),  (72  x  72)  and  (144  x  144)  mesh 
at  ltd  =  55, 85  and  145.  Note  the  primary 
vortex  and  reverse  crossflow  shock. 
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Figure  10.  Monoplane  elliptic  missile  configuration.21 


exhibit  lee  side  separation.  On  the  other  hand,  for  the  Euler 
solutions,  a  sharp  shock  occurs  at  the  primary  separation  point 
while  a  supersonic  reverse  crossflow  shock  appears  beneath  the 
vonex.  A  dtp  in  the  pressure  distribution  is  observed  behind 
the  reverse  crossflow  shock  which  is  similar  to  the  results  for 
the  circular  bodies.  This  suction  peak  indicates  a  predicted 
vortex  which  is  to  close  to  the  surface.  Separation  modeling 
reduces  the  magnitude  of  the  shock  at  the  separation  point,  but 
the  leeside  vortex  location  is  unaffected.  Computed  crossflow 
isobars  and  velocity  vectors  are  illustrated  in  Fig.  12  for  Moo 
=  2,5,  a  —  20°  and  z/L  =  .95.  Separauon  modeling  only  affects 
the  solution  near  the  primary  separation  point 


Computations  were  performed  on  a  model21  with  a  ?:1 
elliptic  cross  section,  as  shown  in  Fig.  10.  Here,  the  separation 
line  _was  estimated  from  the  measured  surface  pressure 
distribution,  fig.  1 1  illustrates  the  surface  pressure  distribution 
at  three  axial  stations  at  Af«,  =  2.5  and  a  =  20°.  Computed 
results,  with  and  without  the  separation  model,  are  compared 
with  experimental  data,21  separated  Euler  calculations10  and 
Navier-Stokes  results.24  Windward  of  the  separation  point  ( <p  « 
90°),  all  methods  are  in  good  agreement  At  the  shoulder,  both 
experiment  and  the  Navier-Stokes  calculation  feature  separation. 
Tins  phenomenon  is  absent  for  the  inviscid  calculation  which 
experiences  a  pressure  over-expansior  at  the  shoulder  and  a 
leeside  crossflow  shock.  Improvements  in  the  leeside  pressure 
disuibution  near  the  shoulder  are  observed  when  separation 
modeling  is  included.  Furthermore,  the  separated  ZEUS  results 
are  m  reasonable  agreement  with  the  separated  solutions  of  Ref. 
10  in  predicting  the  leeside  pressure  plateau.  At  stations  iA- 
=  .6  and  .95,  measured  results  and  the  Navier-Stokes  solution 


INVISCID 


SEPARATED 


VELOCITY  VECTORS 
Figure  12.  Computed  pressure  contours  and  velocity  vectors 
for  the  body  alone  configuration  of  Fig.  10  at 
Mas  ~  2.5,  a  =  20°  and  z/L  —  .95.  Calculations 
are  for  ZEUS  with  and  without  separation 
modeling. 


B.  FINNED  BODIES 

Die  missile  shape22  shown  in  fig.  13  was  computed  at  Af„ 
l  f  ““I  $  =  0°.  lie  missile  is  characterized 

a  2-25  caliber  tangent  ogive  nose,  a  3.7  caliber  forebody 
ana  cruciform  canards  in  line  with  a  cruciform  taiL  Solutions 
werec*lcul*tca  using  separation  lines  estimated  at  i  =  90° 
and270°.  These  separation  lines  began  behind  the  canards  and 
terminated  just  ahead  of  the  tail.  The  rolling  moment  and  side 
force  compulsions  are  illustrated  in  fig.  13  with  canards  2  and 
4  asymmetrically  deflected  5°.  Comparisions  are  made  with 
pwssureddata  and  inviscid  ZEUS  calculations.16  Previously, 
inviscid  ZEUS  results  indicated  that  non-linear  trends  of  the 
vs.  a  curves  were  accounted  far;  however,  di^paivfes 
oecinred  between  measured  and  calculated  Ct,  as  shown  in  fig. 

agreemeTLis  %  *  result  of  inappropriately 
computed  body  votttces.  Die  inviscid  solution  generates  such 
vonices  by  virtue  of  crossflow  shocks  instead  of  boundary  layer 
separation  which  occurs  in  the  viscous  case.  By  modeling  the 
appropriate  mechanism  for  generating  body  vortices,  i.e  using 
a  body  boundaty  layer  separation  model,  improved  accuracy  m 
Ct  and  C,  is  achieved,  as  shown  in  fig.  13  for  =  2.5.  At 
=  3 J,  inclusion  of  the  separation  model  has  little  effect 
Cy'  Fig'  14  ^kys  computed  isobars 
and  axial  voracity  contours  at  two  axial  stations  between  the 
(rJL  =  11  and  30)  at  M„  =  zTa  = 
seamtion  model  Inclusion  of  the 
separation  mode]  dtmmatM  — u~cks  which 

i  vortices. 
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Figure  13.  Computed  and  measured  C;  vs.  a  and  Cy  vs.  a  for  the  cananVbody/tad  configuration22  for  =  2.5  and  3.5, 
^  =  0*  and  canards  2  and  4  deflected  asymmetrically  5° 


PRESSURE  CONTOURS  VORTICTTY  CONTOURS 


INVISCED  SEPARATED  INVISCED  SEPARATED 


figure  14,  Computed  pressure  sod  axial  vordcity  contours  for  die  configuration  of  fig,  13  (looking  downstream)  with 

canards  2  and  4  deflected  aayraraetrically  5°  for  =  2.5,  4  -  <F  and  »  =  18°  at  z=  11  snd  30.  CalcttSuioas 
are-foe  ZEU3  wi&  and  without  separation  modeling. 
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Mg.  15  comparts  measured  and  computed  Cn,  mb 
fiaetioo  of  wjiandeon  *  body-ail  m Me*  <t  Mx'*  2  and 

jtTdSl?iT..!?r^e  wWdl  U  *hown  “  R«-  35, 

« amaerixed  by  a  nose  fineness  of  3,  a  body  leaisl  of  12 

S®*!!!  ^  of  •?  calibers.  The  Jp^uLn 

T?  afeiiaacms  wis  esttmaed  from  the  measured 

rf3  fof  *  ogive  body  with  a  nose  fineness 

”,  ~  •”»  ■  2,  wwscid  computations  on  circular  bodies 

espedsdly  oo  the  ieeside  of  die  body.  By  otSjow 

C0®Putto?  *=  ieeside 
^  predictions  ate  obtained  on  the 
«3wt2; the  Me  *  4-5.  *«  inviscid  Ieeside  fin  force 

over^ftifflate  experiment.  Inclusion 
otae  separation  model  marginally  improves  computed  fin 
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fig.  16  compares  measured  and  computed  C/y,,  as  a 

taKm  «  mi1  m£i!,for  ®  IwfcKil  missUe20  with  twice  the 
SneJ^f  «  m  X  15-  ^  model  has  an  overall 

8noso£'ene»  of  3  and  fins  with  a  spin 
W  j.OcalibCT,  Ambient  conditions  are  M„  »  3.5  and  o  »  12' 
U  “dotted  ftom  the  experimental  surface’ 
pMtaedutribution  of  Hodges.20  Computed  and  measured  fin 
i^*®ree*fIl.on  *e  wmdside  of  the  body,  however,  fovijdd 
of  t)SUh£t^:^k,tlTS  .hi?h'r  *an  experiment  on  the  ieeside 
Ae'seoanu™  t5L'?^“Wy  0f  **?  bod3'  VQrtices.  Inclusion  of 
17^  186  comPute<1  fin  loads  in  this 

mf^dd  of  fL^m^MC'.£S  8  fuBCtion  of  roU  angle  for 
2!  °iv  e'  ,S‘  Iaviscitl  comPutations  and  experiment 
are  in  reasonable  agreement  over  the  full  range.  Therefore 

mocieHf  rniy  sIi?ht,y  improved  when  the  separation 
model  is  applied.  Comparison  of  the  results  in  Figs.  15-17 

*^3Ulti  m  oi>taincd  on  fins  with  larger 
2wh  ,^fl“re4S?£n  ?pafl  diminishes  the  portion  of  the  fin 
which  is  influenced  by  the  boundary  layer. 
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figure  16.  Computed  and  measured  CA„.  with  the  fin  at 
vanous  roll  positions  for  the  body/wing 
configurarion  Conditions  are  for  M„  =  3.5 
at  a  -  12  .  Calculauons  are  for  ZEUS  with 
and  without  separation  modeling. 
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figure  15, 


Computed  and  measured  Cj/,,  wi*  fin  at 
vanous  roll  positions  for  ^  oody/wing 
configuration."  Conditions  are  for  M_  =  2 
and  4.5  at  t>  =>  10° .  Calculations  ate  for  ZEUS 
w«h  and  without  separation  modeling. 
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figure  17.  Computed land  measured  1C,  with  the  fin  at  vanous 
roUptaiQoos  fa-  the  configuration  of  Fig.  16. 
Conditions  arc  for  =  3.5  at  a  =  12» 
Calculauons  are  for  ZEUS  with  and  without 
separation  modeling  ' 
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finally,  computations  were  performed  on  the  elliptic  body21 
of  fig.  10  with  the  lifting  surfaces.  Predicted  surface  pressures 
with  and  without  separation  modeling,  shown  in  fig.  18, 
compare  favorably.  This  suggests  that  the  inclusion  of  the 
wings  and  the  tail  has  a  dominate  effect  on  die  leeside  flowfield 
which  leads  to  the  minimal  influence  of  the  separation  modeL 
This  is  further  illustrated  by  the  crossflow  isobars  and  velocity 
vectors  in  fig.  19.  Addition  of  the  separation  model  changes 
Cn  and  Cm  by  less  than  1%  (not  down  here). 


Figure  18.  Computed  and  measured  Cp  vs.  <j>  for  the 
body/wing/tail  configuration  of  fig.  10  at 
M&,  =  2.5,  a  =  20°  and  tiL  =  .95. 
Calculations  are  for  ZEUS  with  and  without 
separation  modeling. 


figure  19.  Computed  pressure  contours  and  velocity  vectors 
for  the  body/wing/tail  configuration  of  fig.  10 
at  Mx  *  «,  a  *  20°  and  tit  =  .93.  Calculations 
are  for  ZEUS  with  and  without  separation 
modeling. 


V.  CONCLUSIONS 

A  separation  model  has  been  coupled  to  a  space  marching 
Euler  code  and  applied  to  missiles  with  circular  and  non¬ 
circular  bodies.  'The  separation  model  was  most  effective  in 
improving  predictions  on  missiles  with  circular  bodies  at  Mach 
numbers  below  3.5.  An  examination  of  the  calculated  flow 
field  indicates  that  die  separation  model  destroys  the  crossflow 
shock,  which  occurs  in  die  inviscid  calculation,  and  produces  a 
large  leeside  vortex  bringing  the  computed  flow  field  structure 
into  qualitative  agreement  with  experiment.  This  improved 
flow  field  description  increases  the  accuracy  of  the  predicted 
body  and  tin  loads.  However,  quantitative  differences  remain 
between  the  predicted  and  measured  flow  field.  At  higher  Mach 
numbers  a  similar  change  in  flow  field  structure  is  introduced 
by  the  separation  modeL  Here,  pressures  on  the  leeside  of  the 
model  are  low,  and  the  predicted  loads  are  not  significantly 
affected  by  the  separation  model. 

Inviscid  predictions  for  missiles  with  elliptic  bodies  (minor 
axis  parallel  to  the  pitch  plane)  agree  well  with  experiment 
even  in  the  absence  of  a  separation  model.  Here,  the  crossflow 
shock,  which  develops  in  the  inviscid  solution,  is  located 
near  the  shoulder  (^  =  90°)  as  is  the  experimentally  observed 
sepwation  point  Predicted  and  measured  surface  pressures 
are  in  close  agreement  except  near  the  shoulder  where  the 
inviscid  predictions  are  much  lower  than  experiment.  This 
discrepancy  is  caused  by  an  expansion  at  the  shoulder,  followed 
by  a  crossflow  shock  which  occurs  in  the  inviscid  solution. 
Experimentally,  these  phenomena  are  replaced  by  boundary 
layer  separation.  The  separation  model  diminishes  the  strength 
of  the  crossflow  shock  and  increases  the  pressure  in  this  region 
but  has  little  influence  on  the  missile  loads. 
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1.  SUMMARY 

Pegasus1  M ,  a  threwtage,  air-launched,  winged  apace  booster  is 
currently  under  development  to  provide  feat  and  efficient 
commercial  launch  cervices  for  small  satellites.  The  aerodynamic 
design  and  analysis  of  the  vehicle  has  been  conducted  without 
benefit  of  wind  tunnel  and  subscale  model  testing  using  only 
computational  aerodynamic  and  fluid  dynamic  methods.  All  levels 
of  codes,  ranging  in  complexity  from  empirical  database  methods 
to  threedimensional  NsvteeStokes  codes,  were  used  in  the  design. 
This  paper  describes  the  design  and  analysis  requirements,  the 
unique  and  conservative  design  philosophy,  and  the  analysis 
methods  considered  for  the  various  technical  areas  of  interest  and 
concern. 


AX  aspect  ratio 
c  mean  aerodynamic  chord 

CD  drag  coefficient 
C.  rolling-moment  coefficient 

q.  dq/df) 

CL  Uft-cOeffldeut 
q„  pitching-moment  coefficient 
cma  dCVd« 

C  yawing-moment  coefficient 
q.  dC./dp 

Cf]  normal-force  coefficient 

qsIa  dq/da 

Cy  side-foroe  coefficient 
Cys  dCy/dfi 

g  gravitational  acceleration 

h  altitude 
1  reference  length 
M„  Mach  number 

dynamic  pressure 
t  lime 

x  aidal  coordinate  measured  from  il*  nose 
y  lateral  coordinate 
x  vertical  coordinate 
a  angle  of  attack 

P  angle  of  sideslip 

4  angle  of  roll 

A  taper  ratio 


Subscripts 

cp  center  of  pressure 
m  center  of  moments 


As  part  of  this  development  philosophy,  the  authors  formed  a 
design  team  responsible  for  aerodynamic  analysis  and  support  for 
a  number  of  different  technical  areas  including  trajectory 
requirements,  aerodynamic  loading  distributions,  stability  and 
control,  and  aerodynamic  heating.  The  flight  conditions  considered 
included  carriage  and  launch  from  the  B-52  parent  aircraft, 
transonic  flight  at  high  angles  of  attack,  supersonic  flight  over  the 
entire  angle  of  attack  range,  and  hypersonic  flight  to  first-stage 
burnout  For  this  entire  flight  regime,  it  was  necessary  to  select  and 
validate  appropriate  prediction  methods,  estimate  the  level  of 
accuracy  achieved,  and  Emit  the  flight  envelope  ai  necessary  based 
on  experience  and  engineering  Judgement. 

The  purpose  of  this  paper  Is  to  discuss  the  computational 
techntquea  used,  from  engineering  methods  (empirical 
databaae/theoredcal  codes)  to  computational  fluid  dynamics  (CFD) 
methods,  and  the  results  obtained  from  each  level  of  prediction 
method.  Though  specific  codes  will  be  described,  it  is  not  the 
purpose  of  the  paper  to  evaluate  Individual  codes,  but  to  evaluate 
the  approach  of  uatng  a  number  of  different  codes  for  detailed 
aerodynamic  design  of  a  new  flight  vehicle  for  which  no  test  data 
exist 


To  gain  the  advantages  of  increased  payload  performance  and 
operational  flexibility,  Pegasus  is  carried  aloft  beneath  the  wing  of  a 
B-52  bomber  or  a  modified  conventional  commercial  transport 
aircraft.  The  performance  improvements  over  ground  launch  are  a 
result  of  both  the  aircraft  forward  velocity  and  the  initial  launch 
altitude.  Launch  at  40,000  feet  contributes  to  lower  dynamic 
pressure,  lower  drag,  and  lower  structural  and  thermal  stresses. 
The  reduced  atmospheric  pressure  range  encountered  by  the  fust 
stage  permits  optimisation  of  the  first-stage  nozzle.  All  things 
considered,  a  winged  air-launch  vehicle  has  a  significant  payload 
mass  fraction  advantage  over  conventional  ground  launches. 

In  level  flight  at  Mach  0.8  and  40,000  feet,  Pegasus  is  released  from 
the  carrier  aircraft  and  allowed  to  free-fall  for  5  seconds  After  first- 
stage  ignition,  Pegasus  begins  a  2-5-g  pull-up  maneuver  using  wing 
lift  and  thrust  while  accelerating  through  the  transonic  speed 
regime  and  maximum  dynamic  pressure.  When  first-stage  burnout 
occurs  after  82  seconds,  the  vehicle  has  reached  Mach  8.7  at  an 
altitude  of  over  200 AW  feet.  The  first-stage,  which  includes  all  the 
aerodynamic  lifting  surfaces,  is  separated  from  the  second  and 
third  stages  at  this  time.  A  typical  baseline  flight  profile  is 
illustrated  in  Figure  Z 


Pegasus  (Fig.  I)  is  an  air-launched  space  booster  designed  to  satisfy 
branch  requirements  for  small  payloads  in  a  variety  of  missions. 
The  objective  of  this  privately  financed  development  program  is  to 
provide  reliable  space  launch  services  at  a  low  cost  on  a  near-term 
schedule.  Under  this  joint  venture  between  Orbital  Sciences 
Corporation  and  Hercules  Aerospace  Company,  the  design 
approach  is  based  on  a  conservative  development  using 
conventional  techniques  while  exploiting  state-of-the-art 
technology  and  experience.  Most  of  the  aerodynamic  design  is 
based  on  proven,  existing  vehicles;  therefore,  no  wind  tunnel  tests 
were  included  in  the  program,  and  readily  available  computational 
codes  were  used  for  an  aerodynamic  analyses. 


For  purposes  of  this  paper,  the  end  of  the  aerodynamic  analysis  is 
denoted  by  first-stage  separation.  At  this  high  altitude,  the  low 
dynamic  pressure  makes  the  aerodynamic  forces  and  moments 
negligible  compared  to  thrust  and  inertial  forces. 

4.1  Geometry 

A  sketch  of  the  complete  configuration  ts  shown  in  Figure  1.  The 
blunt  nose  body  is  cylindrical  with  a  constant  diameter  of  about  4 
feet  over  the  total  body  length  of  50  feet  A  fairing  between  the 
wing  and  the  body  and  a  slight  expansion  near  the  tail  to 
accomodate  the  nozzle  of  the  first  stage  rocket  engine  are  the  only 
modifications  to  the  cylindrical  shape.  The  wing,  a  clipped  delta 
plan  form,  is  mounted  on  top  of  the  fuselage,  slightly  aft  of  mid¬ 
length.  The  wing  span  of  22  feet  is  dictated  by  the  available 
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clearance  from  the  B-52  aircraft  and  ia  the  Mine  as  the  X-15  research 
aircraft.  The  graphite  composite  wing  hai  a  modified  double 
wedge  airfoil  section.  The  position  of  the  wing  is  critical  to 
minimlxe  the  pitching  moment  variation  due  to  the  large  center  of 
gravity  travel  during  first-stage  bum. 

The  tail  section  is  composed  of  clipped  delta  p Unform  horiaontal 
stabilizers  and  vertical  rudder.  These  all-movable  surfaces  are  also 
double  wedge  sections  made  of  graphite  composite  structure. 
Other  important  details  of  the  geometry  which  must  be  considered 
in  the  aerodynamic  analysis  are  the  Interaction  of  the  wing  and  tail 
surfaces  and  the  contours  and  comers  produced  by  the  wing-body 
fairing. 

Though  significantly  different  from  the  X-15  geometry,  there  are  a 
number  of  similarities  between  the  configurations  that  are  dictated 
by  the  8-52  carriage  and  Uunch  requirements  (fig.  1(b)).  Given 
these  similarities,  the  aerodynamic  characteristics  of  Pegasus  can  be 
compared  with  measured  and  predicted  X-15  aerodynamics  to 
provide  a  realistic  check  of  the  computational  results. 

4.2  Aerodynamic  Requirements 

A  typical  baseline  mission  profile  for  Pegasus  is  shown  in  Figure  2 
to  illustrate  the  aerodynamic  requirements.  Note  that  the 
aerodynamic  portion  of  the  flight  involves  only  the  first  80  seconds 
of  the  mission.  Briefly,  launch  from  the  8  52  occurs  at  M«  021  at  a 
low  angle  of  attack.  The  angle  of  attack  immediately  increases  to 
nearly  20  degrees  as  Pegasus  accelerates  through  the  transonic 
regime  to  supersonic  speed.  During  this  part  of  the  mission, 
Pegasus  is  gaining  altitude  using  both  rocket  thrust  and  wing  lift. 
By  M  «  3,  the  angle  of  attack  is  down  to  5  degrees,  and  by  M  «  6  it 
Is  nearly  zero  degrees.  Different  missions  will  dictate  different 
angle  of  attack  and  Mach  number  schedules. 

A  flight  envelope  Is  illustrated  by  the  solid  curve  in  Figure  3,  end 
the  names  of  various  computer  codes  are  shown  to  illustrate  their 
tenge  of  applications  The  codes  noted  on  this  figure  are  discussed 
in  e  later  section.  Before  a  decision  sbout  appropriate  aerodynamic 
prediction  methods  can  be  made,  the  aerodynamic  requirements 
for  the  various  technical  areaa  are  needed.  A  minimum  let  of 
requirements  is  shown  In  Figure  4.  For  trajectory  simulations,  the 
longitudinal  and  lateral  aerodynamic  characteristics  must  include 
effects  of  control  surface  deflections  since  trim  calculations  are 
required  throughout  the  trajectory.  Some  of  the  other  items  in 
Figure  4  sre  specific  to  Pegasus;  for  example,  the  wing  fairing  shock 
interference  is  of  interest  because  of  a  specific  vehide  component, 
and  the  B-52  pylon  carriage  loads  and  separation  trajectories  are 
required  because  of  the  nature  of  the  launch.  Then  amber  of  flow 
conditions  shown  for  each  requirement  is  a  conservative  estimate 
baaed  on  preliminary  design  considerations.  In  reality,  items  such 
as  the  longitudinal  and  lateral  aerodynamic  matrices  were 
calculated  a  number  of  times  as  the  design  changed,  therefore,  the 
1,400  flaw  conditions  shown  were  calculated  as  many  as  four 
different  times. 

43  Aerodynamic  Design  Philosophy 

Economics  and  accuracy  were  under  constant  consideration  during 
the  computational  aerodynamic  analyses.  In  some  cases,  the 
number  of  calculations  required  dictated  the  codes  and  methods 
that  could  be  uaed;  for  example,  even  If  it  were  technically  possible, 
the  aerodynamic  matrices  could  not  be  developed  Using  CFD 
methods  because  of  the  coat  and  time  involved.  There  matrices  of 
aerodynamic  characteristics  had  to  be  calculated  using  simpler, 
faster  engineering  methods.  However,  certain  of  the  calculations 
involving  flow  separation  and  shock  wave  interference  are  too 
complex  for  simple  methods,  and  these  results  can  only  be  obtained 
using  modem  CFD  techniques  involving  solutions  of  foe  Navier- 
Stokea  equations.  In  other  cases,  intermediate  methods  such  as 
panel  methods  and  solutions  of  the  Euler  equations  were  sufficient 
to  provide  foe  design  details  required. 

Additional  considerations  in  foe  aerodynamic  design  philosophy 
were  code  availability,  ease  of  use,  engineering  capability,  and 
riotuSdenceleveL  Obviously,  codes  that  are  talt  to  acquire  and 
uae  cannot  be  considered  for  a  design  atudy  like  Pegasus  because  of 
the  time  conetraints  lnvolved.  Also,  there  is  generally  little  time 
available  for  code  development  and  traitring;  therefore,  reliable 


codes  familiar  to  the  design  group  are  a  necessity.  Finally,  since  no 
wind  tunnel  data  are  available  for  guidance,  there  muat  be  a  high 
degree  of  confidence  in  the  prediction  methods  so  thst  a  large 
amount  of  time  la  not  spent  validating  the  selected  codes.  Missile 
designers  and  analysts  have  noted  that  the  aerodynamic  design  of  a 
new  vehicle  may  be  limited  by  the  highest  level  of  code  wilh  which 
foe  aerodynamics  design  group  is  familiar.  The  objective  of  the 
Pegasus  effort  was  to  use  the  highest  level  code  required  for  the 
specific  taak. 

In  this  commercial  design  effort,  time  became  an  Important  factor 
for  aome  Items.  The  basic  aerodynamic  analysis  had  to  be 
completed  quickly  in  the  conceptual  design  stage  so  thst  the  design 
effort  could  move  on  toward  final  design.  As  geometric 
modifications  were  made,  rapid  aerodynamic  evaluation  was 
necessary  so  that  performance  characteristics  were  available  in  a 
timely  manner  for  mission  analysis. 

After  the  preliminary  aerodynamic  design,  there  Is  generally  more 
time  available  for  aerodynamic  support.  Por  example,  the 
calculation  of  aerodynamic  heating  and  aerodynamic  loads  for 
structural  design  require  the  use  of  more  complex  methods,  but  the 
timing,  though  still  important,  ia  not  as  critical.  Similarly,  very 
detailed  fluid  mechanic  analysis  of  certain  flow  characteristics  may 
require  a  significant  effort  using  modem  CFD  methods,  but  the 
results  of  this  study,  though  important  for  foe  final  design,  may  be 
carried  out  over  a  longer  period  of  time  after  the  final  aerodynamic 
design  ia  fixed.  The  method-selection  process  for  this  design  effort 
will  be  described  in  greater  detail  in  the  next  section. 


3.  TECHNICAL  DISCUSSION  AND  RESULTS 

A  number  of  different  aerodynamic  design  and  analysts  codes  were 
applied  to  Pegasus;  the  portions  of  the  flight  envelope  considered 
by  various  codes  are  shown  in  Figure  3.  The  different  codes  used 
sre  identified  in  Figure  5,  and  descriptions  of  each  code  are 
presented  in  the  following  paragraphs.  Since  it  is  important  to  see 
the  relationship  between  the  specific  aerodynamic  task  and  the 
code  or  codea  selected,  sample  results  will  be  presented  and 
dlacusaed  at  the  same  time  the  prediction  methods  are  described. 

5.1  Preliminary  Design 

As  noted  above,  speed  and  accuracy  are  important  considerations 
for  the  codes  used  for  preliminary  design  purposes.  A  number  of 
possible  codes  are  available  for  this  task,  but  as  discussed  in 
Reference  1,  not  all  codea  are  applicable  to  foe  configuration  and 
flow  conditions  of  Interest  for  this  investigation.  Since  no 
experimental  data  on  Pegasus  was  to  be  available,  a  conservative 
approach  was  taken  for  the  analysis  and  a  number  of  different 
codes  wet.  selected  for  the  preliminary  aerodynamic  design  phase. 

Two  independent  engineering  code  for  preliminary  design  and 
analysis,  MISL3  (Refs.  2  and  3)  and  Missile  DATCOM  (Ref.  4  and  5), 
were  used  in  parallel  to  predict  the  longitudinal  and  lateral 
aerodynamic  characteristics  of  Pegasus  over  foe  first  part  of  the 
flight  envelope  below  Mach  5.  Between  Mach  4  and  8,  the  S/HABP 
(Ref.  6)  and  MADM  (Ref.  7)  codes  were  selected. 

MISL3  Is  a  semiempirical  code  which  uses  a  combination  of 
theoretical  methods  with  nonlinear  corrections  for  the  body  and  an 
extensive  experimental  data  base  for  wing  and  tail  fin  loads.  The 
data  base  inherently  includes  viscous  and  compressibility  effects  as 
well  as  fin-body  gap  effects.  The  code  emphasizes  high  angles  of 
attack  and  transonic  speeds,  important  flow  regimes  for  Pegasus. 
Mutual  interference  between  control  surfaces  is  also  considered  in 
tite  data  bare,  another  important  feature  for  the  anticipated  flight 
profile.  To  provide  some  confidence  in  the  applicability  of  this 
code,  MISL3  has  been  validated  by  comparison  of  measured  and 
predicted  aerodynamic  characteristics  with  a  number  of  different 
configurations  (Refa.  2, 3, 8,  and  9).  The  range  of  application  of  the 
flow  parameters  In  the  MISL3  data  base  is 

03  <  M^<  5.0 
-45.0  <  a  <  45.0 

0.0  <  t  <«.o 

025  <  AR  <  4.0 
OO  <  A  <  1.0 
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Missile  DATCOM 1)  bated  on  the  body  buildup  method  end 
Include*  t  number  of  prediction  method*  for  etch  component  of 
the  configuration,  tt  w*s  developed  specifically  for  preliminary 
design  applications,  end  it  he*  also  been  validated  by  numerous 
comparisons  with  experimental  data  (Refs.  4, 9  and  10).  Even 
though  MISL3  and  MimQe  DATCOM  use  some  similar  approaches, 
they  are  independent  codes  with  individual  strengths  and 
weaknesses.  For  exam  pie,  Missile  DATCOM  predict*  axial  force  or 
drag  much  better  than  M1SL3,  but  MKL3  predicts  vortex-induced 
forces  and  moments  at  high  angles  of  attack  better.  The  body  toads 
in  Missile  DATCOM  have  proved  to  be  more  accurate  than  those 
from  MBL3  in  subsonic  flow. 

Both  of  these  code*  should  provide  independent  predictions  of 
Pegasus  aerodynamic*.  Throughout  the  preliminary  aerodynamic 
analysts,  both  code*  were  tun  in  parallel  for  all  flow  conditions  and 
the  results  were  compared.  Since  some  of  the  flight  regime 
involves  high  angles  of  attack  where  vortex-  induced  nonlinearities 
can  dominate  the  aerodynamic  characteristics,  there  is  hkdy  to  be 
some  disagreement  between  the  results  from  the  two  codes.  When 
this  occurs,  higher  level  codes  can  be  used  to  predict  a  limited 
number  of  results  to  help  resolve  the  differences.  These  higher 
level  codes  are  described  in  a  following  section 

Predicted  static  longitudinal  aerodynamic  characteristics  of  the 
complete  Pegasus  configuration  with  control  surfaces  undeflected 
are  shown  in  Figures  fer  the  range  of  Msch  numbers.  Results  from 
both  MISL3  and  Missile  DATCOM  are  shown.  Agreement  is  very 
good  for  the  entire  range  of  Mach  numbers  at  moderate  angles  of 
attack,  but  there  is  some  disagreement  above  a  «  10*,  a  good 
indication  that  predicted  vortex  effects  are  different  between  the 
two  codes.  The  final  Aerodynamic  characteristics  are  determined 
by  a  combination  of  the  two  results,  giving  consideration  to  the 
respective  strengths  of  both  codes.  One  use  of  these  aerodynamic 
results  is  for  trajectory  simulations;  therefore,  the  calculations  were 
repeated  for  a  range  of  horizontal  tail  deflection  angles  to  complete 
the  longitudinal  aerodynamic  matrix. 

A  matrix  of  Pegasua  lateral  aerodynamic  characteristics  was 
generated  by  varying  the  sideslip  angle  and  the  rudder  deflection 
angle.  ..oil  control  information  was  generated  by  computing  the 
effects  of  differen  dal  deflection  of  the  horizontal  tail  surfaoes. 

Verification  of  the  above  approach  for  longitudinal  aerodynamic 
characteristics  was  essential  to  build  confidence  In  the  calculation 
procedure.  Experimental  results  are  available  on  a  similar 
configuration  at  M_  »  2  in  Reference  12,  and  comparisons  of 
measured  and  predicted  lift,  drug,  and  center  of  pressure  are 
shown  In  Figure  7  for  a  range  of  angles  of  attack  up  to  the 
maximum  angle  permitted  for  the  Pegasus  mission-  The 
comparisons  are  in  very  good  agreement  over  the  entire  range  of 
angles  of  attack.  Since  the  longitudinal  center  of  pressure  was  not 
in  as  good  agreement  as  the  force  coefficients,  a  sensitivity  study 
was  performed  to  Illustrate  the  effect  of  moving  the  moment  center 
an  amount  equal  to  10-percent  of  the  mean  aerodynamic  chord.  It 
Is  apparent  that  this  is  approximately  the  magnitude  of  the  error  in 
the  predicted  center  of  pressure. 

The  two  previous  codes  have  an  upper  limit  of  Mach  5;  therefore, 
another  code  was  required  for  the  higher  Mach. number  ranges. 
Missile  DATCOM  has  a  hypersonic  option  which  was  used  at 
selected  flow  conditions;  however,  other  codes  are  more 
appropriate  to  this  Row  regime.  S/HABP  and  MADM  (Refs-  6  and 
7)  were  applied  to  Pegasua  for  Mach  numbers  between  4  and  8. 
Note  that  there  is  also  an  overlap  in  the  Mach  region  at  which 
preliminary  design  codes  were  used  to  be  certain  of  continuity  of 
results.  MADM  is  a  major  upgrade  of  the  S/HABP  code  anti 
includes  additional  capability  to  improve  the  pressure  prediction  at 
supersonic  speeds.  Both  codes  are  panel  codes  that  use  impact 
methods  to  predict  pressure  distributions  on  arbitrary 
configurations.  The  disadvantages  with  these  codes  are  the  absence 
of  wing  «i8  vortical  Interference  effects  and  the  requirement  that 
the  user  select  the  appropriate  force  calculation  procedure  from  the 
many  options.  However,  it  is  possible  to  validate  rite  codes  with 
experimental  or  other  predicted  results  to  enhance  the  use  of  the 
method.  Since  the  angles  of  attack  at  the  higher  Mach  numbers  is 
very  low  and  if  ia  expected  that  the  aerodynamic  characteristics 
will  be  well  behaved,  MADM  seas  rite  only  code  used  for  these 


calculations.  The  MADM  results  were  compared  with  M1SL3  and 
Missile  DATCOM  results  between  Mach  4  and  5  to  test  for 
consistency  and  accuracy. 

Predicted  lift  and  drag  coefficients  at  M»  »  8  are  shown  in  Figure  8 
for  a  range  of  angles  of  attack  far  beyond  that  expected  during 
flight  An  impact-para  1  representation  of  Pegasus  ia  also  shown  in 
the  figure.  No  data  on  a  similar  configuration  in  this  Mach  range 
are  available  for  comparison  purposes. 

5-2  Engineering  Methods 

The  next  level  of  code  available  for  aerodynamic  calculations  is  a 
panel  method.  For  Pegasus,  the  high  angles  of  attack  experienced 
at  both  subsonic  and  supersonic  speeds  add  the  requirement  that 
vortex-induced  effects  be  included.  These  vortex  effects  are  those 
associated  with  vortex  shedding  from  the  body  ahead  of  the  wing 
SUPDL,  an  improved  version  of  the  NWCDM-NSTRN  supersonic 
code  described  in  Reference  11,  was  immediately  available  for 
analysis  over  the  Pegasus  flight  envelope  up  to  Mach  3.  A  subsonic 
version,  SUBDL,  was  also  available  for  use  in  the  limited  flight 
regime  between  launch  and  the  onset  of  transonic  flow. 

SUPDL  represents  the  components  of  the  configuration  with 
distributions  of  singularities  derived  from  supersonic  linear  theory 
The  body  is  modeled  with  linearly  varying  supersonic  line  sources 
and  doublets  to  account  for  volume  and  angle  of  attack  effects,  and 
the  lifting  surfaces  and  body  interference  regions  are  modeled  with 
planar  supersonic  lifting  panels.  Nonlinear  fm  loads  associated 
with  leading  edge  and  side  edge  separation  at  high  angles  of  attack 
are  included.  Other  important  nonlinearities  from  forebody  and 
afterbody  separation  vortices  are  included  as  is  the  interference 
effect  of  the  wing  trailing  vortidty  on  the  tail  fins.  SUPDL  also  has 
the  capability  of  predicting  the  aerodynamic  characteristics  of  the 
configuration  under  constant  pitch,  yaw,  and  roll  rates.  This  is 
particularly  useful  for  obtaining  damping  derivatives  to  a  first 
approximation. 

The  predicted  distribution  of  aerodynamic  loads  from  both  SUBDL 
and  SUPDL  are  easily  converted  for  use  in  the  structural  analysis 
code  NA5TRAN.  This  information  on  the  wing  and  tail  fins  at  a 
number  of  different  flow  conditions  was  provided  to  the  structural 
designers.  Predicted  loading  distributions  on  the  wing  in  subsonic 
and  supersonic  flow  at  a  high  angle  of  attack  are  shown  in  Figure  9 
The  arrows  represent  the  magnitude  of  the  aerodynamic  loading  at 
specific  wing  locations  considered  in  the  aerodynamic  analysis. 

53  Carriage  and  Launch  Methods 

Areas  that  do  not  bear  directly  on  the  aerodynamic  design  of 
Pegasus  are  the  carnage  and  launch  characteristics.  The  carnage 
loads  are  critical  to  the  design  of  the  B-52  pylon  adaptor  as  well  as 
flight  safety  and  mission  viability.  The  launch  characteristics  are 
important  not  only  for  the  safety  of  the  launching  aircraft  but  for 
the  initial  flight  conditions  of  Pegasus.  These  characteristics  can  be 
measured  experimentally,  but  the  expense  and  delay  in  the  design 
schedule  are  usually  not  practical  for  a  commercial  effort;  therefore, 
an  analytical  approach  was  selected. 

Carriage  loads  and  launch  characteristics  require  that  Pegasus' 
aerodynamic  loads  be  known  in  the  flow  field  of  the  launching 
aircraft,  a  B-52  for  the  initial  analysis.  Previous  work  in  the 
prediction  of  store  separation  from  various  aircraft  (Ref.  13), 
including  the  B-52  (Ref.  14),  provided  the  necessary  capability 
Previous  validation  of  these  methods  (Ref.  15)  on  a  number  of 
different  store  separation  problems  was  sufficient  to  give 
confidence  in  the  predicted  results. 

Carriage  loads  were  calculated  using  both  the  load  prediction 
method  in  the  store  separation  code,  SUBSTR  (Ref.  13),  and  the 
panel  code  SUBDL  integrated  into  SUBSTR.  In  each  case  Pegasus 
was  placed  in  the  predicted  nonuniform  flow  field  associated  with 
the  B-52  at  various  flight  conditions.  Altitude,  airspeed,  and 
perturbations  io  the  flight  path  caused  by  gusts  were  considered. 
Forces  and  moments  on  Pegasus  were  predicted,  and  the  loads  on 
the  pylon  attachment  points  were  calculated  and  examined  for 
problems.  In  every  case,  the  predicted  loads  were  within  accepted 
safety  limits. 
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Launch  characteristics  w ere  calculated  using  SUBSTR  with  its  six- 
degree-of-freedom  trajectory  simulation  capability.  For  this 
analysis,  Pegasus  is  launched  from  the  B-52  with  all  controls 
inactive  and  neutral  for  the  first  five  seconds;  therefore,  the  initial 
flight  trajectory  whitein  the  influence  of  flic  B-52  determines  the 
position  and  attitude  ofFegaaus  at  Ignition.  The  first  three  seconds 
of  a  normal  launch  are  shown  in  Hgore  10.  Notice  that  Pegasus 
falls  away  from  the  B-52  with  a  slightly  nose  down  attitude  and 
small  roll  angle  away  from  the  fuselage.  The  predicted  Pegasus 
trajectory  is  in  good  agreement  with  measured  and  predicted  X-1S 
trajectories  (Ref.  16);  however,  the  pitch  and  roll  angles  associated 
with  Pegasus  are  much  less  than  those  experienced  by  the  X-15. 

Another  feature  of  the  analytical  launch  prediction  method  is  its 
ability  to  investigate  non-standard  launch  characteristics.  Though 
not  planned,  if  Pegasus  is  dropped  with  controls  locked  in  various 
fully  deflected  positions  corresponding  to  pitch,  yaw,  or  roll 
control,  it  is  essential  to  identify  a  priori  any  emergency  launches 
which  could  endanger  the  B-52  aircraft.  A  number  of  extreme 
launch  conditions  were  simulated  with  SUBSTR.  In  ever;  case, 
though  file  trajectory  may  have  been  erratic  and  uncontrollable, 
Pegasus  cleared  the  B-52  and  fell  safely  away  from  tile  aircraft 

5.<  Other  Methods 

Based  on  the  results  presented  above,  the  missile  designer  msy 
begin  to  believe  that  all  aerodynamics  problems  can  be  solved  with 
one  code  or  another.  Before  this  happens,  it  is  time  to  return  to 
reality  and  examine  an  Important  area  in  which  large  uncertainties 
exist  In  analytical  methods.  That  are*  is  the  calculation  of  static  and 
dynamic  stability  derivatives. 

The  Missile  DATCOM,  MEL3,  SUBDL  and  SUPDL  codes  have  the 
capability  of  calculating  important  stability  derivatives,  but  there 
has  not  been  enough  verification  to  build  the  confidence  level  for 
the  results.  Fortunately,  the  similarity  between  the  X-15  and 
Pegasus  provides  a  means  to  estimate  the  quality  of  the  predicted 
stability  derivatives.  Static  longitudinal  and  lateral  derivatives  are 
available  from  Missile  DATCOM  and  M1SL3  at  specified  flow 
conditions,  and  a»S*  was  selected  for  the  calculations  between 
Mach  0.6  aid  S4X  The  results  from  the  M  ADM  code  were  in  good 
agreement  with  these  results  between  Mach  4  and  S;  therefore, 
MADM  was  used  for  predictions  to  Mach  8.  The  predicted  static 
longitudinal  derivatives  as  a  function  of  horizontal  tail  deflection 
angle  and  Mach  number  are  shown  in  Figure  11  along  with  flight 
measurements  on  the  X-15  from  Reference  17.  One  difference  in  the 
moment  curves  between  Pegasus  and  the  X-15  is  caused  by  the 
Urge  movement  of  the  center  of  gravity  during  first-stage  bum  and 
its  effect  on  the  derivatives  at  high  Mach  numbers.  Similar  results 
and  comparisons  for  the  static  lateral  characteristics  are  shown  tn 
figure  12.  In  general,  the  static  characteristics  of  Pegasus  are  very 
similar  to  those  for  the  X-15  over  tile  entire  ffight  range  of  interest 

The  SUBDL  and  SUPDL  codes  were  used  to  check  the  sbove  results 
at  selected  flow  conttitions  at  moderate  Mach  numbers.  This  higher 
level  calculation  verified  the  rimpter  methods. 

The  prediction  of  dynamic  stability  derivatives  is  more  difficult, 
and  there  are  few  codes  available  for  this  task.  As  a  consequence, 
the  level  of  uncertainty  is  higher  than  for  the  static  derivatives.  A 
method  based  on  supersontc  linear  theory  it  described  in  Reference 
18,  and  it  proved  successful  for  the  X-15.  This  approach  was 
applied  to  Pegasus,  and  foe  predicted  pitch  damping  results  are 
shown  in  Hgure  13  as  foe  curve  detioted  Linear  Theory.  Flight  teat 
and  wind  tunnel  messurementx  on  the  X-15  are  shown  In  the  same 
figure,  and  foe  general  character  of  titisderivative  is  very  sunflar  to 
the  predictions  for  Pegasus.  As  a  check  on  this  simple  approach, 
the  code  SUPDL  was  applied  to  a  (filching  Pegasus  configuration, 
and  the  results  are  compared  to  the  linear  theory.  The  agreement 
between  the  me thodi  la  very  good  in  the  limited  Mach  number 
range  of  the  code.  Similar  results  were  obtained  forth  yaw  and 
roll  damping  derivatives  on  Pegasus. 

5A  Computational  Huid  Dynamics 

As  shown  on  Hgwe3*nd  described  above, »  number  of  CFD  codes 
were  used  for  detailed  flow  simulations.  Calculations  have  been 


made  with  an  Euler  code,  a  parabolized  Navier-Stokes  code,  two- 
dimensional  and  axisymmetric  NariereStok.es  codes,  and  a  three- 
dimensional  Navier-Stokr"  code.  A  number  of  research  CFD  codes 
were  used  in  cooperation  with  the  NASA/ Ames  Research  Center 
and  the  Numerical  Aerodynamic  Simulation  facility.  These 
involved  the  use  of  a  parabolized  Navier-Stokes  code  to  predict 
fuselage  pressure  distributions,  the  use  of  an  axfsymmetric  Navier- 
Stokes  code  to  predict  the  possibility  of  rocket  plume-induced 
separation  near  the  tail  control  surfaces,  and  the  use  of  a  three- 
dimensional  Navier-Stokes  code  to  model  the  complete 
configuration  at  critical  flight  conditions  to  check  details  of  the  flow 
which  may  have  been  missed  by  the  simpler  methods.  The  CFD 
results  have  been  used  for  the  aerodynamic  heating  studies  and 
design  of  the  thermal  protection  system. 

In  this  section,  a  number  of  different  application  of  CFD  codes  are 
described  to  illustrate  the  use  of  these  advanced  techniques  in 
practical  configuration  design  and  analysis. 


Euler  Solutions.-  SWINT  (Ref.  19)  has  been  used  for  a  number  of 
different  calculations  during  the  Pegasus  analysis.  First,  it  was 
used  to  predict  the  dynamic  pressure  defect  on  the  lee  side  of  the 
configuration  at  supersonic  speeds  to  assess  rudder  effectiveness 
for  lateral  stability  analyses.  This  correction  is  included  as  part  of 
the  MI5L3  code.  Euler  calculations  were  also  used  to  predict 
detailed  fuselage  loads  for  the  nose  fairing  design. 

Parabolized  Navier-Stokes  Solutions.-  In  the  early  design  phase  of 
Pegasus,  a  potential  for  first-stage  rocket  plume-induced  separation 
of  the  Sow  near  the  aft  end  of  the  fuselage  was  identified.  Since  a 
separated  flow  region  would  occur  in  the  vicinity  of  the  control  fins 
(Pig.  1),  a  significant  loss  in  fin  effectiveness  could  occur  if  the  fins 
were  immersed  in  this  flow.  A  rapid  CFD  analysis  was  proposed  to 
determine  foe  possibility  of  flow  separation  in  this  region. 

Considering  the  flight  envelope  shown  in  Figure  3,  most  of  the 
flight  occurs  near  an  angle  of  attack  less  than  5  *;  therefore,  to 
further  simplify  the  CFD  analysis,  the  angle  of  attack  is  assumed 
zero,  the  wing  and  fins  are  neglected,  and  calculations  are 
performed  for  the  body  only.  These  assumptions  permit  an 
axisymmetric  analyais,  which  considerably  reduces  the  required 
computational  effort.  Flow  separation  calculations  were  performed 
at  three  Mach  numbers,  1.5, 5,  and  8  corresponding  to  Mach 
numbers  on  foe  baseline  mission  profile. 

A  zona]  calculation  approach  using  three  different  computer  codes 
was  used  for  the  supersonic  analysis.  First,  an  Euler  blunt  body 
code  (Ref.  20)  was  used  to  compute  the  axisymmetric  flow  over  a 
sphere  to  approximate  the  flow  in  the  vicinity  of  the  nose.  These 
results  are  toed  as  starting  conditions  for  a  parabolized  Navier- 
Stokes  (PNS)  calculation  using  the  UPS  code  (Ref.  21)  from 
NASA/Amea  Research  Center.  The  PNS  calculation  products  a 
non-separaied  viscous  solution  in  a  very  efficient  manner  since  it 
uses  a  marching-type  solution  procedure.  Turbulence  in  the 
fuselage  boundary  layer  is  modeled  using  the  Baldwin-Lomax 
algebraic  turbulence  model  (Ref.  22). 

The  grid  used  for  the  PNS  r.-lculations  has  100  x  82  points  in  the 
stream  wise  and  body-normal  directions,  respectively.  Sufficient 
grid  points  were  used  to  insure  adeouafe  resolution  of  the  fuselage 
boundary  layer.  At  the  left  or  incoming  boundary,  flow  conditions 
obtained  from  the  blunt  body  calculation  are  imposed,  and 
freestream  conditions  are  applied  at  foe  far  field  boundary  which  is 
located  just  beyond  the  nose  bow  shock.  Each  FNS  calculation 
requires  approximately  fifteen  minutes  cm  the  NAS  Crav-2. 

Axisymmetric  Navier-Stokes  Solutions.-  The  results  of  the  PNS 
calculation  provide  initial  conditions  for  a  full  Navier-Stokes 
calculation  tn  the  region  just  upstream  and  downstream  of  the  first 
stage  rocket  nozzle.  These  calculations  were  performed  using  the 
axisymmetric  Navkr-Stokes  solver  in  the  TURF  code  (Ref.  23)  from 
NASA/Ame*.  Turbulence  is  modelled  with  the  k-t  equations  in 
this  code. 

Hie  grid  used  for  the  Navier-Stokes  analyais  of  the  base  Sow  is 
shown  in  figure  14.  This  grid  has  78  x  100  points  in  the  s  .sunwise 
and  normal  directions,  respectively.  The  PNS  results  were  applied 
at  the  left  boundary,  and  the  far  field  boundary  was  treated  as 


described  stove.  A  conicsl  invltcid  flow  corresponding  to  the 
desigp  rocket  nozzle  conditions  was  applied  at  the  nozzle  exit 
plane.  The  Navier-Stokes  computations  require  approximately 
fifteen  minutes  on  the  NAS  Cr»y-2. 

Predicted  Mach  number  contours  at  5  arc  shown  in  Figure  14. 
An  oblique  shock  occurs  due  to  the  presence  of  the  ramp  at  the 
rocket  nozzle,  end  at  higher  Mach  numbers  (and  altitudes),  the 
spreading  of  the  plume  induces  a  second  oblique  shock  which 
Intersects  the  first  shock,  creating  a  lambda  shock  near  the  ramp. 
The  pressure  jump  across  the  oblique  shocks  increases  with  Mach 
number.  To 'determine  if  flow  separation  is  present,  streamlines  are 
also  shown  in  Flgurq<14.  In  all  Cases,  the  flow  remains  attached, 
even  for  the  highest  Mach  number  where  the  plume  expansion  is 
largest  These  results  are  strictly  valid  only  for  the  higher  Mach 
number  cases  in  the  flightprpfUe  where  the  angle  of  . attack  is  small; 
however,  since  the  plume  expands  less  at  lower  Mach  numbers  and 
altitude,  it  is  likely  that  plume-induced  flow  separation  is  not  a 
problem. 

There  were  severaUnteresting  side  benefits  from  the  above  CFD 
analysis.  Surface  heat  transfer  rates  derived  from  these  calculations 
provided  a  check  on  thermal  calculations  made  for  the"  design  of 
Pegasus'  thermal  protection  system.  The  predicted  boundary  layer 
thickness  provided  verification  that  adverse  effects  on  control  fin 
loading  on  the  portion  of  the  fins  submerged  in  the  boundary  layer 
were  not  a  problem.  The  boundary  layer  and  Mach  number 
profiles  near  the  body  also  helped  identify  a  possible  heating 
problem  on  the  control  fin  actuators 

Three-Dimensional  Navier-Stokes  Solutions.-  In  early  analyses  of 
Pegasus,  there  was  concern  over  possible  deleterious  effects  from 
interaction  between  Hie  shock  waves  produced  by  the  wing  and  tail 
leading  edges  and  the  boundary  layer  on  the  body.  The  concern 
involved  flow  separation  due  to  the  shod:  wave/boundary  layer 
interaction  and  increased  heat  transfer  due  to  the  high  compression 
of  the  flow  through  the  shock  coming  in  contact  with  the  body 
surface.  Each  of  these  conditions  could  affect  the  design  of  the 
thermal  protection  system.  A  CFD  analysis  using  a  complete  three- 
dimensional  model  of  Pegasus  was  proposed  to  examine  the 
possibility  of  these  adverse  effects. 

This  analysis  was  carried  out  in  two  phases.  The  first  phase 
involved  a  model  of  the  fuselage  and  wing  for  two  distinct  flow 
conditions;  (1)  M_  -  12.  a  =  20*,  and  (2)  M„  ~5,a  =  5*.  After 
successful  completion  of  these  computations,  the  second  phase 
addressed  the  modeling  of  the  complete  configuration  for 
calculations  at  the  higher  Mach  number. 

Development  of  the  computational  grid  is  a  major  part  of  any  CFD 
study,  and  Pegasus  ia  no  exception.  The  Chimera  composite-grid 
approach  (Ref.  24)  was  chosen  for  the  discretization  process  to 
achieve  an  accurate  model  of  the  entire  configuration.  The  grid 
required  for  simulating  the  flow  field  around  Pegasus  was 
composed  of  two  sections.  The  first  section  enclosed  the  body  and 
wing,  extending  one  gnd  cell  beyond  the  trailing  edge  of  the  wing. 
The  second  section  extended  from  the  wing  trailing  edge  to  the 
base  of  the  body.  For  the  forward  section,  because  of  the  blunt  nose 
and  the  thick,  round-edged  wing,  the  grid  was  generated  tiring  the 
NASA/ Ames  code  HYGRIIID  (Ref.  25),  a  three-dimensional 
hyperbolic  grid  generator,  for  the  aft  section,  because  of  the 
simpler,  more  cylindrical  geometry,  the  grid  was  generated  using  a 
NEAR  code,  HYPDAPT  (Ref.  26),  a  two-dimensional  hyperbolic 
grid  generator.  The  two-dimensional  grid  generator  was  applied  to 
compute  grids  in  cross  sections  which  were  combined  to  create  a 
fully  three-dimensional  grid. 

The  final  grid  a  presented  in  Figure  15  where  part  of  the  grid  on 
the  surface  of  the  body  and  wings  is  shown,  along  with  the  grid  in 
the  cross  section  at  the  trailing  edge  of  the  tail  fins  and  in  the  plane 
of  symmetry.  Only  25%  of  the  actual  grid  points  are  shown  for 
clarity.  Except  for  its  final  cross  section  just  aft  of  the  wing  trailing 
edge,  the  grid  on  the  forward  part  of  the  configuration  was  not 
restricted  to  planes  normal  to  the  axis  of  the  body.  The  final  cross 
section  of  the  forward  section  is  normal  to  the  body  in  order  to 
match  more  easily  with  the  cross  sections  of  the  grid  on  the  aft 
section.  Note  that  a  plane  of  Symmetry  was  used  to  save  computer 
time  for  longitudinal  calculations.  The  forward  grid  contains 
92x83x51  points  and  the  aft  grid  contains  54x83x51  points,  a  total  of 


-  618/118  points.  A  very  fine  mesh  was  used  next  to  the  body  surface 
to  enhance  the  possibility  of  predicting  file  friction  and  heat 
transfer  effects  of  the  boundary  layer. 

The  Chimera  overset-grid  scheme  (Ref.  24)  was  used  to  allow 
treatment  of  the  two  part  grid  configuration.  The  approach  allows 
multiple  grids  to  be  overlayed  without  requiring  mesh  boundaries 
to  join  in  any  spedal  way.  The  two  grids  were  designed  so  that  the 
axial  locations  of  the  last  two  cross  sections  of  the  forward  grid 
coincided  with  the  first  two  sections  of  the  aft  grid 

The  computation  of  the  flow  field  was  carried  out  using  the  code 
F3D(Ref.  27)  from  NASA/Ames  The  code  solves  the  compressible 
three-dimensional  thin-layer  Navier-Stokes  equations,  uses  upwind 
spatial  differencing  in  a  streamwise  direction,  and  is  either  first- 
order  or  second-order  accuracte  in  space.  For  the  calculations 
described  herein,  the  accuracy  in  time  is  first-order. 

Numerical  computations  on  the  complete  Pegasus  configuration 
were  carried  out  at  =  5  and  a  -  5*for  a  Reynolds  number  of 
1 J3X106 .  The  computations  began  by  computing  for  the  forward 
grid  alone.  After  a  converging  solution  was  obtained,  the  aft  grid 
was  added  and  the  solution  continued.  With  the  partially 
converged  forward  solution  and  uniform  flow  over  the  aft  section 
as  the  initial  condition,  the  solution  advanced  A  total  of  about  25 
houis  of  CPU  time  on  the  Cray-2  computer  was  required  for  the 
calculations. 

A  typical  outcome  of  a  CFD  compulation  is  a  large  quantity  of 
information  that  is  difficult  to  assimilate  using  traditional  methods 
For  example,  results  mdude  surface  stream  lines,  flow  hr  Id  velocity 
vectors,  and  surface  pressure  contours  on  the  entire  configuration; 
therefore,  careful  examination  can  reveal  many  interesting  details 
about  the  flow  around  the  vehicle.  Flow  field  vectors  and  pressure 
contours  are  shown  in  Figure  16  at  a  station  aft  of  the  wing  root 
chord  leading  edge  to  illustrate  the  flow  in  the  region  of  the  wing- 
fuselage  failing.  These  details  show  a  separated  region  beneath  the 
wing  and  the  approximate  position  of  fli  wing  leading  edge  shock 
wave-  It  was  an  initial  concern  that  the  wing  shock  wave  could 
impinge  on  the  fuselage  and  huring  and  cause  heating  problems.  It 
appeals  from  fire  computations  that  the  wing  shock  wave  never 
reaches  the  fuselage  surface.  Further  examination  of  results  aft  of 
this  station  show  vortices  on  top  of  the  fairing  behind  the  wing,  and 
tn  the  tail  region,  the  vortex  from  the  fairing  seems  to  get  "trapped" 
at  the  base  of  the  rudder. 


<>■  CONCLUSIONS 

A  major  conclusion  is  an  evaluation  of  the  design  capabilities  of  a 
number  of  the  codes  currently  available  to  the  missile  design 
community.  Though  only  a  few  of  the  available  codes  were  used  in 
this  study,  the  experience  illustrates  the  requirements  for  useful 
prediction  methods  at  all  levels  of  complexity. 

In  the  preliminary  design  application,  a  number  oi  codes  are 
available  which  can  provide  moderately  accurate  results  at  a 
reasonable  cost  The  codes  considered  in  this  effort  are  generally 
available  and  easy  to  use,  and  for  moderate  flight  conditions,  there 
is  good  agreement  in  the  results  from  different  methods  At 
extreme  flight  conditions  at  high  angles  of  attack,  codes  which 
include  effects  of  nonlineanties  are  required,  but  as  shown  in  this 
study,  such  codes  are  available. 

A*  the  level  of  complexity  increases  and  as  more  detailed 
information  is  needed,  engineering  level  codes  are  available, 
generally  in  the  form  of  panel  methods.  The  cost  of  these  codes  in 
both  engineering  time  and  computation  time  increases  with  the 
level  of  information  produced,  but  the  need  for  aerodynamic  toad 
distributions  and  vortex-induced  effects  make  the  extra  effort 
justified.  The  use  of  these  codes  to  check  results  from  the 
preHmmary  design  codes  at  selected  flow  conditions  proved  to  be  a 
valuable  technique  to  increase  confidence  ill  the  results  from  the 
simpler  codes. 

Finally,  the  use  of  CFD  codes  for  practical  application  to  design 
problems  is  becoming  more  feasible  as  Ihe  available  codes  are 
further  developed-  Euler  codes  are  becoming  available  to  even  the 
smallest  design  group  as  costs  for  use  decrease.  These  codes  are 
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now  available  for  missile  design  at  a  level  equivalent  to  panel  codes 
10  to  13  years  ago.  Their  use  will  only  continue  to  increase  as  the 
codes  become  better  and  easier  to  use  and  computers  run  faster. 

The  ase  of  Navier-Stokes  codes  for  missile  design  is  still  in  the 
prehminaiy  or  research  stage.  Their  use  is  restricted  to  very  special 
problems  which  cannot  be  solved  in  any  other  manner;  for 
example,  flow  problems  involving  flow  separation  or  other  viscous 
phenomena.  These  codes  arc  not  yet  available  to  many  small 
missile  design  groups  because  of  the  difficulty  using  them  and  the 
high  cost  involved  with  solutions.  The  cost  of  maintaining  a  CFD 
capability  is  currently  beyond  many  small  organizations  because  of 
the  dedication  required  to  keep  up  with  the  rapid  advances  in 
computational  knowledge.  In  spite  of  the  current  disadvantages, 
CFD  will  soon  be  a  readily  available  analysis  tool  for  missile 
designers. 

With  regard  to  Pegasus,  initial  test  flights  on  the  B-52  were  made  in 
early  1990  to  check  out  the  Pegasus  systems  and  carriage  loads.  It 
was  verified  that  actual  carnage  loads  imposed  on  the  B-52  pylon 
were  well  within  the  predicted  levels- 


7.  EPILOGUE 

On  5  April  1990,  the  first  drop  and  flight  of  Pegasus  was 
accomplished  successfully.  Pegasus  cleared  the  B-52  safely  as 
predicted,  the  aerodynamic  portion  of  the  mission  profile  was 
completed  as  planned,  and  most  important,  the  first  payload  was 
placed  into  its  prescribed  orbit.  Future  computational  efforts  for 
Pegasus  will  involve  comparisons  of  measured  flight  test  data  with 
predictions. 
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Several  Buler  codes  and  a  Parabolised  Havier-Stokes  code  are  used 
to  predict  normal  forces,  pitching  moments  and  centres  of  pressure 
on  long  axlsyometric  bodies  which  are  cone  cylinders  or  tangent 
ogive  cylinders  one  of  which  has  3  fins.  Only  supersonic  flow 
situations  are  considered  so  that  downstream  marching  methods  are 
valid.  The  Hach  number  range  is  from  2  to  5  and  the  incidence  range 
is  up  to  15° . 


Homenclatura 

b  body  radius  r 

C„  pitching  moment  x 

C,  lift  coefficient  Xj, 

Cf  pressure  coaff  z 

D  cylinder  diameter  a 

L  length  of  body  ft,,  fl0 

L,  length  of  nose  4> 

H  Mach  number  4,, 

Me  critical  Mach  for 

clipping 


radial  distance 
axial  distance  (also  s) 
centre  of  pressure  from  nose 
axial  distance 
angle  of  incidence 
separation  parameters 
circumferential  angle 
separation  parameters 


i.o  Htraopataiffli 

The  aim  of  this  paper  is  to  assess  the  accuracy  of  numerical  predictions  of  surface 
pressures,  normal  forces  and  pitching  moments  about  several  bodies  at  moderate 
Incidences  (up  to  15* ) .  Only  one  practical  missile,  shape  is  considered  and  this  is 
an  axisymmetric  eone  cylinder  with  three  fins.  The  other  4  bodies  are  ogive-  and 
cone-  cylinders  of  various  nose  lengths  and  total  lengths.  Thla  is  considered  to  be 
a  good  cross  section  of  data  suitable  for  testing  present  day  CFO  codes.  All  the 
data  considered  are  for  supersonic  free  stream  Mach  numbers  from  2  to  5.  it  was 
decided  as  part  of  a  more  comprehensive  exercise  to  concentrate  on  these  simpler 
bodies  for  which  data  is  readily  available.  Good  prediction  methods  for  these  shapes 
can  then  be  considered  for  more  complicated  geometries. 


The  complication  of  the  flow  field  can  be  illustrated  using  the  conical  flow  field 
shown  In  Fig  1  (taken  from  Ref  1  where  a  comprehensive  description  of  the  flowfield 
developments  is  given) .  Usually  the  primary  crossflow  separation  Just  leeward  of  90* 
Is  enhanced  by  a  crossflow  shock.  This  couses  symmetrical  (at  moderate  incidence) 
vortices  to  be  formed  just  off  the  surface  and  a  reverse  flow  from  the  leeward  plane 
of  symmetry  near  to  the  surface.  This  in  turn  can  produce  a  secondary  separation 
(perhaps  with  a  shock)  and  a  secondary  vortex.  In  a  similar  way  a  third  vortex  may 
be  formed  in  some  cases.  These  phenomena  can  be  correlated  in  some  cases  with  the 
leeslde  pressure  distribution  as  illustrated  in  Fig  2  (taken  from  measurements  - 
see  Ref  2) .  - 

Since  the  flowfield  is  so  complex  it  is  understandable  that  the  numerical  methods 
nave  difficulty  in  making  a  complete  flowfield  prediction.  Our  efforts  here  will  not 
be  to  study  the  flowfield  but  rather  to  find  methods  of  predicting  normal  force  C,, 
pitching  moment  C,  and  centre  of  pressure  Xa  as  accurately  as  possible. 

It  was  decided  to  limit  the  computations  to  Suler  and  Havier-Stokes  codes  since 
modem  Computer  methods  and  computers  can  fairly  conveniently  be  used  in  such  cases. 
This  is  possible  because  of  the  supersonic  freestreaa  making  downstream  marching 
feasible. 

A  parubolised  Havier-Stokes  (FKS)  code  is  used  in  the  present  study.  At  the  start 
of  the  study  it  was  uncertain  haw  accurate  these  codes  would  be  in  predicting 
crossflow  shocks  and  separation  although  they  are  designed  to  be  capable  of  such 
predictions  for  moderate  separation  (Ref  3).  It  will  be  seen  that  PUS  predictions 
are  good  at  low  incidence  but  some  of  the  Euler  codes  with  forced  separation 
modelling  are  capable  of  better  predictions  at  the  higher  incidences.  It  seems  that 
the  turbulence  modelling  in  the  Havier-Stokes  code  ( Baldwin-Lomax )  is  not 
sufficiently  accurate,  probably  because  o*  length  scales,  for  the  higher  incidences. 
k  modification  to  the  PBS  code  (described  in  Ref  4),  which  limited  the  turbulence 
model  from  having  too  large  a  length  scale,  was  also  attempted  but  did  not  show  much 
improvement. 
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The  Ruler  cods*  alone  on  a  fin*  grid  without  any  forced  viscosity  yield  results 
which  predict  a  strong  crossflow  shock  at  moderate  incidences*  This  is  unrealistic 
and  so  several  Methods  for  improving  the  situation  have  been  attempted  - 
particularly  at  the  Havel  Surface  Warfare  Center  (see  Refs  S  and  6  for  example) . 
Firstly,  computing  on  a  crude  circumferential  grid,  which  imparts  more  artificial 
viscosity  into  the  flow,  can  be  advantageous  and  shows  some  improvement  over  the 
fine  grid  results.  One  of  the  best  methods  seems  to  be  to  impart  more  circulation 
into  the  flow  by  the  method  termed  'clipping'.  Here  the  crossflow  velocities  near 
the  surface  are  slowed  down  in  affect  simulating  the  viscous  layer.  It  will  be  seen 
that  'clipping'  combined  with  a  fairly  coarse  grid  can  givs  reasonable  predictions. 
One  of  the  reasons  seems  to  be  that  the  largest  error  in  C,  occurs  away  from  the 
windward  and  leeward  planes  of  symmetry  thus  having  little  effect  on  the  normal 
force  and  pitching  moment.  Although  the  above  predictions  are  reasonable,  the  method 
will  not  in  general  accurately  predict  the  off  body  flow  field. 


The  first  section  will  describe  the  5  geometries  used  in  this  CFO  validation 
process.  Then  the  Mavier-Stokes  and  Ruler  methods  will  be  described  and  finally  the 
results  will  be  aseessed. 
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2.1  BKSfcKJlIXA.  This  Is  data  obtained  In  the  transonic  and  high  speed  wind  tunnel 
facilities  at  DFVLR  (see  Ref  7).  The  data  was  taken  with  a  view  to  Improving 
available  information  for  fuselage  type  bodies  at  high  incidences  so  that  this  could 
be  used,  for  example,  for  Improving  CFD  codes.  At  these  Incidences  separation  ia 
very  dependent  on  Reynold*  number  and  a  series  of  tests  ware  performed  to  study  its 
effect  on  C,.  several  Mach  numbers  from  0.5  to  2.21  were  run  at  incidences  up  to 
90* .  Pressure  coefficients,  C,,  C*  and  flow  vis  were  obtained  on  the  body  which  is 
shown  in  Fig  3.  The  body  is  a  tangent  ogive  cylinder  up  to  x/D«3  and  given  by 
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The  total  length  is  19  diameters.  The  present  study  will  concentrate  on  the  data 
obtained  at  M"<c.21  and  incidences  of  S,  10  and  IS*.  The  Reynolds  number  based  on 
diameter,  which  ia  4cm.,  is  3*10’. 

2.2  nmmw  nm.  The  long  body  anti-tank  flechette  shown  in  Fig  3  has  a  conical  nose 
(7.5  deg  half  angle)  followed  by  e  cylindrical  body  and  a  finned  aft  end.  This  model 
together  with  several  others  was  tested  (see  Ref  8)  in  the  Defence  Research 
■mtablishment  Valcartier  (Canada)  0.6ml  0.6m  supersonic  wind  tunnel.  Tests  were 
carried  out  using  different  nose  cones,  fin  shapes,  cent  angles  and  surface 
finishes.  For  each  configuration,  normal  and  axial  forces  as  well  as  pitching  and 
rolling  moments  were  recorded  at  angles  of  Incidence  from  -5  to  IS  deg.  and  for  Mach 
numbers  from  1.75  to  4.  Pressure  data  was  not  recorded. 

The  case  selected  here  for  computing  is  designated  N3B3F8.  The  fins  are  located 
every  120  degrees  with  one  at  the  leeward  plans  of  symmotry .  The  Mach  number  is  3 
and  the  Incidences  era  0,  S,  10  and  IS  deg.  The  Reynolds  number  of  the  tests  was 
8.1*10*  per  metre  and  the  actual  diameter  of  the  body  was  0.875  inches. 


2.3  MKJIAXi.  A  series  of  tests  on  bodies  of  revolution  was  carried  out  in  the  nab 
525ft  High  Speed  Mind  Tunnel  in  the  1960's.  Sixteen  bodies  In  all  were  tested  at  one 
subsonic  (0.5)  and  two  supersonic  (2  and  3.5)  Mach  numbers.  Bach  of  the  models 
consisted  of  a  cylindrical  aft  body  of  length  either  6  or  12  diameters  (the  rflxn+t-or 
wae  4  inches) .  The  nose  shapes  were  either  conicel  or  taugent  ogives  and  were  of  3 
or  5  diameters  in  length.  The  models  were  swept  up  to  28*  in  the  first  phase  of  the 
terts  (Ref  9)  in  which  only  balance  measureewnts  were  taken.  In  the  second  phase 
(Hef  2)  pressure  measurements  were  made  at  approximately  3,  7,  and  11“  incidence  and 
some  flow  Vi*  was  taken  on  the  conical  nose  body  with  the  longer  aft  body.  Both 
balance  and  pressure  Integrated  values  are  plotted. 

The  models  used  for  the  current  comparison  are  shown  in  Fig  3.  The  first  one, 
designated  1001,  is  a  conical  nose  of  half  angle  5.7"  and  the  second  is  an  ogive 
cylinder,  designated  3001,  with  the  ogive  defined  as 


*•  tl»  *»ae  length  (5  diameters  in  this  case) .  This  body  has  a 
nose  with  *  half  angle  of  9.5*. 
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2.4  BUI  for  BttOt  **^*7 -  The  forebody  of  this  configuration  (see  Fig  3) 

is  tbs  Sears  Haack  body  given  by 


■  HririT 


where  the  nose  length  is  2.42  calibres  and  the  total  length  including  tho  cylinder 
is  close  to  36  calibres  (one  calibre  is  23. Ban). 

Hind  tunnel  data  in  the  fora  of  total  aerodynamic  coefficients  are  available  for 
this  configuration  (quoted  in  Ref  4).  Data  was  taken  at  +2°  and  -2*  incidence  with 
several  lengths  of  cylindrical  aft  bodies  giving  data  at  body  lengths  between  20  and 
36.  It  will  be  seen  that  C,  and  C.  differ  depending  on  sign  of  incidence  at  the 
longer  body  length  indicating  difficulty  measuring  accurately  on  these  very  long 
bodies. 

For  this  body  it  is  assumed  in  the  computations  that  the  cylinder  is  of  constant 
diameter  rather  than  diminishing  as  shown  in  the  figure;  it  is  thought  that  this 
will  not  have  significant  effect.; 
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3.0  COMPUTER  COPES. 

3.1  ffTirp  flmtgi;  cnttm.  This  is  a  space  marching  Euler  code  designed  for  computing 
Supersonic  flow  about  bodies  with  King,  inlet  and  Tail  (see  Ref  S).  The  body, 
together  with  the  attached  inlet  (if  any),  must  be  a  single  valued  function  of 
circumferential  angle  4.  In  general  leading  edges  must  be  sharp  and  ’sufficiently' 
supersonic,  otherwise  semi  empirical  methods  are  used.  Fin  thicknesses  are  ignored 
(only  the  slope  is  used  in  the  computation)  and  they  must  be  close  to  radial.  The 
Euler  equations  are  integrated  step  by  step  downstream  using  a  KacCormack  predictor- 
corrector  scheme,  on  each  step  the  shock  location  is  determined  by  using 
characteristics  and  the  Rankine  Hugoniot  relations.  Slope  discontinuities  are 
handled  by  analysis  to  account  for  expansions  or  compressions.  Smoothing  is  applied 
in  some  cases,  either  where  the  user  requests  it  or  if  the  pressure  goes  negative. 
This  is  done  by  applying  a  Schuman  filter  to  the  conserved  variables  and  can  be 
thought  of  as  a  form  of  artificial  viscosity.  The  original  code  tried  to  simulate 
crossflow  separation  by  prescribing  the  direction  of  the  two  body  surface 
streamlines  neares*-  to  the  experimentally  determined  separation  line  to  be  in  the 
direction  of  the  separation  line.  This  works  well  in  some  cases  but  is 
unsatisfactory  as  a  knowledge  of  the  separation  line  is  first  needed.  At  higher 
incidences  secondary  separation  may  occur  and  will  eventually  cause  instability 
although  smoothing  may  help  in  some  cases. 

A  later  version  of  the  code  incorporates  a  separation  modelling  called  'cl ipolng' . 
This  works  by  limiting  the  crossflow  velccities  rather  than  rigidly  prescribing 
streamline  directions  near  the  experimental  separation  line.  The  method,  developed 
by  Baltakis  et  al  (Ref  6),  limits  crossflow  Mach  number  with  a  more  severe 
limitation  near  the  body  than  further  away,  thus  adding  more  circulation  to  the 
flow.  After  trials  with  several  formulas  the  final  form  used  in  tho  program  is 

Mcm,*0 •  145*sqrt(a)  (r/b)J 

This  was  found  to  be  good  for  turbulent,  high  Reynolds  number  flows.  Thus  the 
crossflow  velocity  v  is  'clipped'  but  without  changing  pressure,  density,  enthalpy 
or  entropy.  The  total  stagnation  enthalpy  is  kept  constant  by  redefining  the  axial 
velocity  w.  Baltakis  shows  (6J  improved  Cp  distributions  for  the  case  of  a  tangent 
ogive  cylinder  at  Mach  numbers  up  to  4.5  with  the  improvement  being  more  pronounced 
at  lower  Mach  numbers.  However  C,  and  C*  are  not  improved  by  any  significant  amount. 
The  reason  for  this  appears  to  be  that  substantial  change  to  pressure  occurs  around 
♦“90®,  which  does  not  affect  normal  force  and  pitching  moment  very  much,  while  on 
the  leeward  aide  4>120  deg  the  differences  are  smaller.  In  the  tangent  ogive  case 
shown  in  Ref  6  the  normal  force  and  pitching  moment  were  predicted  quite  accurately 
even  with  no  'clipping*  applied.  In  the  case  with  fins,  also  shown  In  Ref  6,  C,  and 
C*  were  Improved  considerably  using  the  'clipping'  option. 

The  current  interest  in  this  paper  is  to  investigate  the  accuracy  of  SHIRT  with  and 
without  clipping.  It  will  be  seen  that  In  most  cases,  C„,  C„  and  pressure 
distributions  are  improved  considerably  with  the  clipping  option. 


8M8  Cfl«BB&>E  Salt.  This  Is  a  method  (see  Ref  10)  based  on  a  Zonal  EHIer 
Solver,  it  is  aaecond  order  Godunov  method  which  is  applied  to  the  Reimann  problem 
associated  with  each  finite  volume  cell.  Since  the  Godunov  method  is  based  on  local 
analysts  the  method  can  handle  more  complicated  geometries  than  the  SHIRT  code 
mentioned  above.  It  was  found  that  SHIRT  lacked  robustness  in  cases  of  complicated 
geometries  and  the  artificial  viscosity  had  to  be  increased  to  force  a  solution. 
Experience  with  a  first  order  Godunov  method  was  found  to  be  more  robust.  However 
to  obtain  good  accuracy  in  smooth  flow  regions  it  was  found  that  a  very  fine  mesh 
was  needed.  The  second  order  method  used  here  overcame  the  problems  and  produces 
accurate  solutions  for  complicated  geometries  using  efficient  grids. 
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In  the  ZEOS  code  the  clipping  option  mentioned  above  in  the  SWINT  code  i»  alto 
available  at  an  option.  In  our  comparisons  shown  later  we  will  be  comparing  both 
with  and  without  clipping.  Also  in  the  ZEUS  coda  there  is  an  option  for  clustering 
grid  points  in  the  radial  direction  so  as  to  get  better  definition  near  the  body; 
tome  of  these  results  will  also  be  shown. 

Another  option  in  the  ZEUS  code  it  to  activate  the  Salford  Separation  Model  which 
is  described  in  Ref  11.  In  this  model  an  approximation  to  the  separation  line  must 
be  known  in  advance.  On  each  point  on  either  side  of  this  line  the  pressure  and 
density  are  axially  advanced  from  an  averaging  of  the  values  on  each  side  in  the 
crossflow  plane.  The  velocity  componentb  at  these  cells  are  computed  from  the 
constraint  of  total  enthalpy  and  the  specification  of  the  streamline  directions  on 
each  side  of  the  separation  line.  This  requires  4  angles  to  be  specified  4,,  40,  p,, 
Pe  where  the  first  two  define  the  upstream  streamline  directions,  axially  and 
crossflow,  and  are  normally  taken  to  be  20*  and  20*  .  The  latter  two  are  for  the 
downstream  streamline  normally  taken  to  be  5°  and  20°  .  The  vortex  sheet  off  the 
surface  is  than  captured  by  the  numerical  scheme.  The  constants  In  the  model  rare 
chosen  from  work  on  bodies  at  12  to  16° .  In  the  present  paper  the  method  Is  applied 
at  7  and  11*  on  the  NAS  bodies. 

3.3  PUS  Computer  Code.  The  £arabollzed  Havier-fitokes  code  used  here  Is  the  version 
developed  by  Sch.'ff  and  Steger  (Ref  3)  and  subsequently  modified  by  Ral  and  Chausee 
of  NASA  Ames  Research  Centra.  This  code  is  an  approximately  factored,  fully 
implicit,  thin  layer  code  based  on  the  Beam-Harming  algorithm.  The  computations 
assume  a  fully  turbulent  boundary  layer  which  is  modelled  using  a  Baldwin-Lomax 
algebraic  turbulence  model.  The  code  accomplishes  the  computations  by  marching  in 
the  axial  direction  using  a  conical  flow  starting  solution.  The  restrictions  on  the 
computations  are  supersonic  outer  flow  and  no  flow  separation  in  the  axial  direction 
(flow  separation  in  the  circumferential  direction  is  allowed).  A  modification  to  the 
code  (Ref  4)  was  included  for  some  of  the  calculations  to  try  to  extend  the  range 
of  applicability  of  the  modelling.  In  this  modification  limits  are  imposed  to  keep 
the  turbulence  model  from  having  too  large  a  langth  scale.  In  general  It  was  found 
that  this  did  not  give  significant  improvement.. 
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4.1  prym  am 

a)  SHIM  Results.  SHINT  was  run  on  a  .,6X40  mesh  (40  radially).  To  observe  the  major 
differences  in  C.  with  and  without  clipping  it  is  best  to  observe  the  highest 
incidence  case  of  15* .  (see  Rigs  4a  and  b).  It  can  be  seen  that  on  the  windward 
side,  4<45°  say,  the  experiment  and  theories  are  well  matched  and  thus  the  windward 
contribution  to  lift  is  fairly  accurate.  However  on  the  leeward  side  the  result 
without  ^clipping  gives  too  high  a  pressure  due  to  prediction  of  a  strong  shock  at 
about  120°  (for  X/D-8.22T  for  Instance).  This  leads  to  too  low  a  value  for  local 
lift  due  to  these  differences  on  the  leeward  side  -emphasized  in  Pig  4a  by  the 
shaded  area.  On  the  ocher  hand  the  clipped  result  of  Pig  4b  shows  a  much  flatter 
pressure  distribution  on  the  leeward  aide,  and  this  Is  very  close  to  the 
experimental  data  -  the  difference  for  x/D-8.225  is  again  highlighted  on  the  figure. 
Now  the  local  lift  is  much  closer  to  experiment  as  confirmed  in  Pig  5b  compared  to 
Pig  5a. 

b)  IBB  Results .  A  ZBUS  result  without  clipping  at  a»10°  is  shown  on  Fig  6  -  this 
is  shown  to  demonstrate  the  inacouracy  obtained  without  clipping.  The  ZEUS  results 
with  clipping  on  a  72X72  mesh  were  very  similar  to  those  of  SHINT  (36X40)  with 
clipping.  Clustering  of  points  nearer  to  the  body  helped  to  give  second  order 
improvement .  The  final  result  was  very  satisfactory  and,  for  instance,  X„  was 
computed  to  half  a  calibre  accuracy. 

c)  PUB  Results .  At  a“5°  the  PNS  results  are  very  good  (see  Fig  7)  but  at  10°  the 
accuracy  is  quite  poor.  Looking  at  the  pressure  plots  at  10°  (Pig  8)  it  can  be  seen 
that  the  pressure  appears  generally  to  be  too  high  on  the  leeward  side  at  least 
prior  to  the  experimental  recompression  at  about  150°  and  this  results  In  the  lower 
lift  predictions  of  Fig  7. 

Conclusions .  SHINT  and  ZEUS  without  clipping  are  clearly  inadequate  and  should  not 
be  used  in  such  calculations.  The  clipping  option  yields  much  better  results  which 
are  accurate  enough  for  design  purposes  on  this  sort  of  configuration.  The  PNS  code 
does  not  appear  to  be  sufficiently  accurate  except  at  5°  incidence. 

a)  8WBX  WWanOH  MOCK.  Ranaltt-  The  results  obtained  using  the  SHINT  separation 
model  (see  SHINT  -description  above)  are  shown  together  with  ZBUS  results  on  Figurss 
9-11.  The  separation  model  was  not  used  in  the  fin  region.  The  code  was  used  with 
a  36X40  grid  (every  5° ) .  It  can  be  seen  that  C,  and  C*  are  not  quite  as  accurate  as 
the  ZBUS  results  at  least  when  «  is  above  10°.  Below  7.5°  tne  results  are  In  good 
agreement  with  experiment .  in  general  all  results  for  X^  are  within  half  a  calibre 
of  the  experiment .  it  can  be  seen  from  Figure  10  that  the  local  lift  Is  similar  to 
t)u»t  of  ZEUS.  The  effect  of  fin  lift  can  be  observed  in  this  figure  and  its  major 
contribution  to  total  lift  is  clear.  This  is  probably  the  reason  for.  such  a  good 
agreement  of  C,  compared  to  experiment  for  this  configuration  as  opposed  to  other 
cases  studied  in  this  paper.  The  pressure  ratio  plots  (Figs  1 la- lie)  indicate  that 


separation  modelling  has  already  been  used  in  the  SWINT  code  as  early  as  one  calibre 
domstream.  However  with  differences  compensating  on  the  leeward  side  and  with  being 
over  such  a  small  distance  and  area  it  does  not  affect  total  lift  appreciably.  On 
the  windward  side  SWiNT  results  match  very  well  to  those  of  ZEUS  without  clipping. 

b)  I«OS  Basalts.  Also  shown  on  Figures  9-11  are  results  obtained  using  ZEUS  and  ZEUS 
with  clipping  and  clustering  (designated  C+C).  The  clustering  in  this  case  was 
applied  in  the  fin  region  and  biased  points  toward  the  body  giving  about  10  points 
on  the  widest  part  of  the  fin;  this  was  achieved  using  r1-*4  as  a  transformation.  The 
fin  thickness  was  taken  to  be  tero.  A  36X36  grid  was  used  in  two  tones  with  12 
circumferential  points  between  the  windward  plane  of  symmetry  and  the  fin  at  60  degs 
and  24  points  between  this  fin  and  the  leeward  plane  of  symmetry  (where  there  is 
also  a  fin) .  As  can  be  observed  the  overall  forces  and  moments  appear  to  be  equally 
accurate  and  very  close  to  the  experimental  data.  ZEUS(C+C)  is  clearly  more  accurate 
in  centre  of  pressure  prediction  (Pig  9c)  at  5*  but  this  may  be  fortuitous  as  the 
muaerator  and  denominator  in  the  ratio  are  still  relatively  small.  To  be  sure  more 
computations  would  have  to  be  done  at  the  smaller  angles  of  incidence. The  pressure 
results  are  shown  on  Figs  lla-lle.  The  clipping  becomes  effective  at  x/D«3  while 
clustering  is  effective  only  in  the  fin  region  (x/D>22). 

Conclusions .  All  the  results  appear  to  be  reasonably  good  in  this  case  with  centre 
of  pressure  being  accurate  to  within  about  half  a  calibre.  Even  the  ZEUS  results 
without  clipping  are  surprisingly  good  when  one  considers  the  poor  DFVLR  result.  The 
reason  for  this  is  possibly  that  the  fins  contribute  a  large  amount  to  total  forces 
and  moments.  ZEUS  (C+C)  is  more  accurate  in  predicting  at  5°  but  this  may  be 
fortuitous  (see  above) .  In  general  any  of  the  above  methods  could  be  used  for  design 
purposes  in  this  finned  body  case. 

4-3  MB.  BOQms  lttfll-aad  30Q1. 

a)  SUIT.  Results  were  computed  on  a  36X40  grid  with  clipping.  In  general  the 
results  were  not  as  good  as  the  similar  DFVLR  case  covered  above.  In  fact  with  the 
1001  body  (conical  nose)  at  Mach  2  the  local  normal  force  was  negative  downstream 
of  about  7  diameters.  However  at  M-3.5  the  results  matched  the  experiment  fairly 
well  as  they  also  did  for  the  3001  tody  at  both  Mach  2  and  3.5.  This  seems  to 
indicate  that  the  stronger  shock  cases  may  be  easier  to  compute  -  recall  that  the 
DFVLR  body  was  a  7.5°  nose  half  angle  run  at  M-2.21.  On  Figs  12  and  13  are  shown  the 
comparisons  of  C,  and  C*  at  the  3  incidences.  It  can  be  seen  that  x„  is  predicted 
to  within  1  calibre  for  the  successful  computations. 

b)  £KS.  The  PNS  results  are  exceptionally  good  (see  Figs  12  and  13)ln  all  four  of 
the  low  incidence  cases  s”3°  with,  for  example,  X&  being  accurate  to  half  a 
calibre.  Also  the  Mach  3.5  cases  at  «-7°  are  exceptionally  good  and  should  lead  to 
a  good  design  and  prediction  for  these  bodies.  The  only  shortcoming  is  at  Mach  2  at 
the  7°  incidence;  in  this  case  the  XCT  values  are  predicted  close  to  one  calibre 
upstream  of  the  experimental  value.  As  will  be  seen  the  other  prediction  methods 
suffer  here  also.  Looking  at  the  local  normal  force  shown  on  Figs  14a)  and  b)  it  is 
seen  that  the  absolute  error  in  local  lift  is  about  the  same  whether  the  Mach  number 
is  2  or  3.5.  However  in  the  case  of  Mach  2  the  relative  error  will  be  bigger  since 
the  total  lift  is  smaller.  Total  pitching  moment  will  also  be  smaller  -  leading  to 
a  greater  inaccuracy  at  Mach  2  compared  to  Mach  3.5., 


c)  ZEUS.  This  code  was  run  on  a  72X72  mesh  and  the  computations  were  made  with  the 
regular  code  and  also  with  the  Salford  Separation  Model  described  earlier.  One  ca\ 
clearly  see  the  inaccuracy  of  the  regular  code  at  Mach  2  while  at  Mach  3.5  the 
prediction  is  only  good  at  «-ll° ,  the  indication  being  that  the  stronger  shock  will 
produce  better  results.  A  second  run  on  a  36X36  mesh  produced  quite  reasonable 
results  for  this  case  (Figs  12  and  13)  unlike  the  DFVLR  configuration  covered 
earlier  in  which  a  36X40  SWINT  result  without  clipping  was  quite  poor  and  misleading 
in  its  predictions . 

The  separation  model  gives  exceptionally  good  results  for  both  angles  of  7°  and  11° 
at  Mach  3.5.  It  is  also  very  satisfactory  at  Mach  2  and  «-ll°  but  is  not  so  good  at 
Mach  2  and  «»7° .  The  angles  used  in  the  separation  model  were  based  on  experimental 
data  at  12  and  16°  so  the  inaccuracy  at  the  lower  incidence  is  probably  due  to  this 
but  with  Mach  3.5  being  more  forgiving. 

Conclusions ■  At  the  low  incidence  of  3°  the  PNS  code  is  exceptionally  good.  Also  at 
low  incidence  the  36X40  SWINT  results  with  clipping  are  generally  acceptable  except 
that  for  configuration  1001  the  code  gave  negative  local  lift  over  a  large  part  of 
the  cylinder  putting  the  usefulness  of  this  approach  in  doubt  for  these  low 
incidence  cases.  The  same  problem  was  encountered  at  7° .  One  can  conclude,  somewhat 
unsatisfactorily,  that  the  code  only  works  reasonably  well  as  long  as  the  local  lift 
values,  remain  positive. 

For  this  configuration  the  regular  ZEUS  program  on  a  36X36  grid  performed  very  well 
at  7  and  11°  contrary  to  experience  with  the  DFVLR  configuration  where  a  similar 
grid  using  SWINT  produced  poor  results.  The  reason  for  this  is  not  understood  at 
this  time. 

The  Sai ford  Separation  Model  produced  exceptionally  good  results  at  <x«ll° .  it  would 
be  worth  Investigating  model  constants  that  were  more  suitable  for  lower  incidence 
so  that  good  predictions  could  also  be  made  in  these  cases. 
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a)  HM.  The  PNS  results  were  obtained  using  a  10*  half  vertex  angle  and  so  tend  to 
differ  over  the  forebody  frost  the  ZEUS  and  SMI ST  results  to  be  shown  later.  It  can 
be  seen  (Pig  ISa-lSd)  that  excellent  results  are  predicted  using  the  Baldwin-Lomax 
Model  of  this  code,  clearly  showing  that  the  boundary  layer  growth  Is  being 
predicted  accurately, 

b)  SMI ST.  This  case  made  an  interesting  case  study  for  SH1HT  calculation?  since 
initial  results  were  so  poor  that  several  modifications  were  attempted  to  obtain 
improvement.  Without  clipping  applied  (Fig  16a)  the  results  for  Ca  and  C„  are 
clearly  in  error  particularly  as  the  pitching  moment  about  the  nose  goes  negative. 
Applying  clipping,  although  not  really  designed  for  this  low  incidence  application, 
does  give  some  improvement  (Fig  16b)  but  C*  is  still  only  about  0.2  instead  of  being 
of  order  1.  Clearly  the  boundary  layer  growth  is  essential  for  obtaining  further 
improvement .  To  this  end  a  simple  linear  growth  of  0.00495*(x-2.42)  was  applied  to 
the  body  aft  of  the  nose  region  (x«2.42).  This  growth  was  first  applied  without 
clipping  and  gave  some  improvement  as  shown  in  Fig  16c.  However  a  much  improved 
solution  was  obtained  by  clipping  and  also  allowing  the  simulated  boundary  layer 
growth  as  is  shown  in  Fig  16d.  This  result  indicates  tha*  a  more  sophisticated 
prediction  of  the  boundary  layer  would  be  worth  incorporating  into  the  inviacid 
codes.  Only  the  Mach  4  results  were  computed  for  this  body. 


c)JU0£S.  The  2 BUS  results  on  a  72X72  grid  without  clipping  (not  shown)  ware  quite 
similar  to  SHINT  results  although  they  did  not  show  quite  so  much  loss  in  lift. 
Results  improved  somewhat  by  allowing  for  boundary  layer  growth  but  pitching  moment 
was  still  very  low  indicating  insufficient  accuracy  in  the  boundary  layer 
approximation  (Fig  17). 

Conclusions .  Clearly  the  boundary  growth  has  to  be  simulated  for  this  very  long  body 
at  small  incidence.  The  PNS  code  automatically  computes  this  with  the  Baldwin-Lomax 
model  and  is  obviously  accurate  in  its  prediction. 


5.  COMCLUSIQMS. 


a)  Computationally  efficient  Euler  and  Navier-Stokes  methods  are  available  for 
predicting  long  body  computations  in  supersonic  flow. 

b)  The  PKS  code  gives  a  good  prediction  for  incidences  up  to  S*  but  it  is  not  so 
accurate  at  higher  values .  It  was  ths  best  method  for  the  very  long  Sears-Haack  body 
at  «»2* . 

c)  At  higher  incidence  and  Mach  r umber  above  2  the  SKINT  or  ZBUS  results  on  a  coarse 
grid  with  clipping  are  usually  accurate  to  1  calibre  in  centre  of  pressure 
prediction.  At  Mach  2  none  of  the  methods  seemed  to  be  completely  reliable. 
Extrapolation  of  coefficients  from  results  at  higher  numbers  may  be  more  suitable. 
The  Salford  separation  model,  if  the  separation  parameters  can  be  standardised, 
looks  like  a  promising  technique. 

d)  The  case  of  the  long  body  with  fins  produced  excellent  results  with  the  Euler 
codes  modified  for  separation  modelling. 
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Fig  1.  Sketch  of  Flow  Past  a  Yawed  Cone. 
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FIG.  3:  CONFIGURATIONS  USED  IN  THE  CFD  STUDY 


CIT5CT  x/D 
-0*  11.975 

-0  5  11  9*7 

-0  1  9  225 

•0  3  *  075 

-0  2  S.02S 

*0  1  1  025 

OS  3  025 
0.0  2.025 

0  0  1.025 


Fig  4a.  Prossura  Distributions  at  Various  x/D 
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fig  4b.  Freatura  Distributions  at  Various  x/D 
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SUMMARY 

The  NUFA  method  was  developed  from  the  ABACUS 
program  to  provide  estimates  of  weapon 
aerodynamic  loads  when  immersed  in  non- 
uniform,  as  well  as  uniform,  onset  flows. 
Being  semi-empirical  in  nature,  the  method  is 
relatively  simple  and  inexpensive  to  use. 

The  body  load  prediction  method  within  NUFA 
has  recently  undergone  significant 
development  to  both  the  inviscid  and  viscous 
load  contributions  including  the  introduction 
of  an  initial  square  body  capability. 

Results  from  each  of  these  developments  are 
presented.  A  feature  of  NUFA  is  the  ability 
to  provide  estimates  of  body  load 
distributions.  This  capability  has  been 
exploited  to  predict  pitch  damping 
derivatives.  A  comparison  with  experiment 
demonstrates  a  first  application  of  NUFA  to 
aerodynamic  derivative  prediction.  The  load 
distribution  facility  is  further  illustrated 
by  predictions  using  a  non-uniform  flow  as 
input.  It  is  hoped  that  the  flexibility  of 
the  body  load  prediction  method  has  been 
demonstrated. 


NOMENCLATURE 

Cmq  Pitch  damping  moment  coefficient, 

Mq/qS(oD/V)D 

Cn  Normal  force  coefficient,  N/qS 

Cy  Side  force  coefficient,  Y/qS 

D  Body  maximum  diameter  (width) 

L  Body  length 

M  Mach  number 

Mq  Damping  moment 

N  Normal  force 

q  Dynamic  pressure 

r  Corner  radius 

rb  Radius  of  blunting 

ReD  Reynolds  number  based  on  body 

maximum  diameter  (width) 

S  Reference  area,  nD2/ii 

V  Freestream  velocity 

W  Body  diameter  (width) 

x  Axial  station 

Xcp  Centre  of  pressure  (positive  aft  of 

moment  reference  point) 

XroT  Centre  of  rotation 

Y  Side  force 

z  Vertical  position  of  weapon 

centreline  relative  to  wing  mean 

chord  plane/pylon  base 
a  Aircraft/wing  angle  of  incidence 

(degrees) 

o  Weapon  total  angle  of  incidence 

(degrees) 

4>  Roll  angle  (degrees) 

to  Pitch  rate  (rad/3) 


INTRODUCTION 

The  NUFA  semi-empirical  store  load  prediction 
method  was  developed  from  the  ABACUS  computer 
program  ( Ref .  1 )  in  order  to  provide  a  simple 
and  inexpensive  method  of  estimating  weapon 
aerodynamic  loads  when  immersed  in  a  non- 
uniform  onset  flow.  To  date  the  method  has 
almost  exclusively  been  used  for  the 
calculation  of  store  carriage  and  trajectory 
loads.  The  input  to  the  method  retains  the 
simplicity  of  the  ABACUS  method,  with 
knowledge  of  the  weapon  geometry  and  the 
surrounding  flowfield  being  required.  The 
flowfield,  in  general,  is  ootained  from 
theoretical  methods  (eg.  3-D  panel  or  Euler 
methods),  although  experimental  flowfields 
have  been  utilised. 

The  NUFA  method,  having  been  originally  based 
on  the  ABACUS  computer  program,  ha3  a  similar 
approach  to  the  prediction  of  weapon 
aerodynamic  loads.  The  method  was  originally 
described  by  Bizon  in  Ref. 2.  NUFA  uses  a 
component  build-up  technique.  The  body  and 
lifting  surface  loads  are  calculated  in 
isolation.  These  are  then  summed  with 
suitable  interference  terms  to  provide 
estimates  of  aerodynamic  loads  and  moments. 
The  mo3t  significant  difference  between  the 
ABACUS  and  NUFA  methods  is  in  the  prediction 
of  body  aerodynamic  loads.  NUFA  uses  a 
segmentation  approach.  The  body  may  be 
divided  into  as  many  as  a  thousand  segments 
(the  number  of  segments  being  controlled  by 
the  user).  The  local  flow  at  each  segment  is 
used  to  calculate  a  load  distribution.  This 
distribution  is  then  summed  to  provide  a 
total  load.  Using  this  approach,  pitching 
moment  is  easily  calculated  using  the  moment 
arm  for  each  segment.  Use  of  the 
segmentation  approach  thus  allows  a  ror.- 
uniform  flow  prediction  capability  to  be 
incorporated . 

Using  Slender  Body  Theory  for  calculating  the 
linear  (inviscid)  load  on  portions  of  the 
body  which  are  either  expanding  or 
contracting,  releases  the  method  from  the 
constraints  imposed  on  ABACUS  of,  strictly 
speaking,  being  applicable  to  bodies  with 
either  sharp  tantent-ogive  or  sharp  or 
spherically  blunted  conical  nose  profiles. 

The  body  may  in  fact  have  a  continuously 
varying  profile.  In  this  case  the  user 
provides  the  program  with  the  definition  of 
the  body  shape  by  irputting  coefficients  for 
a  series  of  polynomials. 

The  requirement  to  predict  the  aerodynamics 
of  weapons  when  immersed  in  a  non-uniform 
flowfield  necessitates  the  incorporation  of 
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additional  terms  within  the  body  load 
calculation  tecnnique.  Principally  these 
terms  account  for  buoyancy  and  effective 
camber,  however  additional  higher  order  terms 
may  be  included.  These  body  load  terms, 
which  have  been  incorporated  within  NUFA, 
have  been  derived  by  Isaacs  (Ref. 3)  and  are 
associated  with  transverse  and  longitudinal 
velocity  gradients  in  the  flowfield  within 
which  the  store  is  immersed. 

It  is  the  intention  of  this  paper  to  provide 
an  overview  of  current  developments  being 
applied  within  the  NUFA  semi-empinoal  store 
load  prediction  method.  The  techniques 
described  are  very  recent  and  consequently 
most  remain  under  development.  All  the 
techniques  are  concerned  with  the  prediction 
of  weapon  body  loads,  as  several  research 
studies  undertaken  at  the  Sowerby  Research 
Centre  highlighted  the  need  for  an  accurate 
but  inexpensive  body  aerodynamic  load 
prediction  method. 

Many  weapons  now  necessitate  the  need  for  an 
accurate  prediction  of  body  aerodynamic 
loads.  For  instance,  dispenser  weapons  may 
have  their  lifting  surfaces  stowed  during 
carriage.  In  addition,  these  types  of 
weapons  tend  to  have  bodies  of  non-circular 
cross-section,  which  generally  provide  a 
greater  contribution  to  the  overall  load  from 
the  body  than  weapons  of  circular  cross- 
section.  To  accommodate  these  trends  within 
weapon  design,  a  square  body  load  prediction 
capability  is  currently  being  developed 
within  the  NUFA  method.  Whilst  considering 
thi3  development  a  strategy  was  devised 
which,  when  completed,  will  hopefully  allow  a 
relatively  rapid  modification  of  the  body 
load  prediction  method  for  any  specified 
cross-sectional  shape. 

In  order  to  produce  a  program  development 
strategy,  critical  features  of  the  prediction 
method  which  require  alteration  when  a  new 
body  cross-3ection  load  estimation  capability 
is  required  have  been  identified.  For  each 
of  these  critical  features  a  development  tool 
ha3  been  or  will  be  produced.  The  relevant 
tools  have,  however,  all  been  identified. 

They  are  largely  theoretical  in  nature,  thus 
some  experimental  data  is  required  for 
validation  of  any  modification  to  the  NUFA 
method,  made  as  a  result  of  using  some  of 
them.  The  purpose  of  their  development  is  to 
provide  a  relatively  quick  method  of 
enhancing  the  range  of  body  cross-sections 
for  which  the  semi-empirical  method  is  able 
to  provide  accurate  estimates  of  aerodynamic 
load3  and  moments,  without  recourse  to  a 
major  wind  tunnel  test  programme. 

The  body  load  for  uniform  onset  flow  cases  is 
composed  of  a  linear  (inviscid)  and  a  non¬ 
linear  ( v 13COU3 )  term.  It  i3  typical  for 
methods  such  as  ABACUS  and  NUFA  to  use. 
Slender  Body  Theory  to  calculate  the  linear 
load  with  a  cross-flow  drag  calculation 
providing  the  non-linear  term.  Development 
of  both  of  these  techniques,  within  the  NUFA 
method,  has  been  undertaken  at  the  Sowerby 
Research  Centre.  For  a  number  of  body 
geometries  the  application  of  standard 
Slender  Body  Theory  within  NUFA  has  been 
replaced  by  a  new  prediction  technique  which 
incorporates  modifications  to  the  standard 
form  of  the  Slender  8ody  Theory  calculation. 
In  addition,  the  cro3s-flow  drag  model  has 
been  significantly  developed  in  order  to 
enhance  the  capability  of  the  method  to 
estimate  Reynolds  number  effects  on  body 
load3. 


SCOPE  OF  PROGRAM  AND  ACCURACY  LIMITS 

The  program,  being  originally  based  on  the 
ABACUS  prediction  method,  is  largely 
constrained  to  the  same  geometric  and  onset 
flow  limits.  The  lifting  surface  and 
interference  terms  are  virtually  identical 
and  were  detailed  in  Ref.1.  Figure  1 
(extracted  from  Ref.l)  summarises  the  lifting 
surface  and  onset  flow  limitations  of  the 
method. 

When  developing  the  NUFA  program  the 
Intention  has  been  to  retain  the  accuracy 
limits  as  applied  to  the  ABACUS  program  le. 
±5J  of  body  length  for  centre  of  pressure 
position  and  ±10*  of  normal  force. 


A  MODIFIED  SLENDER  BODT  THEORY  LOAD 
PREDICTION  METHOD 

Although  application  of  the  standard  Slender 
Body  Theory  method  can  provide  relatively 
accurate  estimates  of'normal  force,  the 
distribution  of  force  and  consequently  the 
prediction  of  pitching  moment  can  be 
significantly  in  error.  Thus,  in  order  to 
improve  the  prediction  of  pitching  moment  due 
to  the  distribution  of  inviscid  load, 
modifications  to  the  Slender  Body  Theory 
calculation  technique  were  incorporated 
within  NUFA.  These  modifications  were  also 
necessary  in  order  to  aid  validation  of  the 
NUFA  method  when  predicting  the  distribution 
of  normal  and  side  force  on  bodies  immersed 
in  non-uniform  onset  flow3. 

To  validate  the  inviscid  calculation, 
comparisons  are  generally  undertaken  against 
predictions  from  theoretical  methods  (eg.  3-D 
panel  methods).  It  is  not  possible  to 
extract  the  various  contributions  to  the 
inviscid  load  predicted  by  a  3-D  panel  or 
Euler  method  (eg.  the  buoyancy  or  effective 
camber  terms)  when  modelling  a  weapon  body 
immersed  in  a  non-uniform  onset  flow.  This 
inability  to  decompose  the  inviscid  load 
makes  the  validation  of  the  NUFA  body  load 
prediction  method  all  the  more  difficult.  By 
improving  the  accuracy  of  the  Slender  Body 
load  calculation  technique  within  NUFA,  it 
was  felt  that  at  least  one  possible  source  of 
error  for  non-uniform  flows  could  be  removed. 
The  inviscid  load  predicted  by  a  panel  method 
can  be  decomposed  in  part  by  devising  certain 
special  test  cases  which  ensure  that  at  least 
one  of  the  inviscid  terms  are  eliminated. 
These  test  case3  have  no  physical 
significance  to  the  prediction  of  weapon 
aerodynamic  loads,  other  than  that  they  allow 
the  partial  decomposition  of  the  constituent 
parts  of  the  load.  By  comparing  the 
predictions  from  NUFA  for  these  test  cases 
with  the  output  data  from  the  3-D  panel 
method,  factors  were  derived  for  the 
buoyancy,  effective  camber  and  higher  order 
Slender  Body  Theory  terms.  Application  of 
these  factors  has  been  found,  in  general,  to 
provide  an  improvement  in  the  calculation  of 
the  inviscid  load  distribution  on  bodies 
immersed  in  non-uniform  onset  flows. 

The  Slender  Body  Theory  method  was  modified 
such  that  both  the  magnitude  and  position  of 
the  peak  nose  load  were  altered  on  tangent- 
ogive  nose  profiles.  Similar  modifications 
were  incorporated  for  conical  nose  profiles. 
In  addition,  a  carryover  from  the  nose  to  the 
body  was  incorporated.  Although  the 
prediction  of  total  normal  force  was 
unaltered  by  these  modifications,  the 
distribution  of  load  was  significantly 
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Improved.  These  modifications  provide  a  more 
accurate  prediction  of  the  inviscid  load 
distribution  on  bodies  with  nose  profiles 
which  are  either  blunted  or  sharp,  conical  or 
tangent-ogives.  For  other  nose  profiles, 
standard  Slender  Body  Theory  is  utilised. 

The  modified  Slender  Body  Theory  method  is 
currently  limited  to  Mach  numbers  below  0.8, 
although  it  is  intended  to  extend  the  method 
to  Mach  numbers  up  to  5.0.  The  load 
distribution  on  bodies  with  cross-sections 
varying  from  square  (r/W=0.0)  to  circular 
(r/W=0.5)  may  be  calculated. 

Two  examples  of  the  improvement  in  the 
prediction  of  the  nose  load  distribution  are 
shown  in  Figures  2  and  3.  The  load 
distributions  from  both  NUFA  and  a  3-D  panel 
method  are  shown  for  a  hemispherical  nose 
(Figure  2)  and  a  blunted  tangent-ogive 
(Figure  3).  Both  configurations  are  of 
square  cross-section  with  an  incompressible 
onset  flow  at  ten  degrees  of  incidence.  The 
panel  densities  for  the  nose  geometries  are 
shown  in  Figure  9.  Assuming  that  the 
predictions  from  the  3-D  panel  method  are 
nominally  exact,  then  clearly  the  application 
of  the  modified  Slender  Body  Theory  method 
provides  a  significant  improvement  in  the 
prediction  of  the  load  distribution  in  both 
cases.  Of  note  is  the  accuracy  of  the 
prediction  of  the  double  peak  in  the  load 
distribution  on  the  blunted  nose 
configuration  (Figure  3). 


PREDICTION  OF  THE  PITCHING  MOMENT  ON  BODIES 
OF  SHORT  NCSE  LENGTH 

Using  either  the  basic  or  the  modified 
application  of  Slender  Body  Theory,  as 
described  above,  will,  on  its  own,  be  unable 
to  provide  accurate  predictions  of  the 
(inviscid)  pitching  moment  for  bodies  of 
short  nose  length.  Despite  the  fact  that  the 
new  potential  load  calculation  can  provide 
relatively  accurate  predictions  of  the 
distribution  of  normal  force,  the  accuracy  of 
the  pitching  moment  prediction  decreases  with 
decreasing  nose  length.  In  terms  of  pitching 
moments  on  the  nose  of  the  body  due  to  the 
inviscid  load  distribution,  the  predictions 
may  be  in  error  by  up  to  50%.  As  nose  length 
decreases  the  axial  force  distribution 
provides  a  significant  contribution  to  the 
pitching  moment.  Of  course,  as  the  name 
implies.  Slender  Body  Theory  was  never 
intended  to  be  a:  plied  to  bodies  with  bluff 
nose  profiles. 

In  order  to  account  for  the  effect  of  the 
axial  force  distribution,  a  factor  has  been 
derived  for  both  blunted  and  sharp  conical 
and  tangent-ogive  nose  profiles.  The  effect 
of  applying  this  correction  is  shown  in 
Figure  5.  Normal  force  and  centre  of 
pressure  position  due  to  the  inviscid  load 
distribution  for  the  nose  only  are  plotted 
against  no3e  length.  The  predicted  data  from 
NUFA  are  compared  with  those  from  a  3-D  panel 
method.  Examples  of  the  panel  densities  used 
for  the  nose  geometries  are  shown  in  Figure 
6.  Results  are  presented  for  a  corner 
rounding  of  0.3,  with  onset  flow  of  MO. 9  at 
2.5  degrees  of  incidence.  The  moment 
reference  point  is  taken  to  be  at  the  nose 
apex.  The  predicted  normal  force  and 
pitching  moment  from  the  3-D  panel  method  are 
assumed,  for  the  purposes  of  this  comparison, 
to  be  nominally  exact.  The  normal  force 
predicted  by  NUFA  is,  as  would  be  expected 
from  the  previous  figures,  accurate  for  all 
nose  lengths  presented.  However,  it  can 


clearly  be  seen  that  the  predicted  centre  of 
pressure  position,  before  the  appl'cation  of 
the  factor,  is  too  far  forward,  for  the  short 
nose  lengths.  The  discrepancy  decreases  with 
increasing  nose  length.  The  maximum  error 
occurs  at  the  shortest  nose  length  and  13  of 
the  order  of  50%.  Application  of  the 
pitching  moment  factor  results  in  a 
substantial  improvement  in  the  predicted 
centre  of  pressure  position  with  no  change  in 
the  total  normal  force.  Although  the  data 
presented  in  Figure  5  wa3  obtained  at  an 
angle  of  incidence  of  2.5  degrees,  the 
percentage  error  in  pitching  moment  (without 
the  application  of  the  pitching  moment 
factor)  would  be  invariant  with  angle  of 
incidence.  Two  and  a  half  degrees  of 
incidence  wa3  chosen  only  to  demonstrate  the 
need  for  a  pitching  moment  factor,  the 
incidence  angle  itself  having  no  particular 
significance.- 


VISCOUS  BODY  LOAD  PREDICTION  METHOD 

The  accurate  prediction  of  the  viscous  load 
generated  by  the  body  of  a  configuration  can 
oe  extremely  important,  particularly  in  the 
high  Incidence  regime  within  which  modern 
weapons  are  required  to  operate.  These 
viscous  loads,  which  tend  to  dominate  the 
overall  body  generated  forces  at  high 
incidences,  can  be  strongly  dependent  upon 
both  Mach  number,  and  particularly,  Reynolds 
number,  as  well  as  other  factors  such  as 
surface  roughness  and  frecstream  turbulence. 

A  viscous  body  load  prediction  method  has 
been  developed  within  NUFA  based  upon  the 
well  known  Cro33flow  Drag  Analogy  (which 
reduces  the  problem  to  predicting  a  crossflow 
drag  coefficient).  The  method  predicts  a 
crossflow  drag  coefficient  for  each  body 
segment,  at  which  the  flow  conditions  are 
known,  accounting  for  the  effects  of  both 
Reynolds  number  and  Mach  number.  Thi3  method 
can  be  applied  to  any  body  of  circular  cross- 
section,  at  incidences  up  to  90  degrees,  Mach 
numbers  up  to  5.0  and  for  any  flow  Reynolds 
number.  The  method  basically  determines  a 
characteristic  Reynolds  number  at  each  body 
segment,  primarily  as  a  function  of 
freestream  Reynolds  number  and  local 
incidence.  This  characteristic  Reynolds 
number,  together  with  the  local  crossflow 
Mach  number,  is  used  to  determine  the 
crossflow  drag  coefficient  at  each  body 
segment. 

A  comparison  is  presented  in  Figure  7  between 
experimental  data  (extracted  from  Ref. 9)  and 
predictions  of  the  variation  of  normal  force 
coefficient  for  a  simple  nose-cylinder  body 
with  Reynolds  number  at  30  degrees  of 
incidence,  at  four  Mach  numbers.  The  NUFA 
method  generally  predicts  the  variation  with 
Reynolds  number  well,  showing  tne  progression 
from  suboritical  (low  Reynolds  number)  flow 
through  the  critical  region  to  supercritical 
flow.  The  prediction  of  normal  force 
coefficient  with  varying  Mach  number  is  of 
good  quality,  clearly  demonstrating  the 
reducing  dependence  of  the  viscous  loads  on 
Reynolds  number,  with  increasing  Mach  number. 

Predictions  from  NUFA  are  compared  with 
experimental  data  from  Ref. 5  in  Figures  8  to 
11.  Comparisons  of  normal  force  coefficient 
and  centre  of  pressure  position  for  a 
nose/cylinder  body  at  a  low  subsonic  Mach 
number  are  shown  at  four  different  Reynolds 
numbers.  The  two  sets  of  experimental  data 
are  due  to  the  use  of  two  different  wind 
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tunnel  models  -  one  painted  and  pressure 
tapped  and  the  other  unpainted  and  smooth. 

The  noij^l  force  coefficients  and  centre  of 
pressure  position  are  very  well  predicted  up 
to  *40  degrees  incidence.  The  predicted 
characteristics  are  well  within  the  overall 
accuracy  target.  Above  *40  to  50  degrees 
incidence  the  centre  of  pressure  position 
tends  to  be  predicted  too  far  aft.  The 
prediction  of  normal  force  coefficient  at  the 
lowest  Reynolds  number  is  excellent  over  the 
whole  incidence  range,  with  the  method 
predicting  well  the  sudden  steepening  of  the 
curve  at  around  20  degrees  incidence.  At  the 
two  intermediate  Reynolds  numbers  the  normal 
force  coefficient  is  somewhat  overpredicted 
above  50  degrees. 

The  predictions  of  body  loads  and  moments, 
obtained  to  date  with  the  viscous  model,  over 
a  range  of  test  Reynolds  and  Mach  numbers, 
have  been  encouraging.  The  method  has 
provided  good  results  for  a  range  of 
configurations  up  to  high  incidence. 

An  example  of  a  body-wing-tail  configuration 
13  shown  in  Figure  12.  In  this  figure  the 
longitudinal  aerodynamics  of  the  Sparrow  III 
configuration  are  presented  at  three  angler 
of  incidence  over  a  range  of  Mach  numbers. 

The  experimental  data  were  extracted  from 
Ref. 6.  The  NUFA  predictions  include  the  new 
viscous  body  load  prediction  method,  however, 
the  Mach  number  range  is  too  high  for  the 
modified  Slender  Body  Theory  method  to  be 
utilised.  The  prediction  of  both  normal 
force  and  centre  of  pressure  position  are 
within  the  accuracy  limits  of  the  method, 
except  for  the  prediction  of  centre  of 
pressure  position  at  the  highest  incidence 
and  Mach  number.  At  this  combination  of 
conditions  the  centre  of  pressure  is 
predicted  to  be  too  far  forward.  The 
contribution  to  the  normal  force  from  the 
body  at  these  conditions  is  very  significant. 
By  modifying  the  distribution  of  load  on  the 
nose  (reduction  of  the  peak  force  and 
inclusion  of  *  carryover  onto  the  body),  it 
is  expected  that  the  predicted  centre  of 
pressure  position  would  be  improved. 


PREDICTION  CF  LOADS  ON  A  BOATTAILED  BODY 

In  terms  of  body  loads  the  accurate 
prediction  of  boattail  loads  is  extremely 
important.  The  relatively  long  moment  arm 
and  the  fact  that  the  load  on  the  boattail 
will  form  a  couple  with  the  nose  load,,  means 
that  the  accuracy  of  pitching  moment 
prediction  is  extremely  sensitive  to  the 
boattail  load. 

In  principle,  for  conical  or  tangent-ogive 
boattails,  the  new  nose  (linear)  load 
prediction  method  could  be  utilised.  A 
composite  load  distribution  has  been  produced 
in  Figure  13  to  give  some  indication  of  the 
quality  of  the  predictions  which  could  be 
obtained  from  NUFA  if  the  new  inviscid  load 
model  was  applied  to  boattails.  The 
predicted  load  distribution  is  compared  with 
that  from  a  3-D  panel  method.  Clearly  the 
NUFA  predicted  load  distribution  is  far 
superior  to  that  produced  by  Slender  Body 
Theory  (Figure  1*1).  Both  the  magnitude  and 
position  of  the  peak  loads  are  predicted 
well.  The  error  in  the  position  of  the  nose 
peak  load  as  predicted  by  NUFA  is  simply  due 
to  the  use  of  a  linear  interpolation  method 
for  extracting  information  from  a  fixed 
dataset.  This  could  easily  be  cured  by 
applying  a  curve  fit  to  the  data. 


Application  of  the  new  inviscid  load  model  to 
the  boattail  should  result  m  an  improvement 
in  the  predicted  centre  of  pressure  position. 
The  NUFA  method  is,  however,  currently 
limited  to  using  Slender  Body  Theory  on 
boattails. 

Use  of  the  NUFA  load  distribution  (new  nose 
inviscid  load  model  with  Slender  Body  theory 
applied  to  the  boattail),  as  it  stands,  would 
result  in  a  significant  underprediction  in 
the  total  normal  force  and  an  additional 
nose-up  pitching  moment.  Viscous  effects  are 
usually  assumed  to  result  in  a  reduction  of 
the  inviscid  load  on  contracting  body 
profiles.  A  simple  correction  to  account  for 
viscous  effects  (other  than  those  modelled  by 
the  cross-flow  drag  method)  has  been 
incorporated.  More  sophisticated  methods 
have  been  examined  (eg.  Refs.  7  to  12), 
however,  they  are  all  limited  in  the  range  of 
configurations  to  which  they  may  be  applied. 

A  new  method  based  on  the  load  distribution 
predicted  by  the  NUFA  method  is  currently 
under  consideration. 

The  effect  of  applying  the  simple  boattail 
(inviscid)  load  correction  is  shown  in  Figure 
15.  There  is  a  significant  change  in  the 
normal  force  and  centre  of  pressure  position 
due  to  the  inviscid  load  distribution  when 
the  correction  is  applied.  The  inclusion  of 
a  load  due  to  the  cross-flow  drag  calculation 
shows  that  an  accurate  prediction  of  both 
normal  force  and  centre  of  pressure  position 
can  be  achieved  throughout  the  incidence 
range.  Since  at  low  incidence  the  NUFA 
predicted  centre  of  pressure  position  tends 
towards  the  inviscid  value,  the  need  for  the 
boattail  load  correction  is  obvious.. 

Comparisons  with  experimental  data  for  the 
bomb  body  over  a  range  of  Mach  numbers  and 
angles  of  incidence  are  shown  in  Figure  16. 
Given  that  a  simple  correction  has  been 
applied  to  the  boattail  load  distribution, 
the  centre  of  pressure  predictions  are  very 
good.  The  prediction  of  normal  force  is 
relatively  accurate  throughout  the  Mach 
number  and  incidence  range  presented,  except 
at  the  highest  incidence  where,  in  general, 
NUFA  underpredicts  the  normal  force. 


PREDICTION  OF  SQUARE  BODY  AERODYNAMICS 

Provision  of  a  prediction  capability  for 
bodies  of  square  cross-section  obviously 
involves  development  of  most  aspects  of  a 
component  'build  up'  method.  Of  concern  here 
is  the  development  of  the  body  load 
prediction  capability.  The  linear  load 
calculation  technique  encompasses  a  square 
body  prediction  capability  up  to  MO. 8.  This 
has  been  described  above.  A  cross-flow  drag 
model  (due  to  Clarkson,  Ref. 13)  has  been 
incorporated  allowing  the  prediction  of  the 
non-linear  aerodynamics.  As  with  the  linear 
aerodynamic  model,  the  technique  allows  an 
arbitrary  corner  radius  to  be  modelled. 

In  order  to  validate  and  aid  development  of 
square  body  aerodynamic  l^ad  prediction 
methods  within  British  Aerospace,  two  wind 
tunnel  test  programmes  have  been  undertaken 
to  date  in  order  to  estrjlish  an  aerodynamic 
database  for  bodies  of  square  cross-section. 
The  testing  has  involved  measuring  isolated 
and  installed  forces  and  pressures  on  a 
series  of  bodies  ranging  in  cross-section 
from  circular  to  square.  A  range  of  body  and 
lifting  surface  combinations  have  been 
tested.  Individual  lifting  surfaces  have 
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been  instrumented,  allowing  lifting  surface 
as  well  as  total  configuration  loads  and 
moments  to  be  measured.  Measurements  have 
been  taken  over  a  range  of  incidences  and 
roll  angles.  The  store  geometries  are 
similar  to  those  tested  by  Yechout  et  al. 
(Ref. 14). 

Data  from  these  tests  are  presented  together 
with  predictions  using  the  NUFA  method  in 
Figures  17  to  19.  Figure  17  shows  the  effect 
of  decreasing  corner  radius  on  the  normal 
force  and  centre  of  pressure  position  of  a 
body  alone  configuration.  A  consistent 
accuracy  in  the  prediction  of  normal  force  is 
not  achieved.  For  the  non-zero  corner 
roundings  the  accuracy  is  outside  the 
acceptable  limit  for  the  prediction  method. 
The  normal  force  on  the  square  body  (r/W=0.0) 
is  shown  in  Figures  18  and  19.  Of  note  in 
these  figures  is  the  poor  prediction  of 
yawing  moment  despite  the  relatively  accurate 
prediction  of  side  force. 

It  is  evident  from  the  comparisons  presented 
m  Figures  17  to  19»  that  the  initial  square 
body  load  prediction  capability  within  NUFA 
requires  further  development.  In  particular,, 
the  method  currently  lacks  both  a  true 
capability  to  model  Reynolds  number  effects 
on  bodies  of  non-circular  cross-section  and 
an  interface  with  the  new  circular  body 
cross-flow  drag  model. 


TRANSITION  STRIP  MODELLING 

The  vast  majority  of  data  used  for  validation 
of  weapon  aerodynamic  load  prediction  methods 
is  obtained  from  wind  tunnel  tests.  These 
tests,  in  general,  rely  on  the  use  of 
transition  strips  in  an  attempt  to  model  full 
scale  phenomena.  Use  of  a  transition  strip, 
particularly  at  low  test  Reynolds  numbers, 
can  have  a  significant  effect  upon  the 
measured  aerodynamic  loads.  If  an  attempt  is 
made  to  model  the  configuration  at  the  actual 
test  Reynolds  number  using  a  prediction 
technique  which  does  not  account  for  the 
presence  of  the  transition  strip,  then 
considerable  errors  may  result. 

A  short  study  was  conducted  at  the  Sowerby 
Research  Centre  incorporating  some 
preliminary  ideas  for  simulating  the  effects 
of  a  circumferential  transition  band  on  the 
nose  of  a  body  of  circular  cross-section. 
Modifications  were  made  to  the  existing  NUFA 
Reynolds  number  dependent  viscous  load 
calculation.  Some  results  from  this  study 
are  shown  in  Figure  20.  Experimental  data 
were  availaole  from  the  square  stores 
database  created  by  British  Aerospace.  Using 
the  actual  test  Reynolds  number,  which  is 
well  into  the  sub-critical  range  (0.2*105, 
based  on  body  maximum  diameter),  within  the 
NUFA  method,  results  m  a  substantial 
overprediction  of  the  normal  force.  By 
incorporating  an  initial  methodology  for 
estimating  transition  strip  effects,  the 
prediction  of  normal  force  and  centre  of 
pressure  position  are  substantially  improved. 

No  claims  as  to  the  generality  of  the  method 
are  being  made.  This  exercise  simply 
indicates  that  the  prediction  of  transition 
strip  effects  may  b6  possible  where  wind 
tunnel  tests  are  carried  out  at  low  Reynolds 
numbers. 


AERODYNAMIC  DERIVATIVE  PREDICTION 

Work  has  recently  commenced  to  investigate 
the  ability  of  the  NUFA  method  to  provide 
estimates  of  aerodynamic  derivatives.  Two 
methods  of  predicting  pitch  damping  force  and 
moment  derivative  coefficients  have  been 
investigated.  One  of  the  techniques  is  based 
on  a  method  used  m  conjunction  with  the 
ABACUS  program.  This  method  uses  an  equation 
extracted  from  Ref. 15.  Prediction  of  the 
pitch  damping  moment  coefficient  is,  using 
this  method,  dependent  upon  the  distribution 
of  pitching  moment,  the  pitching  moment  curve 
slope,  angle  of  incidence  and  the  body  centre 
of  pressure  position.  Similarly  the  pitch 
damping  force  coefficient  is  dependent  upon 
normal  force  terras  and  the  body  centre  of 
pressure  position.  The  alternative  method 
requires  a  non-uniform  flow  prediction 
capability  and,  as  such,  is  unsuited  to  a 
method  such  as  ABACUS.  A  pitch  rate  is 
simulated  in  the  prediction  method  by 
applying  a  linear  variation  in  onset  flow  to 
the  weapon  model.  By  predicting  the  pitching 
moment  and  normal  force  using  this  method  the 
derivative  with  respect  to  pitch  rate  may  be 
derived.  In  principle  this  second  method 
should  be  capable  of  providing  predictions  at 
any  angle  of  incidence  or  Mach  number  (below 
5.0)  and  allow  any  offset  between  the  moment 
reference  point  and  the  centre  of  rotation  of 
the  weapon.  Other  aerodynamic  derivatives 
may  be  predicted  using  either  the  equation  or 
onset  flow  based  method. 

To  date  the  NUFA  prediction  method  has  been 
applied  to  two  test  cases.  The  results  are 
shown  in  Figures  21  and  22.  For  the 
configuration  shown  in  Figure  21,  identical 
results  for  pitch  damping  moment  coefficient 
were  achieved  U3ing  both  the  equation  and 
onset  flow  based  techniques.  The 
experimental  data  were  extracted  from  Ref. 16. 
The  results  are  seen  to  be  reasonably 
accurate  throughout  the  Mach  number  range 
tested.  The  advantage  of  estimating  damping 
derivatives  from  a  method  which  accurately 
predicts  the  distribution  of  normal  force  is 
clearly  seen  when  the  results  from  NUFA  are 
compared  with  those  of  ABACUS.  Results  for  a 
body-tai.  configuration  are  shown  in  Figure 
22,  for  two  different  centres  of  rotation. 

The  comparison  with  experimental  data 
(extracted  from  Ref.  17)  is  very  encouraging, 
with  the  prediction  method  accurately 
estimating  the  effect  of  shifting  the  centre 
of  rotation.  Further  validation  is  required 
in  order  to  provide  confidence  m  the 
prediction  method. 

PREDICTION  OF  AERODYNAMIC  LOADS  IN 
NON-UNIFORM  FLOW 

The  NUFA  method  was  specifically  developed 
from  the  ABACUS  program  to  provide  estimates 
of  store  loads  when  immersed  in  non-uniform 
onset  flews. 

For  weapons  installed  on  aircraft,  the  non¬ 
uniformity  of  the  flow  encountered  may  be 
such  that  additional  load  components  due  to 
gradients  in  the  flowfield  may  be  as  large  as 
the  inviscid  (Slender  Body  Theory)  and 
viscous  aerodynamic  te.'ms.  Tt  is  therefore 
important  to  include  components  such  as 
buoyancy  and  higher  order  terms. 

Typical  applications  of  the  method  are  for 
the  prediction  of  underwing  and  underfuselage 
carriage  and  trajectory  loads.  The  method 
has  been  incorporated  within  a  trajectory 
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suite.  In  this  application  a  'ghosted' 
flowfleld  Is  calculated  by  a  3-D  panel 
method,  the  flowfleld  being  calculated  only 
once  in  order  to  reduce  the  overall  C03t  of 
execution. 

In  orde  to  indicate  the  quality  of  the 
predir.ions  of  load  distribution  from  the 
NUFA  method,  comparison  with  predicted  load 
distributions  from  a  3-D  panel  method  are 
shown  in  Figures  23  and  24.  Both  comparisons 
are  shown  for  an  onset  flow  of  twelve  degrees 
of  incidence  at  MO. 19.  The  predicted  load 
distributions  shown  in  these  figures  are  due 
to  the  inviscid  aerodynamic  terms  only  (ie. 
no  cross-flow  drag).  For  the  purposes  of 
comparison,  the  results  from  the  panel  method 
are  assumed  to  be  nominally  exact  for 
inviscid  flow.  The  3-D  panel  method  was  used 
to  provide  a  flowfield  for  use  with  NUFA. 

The  predicted  normal  force  distribution  shown 
in  Figure  23  is  for  a  store  body  under  a 
three  dimensional,  constant  section  swept 
wing.  The  vertical  locations  of  the  store 
relative  to  the  wing  are  shown  in  Figure  25.- 
The  NUFA  predicted  load  distributions  compare 
well  with  those  of  the  panel  method.  Even  at 
the  lowest  position  the  store  experiences 
some  disturbance  from  the  wing  since  over  the 
cylindrical  portion  of  the  body  the  inviscid 
load  is  non-zero. 

The  side  force  distributions  3hown  in  Figure 
24  are  for  the  wing-pylon-store  body 
configuration  shown  in  Figure  26.  The  store 
positions  vary  from  installed  to  almost 
freestream.  Again  the  comparison  between  the 
predicted  load  distributions  from  NUFA  and 
the  panel  method  are  good  over  most  of  the 
store  length.-  NUFA  seems  to  underpredict  the 
load  aft  of  the  peak  nose  load.  This  also 
appeared  on  the  wing-store  body  case  (not 
shown  here)  and  requires  further 
investigation,  as  does  the  discrepancy  at  the 
rear  of  the  installed  body.  The  NUFA 
predicted  installed  load  is  very  good  given 
the  extremely  high  velocity  gradients 
predicted  by  the  panel  method  around  the  base 
of  the  pylon.  The  results  clearly  indicate 
that  the  NUFA  semi-empirical  method  is 
capable  of  providing  estimates  of  the  load 
distribution  on  weapon  bodies  of  a  similar 
quality  to  that  obtained  by  a  3-D  panel 
method,  when  a  'ghosted'  flowfield  is 
utilised.  The  NUFA  method  may,  however,  be 
provided  with  a  flowfield  from  any  source, 
for  example,  experimental  data. 


CONCLUSIONS 

The  NUFA  semi-empirical  3tore  load  prediction 
method  can  provide  accurate  predictions  of 
store  body  load  distributions  in  both  uniform 
and  non-uniform  onset  flows.  The  method  will 
provide  estimates  of  aerodynamic  loads  up  to 
Mach  5.0.  NUFA  utilises  a  combination  of 
Slender  Body  Theory  and  a  oros3-flow  drag 
prediction  method. 

The  method  is  inexpensive  to  use  in  terms  of 
computing,  is  simple  and  flexible,  allowing 
bodies  of  arbitrary  profile  and  axisymmetric 
cross-section  to  be  modelled  by  utilising  a 
polynomial  input  capability. 

The  accuracy  of  the  inviscid  load 
distribution  has  been  improved  by 
incorporating  modifications  to  the  standard 
Slender  Body  Theory  prediction  method.  Thi3 
modified  method  can  provide  a  similar  level 
of  accuracy  to  that  of  a  3-D  panel  method  for 
bodies  of  circular  or  square  cros3-section 


with  blunted  or  sharp,  conical  or  tangent- 
ogive  nose  profiles.  Although  limited  to 
subsonic  Mach  numbers,  the  method,  when 
extended,  will  provide  accurate  inviscid  load 
predictions  at  low  cost  for  Mach  numbers  up 
to  5.0. 

A  relatively  sophisticated  cross-flow  drag 
prediction  method  has  been  developed  and 
incorporated  within  NUFA.  The  method  is 
capable  of  providing  esimates  of  the  viscous 
load  contribution  on  bodies  of  circular 
cross-section  for  Mach  numbers  between  0.0 
and  5.0.  The  Reynolds  number  range  of  the 
method  is  unlimited.  Comparisons  with 
experimental  data  have  shown  that  the  method 
is  able  to  estimate  adequately  the  effects  of 
varying  Reynolds  number. 

The  ability  of  the  NUFA  method  to  provide 
estimates  of  body  load  distributions  has  been 
clearly  shown  to  enhance  the  prediction  of 
the  pitch  damping  moment  coefficient  on 
isolated  weapon  bodies.  As  a  first 
application  of  the  NUFA  method  to  the 
prediction  of  aerodynamic  derivatives,,  the 
results  presented  here  are  extremely 
promising. 

An  initial  square  body  load  prediction 
capability  has  been  incorporated  within  NUFA. 
However,  comparisons  with  experimental  data 
indicate  that  the  cross-flow  drag  prediction 
method  requires  further  development.  This 
will  be  part  of  the  ongoing  development  of 
the  NUFA  method  which  will  also  include 
further  investigation  of  the  transition  strip 
modelling  and  body  boattail  modelling 
capabilities. 


REFERENCES 

1.  Herring,  P.G.C.,  'A  computer  program 
which  evaluates  the  longitudinal 
aerodynamic  characteristics  of  typical 
weapon  configurations'.  AGARD-CP-336 
Paper  No.  26,  Missile  Aerodynamics. 
September  1982. 

2.  Bizon,  S.  A.,  'NUFA  -  A  technique  for 
predicting  characteristics  of  store 
configurations  in  a  non-uniform 
flowfield'.  AGARD-CP-389  Paper  No.  14. 
October  1985. 

3.  Isaacs,  D.,  'Slender  Body  Theory 
analysis  of  the  loading  on  axisymmetric 
bodies  which  are  in  motion  through  a 
non-uniform  subcritlcal  flow'.  RAE  Tech 
Memo  Aero  1889.  January  1981. 

4.  Polhamus.  E.  C.,  'A  review  of  some 
Reynolds  Number  effects  related  to 
bodies  at  high  angle  of  attack'.  NASA 
Contractor  Report  3809.  August  1984. 

5.  Champigny,  P.,  'Pressure  and  force 
measurements  on  a  3D  ogive  nose  and 
cylindrical  body  at  high  angles  of 
attack'.  GATEUR  No.  01/AG04.  October 
1983. 

6.  Monta,  W.  J.,  'Supersonic  aerodynamic 
characteristics  of  a  Sparrow  III  type 
missile  model  with  wing  controls  and 
comparison  with  existing  tail-control 
results'.  NASA  Tech.  Paper  1078. 
November  1977. 


9-7 


7.  Engineering  Sciences  Data  Unit.  Item 
Number  87033- 

8.  Washington,  W.  D.  and  Pettis,  W.  Jr., 
'Boattail  effects  on  static  stability  at 
small  angles  of  attack1.  US  Army 
Missile  Command,  Redstone  Arsenal, 
Alaoama,  Report  No.  RD-TM~',S-5.  July 
1968. 

9.  Moore,  F.  G.,  'Body  alone  aerodynamics 
of  guided  and  unguided  projectiles  at 
subsonic,  transonic  and  supersonic  Mach 
numbers'.  Naval  Weapons  Laboratory 
Report  No.  NKL  TR-2796.  November  1972. 

10.  Nielsen,  J.  N.,  Goodwin,  F.  K.,  and 
Smith,  C.  A.,  'Method  for  predicting 
tail  control  effects  on  conical 
afterbodies  of  submersibles ' .  Naval 
Coastal  Systems  Command  Report  No.  NCSC 
TM  347-82.  August  1982. 

11.  Darling,  J.  A.,  'Handbook  of  blunt-body 
aerodynamics.  Volume  1  -  Static 
Stability'.  NOLTR  73-225.  December 
1973. 

12.  Fidler,  J.  E.,  and  Smith,  C.  A., 

'Methods  for  predicting  submersible 
hydrodynamic  characteristics'.  Naval 
Coastal  Systems  Command  Report  No.  NCSC 
TM-238-78.  July  1978. 

13.  Clarkson,  C.  D.  S.,  'A  method  for 
improving  the  load  prediction 
capabilities  of  the  SPARV/FIM  computer 
program  suite'.  BAe,  Military  Aircraft 
Ltd.,  Report  No.  YAD  5189.  February 
1988. 

14.  Yechout ,  T.  R.,  Zollars,  G.  J.  and 
Daniel,  D.  C.,  'Experimental  aerodynamic 
characteristics  of  missiles  with  square 
cross-sections'.  AIAA  19th  Aerospace 
Sciences  Meeting,  St.  Louis,  Missouri. 
January  12-15,  1981.  Paper  AIAA-81- 
0144. 

15.  Bailey,  R.  H.,  'The  prediction  of 
aerodynamic  derivatives  by  the 
aerodynamic  prediction  program  'ABACUS*. 
BAe,  Sowerby  Research  Centre,  Report  No.. 
JS  10600.  April  1986. 

16.  Whyte,  R.  H.,  'Effects  of  boattail  angle 
of  aerodynamic  characteristics  of  175mm 
M437  projectile  at  supersonic  Mach 
numbers'.  Picatinny  Arsenal  Technical 
Memorandum  1646.  September  1965. 

17.  Shanta,  1.  and  Groves,  R.  T.,  'Dynamics 
and  static  stability  measurements  of  the 
basic  Finner  at  supersonic  speeds'. 
NAV0RD  Report  4516.  September  I960. 


Fig. 3  PREDICTED  INVISCID  LOAD  DISTRIBUTION  ON  A  2  calibre,  BLUNTED  (rfe/W  s  0.2) 
TANGENT-OGIVE  NOSE  (r/W  =  0.0) 


Nose  Length  «  0.5  calibres.  r/W  *  0  0,  rfc/W  »  0.0 


Nose  Length  *  2  0  calibres,  r/W  *  0  0,  r^AA/  ■  0  2 


Fig.lt  PANEL  DENSITIES  ON  NOSE  GEOMETRIES 
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Fig. 13  DISTRIBUTION  OF  INVISCID  LOAD 
ON  A  BOAT-TAILED  BODY  - 
COMPARISON  OF  RESULTS  FOR  NUFA 
AND  A  3-D  PANEL  METHOD 
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Fig. IN  DISTRIBUTION  OF  INVISCID  LOAD 
ON  A  BOAT-TAILED  BODY  - 
COMPARISON  OF  RESULTS  FROM 
SLENDER  BODY  THEORY 
AND  A  3-D  PANEL  METHOD 
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Fig. 25  VERTICAL  LOCATIONS  OF  WEAPON  BODY 
UNDER  A  3-D  SWEPT  WING 
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F.g.26  VERTICAL  LOCATIONS  OF  WEAPON  BODY 
UNDER  THE  WING-PYLON  CONFIGURATION 


Fig.2«  SIDE  FORCE  (INVISCID)  DISTRIBUTIONS 
ON  A  WEAPON  BODY  UNDER  A  WING-PYLON 
CONFIGURATION 
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1.  SUMMARY 

This  paper  describes  the  calculation  proce¬ 
dure  of  the  new  semiempirical  computer  code 
AAVEX  (aerodynamics  of  .air  chicles,  extended 
versionT  for  the  static  aerodynamic  coeffi¬ 
cients  of  missiles  with  a  body  of  revolution 
and  up  to  three  cross  wings.  The  range  of 
application  is:  Mach-number  M  s  4,  angle  of 
incidence  i  s  90°,  roll  angle  arbitrary,  and 
all  fins  independently  deflectable.  An  exist¬ 
ing  program  for  missiles  at  zero  roll  angle 
with  wings  in  +  position  is  extended  with 
respect  to  the  roll  angle  influence  and  an 
improved  front  to  rear  wing  interference. 
Special  emphasis  is  set  on  this  extension 
because  it  is  applicable  to  other  zero  roll 
angle  codes  and  thus  might  be  of  genera' 
interest. 

The  whole  procedure  can  be  roughly  divided 
into  three  different  stages: 

•  calculation  for  wings  in  +  position  at 
zero  roll  angle, 

•  empirical  modification  of  forces  and 
moments  for  wings  in  arbitrary  position, 
at  given  roll  angle, 

•  calculat'on  of  front  to  rear  wing  inter¬ 
ference. 

Especially  the  second  stage  is  based  on  a 
widt  data  base  with  systematically  varied 
cross  wings  at  a  body  of  revolution. 

Although  the  code  is  new  and  has  still  got  a 
potential  for  improvement,  the  examples  pre¬ 
sented  in  this  paper  well  agree  with  experi¬ 
ments. 


2.  INTRODUCTION 

For  the  design  and  the  simulation  of  missiles 
it  is  very  important  to  determine  the  static 
aerodynamic  coefficients  and  the  most  impor¬ 
tant  dynamic  derivatives  quickly  and  at  low 
cost  without  affecting  the  accuracy  too  much. 
As  long  as  the  roll  angle  is  zero  and  the 
cross  wings  are  in  +  position,  there  are  many 
computer  codes  available  which  meet  these 
demands.  One  of  these  is  the  Cornier  program 
AAV  (.aerodynamics  of  .air  vehicles)  which  is 
applicable  for  Kach-numbers  M  s  4  and  angles 
of  incidence  i  s  180°. 

For  arbitrary  roll  angles  this  method  uses  a 
rough  approximation  which  is  not  able  to  pre¬ 
dict  the  roll  angle  and  the  corresponding 
cross-coupling  effects  as  accurately  as  it  is 
necessary  for  advanced,  future  air  vehicles. 
So  it  was-decided  to. develop  an  extended  ver¬ 
sion;  of  this  code  which  fulfils  the  new 
requirements  but  keeps  the  advantages  as 
there  are:  wide  range  of  application,  high 
accuracy  for  the  zero  roll  case,  and  low 


computation  time  and  cost.  With  regard  to  the 
cost  and  the  complexity  of  the  threedimen¬ 
sional  flow  it  was  obvious  that  only  a  semi- 
empirical  procedure  is  adequate.  There  was  a 
wide  base  of  experimental  data  available  for 
systematically  varied  cross  wings  on  standard 
bodies.  So  it  was  promising  to  analyse  these 
data  and  to  develop  a  method  to  extend  the 
zero  roll  angle  results  to  arbitrary  roll 
angle.  This  was  the  basis  of  the  new  code 
AAVEX  which  is  presented  below. 


3.  DESCRIPTION  OF  CALCULATION  METHOD 
3.1  Range  of  Application 

The  AAVEX  is  a  computer  code  for  the  static 
aerodynamic  coefficients  of  missiles.  It  is 
applicable  to  the  following 


bodies  of  rotation:  different  noses 
and  tails,  frustrum, 

up  to  three  cross  wings;  straight 
and  cranked  leading  edges,  diffe¬ 
rent  profiles,  flaps, 

all  wing  fins  independently  deflec¬ 
table  (comp.  fig.  1). 


Fig.l:  Coordinate  System,  Attitude  Definition, 
Forces  ar.d  Moments 


The  caluclations  are  valid  for  the 

•  flight  conditions  (comp.  fig.  1): 

-  angle  of  incidence  0°  s  i  s  90” 

-  roll  angle  O’  s  M  360° 

-  Mach-number  0  s  M  s  4 

-  fin  defections  16+11  s  90“ 

Reynoldsnumber  given  explicitly  or 
by  flight  altitude. 

The  method  is  able  to  predict  the 

•  aerodynamic  coefficients  of  (comp, 
fig.  1): 

-  total  forces  X,  Y,  Z  and  moments  L, 
M,  N 

fin  forces  N(,,  hinge  moments  M^  and 
root  bending  moments  Bk 


10-2 


Two  postprocessing  programs  are  available 
for 

•  trimmed  aerodynamic  coefficients 

♦  dynamic  derivatives  Including  cross 
coupling  effects. 


3.2  General  Procedure 

The  AAVEX  is  the  computer  code  of  a  semi- 
empirical  method.  This  means  that  theoretical 
relations  are  taken  whenever  available  and 
updated  with  experimental  and/or  more  precise 
theoretical  results  whenever  possible  and 
necessary.  In  cases  where  no  theoretical  for¬ 
mulas  could  be  found,  all  kinds  of  experimen¬ 
tal  and  theoretical  data  which  were  available 
and  reliable  have  been  used  to  create  empiri¬ 
cal  relations  by  curve  fitting  and  interpola¬ 
tion.  It  has  been  considered  to  be  important 
that  limiting  cases  are  obeyed,  e.g.  that 
results  at  angles  of  incidence  1  *  0°  and 
i  »  90°  etc.  are  correct.  The  main  principle 
is  to  compose  the  forces  and  moments  by  sum¬ 
ming  up  the  contributions  of  all  missile  com¬ 
ponents.  Thereby  interactions  between  these 
components  are  regarded.  This  concerns  the 
fin  to  fin,  the  wing  to  body,  the  body  to 
wing,  and  the  front  to  rear  wing  inter¬ 
ference.  The  whole  procedure  can  be  roughly 
divided  into  three  different  stages: 

•  stage  one: 

calculation  of  forces  and  moments  for 
all  wings  in  +  position  at  zero  roll 
angle:  only  symmetrical  deflection  of 
horizontal  fins,  front  to  rear  wing 
interference  neglected  so  far, 

•  stage  two: 

modification  of  forces  and  moments  for 
wings  in  arbitrary  position  at  given 
roll  angle:  individual  fin  deflection, 
front  to  rear  wing  interference  neglect¬ 
ed  so  far, 

•  stage  three: 

calculation  of  front  to  rear  wing  inter¬ 
ference. 

The  following  chapters  give  a  survey  of  these 
stages  with  special  emphasis  on  the  last 
two. 


3.3  Missile  at  Zero  Koll  Angle  with  Mings  in 
+  Position _ 


On  the  basic  stage  of  the  AAVEX  method  the 
missile  is  examined  at  zero  roll  angle  with 
all  wings  in  +  position.  The  front  to  rear 
wing  interference  is  neglected  while  the  body 
vortex  influence  on  the  wings  is  regarded. 
The  calculation  method  at  this  stage  is 
almost  identical  to  that  of  the  original  AAV 
program  which  is  described  in  the  documenta¬ 
tion  by  K.-W.  Bock,  H.  Fuchs,  H.  lehra  El], 

In  this  case  opposite  fins  of  each  cross  wing 
are  always  examined  together.  The  following 
terminology  shall  be  used  (comp.  fig.  1): 

•  wing  plane  H :  horizontal  fins  1  and  3 

together 

•  wing  plane  v :  vertical  fins  2  and  4 

together 

The  equations  below  describe  how  the  contri¬ 


butions  of  the  different  missile  components 
are  superimposed  to  get  the  total  force  and 
moment  coefficients  in  the  missile  fixed 
coordinate  system  (comp.  fig.  1). 

X-force  coefficient:  1 ) 

"  cX*sref  ’  ,1,  C(CTM1)H  +  ^TWlM  *  SW1 

1  1  (1) 

♦  CTB  *  SB 

Z-force  coefficient:  1 ) 

'  cZ*sref  =  jli  CCNW1  +  CNB(W1) 

+  cNWlvtx3H  *  SW1  (2) 

+  CNB  ’  SB 

Pitching  moment  coefficient:  1 ) 

*  *  Sref  *  xref  (3) 

=  jtj  C(CNW1  +  CNWlvtX}  *  AxWl 

+  CNB (Ml )  *  ix8(Wl)]H  *  SU1 
+  CmB  *  XB  *  SB 

The  symbols  herein  are  defined  as  follows: 

K  index  of  wing  plane  H 

(fins  1  and  3  together) 

v  index  of  wing  plane  v 

(fins  2  and  4  together) 

1  wing  number 


sref  HI  B  reference  area. 

’  ’  exposed  wing  planform  area, 

body  cross  section  area 

xref  B  missile  reference  length, 

’  "  '  ’  body  reference  length 

wing  1  tangential  force  coeffi¬ 
cient 


wing  1  normal  force  coefficient 
including  body  to  wing  inter¬ 
ference  (comp.  equ.(3.4)) 

cNWlvtx  body  vortex  influence  on  the  wing 
normal  force 

CNB  isolated  body  normal  force  coef¬ 

ficient 

cNR(wn  additional  body  normal  force  due 

to  wing  1  (comp.  equ.(3.8)) 

CmB  isolated  body  pitching  moment 

AxW}  rearward  position  of  wing  1  point 

of  pressure  relative  to  given 
missile  reference  point 


•)  These  equations  are  valid  for  cases  with¬ 
out  fin  deflection.  If  there  are  fin 
deflections,  CNu  has  to  be  replaced  by 
Cuucosfi  -  Ctus i nfi  and.  Cjy  has  to  be 
replaced  by  CNHsin6  +  CTwcoso. 


r 


f 
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AxB(W1)  rearward  position  of  point  of 
pressure  of  the  additional  body 
normal  force  due  to  wing  1 

The  different  force  and  moment  contributions 
in  these  equations  are  determined  semiempiri- 
cally  by  use  of  methods  taken  from  various 
publications.  The  details  will  not  be 
described  here  because  the  main  topic  of  this 
paper  is  the  procedure  for  the  roll  angle 
Influence  which  is  presented  later.  So  only 
the  most  essential  formulas  for  the  zero  roll 
angle  case  shall  be  mentioned.  The  wing  nor¬ 
mal  force  Including  the  body  to  wing  inter¬ 
ference  is  determined  by 

CNW  *  ♦  cfft>  +  C^’>  (4) 

with  the  “linear  angle  of  attack  par'* 

C^W5  *  cNWa  •  sin  a  •  cos  6 

*  ( 5 ) 

•  Icos  ta+6)  I  •  Kw ( B j  , 

the  “linear  deflection  part" 


3.4  Missile  at  Given  Roll  Angle  with  Wings 
in  Arbitrary  Position _ 

3.4.1  Without  Fin  Deflection 

The  AAVEX  method  is  based  on  systematical 
experiments  and  additional  calculations.  The 
experiments  are  wind  tunnel  measurements  of 
the  fin  normal  force  of  widely  varied  test 
configurations.  They  all  consist  of  a  cruci¬ 
form  wing  on  a  standard  body  with  a  3  caliber 
ogive  nose.  Fig.  2  shows  the  configuration 
TC10.05.10  which  is  one  of  this  series. 


Cifi>  *  CNHa  ;  sin  6  •  cos  a 

•  Icos  (a+6)l  •  kj(g)  , 


(6) 


and  the  "nonlinear  angle  of  attack  and 
deflection  part" 


cMn  ‘  cNWaa  •  s'1" 

•  Isin  (a+6)l 


The  additional  normal  force  acting  on  the 
body  due  to  the  presence  of  the  wing  (wing  to 
body  carry-over) 'is  determined  by 


iflg.2:  Test  Configuration  TC  10.05.10 


CNBCW)  =  C^B(W)  *  c68{w) 


(8) 


F'g.3:  Fin  I  Normal  Force  Coefficient  versus 
Roll  Angle;  Experiment,  no  Deflection 


with  the  “linear  angle  of  attack  part" 


c&Siw)  *  cNWa  •  sin  a  •  cos  6 


Icos  <a+6)l 


‘-B(W) 


(9) 


and  the  "linear  deflection  part" 


CMP<W>  =  cNWo  •  sin  6  •  cos  o 

•  Icos  (a+5)l  •  kg(M) 


(10) 


The  interference  factors  K  (due  to  a)  and  k 
(due  to  6)  for  the  wing  in  the  presence  of 
the  body  (W(B))  and  for  the  wing  to  body 
carry-over  (B(W))  are  empirically  modified 
values  of  the  original  slender  body  theory 
factors. 

Many  details  of  the  zero  roll  angle  case  pro¬ 
cedure  are  taken  from  the  DATCOM  C23  and 
modified,  supplemented  and  updated  by  help  of 
further  publications  and  experiments  whenever 
useful  and  necessary.  The  other  most  fre¬ 
quently  used  reports  shall  be  listed  in 
alphabetical  order  without  claiming  '  com¬ 
pleteness:  W.B.  Baker  [31,  P.T.  Eaton  C4] , 
ESDU  T53.'  L.H.'  Jorgenson  [61,  W.C.  Pitts  et 
"al  [73,  B.F.  Safel  [83,  and  RtTt  Schemensky 
C93. 


In  fig,  3  the  fin  normal  force  of  TC10.05.10 
at  the  Mach-number  M  «  1.2  is  plotted  versus 
the  roll  angle  $  for  angles  of  incidence 
0“  s  i  s  40".  The  values  refer  to  fin  number 
1  (comp.  fig.  1)  which  is  on  top  of  the  body 
for  $  =  -90°,  on  the  right  side  for  if  =  0°, 
and  at  the  bottom  for  $  «  +90°.  The  normal 
force  variation  is  characteristic  of  body- 
cruciform  wing  configurations  and  well-known 
from  many  publications,  e.g.  by  J.R.  Spahr 
[103.  For  low  angles  of  incidence  the  fin 
normal  force  steadily  decreases  to  zero  when 
the  fin  is  rotated  (together  with  the  other 
fins)  from  the  horizontal  to  the  top  or  to 
the  bottom  position.  The  reason  is  the 
decreasing  “geometrical  angle  of  attack"  of 
this  fin  (a  =  arc  tan  (tan  i  •  cos  $)).-  For 
medium  angles  of  incidence  the  potential 
cross  flow  of  winged  circular  cylinders 
results  in  an  increased  normal  force  on  the 
windward  side  while  it  is  decreased  on  the 
leeward  side  ([103).  For  higher  angles  the 
body  vortices  and  the  dead  water  regions  on 
the  lee  side  might  even  convert  the  sign  of 
the  normal  force.  This  behaviour  observed  in 
fig.  3  depends  on  the  wing  geometry,  the 
forebody,  and  the  Mach-nunber.  Principally  It 
is  always  similar. 

Fig.  4  shows  this  general  fin  normal  force 
variation  with  the  roll  angle  for  cases  with 
and  without  fin  deflection.  For  the  moment 
only  the  non-deflection  case  shall  be  consi- 


UM 


(view  from  the  rear) 


dered.  Because  of  symmetry  the  Cu(4)  func¬ 
tion,  which  Is  periodical  every  360°,  can  be 
supplemented  by  rotating  the  -90°  s  s  90° 
s.ection  arour.u  the  points  4  *  -90°  or 
4  =  +90° . 

Many  missile  aerodynamic  codes,  like  the  ori¬ 
ginal  AAV,  give  good  estimations  of  the 
Cu(4'0)  value.  So  the  Idea  was  born  to  use 
this  value  and  the  zero  conditions  at 
4  =  ±90°  to  approximate  the  whole  periooical 
function  Cn<4)  by  some  kind  of  “shape  func¬ 
tion"  .  for  that  all  experiments  aval  1  able-" for 
the  test  configurations  already  mentioned 
were  analysed  in  detail.  It  was  found  to  be 
helpful  to  introduce  the  following  shape 
function: 


f (<f>)  -  Ck(M»0)/Cn(4=0,  6-0)  .  (11) 


IS 

cor**.**"  TC  10.0S.10 
********  U.1J 

14  InSaStcSoft.  O'  .  ,  .  ,  r  _ 

w! 

^■i 

S  wm 

■■ 

110  -SO  TO  JO  -JO  10  10  »  50  TO  80  110 


Fig-5:  Fin  I  Normal  Force  Shape  Function; 
Experiment,  no  Deflection 


This  shape  function  is  plotted  in  fig.  5  for 
the  case  already  examined  in  fig.  37  It 
turned  out  that  the  fin  normal  force  coeffi¬ 
cient  of  a  body-cross  wing  configuration  can 
be  approximated  by 

C^(i,4,6a0)  (12) 
=  Cn(1,4=0.6=0)  •  f(4;i,M,AR,TR.s/R) 


with  the  shape  function' f (4)  depending  on  the 
parameters 

i  •:  -  angle  of  incidence, 

H  :  Mach-number, 

AR  :  exposed  wing  (opposite  fins  together) 

~  aspect  ratio, 

,TR  :  exposed  wing  (opposite  fins  together) 
taper  ratio,* 

s/R:- :  exposed  fin  span  to  body  radius. 


The  forebody  length  influence  on  this  func¬ 
tion  is  significant  only  for  very  short  fore- 
bodies.  So  it  was  neglected  as  well  as  the 
nose  shape.  The  empirical  formula  for  the 
shape  function  is  based  on  experiments, 
supplemented  by  results  of  more  sophisticated 
codes  for  the  following  parameter  values. 

4  C°3  =  90,  -8P . 80,  90 


1  C°3 

=  0,  2, 

5,  10,  15 . 45 

M 

*  0.6, 

0.8,  0.9,  1.2,  1.5, 

3.5. 

4.5 

AR 

=  0.25, 

0.5,  1.0,  2.0,  4.0 

TR 

=  0.0, 

0.5,  1.0 

s/R 

=  0.5, 

1.0,  2.0,  4.0 

The  range  of  interest  for  typical  missiles  is 
covered  by  this  data  base.  For  angles  of 
incidence  1  >  45°  the  shape  function  can  be 
approximated  by  the  1  *  45°  value.  The  empi¬ 
rical  formula  Is  a  6th  order  Fourier  series: 


Mr*"f  .-A**"  ■ 
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f($' ;i,H,AR,TR.s/R)  * 

( 1 3  > 

t  Cl. (i  ,M, AR,TR,  s/R)  •  sintk^') 
k=l  K 

with 

$'  =  0  -  n  12  (14) 

The  Fourier  coefficients  ck  can  be  approxi¬ 
mated  as  follows: 

angle  of  incidence  dependence, 
third  order  polynomial: 

Cl  (i ;H,AR, TR, s/R)  = 

4  <15> 

2  Cm  (H,  AR,  TR,  s/R)  •  l1'1 
1  =  1  K 

Mach-number  dependence- 
third  order  polynominal : 

Cl. (H:AR,TR,s/R)  = 

4  (16) 
£,  Cklm(AR,TR,S/R)  •  Hm_1 
m=l  Klm 

aspect  and  taper  ratio  dependence. 

second  order  twodimensional  TayTor- approx ima- 


c k  1  Hi ( AR .  TR ;  s/R)  = 

X  ^klmn(s/R)  •  gn(AR,TR) 


ar  =  *log  AR 
tr  =  TR  -  0.5 


3.4.2  With  Fin  Deflection 

If  the  fin  under  consideration  is  deflected, 
the  roll  angle  Influence  becomes  more  compli¬ 
cated  than  in  the  non-deflection  case  des¬ 
cribed  above.  This  can  be  seen  in  fig.  7  and 
fig.  8  which  differ  from  fig.  3  onl y  fay  a 
positive  and  a  negative  deflection  (6  -  ±20') 
of  fin  number  1  (other  fins  not  deflected). 
The  curves  are  shifted  to  higher  (6  >  0)  or 
lower  (6  <  b)  CN  values.  Due  to  the  nonlinear 
lift  characteristics  of  the  fins  and  the 
complex  interference  this  shifting  depends  on 
the  angle  of  incidence  and  the  roll  angle.  So 
the  "shape  function"  of  the  non-deflection 
case  cannot  simply  be  applied. 


j  TC 10  05 10 

I  |  fai<M*K*ow.  1,-0* 


Fig.6:  Fin  1  Normal  Force  Shape  Function; 
Empirical,  no  Deflection 


<  ow*0utmo>y  TC  I0«i0 

'  UKtwwnMr  U  .  1j 
*  *n  0*K»or  k  •  20* 


110  tO  70  -50  30  10  10  30  SO  70  00  11 

•n 

Fig.7:  Fin  1  Normai  Force  Coefficient  versus 

Roll  Angle;  Experiment,  6|  =20'  Deflection 


9.  *  1 
9 2  »  ar 
9,  =  tr 
9,  =  ar* 

9,  *  tr* 
g,  =  ar-tr 


span  over  body  radius  dependence, 
linear  interpolation  between: 

ck(s/R=0.5),  ck(sR/=1.0), 

ck(s/R=2.0),  ck(s/R=4.0). 

The  coefficients  cklmn  of  equ.(17)  are  stored 
in  the  AAVEX  code  in  DATA-statements  for  the 
span  to  body  radius  points  of  support 
s/R  =  0.5,  1.0,  2.0,  4.0.  Fig.  6  shows  the 
'ape  function  empirically  approximated  for 
tne  same  case  as  in  fig.  5  where  the  expe¬ 
rimental  values  are  presented. 


j  co^ntoi  CT  10.05 10  , 

i  r  ! 
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Fig.8:  Fin  I  Normal  Force  Coefficient  versus 

Roll  Angle;  Experiment,  6|  =-20'  Deflection 


110  00  70  -SO  30  10  10  30  50  70  «0  110 


Fig.9:  Fin  I  Normal  Force  Coefficient  versus  Roll 
Angle;  Experiment,  6|  =0',±20'  Deflection 


For  body  tail  configurations  without  fin  Fig.  9  combines  curves  of  fig.  3,  7  and  8 

deflection  equ.(12)  already  gives  the  final  (1  »  0°,  20";  6  =  -20",  0",  20")  to  show  the 

results  for  the  fin  normal  forces  at  arbitra-  characteristic  Influence  of  a  fin  deflection 
ry  roll  angles.  In  chapter  4.1  such  an  on  the  C  N  ( 0 ) -c  u  r  v  e  s  .  These  curves  are 

example  can  be  found.  abstracted  and  used  for  the  principle  sketch 
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of  fig.  4  which  shall  help  to  find  a  general 
approximation  procedure.  If  the  angle  of 
incidence  is  i  *  0.  any  positive  (+161 )  and 
the  same  negative  (-161)  deflection  in 
general  cause  different  increments  to  the 
normal  force.  Only  at  6  *  ±90°  the  fin  effi¬ 
ciency  is  the  same  for  positive  and  negative 
deflections.  By  analysing  the  available  data 
base  an  "efficiency  modification  factor"  h(i) 
was  developed  to  give  a  simple  approximation 
of  the  fin  efficiency  in  top  (1  >  0)  or  bot¬ 
tom  (i  <  0)  position: 


CN(i,  $=±90°.  6)  = 

CN(i=0,  6)  •  h(± 1 1 1 )  . 


(18) 


h(i)  was  found  by  a  least  square  approxima¬ 
tion  of  the  whole  data  base  without  respect 
to  the  special  geometry  and  Mach-number.  This 
will  be  improved  in  the  future. 


Using  the  conditions  at  $  =  0,  the  “shape 
function"  of  equ. (12)  and  the  "efficiency 
modification  factor"  of  equ.(18)  a  new  method 
has  been  developed  to  determine  the  general 
Cj|(i  ,0,6)-function.  First  the  following  $  =  0 
values  are  calculated  by  the  zero-roll  angle 
method  described  in  chap.  3.3  with  all  wings 
in  ^position: 


1. 

C.T  ■  cNF  <1=0: 

6: =+ 1 6 1 ) , 

(19) 

2. 

c^>  ”  CNF  (  i  ; 

0=0 ,  6 : =  + 1 6 1 ) , 

(20) 

3. 

cj-’  '  CNF  (  i  : 

0=0,  6 : =- 1 6 1 ) . 

(21) 

Knowing  these  values  and  using  equ.(18)  four 
points  of  the  6  >  0-curve  can  be  determined 


Cfjp ( i  >  6a0) 


-90°  s  270° 

of  fig.  6 

c^0) -h  <-i ) ; 

0  =  -90 

0  =  0 

C^0) - h { ♦  i ) ; 

0  =  90 

II 

CO 

o 

(22) 


These  points  are  connected  by  a  periodic 
function  that  takes  care  of  the  shape,  which 
must  be  similar  to  that  for  6=0  ("shape 
function”  f($;  i  )*) ,  and  that  includes  the 
limiting  cases  ivO,  6=0  (equ.  (12))  and  i=0, 
0*0  (CN(0)  =  const.).  The  result  is: 


The  method  needs  three  0=O-calculat1ons  to 
determine  U  and  Ci" 'for  each 
deflected  fin.  C6U'  is  independent  of  6  and 
so  identical  for  all  four  fins.  Ci  +  '  and  Ca-' 
depend  on  6.  Thus  they  might  be  different  for 
each  fin  because  6  might  be  different.  These 
"basic  normal  force  coefficients"  are  deter¬ 
mined  like  in  the  original  AAV  for  the  mis¬ 
sile  at  zero  roll  angle  with  all  wings  in  + 
position  and  with  and  without  symmetrical 
deflection  of  the  horizontal  fins. 

Equ. (23)  is  a  periodic  function  through 
points  of  support  which  are  based  on  $  =  0- 
cases  for  a  cross  wing  on  a  body.  So  the 
"basic  coefficients"  have  to  include  body 
vortex  effects.  For  that  an  empirical  body 
vortex  pair  is  assumed  starting  at  the  body 
nose  shoulder  for  the  front  wing  and  another 
pair  starting  at  the  front  wing  trailing  edge 
position  for  the  rear  wing  (fig.  10).  For  the 
calculation  of  the  body  vortex  TfTfluence  on 
the  wing  compare  chap.  3.5.2  (same  method). 


Summing  up  the  body  and  wing  components  for 
the  total  force  and  moment  coefficients  in 
this  more  general  0  A  0,  6  *  0-case  leads  to 
equations  different  from  equs.  (1  to  3).  Due 
to  the  roll  angle,  unsymmetrical  fin  deflec¬ 
tions,  and  cross  coupling  effects  there  might 
be  a  side  force,  a  yawing  moment,  and  a 
rolling  moment  in  addition. 


CHF<i .0.6zO) 


=  +C^0)*g(i,$) 

+  C(C^  +  )-C|50))*cos'X$  + 


(C^')+C||0))‘s1n,X$3 


f($;1) 


Cflpd  .<m*0) 


-C^0)*g(1 ,$) 

UC^+C^Vcos*^  +  (C^o-C^0))‘sin>X$3 


f(0;i) 


(23) 


with  the  abbreviation: 


h(-i)*sinl0  +  cos’0;  sin0  s  0 

g(i ,$)  = 

h(+1)*sin*0  +  cos*0;  sin$  a  0 

The  limiting  cases  mentioned  above  can 
easily  verified. 


(24) 

3.5  Front  to  Rear  Wing  Interference 

be  The  method  described  so  far  presumes  Isolated 
cross  wings  at  a  body  of  rotation.  So  the 
body  vortex  influence  is  included,  but  the 
front  to  rear  wing  interference  still  has  to 
be  determined.  For  that  an  approximation 
method  was  developed.  It  can  be  roughly 
divided  into  two  steps: 
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•  shedding  of  fin  vortices  at  the  front 
wing  trailing  edges  (due  to  linear 
lift)  and  above  trai1*ng  edges  (due  to 
nonlinear  lift),  tracking  them  together 
with  empirical  body  vortices  of  varia¬ 
ble  strength  to  the  rear  wing  posi¬ 
tion, 

•  calculation  of  front  wing  vortex 
influence  on  rear  wing  normal  force. 


3.5.1  Shedding  and  Tracking  of  Vortices 
between  Wings _ 

The  body  vortex  influence  on  the  rear  wing  is 
already  included  so  far  'in  “basic  coeffi¬ 
cients"  of  equ . ( 23 ) ) .  Nevertheless  they  are 
still  important  for  the  path  of  vortices 
leaving  the  front  wing.  So  body  vortices  are 
shedded  along  the  midbody  (between  front  and 
rear  wing).  The  local  strength  is  empirically 
deduced  from  the  bodv  loading  after  D.  Jacob 
[111. 

Then  fin  vortices  are  shed  at  the  trailing 
edge  position  of  the  front  wing.  The  total 
strength  is  calculated  from  the  fin  loading 
and  divided  into  a  linear  (due  to  linear 
lift)  and  a  nonlinear  part  (due  to  nonlinear 
lift).  One  “nonlinear  vortex"  with  the  non¬ 
linear  part  of  the  vortex  strength  is  shed 
above  each  fin  trailing  edge  to  simulate  the 
rolled  up  leading  edge  vortex.  The  number  of 
“linear  vortices*  per  fin  is  given  by  program 
input.  If  multiple  "linear  vortices"  are  shed 
from  each  fin.  they  are  assumed  to  be  of 
equal  strength  and  their  properties  are 
determined  for  elliptical  loading.  The  method 
can  be  found  in  the  book  of  J.N.  Nielsen 
C 1 23 . 

For  the  vortex  tracking  a  twodimensional  flow 
in  each  cross  plane  is  assumed.  At  the  loca¬ 
tion  of  each  front  wing  vortex  the  velocity 
components  v  and  w  are  calculated.  For  that 
the  velocities  induced  by  all  other  fin  vor¬ 
tices.  the  body  vortex  pair,  the  image  vor¬ 
tices  inside  the  body,  and  by  the  body  cross 
flow  are  calculated  and  summed  up.  These 
velocity  components  are  used  to  determine  the 
displacement  of  the  fin  vortices  on  their  way 
downstream  by  integrating 


dy/dx  »  v/V„  and  dz/dx  *  w/V„  (25) 

This  method  is  described  by  J.N.  Nielsen 
Cl 23 .  In  the  AAVEX  the  integration  of  equ. 
(25)  is  done  by  a  Runge-Kutta  method. 

The  twodimensional  consideration  of  the  cross 
flow  becomes  wrong  with  the  angle  of 
incidence  increasing.  But  in  this  method  it 
is  guaranteed  that  for  higher  angles  the  body 
cross  flow  becomes  more  and  more  dominant 
over  the  vortex  induced  contributions,  which 
become  wrong.  Due  to  that  the  front  wing  vor¬ 
tices  more  and  more  follow  the  streamlines 
without  influence  of  other  vortices  for 
increasing  angles. 


tan(Aapj)  =  vF1/V„  « 


(26) 


“  1/(V«-CNaFl>  • 

fl  tVfi(y)  •  cctNr(y) 

+  VF2(X>  '  cclNu(y>  •  eadj 

+  vF3(y>  *  cciNi<y>  •  eoPP 

+  vF4(y)  •  cc)Nu(y)  •  eadj]  •  d (y/s ) 

Analogous  equations  are  used  for  the  other 
fins.  The  expressions  used  herein  are: 


vFl,2,3,4(y) 


cc  1  Nr .  1  .u^ 


eadj  ,opp 


cNa 


velocity  component  vertical  to 
fins  1  to  4  induced  by  the 
front  wing  vortices  and  their 
images  at  the  spanwise  posi¬ 
tion  y 

span  loading  coefficient  for  a 
cross  wing  fin:- 

index  r:  due  to  unit  incidence 
on  fin  itself, 

index  u:  due  to  unit  incidence 
on  adjacent  fins, 
index  1:  due  to  unit  incidence 
on  opposite  fin 

reduction  factor  due  to  reduc¬ 
ed  influence  region  in  super¬ 
sonic  flow: 

index  adj:  adjacent  fin, 
index  .>pp:  opposite  fin 
coefficient  of  fin  normal 
force  slope  at  zero  ang’e  of 
incidence 


This  equation  was  developed  for  small  angles 
of  incidence  and  small  induced  angles  using 
the  slender  body  theory  and  the  reverse  flow 
theorem.  It  is  described  in  detail  by 
J.N.  Nielsen  et  al.  [13].  Integrating  the 
root  bending  moment  loading  analogous  to  equ. 
(26)  allows  to  approximate  the  "point  of 
action"  of  the  induced  interference  force. 

To  determine  the  induced  normal  force,  equ. 
(4)  is  used  twice  for  each  fin:  first  with 
i  =  oF  and  secondly  with  i  =  aF  +  AaF,  where 
aF  is  the  “geometrical  angle  of  attack"  and 
AaF  is  the  induced  angle  of  attack  of  equ. 
(26).  The  difference  gives 

cNFint  =  cNF(i=aF  +  Aafin>  t"0-  SF) 

-  C^F(  i =aF  :  ^=0,  Ap)  . 

This  completes  the  final  total  force  and 
moment  coefficients  oi"  the  missile. 


3.5.2  Front  Wing  Vortex  Influence  on  Rear 

Wing _ 

To  determine  the  interference  on  the  rear 
wing,  first  for  each  rear  wing  an  "equivalent 
induced; -angle  of  attack"  is  estimated  by 
integrating  the  local  fin  load  in  the  follow¬ 
ing'  way  (e.g.‘  for  fin  1): 
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4.  EXAMPLES 

4.1  Body-Tail  Configuration 

Fig.  11  shows  the  fin  normal  force  coeffi¬ 
cient  of  a  body-cross  wing  configuration 
(referred  to  Are^  »  nO * / 4 )  versus  the  angle 
of  incidence  at  different  roll  angles  for  the 
Mach-number  M  «  2.36  in  comparison  with 

experiments  of  reference  £143 .  The  roll  angle 
varies  between  if  «  0°  (fin  1  horizontal)  and 
$  ■  -90°  (fin  1  on  top  of  body).  The  $  *  0 
cases  in  the  AAVEX  are  based  on  the  $  »  0 
curve.  So  the  accuracy  is  limited  by  the  zero 
roll  accuracy.  Even  these  values  are  diffi¬ 
cult  to  predict,  because  they  are  influenced 
by  the  body  vortex  system  which  sensitively 
depends  on  the  Reynolds-number  and  the 
experimental  conditions.  Nevertheless  the 
results,  especially  the  roll  dependence  is 
sufficiently  cor-ect. 


Fig.  II:-  Fin  I  Normal  Force  Coefficient  of  a 
Body-Tail  Configuration 


i 

i 

i 


A. 2  Bodv-Winq-Tai 1  Configuration 

Test  calculations  were  made  for  the  body- 
wing-tail  configuration  FRL218  of  reference 
€153.  Its  geometry  is  shown  in  fig.  12.  In 
fTgs .  13  and  14  the  pitching  and  rolling 
moment  coefficients  of  this  configuration  are 
plotted  versus  the  angle  of  incidence  for 
roll  angles  0°  s  $  s  45°  and  the  Mach-number 
M  =  2.5.  is  the  coefficient  of  the  pitch¬ 
ing  moment  in  a  "balance  coordinate  system” 
where  the  y-direction  is  horizontal  and  the 
x-direction  is  the  body.  axis.  Both  coeffi¬ 
cients  are  referred  to  l,pf  ■  D  and 
Aref  •  nD*/4. 

Although  there  are  considerable  cross-flow 
effects  and  strong  front  to  rear  wing  Inter¬ 
ferences,  the  roll  influence  on  both  moments 
is  sufficiently  predicted.  The  lar'^st 
distance  between  the  predicted  and  measured 
rearward  point  of  pressure  (not  explicitly 
shown)  is  below  D/3.  The  same  good  agreement 
was  found  for  all  other  tests  of  this  confi¬ 
guration  presented  in  reference  C 1 53  between 
M  *  0. 7  and  3.1. 


Fig.  13:  Pitching  Moment  of  Body-Wing-Tail 

Configuration  FRL  218  (reference  [15]) 


Fig.I4:  Roiling  Moment  of  Body-Wing-Tail 

Configuration  FRL  218  (reference  [15]) 
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4.3  8ody-Canard-Wing  Configuration 

The  third  example  is  the  canard  controlled 
missile  of  fig.  IS.  The  experimental  results 
at  Mach-number  M  »  2.5  are  taken  from  refer¬ 
ence  [16].  Figs.  16  and  show  the  normal 
force  and  pitching  moment  coefficient  versus 
the  angle  of  Incidence  without  fin  deflection 
at  zero  roll  angle.  Both  values  are  expressed 
in  the  body  fixed  coordinate  system  of  fig.  1 
and  referred  to  Aref  *  trD 1  / 4  and  lrfif  «  D 
(moment  only).  The  experimental  values,  which 
are  available  up  to  i  *  18°.  are  well  pre¬ 
dicted  by  the  AAVEX.  The  dashed  curves  repre¬ 
sent  the  AAVEX  method  without  canard  to  wing 
interference.  Obviously  there  is  a  downwash 
effect  which  reduces  the  rear  wing  normal 
force.  Especially  for  the  pitching  moment 
this  contribution  must  not  be  omitted. 


Canwd  CortroM  (NASA  TP  21 S7. 

[16]) 


Fig.15:  Body-Canard-Wing  Configuration 
(NASA  TP  2157,  reference  [16]) 


| 


i 
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In  figs.  18  and  Jj)  the  normal  force  and 
pitching  moment  coefficient  are  plotted  for 
6  =  28°  deflection  of  the  two  horizontal 
canard  fins.  It  can  be  seen  that  about  half 
of  the  canard  deflection  efficiency  is  the 
result  of  the  canard  to  wing  interference. 

In  figs.  21  and  JP  the  normal  force  and 
pitching  moment  coefficient  (in  the  "balance 
coordinate  system")  are  presented  for  =  45° 
without  canard  deflection.  Now  at  angles  of 
incidence  i  2  10°  the  agreement  between  AAVEX 
and  the  experiment  is  not  as  good  as  for 
Q  “  0  but  still  sufficient.  The  maximum 

pitching  moment  deviation  corresponds  to  a 
point  of  pressure  deviation  of  AxCD  «  0/2. 
The  front  to  rear  wing  interference  seems  to 
be  overpredicted  at  medium  angles  of  inci¬ 
dence,  when  the  vortices  of  the  lower  canard 
fins  (x-pos i t ion ! )  pass  the  upper  rear  wing 
fins  at  a  short  distance.  Further  examina¬ 
tions  concerning  e.g.  vortex  dissipation  and 
bursting  are  planned  and  might  lead  to  an 
improvement. 

5.  CONCLUSIONS 

The  new  computer  code  AAVEX  (aerodynamics  of 
.air  vehicles,  extended  versTon)  has  been 
created  for  the.  aerodynamic  forces  and 
moments  of  cross  wing  missiles  with  all 
deflectable  fins  at  arbitrary  roll  angles. 
For  that  the  we)  1  -approved  zero  roll  angle 
code  AAV  has  been  extended  to  Include  the 
correct  roll  angle  Influence.  The  following 
experiences  of  this  development  are  of  spe¬ 
cial  Interest: 

•  For  the  body  to  cross  wing  and  the  fin 
to  fin  interference,  a  new  empirical 
.  "shape  function"  has  been  developed  from 
a  wide  systematical  data  base  of  experi¬ 
ments  and  calculations.  This  function 
allows  to  modify  zero  roll  angle  results 
of  body-cross  wing  configurations  for 
arbitrary  roll  angles.  The  fins  might  be 
deflected  independently/  - 


•  The  front  to  rear  wing  interference  can 
be  approximated  by  shedding  leading  and 
trailing  edge  vortices  from  the  front 
wing,  tracking  them  together  with  mid¬ 
body  vortices  to  the  rear  wing,  and  cal¬ 
culating  equivalent  induced  angles  of 
attack  for  all  rear  wing  fins. 

•  The  results  of  all  test  calculations  are 
sufficient  although  the  computation  time 
is  short. 

•  The  accuracy  might  decrease  in  cases 
with  strong  vortices  passing  fins  at  a 
short  distance  or  when  vortex  dissipa¬ 
tion  and  bursting  is  likely.  This  will 
be  improved  in  the  future. 

•  The  method  is  applicable  to  most  zero 
roll  angle  codes  which  thus  can  be 
extended  to  arbitrary  roll  angles. 
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1  SUMMARY 


The  aerodynamic  characteristics  of 
cylindrical  bodies,  with  pointed  and 
truncated  conical  noses »  are  investigated 
experimentally  and  theoretically,  at  a  low 
Mach  number,  over  the  range  of  angle  of 
attack  from  0  to  20  deg.  The  Reynolds 
number,  based  on  the  maximum  body  diameter, 
is  about  4.1x10  .  The  surface-flow 
visualization  is  performed  by  applying  the 
oil  method  The  balance  measurements  are 
made  by  using  a  sting-type  strain-gage 
balance  which  is  designed  and  constructed 
under  the  project  T40  of  FDP  of  AGARD.  The 
results  of  the  balance  measurements  are 
compared  with  the  potential  theory  and  the 
method  of  viscous  crossflow  analogy.  It  is 
observed  that  the  method  of  viscous 
crossflow  analogy  is  applicable  to  the 
cylindrical  bodies  with  pointed  and 
truncated  conical  noses  even  at  high  angles 
of  attack,  unlike  the  potential  theory.  The 
nose-cone  angle  and  the  blunt ness  are  the 
parameters  affecting  the  flowfield  around 
and  the  aerodynamic  characteristics  of  a 
pointed  or  truncated  cone-cylinder  body. 

2.  LIST  OF  SYMBOLS 


d 

t 

dt/d 

fCx} 

t 

l 


U 

q 


00 


R 

Re 


Re 


S 


A 

Ca  Cor  C/O 


Cor  CMD 

Cor  CIO 

CXCP 

D 

d 

d 


axial  force 

axial  force  coefficient 
A 

T3 — 

"  r  c 

drag  coefficient  C 


C  =- 


drag  coefficient  at  ct*0  deg 
crossflow  drag  coefficient 
crossflow  drag  coefficient  of 
circular  cylinder  section 


lift  coefficient  C 


pitching  moment  coefficient 
M 

C - q^-7 -  3 

oo  r  r 

normal  force  coefficient 

oo  r 

location  of  center  of  pressure 
in  dimensionless  form 


C  =x  /O 

cp 

drag 

maximum  body  diameter 
C diameter  of  the  main  body!) 
diameter  of  cylinder 

corresponding  to  missile 
C*S  St  !> 

P 


s 

p 


S  /S 


np  p 

s 


st 

V 


oo 


w 

x 

x 

c 


X 

cp 


Si 


:  body  flat -nose  diameter 
nose  bluntness  ratio 


:  normal  force  distribution 
■  total  body  length 
nose  length 

•  reference  length  C  ~l  !> 

.  pitching  moment 

freestream  Mach  number 

:  crossflow  Mach  number 


C  =M  sina  ) 
oo 

normal  force 

freestream  dynamic  pressure 

C=ipV2  5 
zr  oo 

1 ocal  body  r  adi us 
Reynolds  number  based  on  the 
maximum  body  diameter 
V  d 

c  = - 2 -  3 


:  crossflow  Reynolds  numoer 
V  sina  d 

based  on  d  ,  C  = - — - 2—  ;> 

«  v 

:  local  cross  sectional  area 
C  =nR2  !> 

:  body  base  area 
nose  planform  area 


:  total  body  pi anf or m  area 

C  =  j2Rdx  D 
o 

:  nose  planform  area  ratio 

,2 

:  reference  area  C  —  !> 

•  body  flat -nose  area 

•  freestream  velocity 

t 

:  body  volume  C  =  J*  nR2dx  !> 
o 

•  body  axis  Caxi  al  distance  from 
body  nose!) 

:  axial  distance  from  body  nose 

to  centroid  of  body  planform 
area 

:  axial  distance  from  body  nose 

to  center  of  pressure 
Clocation  of  center  of 
pressure!) 

pitching  moment  center  C axial 

distance  from  body  nose  to 
pitching  moment  c enter > 
location  of  center  of  pressure 


in  dimensionless  form 


* Assoc.  Prof . ,  Ph.  D.  ,  Member  of  AGARD  FDP, 
Senior  Member  AIAA. 
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=CXCP= 


x 

m 
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l  =8.33  d 
L=7.33d 


a 

P 


n 


e 


angle  of  attack 
density  of  air 
kinematic  viscosity  of  air 
correction  factor  for 
influence  of  fineness  ratio 


nose  cone  angle 


MODEL 
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3.  INTRODUCTION 

The  flowfield  around,  and,  consequently  the 
aerodynamic  characteristics  of  a  missile 
depend  on  the  geometrical  shape  of  the 
missile  as  well  as  angle  of  attack,  Mach 
number  and  Reynolds  number.  The  flowfield 
around  a  missile  starts  to  develop  from  its 
nose.  Therefore,  the  entire  flowfield 
around  a  missile  is  naturally  under  the 
influence  of  the  geometry  of  the  nose. 
Cylinders  and  cones  are  the  major 
geometrical  forms  used  widely  in  missile 
configurations  as  main  body  and  nose 
respectively  The  discontinuity  in  the 
slope  of  the  body  surface,  between  the 
conical  nose  and  the  cylindrical  main  body 
Cthe  nose-main  body  Junction!),  causes  a 
circular  flow  separation  at  zero  angle  of 
attach  Cl).  This  flow  separation  is 
modified  with  angle  of  attack  and  becomes 
more  complex  tl). 

The  experimental  and  theoretical  techniques 
for  missile  aerodynamics  are  outlined  in 
some  of  the  recent  publications  12-6) 
presenting  many  works.  Atli  Cl)  has  shown 
that  the  geometrical  complexity  of  a 
missile  strongly  affects  the  flowfield 
around  it  and  its  aerodynamic 
characteristics.  However,  systematic 
studies  are  necessary  to  investigate  the 
effects  of  geometrical  modifications  such 
as  the  nose  geometry.  On  the  other  hand,  it 
is  necessary  to  verify  the  applicability  of 
some  theoretical  and  empirical  methods, 
such  as  the  method  of  viscous  crossflow 
analogy  for  the  calculation  of  the 
aerodynamic  characteristics  of  different 
configurations. 


3A 

4A 


3B 


3C 


Fig.1  Models  (  d=30mm  for  flow 

visualization  models,  d=60  mm  for 
balance  measurement  models.) 


In  the  present  work,  the  aerodynamic 
characteristics  of  four  pointed  and  two 
truncated  cone-cylinder  bodies,  are 
investigated  experimentally  and 
theoretically  at  a  low  Mach  number,  over 
the  range  of  angle  of  attack  from  0  to  20 
deg.  The  Reynolds  number,  based  on  the 
maximum  body  diameter,  is  about  4.1x10  . 
Surface-flow  visualization  is  performed  by 
applying  the  oil  method  at  the  angles  of 
attack  a=0  and  20  degs.  Hence,  the  flow 
separations  on  the  bodies  are  investigated 
qualitatively  Balance  measurements  are 
made,  over  the  range  of  angle  of  attack 
0£ct<20  deg.  by  using  a  sting-type 
strain-gage  balance  which  is  designed  and 
constructed  under  the  project  T40  of  FDP  of 
AGARD.  The  results  of  the  balance 
measurements  are  compared  with  the 
potential  theory  and  the  method  of  viscous 
crossflow  analogy. 


4.  DESCRIPTION  OF  MODELS  AND  EXPERIMENTAL 
TECHNIQUE 

The  configurations  of  the  models  are 

presented  in  Fig.  1.  The  first  four  models 


C  Models  1A,  2A,  3A,  4A)  are  pointed 
cone-cylinder  bodies  with  the  same  fineness 
ratio,  4^d=8.  33.  but  with  the  different 
nose  cone  angles,  0=93  1,  28.1,  18.9,  14.3 
deg.  Cwith  the  different  nose  fineness 
ratio  l  /d=l  ,*  2,  3,  4!)  for  the  Models  from 

n 

1A  to  4A  respectively.  The  last  two  models 
C Models  3B,  30  are  the  truncated  versions 
of  Model  3A  with  the  different  nose 
bluntness  ratio,  dt/d=0. 33,  0.50  for  Models 

3B  and  3C  respectively.  The  maximum 
diameter  Cthe  diameter  of  the  cylindrical 
main  body)  of  the  flow  visualization 
models,  d  is  30  nan.  The  dimensions  of  the 
models  used  for  the  balance  measurements 
are  twice  of  those  used  for  the  flow 
visualization.  However,  the  configurations 
are  the  same  for  the  balance  measurements 
and  the  flow  visualization  tests.  Some  of 
the  geometrical  characteristics  of  the 
configurations  are  given  in  Tab.  1. 

The  surface  flow  visualization  tests  are 
performed  by  applying  the  oil  technique,  in 
order  to  observe  the  flow  separations  on 
the  bodies.  These  tests  are  conducted  in  an 
open-circuit  wind  tunnel  with  a  test 
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Tab.1  Some  of  the  geometrical  characteristics  of  the  configurations 


Model 

Nose 

Type 

Total  fineness 
ratio 
ltd 

— 

Nose  fineness 
ratio 

Wd 

Nose  plantain 
area  ratio 
SJS, 

.Nose  cone 
angle 
G.deg, 

Nose  biunt  ness 
ratio 

dj/d 

1A 

pointed 

cone 

833 

1 

0.064 

53.1 

0 

2A 

pointed 

cone 

8.33 

2 

0.136 

28.1 

0 

3A 

pointed 

cone 

8.33 

3 

0.220 

18.9 

0 

4A 

pointed 

cone 

8.33 

4 

0.316 

14  3 

0 

3B 

truncated 

cone 

7.33 

2 

0.250 

18.9 

0.33 

3C 

truncated 

cone 

688 

15 

0174 

18.9 

0.50 

section  of  50x50x200  cm  at  the  freestream 
velocity  V  =20  m/s  and  at  the  angles  of 

attack  a=0  and  20  degs.  The  Reynolds 
number,  based  on  the  maximum  body  diameter, 
is  Redtt41067  C=4  lxlO4}.  The  photographs  of 

the  flow  visualization  are  taken  by  a 
camera  from  one  side  during  the  tunnel  run. 

The  aerodynamic  force  and  moment 
measurements  are  made  in  a  closed -circuit 
wind  tunnel  with  a  test  section  of 
80x110x162  cm.  over  the  range  of  angle  of 
attack  0<<x<20  deg.  The  fr  eestream  velocity 

in  these  balance  measurements,  V  ,  is  10 

co 

m/s  which  is  the  half  of  that  in  the  flow 
visualization  tests.  However,  the  Reynolds 
number  is  the  same  as  Re^S-4 . 1  xi 0*  since  the 

dimensions  of  the  models  used  in  the 
balance  measurements  are  twice  of  those 
used  in  the  flow  visualization. 

The  instrumentation  of  the  balance 
measurements  is  sketched  in  Fig.  2.  As  seen 
from  this  figure,  a  sting-type,  strain-gage 
balance,  which  is  designed  ar.d  constructed 
under  the  project  T40  of  KDP  of  AGARD,  is 
employed  with  a  data  acquisition  system. 

The  data  acquisition  system  consists  of  a 
six-component  signal  condi tioner /amplifier 
CMeasurements  Group,  System  21003,  a 
multi-channel  data  acquisition  unit 
C Vail dyne.  Model  DA3803  and  a  personal 
computer  CGoupll  G403  and  a  line  printer 
C Epson  FX -10003.  Although  the  balance  has 
six  components  only  three  components 
C normal  force  N,  axial  force  A,  and 
pitching  moment  M  are  considered  in  the 
balance  measurements.  The  calibration  data 
of  these  components  are  plotted  in  Fig.  3. 
The  sensitivities  of  the  balance  components 
of  A,  N  and  M,  with  no  amplification  and 
for  a  1  Volt  excitation,  are  0.179 
pV/Cgrf *V3 »  0.186  pV/Cgrf«V3,  0  046 
pV/Cgrf *cm*V3  respectively.  The  accuracies 
C±2o0  of  the  same  components  of  the  balance 
are  ±2.1  grf,  ±1.8  grf  and  ±18.4  grf*cm 
respectively.  The  balance  and  the  data 
acquisition  system  are  operated  with  an 
excitation  voltage  E  of  2  Volts  and  an 
amplification  ratio  of  4000. 

A  data  acquisition  and  reduction  program  in 
"Basic"  is  developed  and  employed.  In  the 
data  reduction,  the  aerodynamic  force  and 


Test  section 


I  Signal 
condition.] 
antvarrp} 
i  (PJ  l. 


6- Com  portent  sting-type  strain-gage 
balance 

Sting  support 

Angle  of  attack  mechanis  m 

Signal  condition,  and  amplifier  system 
(  Measurements  Group  System  2100  ) 

Multi-channel  data  acquisition  unit 
(  Validyne,  Model  DA380  ) 

Personal  computer  ( Goupil  G40 ) 

Line-printer  (  Epson  FX-1000) 


Fig.  2  Instrumentation  of  the 
balance  measurements. 
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Figure-3  The  calibration  graphics  of  the  balance 


M  GRF*CM 


moment  coefficients  CC 


C  0  and  the 


location  of  the  center  of  pressure 
x  x  C  . 


CCXCP=- 


are  determined 


N 

for  the  different  angles  of  attack.  Here, 
the  pitching  moment  is  refered  to  the  nose 
tip  point  of  the  model.  Then,  the 
variations  of  C  ,  C  ,  C  and  x  / 1  with 

MAM  cp 

angle  of  attach  a  are  plotted.  These  plots 
are  presented  in  Section  6  together  with 
the  theoretical  results. 


S.  THEORETICAL  BASIS:  THE  METHOD  BASED  ON 
THE  VISCOUS  CROSSFLOW  ANALOGY  LOGY 

At  ar.  angler  of  attack  greater  tnan  a  lew 
degrees,  the  flow  around  a  body  of 
revolution,  even  of  simple-type,  separates 
from  the  lee-side  of  the  body  because  of 
the  effects  of  the  viscosity  and  rolls  up 
to  form  vortices  in  the  leeward  flowfield. 
This  large-scale  leeward  flow  separation 
produces  a  large  increase  in  the  normal 
force  distribution  reducing  the  lee-side 
pressure.  The  variations  of  the  aerodynamic 
loads  with  the  angle  of  attack  become 
nonl i near . 

Although  the  potential  theory  is  sufficient 
at  small  angles  of  attack,  it  is  necessary 
to  consider  the  effects  of  the  leeward  flow 
separation  at  high  angles  of  attack.  For 
this  purpose,  some  certain  theoretical  and 
empirical  methods  have  already  been 
developed  £73.  Unfortunately*  the 
theoretical  methods  have  large 
computational  requirements  £73.  In  the 
viscous  crossflow  analogy,  which  is  an 
empirical  method,  an  empirical  term 
representing  the  viscous  leeward  flow 
separation  is  added  to  a  term  representing 
the  potential  theory  for  the  normal  force 
and  pitching  moment.  This  relatively  simple 
method  was  originally  proposed  by  Allen 
£8,93  and  has  succesfully  been  applied  to 
simple-type  bodies  of  revolution  in  many 
studies  £9-203.  This  method  has  recently 
been  applied  to  some  complex  bodies  of 
revolution,  by  Atli  £13.  The  comparison  of 
this  method  with  the  available  experimental 
data  has  shown  a  good  agreement  not  only 
for  the  simple-type  bodies  of  revolution 
£14*16,19,203  but  also  for  the  complex  ones 
£13,  even  at  high  angles  of  attack. 


The  method  based  on  the  viscous  crossflow 
analogy  is  explained  in  Ref  1  in  derail  In 
this  method,  the  crossflow  around  an 
inclined  slender  body  is  treated 
independently  from  the  axial  flow,  and  the 
effects  of  the  viscous  leeward  flow 
separation  are  considered  by  the  viscous 
crossflow  analogy.  According  to  the  viscous 
crossflow  analogy,  the  crossflow  around  a 
slender  body,  moving  at  the  velocity  V^, 

with  the  angle  of  attack  a,  is  similar  to 
the  two  dimensional  flow  around  a 
corresponding  circular  cylinder  moving  at 

the  velocity  V  si  not  £7,9,4,13.  Hence,  the 
oo 

normal  force  distribution  on  a  body  of 
revolution  of  a  finite  length  /,  moving  at 
the  velocity  and  with  the  angle  of 

attack  ot  may  be  expressed  as 
f  C  x)  =  q^C  ) si  n2acosSJ 


+  217c  Cx)Rq  sinza  Cl) 

dc  00 

where  the  first  term  on  the  right  hand  side 
comes  from  the  potential  theory  and  the 
second  term  is  the  contribution  of  the 
viscous  leeward  flow  separation  From  Eqn.  1 
the  normal  force  coefficient 
t 

C  =  N/Cq  S)=  f  fCx)dx  /  Cq  S) 

N  '  CO  r  j  1  00  r 

O 

and  the  pitching  moment  coefficient  about 
an  arbitrary  point  on  the  body  axis  with  an 
axial  distance  x  from  t!.i  nose 

t 

C  =  M/Cq  S  l  )=  f  fCxXx  -x)dx  /  Cq  SO 

M  /  CO  r  r  J  m  '  ^00  r  r 

O 

may  be  derived  as 


C  = 


N 


c  = 


M 


s  -s 


I  si  nEctcosx 


c-v-> 

[W-S  C  l—x.  )-S  x  1 

b  m  r  m  I 

- 2-7 - 

r  r  1 


si  n2c«cos 


a 

5 


C2) 


-jsin2a 


C3) 


where 


t 

Jr>c  d  ^  C  x)  2Rdx 


■ST 

p 


C  4) 


*  <*» *  v* 


i 

JtjCj  c  C  30  SRxdx 


For  rough  engineering  estimations*,  the 
axial  force  coeficient  for  slender  bodies 
may  be  appr  ">xi  mated  as 


Obviously,,  the  first  terms  on  the  right 
hand  sides -.of ’Eqns.  2  and  3  come  from  the 
potential  theory,  while  the  second  terms 
represent  the  effects  of  the  viscous 
leeward  flow  separation.  For  S  *0,  Eqns.  2 

and  3  take  the  forms  for  the  closed-nosed 
bodies  £9,16-203.  Therefore,  Eqns. 2  and  3 
may  be  used  for  the  closed-nosed  as  well  as 
for  the  flat -nosed  bodies  of  revolution.  It 

is  obvious  that  CJ  and  x  should  be 
d  c 

evaluated  first, in  order  to  calculate  C 

N 

and  from  Eqns.  2  and  3.  For  this  purpose, 

the  bodies  may  be  tested  at  a*90  deg.  in 
the  wind  tunnel,  as  has  been  done  by  Allen 
and  Perkins'  £93.  But.  these  parameters  may 
also  be^ calculated  by  using  the  available 
sufficient  experimental  drag  data  on 
cylinders  in  two-dimensional  flow  C93.  The 


C  cos  a 

DO 


by  assuming  that  the  axial  force  is 
produced  only  by  the  axial  flowfield  that 
is  similar  to  the  flowfield  in  the  a=*0  deg. 
case  tld;193.  Here,  C  is  the  drag 

-  DO 

coefficient  at  a»0  deg. 

After  the  determination  of  C  ,  C  and  C  , 

N  A  U 

the  lift  and  drag  coefficients  and  the 
position  of  the  center  of  pressure  may  be 
obtained,  respectively,  by 


C  a  c  sina  +  C  coso 


number  and  the  crossflow  Reynolds  number 
and  the  variation  of  n  with  the 
length-diameter  ratio  of  the  cylinder  are 
given  in  Refs.  16,  19,  and  20,  based  on  the 
experimental  data. It  is  not  easy  to 
calculate  Cd  and  from  Eqns.  4  and  5  by 

assuming  that  c^  and  »  are  functions  of  x. 

Therefore,  Allen  and  Perkins  C93  have 
assumed  that  the  crossflow  around  a  body  of 
revolution  of  finite-length  t  moving  at  the 
velocity  V  and  with  the  angle  of  attack  a 

is  similar  to  the  crossflow  around  a 
corresponding  cylinder  of  finite-length  t 
•and  of  constant  diameter  d  =S  /l  moving  at 

»  p 

the  velocity  V  sina.  Thus,  since  c,  and  T) 

CD  dc 

are  not  functions  of  x,  and  Eqns.  4  and  5 
become,  respectively,  as 


l 

j2Rxdx 


where  the  value  of  corresponds  to  the 
crossflow  Reynolds  number 


V  sina  d 
00  a 


and  the  crossflow  Mach  number 
M  =  M  sina 

c  CD 

while  tha  value  of  corresponds  to  the 
ratio  of  ^d^.  The  data  given  in  the 

literature  £16,19,203  for  rj  is  for  subsonic 
conditions,  but  in  practice  it  has  been 
f ound •  t hat should' be  set  to  unit  in 


supersonic  flow  £73.  Hence, 


may  be 


calculated  from  Eq.  6  by  using  the 
experimental  data  given  in  the  literature 
£16,19,203  for  h  and  i)  for  the  circular 

oc 

cyl i nder . 


where  x  shows  the  axial  distance  from  the 

cp 

body  nose  to  the  center  of  pressure  £193. 

This  method  is  applied  to  the 
configurations  considered  in  the  balance 
measurements.  In  this  application,  the 
values  of  C  obtained  by  the  balance 

DO 

measurements  are  used  to  calculate  from 

Eqn.  8.  The  theoretical  results  are 
presented  in  Section  6,  together  with  the 
balance  measurements,  for  comparison. 


6  RESULTS  AND  DISCUSSION 

The  surface  flow  visualization  photographs 
for  a30  and  20  degs.  are  shown  in  Figs. 4 
and  5,  respectively  for  the  pointed  and 
truncated  cone-cylinder  bodies.  The 
limiting  streamlines  and  the  separation 
lines  on  the  bodies  are  observable  from 
these  photographs.  Hence,  these  photographs 
give  some  qualitative  results  about  the 
effects  of  the  geometrical  shape  and  the 
angle  of  attack  on  the  flowfield. 

As  seen  from  the  photographs  for  a=0  deg  in 
Figs. 4  and  5,  the  gravity  effect  on  the  oil 
flow  over  the  models  during  the  flow 
visualization  tests,  makes  it  difficult  to 
analyse  these  photographs,  since  the  oil 
flow  keeps  a  curved  path  hear  the  aft ward 
of  the  models  due  to  this  effect.  However, 
the  circular  flow  separations  C hence  the 
circular  separation  bubbles)  around  the 
nose-main  body  Junction  and  around  the 
truncated  nose  of  the  models  are  quite 
«il ear.  The  effects  of  the  geometrical 
modifications  considered  here  on  these  flow 
separations  may  also  be  analysed 
qualitatively  from  these  photographs  as 
follows.  The  circular  separation  and  the 
circular  separation  bubble  are  quite 
significant  around  the  nose-body  Junction 
on  Model  1A.  This  flow  separation  becomes 
less  significant  when  the  nose  cone  angle. 
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Fig.  4a  Surface  flow  visualization .photographs  of 
the  pointed  cone-cylinder  bodies  foi  a-0  deg. 


Fig.  4b  Surface  flow  visualization  photographs  of 
the  pointed  cone-cylinder  bodies  for  a*»20  deg. 
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Fig.  5a- Surface  flow  visualization' photographs  of 
the  truncated  cone-cylinder  bodies  for  a«0  deg. 


Fig.  5b  Surface  flow  visualization  photographs  of 
the  truncated  cone-cylinder  bodies  for  ct«20  deg. 


£,  decreases,  so  that  it  is  not  identified 
on  Model  4A.  Circular  flow  separations  with 
the  circular  separation  bubbles  are  also 
exist  around  the  truncated  conical  noses 
This  separation  becomes  more  significant 
when  the  nose  bluntness,  d^/d,  increases. 

It  is  also  interesting  to  see  that  the 
separation  around  the  truncated  nose  of  the 
model,  reduce  the  significance  of  the 
separation  around  the  nose-main  body 
Junction. 


nose  of  Model  1A  from  the  side-view. 
Obviously,  this  fact  affects  the  vortex 
formation  and  the  flow  separation  on  the 
cylindrical  parts  of  the  bodies.  The 
leeward  separation  lines  on  the  truncated 
conical  noses  make  a  curve  near  the 
nose-tip  due  to  the  vortex  formation  on  the 
nose-tip  of  the  truncated  conical  noses. 

The  vortex  formation  over  the  ngse-tip  of 
the  truncated  conical  nose  becomes  larger 
when  the  nose  bluntness,  d  /d,  increases 


As  seen  from  the  photographs  for  ct=*20  deg. 
in  Figs.  4  and  5,  the  leeward  flow 
separation  produced  by  the  incidence, 
cooperates  with  the  circular  flow 
separations.  On  the  leesides  of  the  conical 
and  cylindrical  parts  of  the  models,  the 
primary  separation  lines  are  completely 
observable.  The  secondary  separation  lines 
on  the  cylindrical  parts  of  the  models  are 
partly  visible  On  the  lee-sides  of  the 
cylindrical  parts  of  the  models.  Just  after 
the  conical  noses,.  Con  the  shoulders  of  the 
nose-main  body  Junction}  three  dimensional 
complicated  vortex  formation  exists  as  a 
result  of  the  interactions  between  the  flow 
separations  caused  by  the  incidence  and  the 
discontinuities  in  the  slope  of  the  body 
surface.  It  is  not  easy  to  sketch  the  full 
structure  of  this  complex  vortex  formation 
from  the  present  photographs  taken  from 
only  one  side,  but  it  is  observable  that 
this  vortex  formation  is  quite  sensitive  to 
the  nose  cone  angle,  9.  The  complexity  of 
this  three  dimensional  vortex  formation 
becomes  more  significant  when  the  nose  cone 
angle,  9,  increases.  The  leeward  primary 
separation  lines,  on  the  cylindrical  parts 
of  the  models,  first  make  a  curve  near  the 
nose  Cdue  to  the  vortex  formation},  and 
then  lie  along  about  the  equatorial  line  of 
the  body.  The  leeward  separation  lines,  on 
the  conical  noses  of  the  models,  lie  along 
the  meridian  lines.  However,  the  locations 
of  these  separation  lines  move  with  the 
nose  cone  angle,  9 ,  so  that  when  9 
decreases  the  separation  line  moves 
downward  toward  the  equatorial  line  of  the 
conical  nose.  For  instance,  the  leeward 
separation  line  on  the  conical  nose  of 
Model  4A  exist  along  about  the  equatorial 
line,-  although  it  is  not  observable  on  the 


The  experimental  and  theoretical  results 
for  the  variations  of  C  ,  C  ,  C  and  x  / l 

n  u  A  cp 

with  cn  are  plotted  in  Figs.  6-9  and 
Figs  10-13  respectively  for  the  pointed  and 
truncated  cone  cylinder  models.  The 
observations  obtained  from  these  plots  are 
as  follows: 

1}  Unlike  the  potential  theory,  the 
method  of  viscous  crossflow  analogy  is 
generally  in  agreement  with  the 
experimental  results  for  the  pointed  and 
truncated  cone-cylinder  bodies  even  at  high 
angles  of  attack. 

The  scatter  in  the  experimental  data  for 

is  large,  since  the  balance  measurements 
are  performed  at  a  very  low  freestream 
''elocity  as  lO  m/s  so  that  the  axial  force 
to  be  measured  has  very  small  values. 

There  is  a  considerable  d.screpancy  between 
the  experimental  results  ,\nd  the  method  of 
viscous  crossflow  analogy  ‘‘or  the  location 
of  the  center  of  pressure  in  the  case  of 
small  angles  of  attack  Ca<Xv  deg.}.  However 
Eqn. 11,  used  to  obtain  the  location  of  the 
center  of  pressure  from  and  C^,'  loses 

its  meaning  in  the  case  of  small  angles  of 
attack  since  the  values  of  both  C  and  C 

N  M 

go  to  zero  In  the  case  of  the  small  angles 
of  attack,  the  accuracy  of  the  balance 
tends  to  be  poor  for  the  same  reason 

3}  The  variations  of  C  and  C  with  a 

N  M 

are  nonlinear  for  all  the  pointed  and 
truncated  cone-cylinder  models  C  shows  a 
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Figure-6  Normal  force  coefficient  versus  angle  of  attack 
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Figure- 13  The  location  of  pressure  center  versus  angle  of  attack 
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slight  decrease  with  a  in  the  range  of  a 
considered  here.  The  center  of  pressure 
moves  forward  with  a  in  the  range  of  small 
angles  of  attack  CcKlO  deg. }  and  then 
slightly  moves  backward  according  to  the 
exper i mental  data . 

3}  slightly  decreases  when  the  nose 

cone  angle  decreases  Tor  the  pointed 
cone-cylinder  models  as  seen  from  Fig. 8. 

For  instance,  for  a=0  deg.  C  Ci.e. ,  C  }  = 

A  DO 

0.35,  0.20,  0.19,  0.18  for  Models  1A,  2A, 

3A  and  4A  respectively. 

The  axial  force  of  a  cone-cylinder  body  is 
increased  by  truncating  the  conical  nose. 
Hence,  increases  with  the  nose 

bluntness.  For  instance,  for  a=0  deg.  , 

C  Ci.e.  ,  C  }  ~  0. 19,  0.22,  0. 28  for  Models 

A  DO 

3A,  3B  and  3C  respectively. 

4}  The  nose  cone  angle  of  a  pointed 
cone-cylinder  body  affects  not  only  the 
axial  force  but  also  the  other  aerodynamic 
characteristics  such  as  the  variations  of 
and  with  a.  When  the  nose  cone  angle 

decreases  Cfrom  model  1A  to  4AD ,  the 
increase  of  with  a  becomes  slightly 

slower  and  the  increase  of  -C  Cwith 

M 

respect  to  the  nose  tip  point}  becomes 
slightly  faster  as  seen  from  Figs.  6  and  7 
respectively.  However,  these  facts  are  not 
clear  in  the  present  balance  measurements 
as  much  as  in  the  results  of  the  method  of 
viscous  crossflow  analogy.  Therefore,  more 
accurate  balance  measurements  are 
necessary.  Indeed,  the  first  fact  may  be 
due  to  the  decrease  of  planform  area  when 
the  nose  cone  angle  decreases  and  the 
second  fact  may  be  related  with  the 
movement  of  center  of  pressure  backward 
Cthus,  may  be  related  with  the  planform 
area  distribution  and  the  flow  field}  when 
the  nose  cone  angle  increases  as  would  be 
seen  from  Fig.  9. 

The  aerodynamic  characteristics,  not  only 
C ^  but  also  Cn  and  of  a  cone-cylinder 

body  are  affected  by  truncating  the  nose  of 

the  body.  The  increases  of  C  and  -C  Cwith 

n  u 


respect  to  the  nose  tip  point}  with  a 
become  slower  by  truncating  the  conical 
nose  of  a  cone-cylinder  body  as  seen  from 
Figs. 10  and  11  respectively.  However,  these 
facts  are  not  clear  in  the  present  balance 
measurements  as  much  as  in  the  results  of 
the  method  of  viscous  cnssflow  analogy. 
Therefore,  as  indicated  before,  more 
accurate  balance  measurements  are 
neccessary.  Indeed,  the  first  fact  may  be 
due  to  the  decrease  of  planform  area  when 
truncating  the  nose  and  the  second  fact  may 
also  be  related  with  the  movement  of  center 
of  pressure  forward  Cthus,  may  be  related 
with  the  planform  area  distribution  and  the 
fiowfield}  when  truncating  the  nose,  as 
would  he  seen  from  Fig.  1*3. 

5}  According  to  the  balance 
measurements,  the  center  of  pressure  moves 
with  a,  first  forward  in  the  range  of  small 
angles  of  attack  Ca<10  deg.},  then  backward 
in  the  range  of  high  angles  of  attack  Ca>10 
deg.}  for  all  the  models,  as  seen  from 
Figs. 9  and  13.  However,  the  method  of 
viscous  crossflow  analogy  indicates  a 
backward  movement  of  the  center  of  pressure 
in  all  the  range  of  angles  of  attack 
considered  here.  The  agreement ' between  the 
results  of  the  balance  measurements  and  the 
method  of  viscous  crossflow  analogy,  for 
the  location  of  the  center  of  pressure,  is 
rather  good  at  high  angles  of  attack  Ca>10 
deg.},  unlike  that  at  small  angles  of 
attack . 

As  seen  from  Fig.  9,  when  the  nose  cone 
angle,  8,  decreases  Cfrom  model  1A  to  4A} , 
the  center  of  pressure  moves  backward. 

Fig. 13  indicates  that  the  center  of 
pressure  of  a  cone-cylinder  body  moves 
forward  by  truncating  the  conical  nose. 

These  facts  are  related  with  the  normal 
force  distribution  and  hence  may  be  related 
with  the  planform  area  distribution  and  the 
fiowfield.  However,  to  analyse  these  facts 
in  more  detail,  some  pressure  measurements 
on  the  models  and  some  more  flow 
visualization  tests  that  show  the  top-views 
of  the  models  are  necessary. 
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7,  CONCLUSIONS 

The  aerodynamic  characteristics  of 
cylindrical  bodies  with  pointed  and 
truncated  conical  noses  are  investigated 
experimentally  and  theoretically  at  the  low 
Mach  number  in  the  range  of  angle  of  attack 
of  0<a<20  deg.  The  Reynolds  number,  based 
on  the  maximum  body  diameter  and  the 
freestream  conditions,  is  about  4.1x10  . 

Surface  flow  visualization  is  made  by  using 
the  oil  method  at  the  angles  of  attack  a-0 
and  20  degs.  Balance  measurements  are 
performed  and  the  potential  theory  and  the 
method  of  viscous  crossflow  analogy  are 
applied  in  order  to  obtain  the  variations 

of  C  ,  C  ,  C  and  x  with  a, 

N  M  A  cp 

experimentally  and  theoretically,  over  the 
range  of  angle  of  attack  0<a<20  deg. 
Comparison  is  made  between  the  experimental 
and  the  theoretical  results.  The  major 
conclusions  are  as  follows: 

ID  At  zero  angle  of  attack,  a  circular 
separation  Ca  circular  separation  bubbleD 
exists  around  the  nose-main  body  Junction 
of  a  pointed  cone-cylinder  body.  The  nose 
cone  angle  is  a  parameter  affecting  on  the 
scales  of  this  circular  separation  bubble 
so  that  this  circular  separation  bubble 
becomes  smaller  and  finally  disappears  when 
the  nose  cone  angle  decreases. 

If  the  nose  is  truncated,  a  circular 
separation  bubble  also  exist  around  the 
blunt  nose.  The  nose  bluntness  affects  not 
only  the  scales  of  the  separation  around 
the  blunt  nose  but  also  that  around  the 
nose-main  body  Junction.  When  the  nose 
blunt ness  increases,  the  nose  separation 
becomes  larger  but  the  separation  around 
the  nose-main  body  Junction  becomes 
slightly  smaller 

If  the  cone-cylinder  body  has  an  angle  of 
attack,  the  leeward  flow  separation 
produced  by  the  incidence  interacts  with 
the  circular  flow  separations.  Then,  the 
flow  field  becomes  more  complex.  Pairs  of 
vortices  exist  over  the  upward-side  of  the 
truncated  blunt  noses  and  over  the 
nose-main  body  Junctions.  The  complexity  of 
thJ  s  three  dimensional  vortex  formation 
becomes  more  significant  when  the  nose  cone 
angle  and  bluntness  Increase. 

2D  Unlike  the  potential  theory,  the 
method  of  viscous  crossflow  analogy  is 
generally  in  agreement  with  the 
experimental  results  for  the  pointed  and 
truncated  cone-cylinder  bodies  even  at  high 
angles  of  attack. 

3D  The  variations  of  normal  force  and 
pitching  moment  with  angle  of  attack,  a, 
are  nonlinear  for  the  pointed  and  truncated 
cone-cyl i nder  bodies.  The  axial  force  shows 
a  slight  decrease  with  a.  The  center  of 
pressure  moves  forward  with  a  in  the  range 
of  small  angles  of  attack  Ca<10  deg. D  and 
then  slightly  moves  backward. 

4D  The  axial  force  increases  when  the 
nose  cone  angle  or  the  bluntness  increases. 

5D  The  nose  cone  angle  and  the  nose 


bluntness  of  a  cone-cylinder  body  affect 
not  only  the  axial  force  but  also  the  other 
aerodynamic  characteristics  such  as  the 
normal  force,  pitching  moment  and  the 
location  of  the  center  of  pressure. 

When  the  nose  cone  angle  decreases,  the 
increase  of  the  normal  force  with  a  becomes 
slightly  slower  although  the  increase  of 
the  pitching  moment  Cwith  respect  to  the 
nose  tip  pointD,  in  the  negative  direction, 
becomes  slightly  faster. 

The  increases  of  the  normal  force  and  the 
pitching  moment  Cwith  respect  to  the  nose 
tip  pointD,  in  the  negative  direction,  with 
a,  become  slower  by  truncating  the  conical 
nose  of  a  cone-cylinder  body.  The  nose 
bluntness  increases  these  effects. 

The  center  of  pressure  of  a  cone-cylinder 
body  moves  backward  when  the  nose  cone 
angle  decreases  and  moves  forward  by 
truncating  the  coni. cal  nose. 

These  facts  may  be  related  with  the 
variation  and  the  distribution  of  the 
planform  area  of  the  body  and  the  flowfield 
around  it. 

6D  More  experimental  studies  are 
necessary  to  analyse  the  problem  in  more 
detail . 
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Abstract 

Six  component  measurements  were  carried  out  on  several  combinations  of  an  ogive-circular 
cylinder  body  without  and  with  lifting  surfaces  having  rectangular  planform  and  sharp 
leading  and  trailing  edges.  These  experiments  were  performed  in  the  subsonic  compres¬ 
sible  speed  range  at  various  Reynolds  numbers  up  to  high  angles  of  attack.  For  the  same 
geometries  the  forces  and  moments  were  calculated  and  compared  with  the  experimental 
results.  It  was  the  aim  of  this  combined  investigations  to  get  a  better  understanding  of 
the  vortex  flows  over  such  body-wing-tai 1  combinations  and  to  generate  a  reliable  data 
base  for  the  validation  and  improvement  of  prediction  methods  and  to  obtain  hints  for  a 
more  accurate  theoretical  modelling  of  the  flow  fields. 
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Nomenclature 
Alfa,  <• 

A 

Cm  =  M/(q  •  S  •  D) 
CN  =  Z/(q  •  S) 

D 

M 

Ha 

Ma0 

N 

p 

q  =  (1/2)pV! 

Re 

S  =  ( *  0 1 )  /  4 

V 

x,  y,  z 

Y 
7. 

“crit 

« 

P 


Angle  of  attack 
Aspect  ratio 

Pitching  moment  coefficient;  reference  point  is  body  nose  tip 
Normal  force  coefficient 

Orientation  of  all  forces  and  moments  see  system  of  coordinates 
in  Fig.  la.  Moments  are  positive  if  they  form  right  hand  screws 
looking  in  positive  direction  of  x,  y,-  z 

Body  diameter,  reference  length,  35  mm 

Pitching  moment,,  reference  point  is  body  nose  tip 

Mach  number 

Cross-flow  Mach  number 

Yawing  moment,  reference  point  is  body  nose  tip 

Freestream  static  pressure 

Freestream  dynamic  pressure 

Reynolds  number,-  based  on  body  diameter 

Body  cross-section,  reference  area 

Freestream  velocity 

Cartesian  coordinates,  origin  in  body  nose  tip,  see  Fig.  la 
Side  force 
Normal  force 

Critical  angle  of  attack,  definition  see  Figs.  16a  and  16b 

Roll  position  of  the  lifting  surfaces  relative  to  the  body, 
see  Fig.  la 

Body  roll  angle  about  longitudinal  axis, 

♦=  0°,  see  Fig.  la 

Freestream  density 


1.  Introduction 


The  3-d  flow  fields  around  slender  bodies  without  and  with  lifting  surfaces  can  be  very 
complex  and  are  predominantly  dependent  on  the  geometry  of  the  combinations,  the  angle 
of  attack  and  the  Mach  and  Reynolds  number.  The  complexity  of  such  flows  causes  great 
difficulties  in  the  understanding  of  the  underlying  flow  phenomena  and  their  theoretical 
treatment.  At  higher  angles  of  attack  the  flow  separates  from  the  body  and  lifting 
surfaces.  Consequently,  vortices  are  shed  from  the  configurations  in  different  ways  and 
a  variety  of  flow  patterns  on  the  leeside  can  occur.  These  flow  structures  produce  large 
forces  and  moments  in  the  pitch  and  yaw  plane  in  a  non-linear  way. 

In  this  connection  the  body  alone  is  the  most  complicated  component  of  a  body-wing-tail 
combination  because  the  positions  of  the  separation  lines  are  not  fixed  on  it,  as  in  the 
case  of  a  sharp-edged  wing.  The  flow  separates  from  the  body  along  lines  which  result 
from  the  interaction  of  the  external  flow  with  laminar  or  turbulent  boundary  layers.  The 
state  of  the  boundary  layer  prior  to  the  separation  has  a  striking  influence  on  the  aero¬ 
dynamic  loads  which  therefore  depend  considerably  on  the  Reynolds  number.  Regarding  the 
Reynolds  number  it  is  a  problem  to  decide  which  kind  of  definition  (characteristic 
length)  describes  best  the  transition  and  separation  process  of  a  3-d  boundary  layer. 

On  the  other  hand  *  .e  transition  from  an  attached  flow  to  a  completely  separated  flow  of 
a  wing  is  reached  already  at  low  angles  of  attack  especially  if  higher  aspect  ratios  are 
involved. 

Of  great  influence  on  the  experimental  results  are  the  special  test  conditions  of  the 
wind  tunnel  consisting  of  flow  unsteadiness  (turbulence  level  and  structure),  model 
vibration  (no  ideally  rigid  model-support-system)  and  manufacturing  imperfections  espe¬ 
cially  on  the  body  nose  tip,  on  the  wings  and  on  their  surfaces.  The  latter  influence 
leads,  at  least  in  the  case  of  a  body,  to  a  strong  dependence  of  the  forces  and  moments 
on  body  roll  position  (♦)  and  turbulence  as  shown  for  example  by  K.  Hartmann  [1). 

In  addition  to  the  phenomena  just  described  further  problems  are  caused  by  the  mutual 
interaction  of  the  vortices  arising  from  the  body  and  the  lifting  surfaces  of  a  body¬ 
wing-tail  combination. 

Starting  from  the  background  mentioned  before  a  detailed  test  program  has  been  estab¬ 
lished  in  order  to  investigate  the  complicated  vortex  flow  fields  over  slender  bodies  in 
combination  with  lifting  surfaces  at  high  incidences  and  at  various  Reynolds  numbers. 
Figure  1b  comprises  the  tested  configurations.  The  experimental  results  are  considered  as 
a  contribution  to  the  Improvement  of  existing  prediction  codes.  Such  computational 
methods  which  can  provide  reliable  results  at  low  costs  are  a  useful  tool  in  applied 
aerodynamics. 


2.  Models 

In  order  to  restrict  the  number  of  geometrical  parameters  of  the  missile  an  ogive  circu¬ 
lar  cylinder  body  of  constant  length  was  chosen  as  body  alone.  Cruciform  lifting  surfaces 
having  rectangular  planform  areas  were  mounted  on  the  body  in  a  forward  position  as  wing, 
at  the  body  base  as  tail  and  simultaneously  in  the  same  locations  as  a  complete  body¬ 
wing-tail  combination.  The  leading  edges  of  the  cruciform  wing  are  positioned  at  a 
distance  of  40  behind  the  body  nose  tip.  All  lifting  surfaces  are  rectangular  panels  wit! 
sharp  leading  and  trailing  edges.  Their  chord  length  is  ID  (D  =  35  mm,  body  diameter), 
see  Figure  1b.  The  wing  and  tail  panels  are  mounted  on  sleeves  which  are  parts  of  the 
body.  These  sleeves  can  be  rotated  about  the  body  longitudinal  axis  and  fixed  at  any  roll 
position  (*)  relative  to  the  body.  All  components  of  the  models  were  made  of  steel  to 
very  close  tolerances  and  with  a  high  degree  of  surface  finish.  For  surface  flow  visuali¬ 
zations  the  models  were  darkened  first  by  browning  and  later  by  a  black  painting.  Further 
informations  were  given  by  V.  Kanagarajan  and  K.  Hartmann  [2, 3, 4, 5). 


3.  Mind  Tunnel  and  Test  Set-Up 

The  measurements  were  carried  out  in  the  high  speed  wind  tunnel  (HKG  =  Hochgeschwindig- 
keits-Kanal  Gottingen)  of  the  DIR.  A  sketch  of  the  wind  tunnel  (HKG)  is  given  in  Figure 
2a.  This  tunnel  is  of  the  suck-down  type  and  works  between  the  atmosphere  and  a  vacuum 
container  with  a  capacity  of  10  000  m’.  Atmospheric  air  flows  through  the  dryer,  the 
setting  chamber,  the  test  section  inside  a  vacuum-proof  plenum  chamber,  consisting  of  a 
subsonic  open  jet  or,  alternatively,  a  supersonic  flexible  Laval  nozzle,  the  convergent- 
divergent  adjustable  diffusor  and  a  butterfly  valve  into  a  vacuum  vessel.  The  evacuation 
of  the  vessel  is  done  either  jy  vacuum  pumps  or  by  the  suction  pump  of  the  DIR  transonic 
wind  tunnel.  For  the  open-jet  subsonic  test  section,  which  was  used  for  the  present 
experiments,  the  nozzle  exit  is  of  a  square  cross-section,  measuring  0.75  m  x  0.75  m, 
with  a  Mach  number  range  from  0.38  to  values  approaching  sonic  speed.  Depending  on  the 
selected  Mach  number,  the  large  size  vacuum  container  allows  the  wind  tunnel  to  be 
operated  for  40  to  60  sec.  Figure  2b  demonstrates  how  in  this  tunnel  the  Reynolds  number 
varies  with  the  Mach  number.  A  detailed  description  of  this  tunnel  was  given  by 
H.  Ludwieg  and  Tn.  Hottner  [6,7]. 

The  basic  model  support,  Fig.  2c,  allows  a  pitch  range  of  -10°  to  35°.  A  cranked  piece, 
Fig.  2d,  was  used  in  combination  with  the  basic  sting  support  to  reach  angles  of  attack 
up  to  70°  or  somewhat  more  depending  on  the  straight  sting  deflection.  For  the  force  and 
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moment  measurements  a  strain  gauge  balance  (TASK  Corporation,  USA)  of  an  outer  diameter 
of  75"  was  used.  The  electrical  outputs  of  the  balance  were  acquired  by  the  electronic 
data  acquisition  system  of  the  wind  tunnel  and  processed  on  the  main  computer  of  the  DLR . 


4.  Test  Program 

Force  and  moment  measurements  were  executed  at  three  subsonic  Mach  numbers,  Ma  =  0.4,  0.6 
and  0.8,  at  angles  of  attack  ranging  from  -5°  up  to  about  70°.  The  accompanying  Reynolds 
numbers,  based  on  body  diameter,  are  according  to  Fig.  2b,  Re x10'**  0.28,  0.39  and  0.46. 

It  is  known,  for  example  from  E 1 3 ,  that  the  flow  asymmetry  around  the  body  alone  and 
consequently  the  aerodynamic  forces  acting  on  it  are,  among  other  geometrical  and  aero¬ 
dynamic  parameters,  dependent  on  the  body  roll  orientation  which  is  defined  as  roll  angle 
«  in  Fig.  la.  In  order  to  demonstrate  the  dependence  on  this  roll  angle  *  and  to  fix  a 
body  roll  position  of  highly  asymmetric  flow  structure  on  the  leeside  some  additional 
tests  were  performed.  To  this  end  the  body  alone  was  rolled  over  360°  in  steps  of  60°. 

The  starting  roll  position  *  =  O'1  is  arbitrary  and  was  marked  on  the  body.  Great  flow 
asymmetry  was  found  at  »  =  60°.  A'  ’ll  tests  the  body  was  kept  at  this  a  =  60°  roll 
orientation.  Under  this  condition  .  ,e  lifting  surfaces  were  added  to  the  body  in  order  to 
get  strong  interference  effects  of  the  asymmetric  body  vortices  on  the  wing  and  tail 
panels  which  were  mainly  intended  to  investigate.  Measurements  were  made  for  the  +  (?  * 
0°)  and  x  (f  =  45°)  position  of  the  wings  and  tails. 

In  addition  to  the  force  and  moment  measurements  some  flow  visualization  esperiments  were 
conducted  in  the  3  m  x  3  m  low  speed  tunnel  { NWG  =  Niedergeschwi ndigkei tswmdkanal 
Gottingen)  of  the  DIR  using  smoke  and  a  laser  light  sheet.  With  the  aid  of  this  technique 
the  leeside  vortex  structures  were  made  visible  for  a  subsequent  quantitative  image 
processing. 


5.  Results 
5.1  Experiments 

The  complete  data  obtained  in  the  course  of  all  experiments  are  documented  in  several 
internal  reports  [2, 3, 4, 5].  Due  to  space  limitation  a  few  sigificant  cases  were  selected 
for  the  present  publication.  The  data  of  the  normal  forces,-  pitching  moments,  side  forces 
and  yawing  moments  are  given  in  this  paper  in  form  of  their  coefficients.  In  the  figures 
the  data  points  are  connected  by  thin  lines.  As  far  as  available  the  calculated  results 
are,  in  most  of  the  same  figures,  depicted  by  tnick  lines.  All  values  of  the  Mach  and 
Reynolds  numbers  in  the  legends  of  the  figures  are  averages  with  a  tolerance  of  less  than 
1*  for  the  Mach  number  and  less  than  2%  for  the  Reynolds  number. 


5.1.1  Body  Alone 

In  previous  experiments  the  Reynolds  number  dependence  of  the  forces  acting  on  the  pre¬ 
sent  body  was  investigated  up  to  a  Reynolds  number  of  5.7  x  10*  in  the  incompressible 
speed  range  f 53.  Figs.  3,4,5a  and  5b  provide  informations  about  the  Mach  and  Reynolds 
number  dependence  of  the  normal  forces  in  the  compressible  speed  range  (Ma  *  0.5)  and  at 
Reynolds  numbers  which  comprise  the  Reynolds  numbers  of  the  present  investigation.  These 
data  were  obtained  for  a  body  of  revolution  of  higher  length  (18  D) .  Nevertheless,  they 
can  be  used  for  the  interpretation  of  the  present  results.  Tne  Reynolds  number  range  of 
the  present  experiments  is  marked  at  the  abscissa  of  Fig.  4.  This  suggests  how  strong  the 
state  of  the  boundary  layer  (turbulent,  transitional,  laminar),  and  consequently  the  type 
of  separation,  vai ies  at  a  constant  Reynolds  number  with  increasing  angle  of  attack.  The 
effect  of  Mach  number  on  the  normal  force  coefficient  is  shown  in  Figs.  5a  and  5b.  As 
long  as  the  cross-flow  Mach  number  is  smail  in  comparison  with  the  critical  value  of  a 
circular  cylinder  in  cross-flow  the  influence  of  the  Reynolds  number  is  predominant  and 
leads  to  a  strong  change  of  the  forces  and  moments  in  the  transitional  range.  This  strong 
change  decreases  with  increasing  cross-flow  Mach  number  and  vanishes  finally. 

It  is  shown  in  Figs.  7a  to  7d  how  the  forces  and  moments  in  the  pitch  and  yaw  plane 
depend  on  the  body  roll  orientation  a.  Maximum  side  forces  of  different  signs  occur 
around  50°  incidence  and  can  achieve  values  up  to  50%  of  the  normal  forces.’  The  onset  of 
side  forces,-  as  a  consequence  of  flow  asymmetry,  starts  at  angles  of  attack  greater  than 
about  15°.  Maximum  side  forces  are  correlated  with  the  greatest  variation  of  the  normal 
forces.  Similar  results,  as  shown  in  Fig.  7  for  Ma  =  0.4,  were  also  obtained  for  the 
other  Mach  numbers. 

In  addition  to  the  parameters  (Re,  Ma,t)  described  before,-  the  measured  forces  and 
moments  of  the  body  alone  can  also  depend  essentially  on  the  flow  quality  (turbulence 
etc.)  in  any  test  section,  it  is,  therefore,  a  great  problem  for  every  experimentalist  to 
obtain  reliable  data.  The  reader  is  asked  to  keep  this  always  in  mind  when  estimating  the 
results  of  this  presentation. 

The  measured  forces  and  moments,  as  clotted  in  Figs.  8a  to  8d,  show  a  strong  nonlinear 
characteristic  with  the  angle  of  attack.  In  addition  they  depend  on  both  Mach  number  and 
Reynolds  number.  Note  that  In  the  subsonic  compressible  speed  range  (Ma  =  0.4,-  0.6,  0.8) 
the  Reynolds  number  changes  somewhat  with  the  Mach  number  because  this  is  conditioned  by 
the  wind  tunnel,  see  Fig.  2b.  It  was  shown  in  other  investigations  [8,9,193  that  at  small 
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angles  of  attack  and  at  Reynolds  numbers  as  given  In  Fig.  8  turbulent  separation  takes 
place  because  of  great  effective  Reynolds  numbers  as  a  result  of  great  effective 
reference  lengths  resulting  in  small  values  of  the  normal  forces.  With  increasing  angle 
of  attack  the  influence  of  the  body  vortices  becomes  stronger  and  the  limiting  streamline 
as  reference  length  of  an  effective  Reynolds  number  ranging  from  the  stagnation  line  up 
to  the  separation  lines  becomes  shorter.  Therefore,  the  effective  Reynolds  number  becomes 
smaller  and  the  separation  passes  into  Its  critical  mode  (critical  Reynolds  number 
regime)  accompanied  by  increasing  normal  forces.  At  Mach  numbers  greater  than  0.4  the 
critical  cross-flow  Mach  number  Is  reached  in  the  present  case  at  a  »  45°  or  »  32°, 
respetively.  This  introduces  additional  effects,  i.e.  shock  boundary  layer  interactions. 
Higher  values  of  the  normal  forces  were  obtained  at  higher  Mach  numbers.  The  increase  of 
the  aerodynamic  coefficient  caused  by  the  Mach  number  is  greater  at  high  incidences  than 
at  moderate  ones  where  the  change  is  mainly  caused  by  the  Reynolds  number. 

The  accumulation  of  data  points  between  a  =  30°  and  40°  is  caused  by  repeated  measure¬ 
ments  after  changing  the  model  support,  see  Fig.  2c  and  2d,  for  measurements  in  the  upper 
range  of  angles  of  attack. 

The  flow  field  around  the  body  becomes  asymmetric  approximately  at  o  =  15°  which  leads  to 
the  onset  of  side  forces  as  can  be  seen  in  Figure  8.  With  increasing  angle  of  attack  the 
side  forces  grow,  change  their  directions  and  reach  maximum  vulues  at  about  40°  to  50° 
and  60°  to  70°.  The  side  forces  decrease  with  increasing  Mach  number. 

In  addition  some  flow  visualization  experiments  were  carried  out  in  the  incompressible 
speed  range  in  order  to  get  a  visual  impression  of  vortex  structures,  which  cause  the 
side  forces  and  moments.  The  trajectories  of  the  shed  vortices  were  extracted  from  the 
experiments  and  compared  with  calculations  as  shown  in  Figure  6. 


5.1.2  Body-Tail  and  Body-Wing-Tail  Combinations 

In  order  to  show  the  Mach  numner  deoendence  of  all  forces  and  moments  renresentative 
examples  are  selected  from  the  complete  data.  These  examples  are  plotted  ,n  Figs.  9a  to 
9d  and  10a  to  1 Od .  It  can  be  seen  that  differences  among  the  normal  forces  and  pitching 
moments  occur  mainly  at  high  angles  of  attack  and  transonic  Mach  numbers  (Ma  =  0.8).  The 
side  forces  and  yawing  moments  decrease  with  increasing  Mach  number,  similar  as  described 
in  5.1.1.  Their  onset  is  independent  of  the  Mach  number. 

All  combinations  have  non-linear  force  and  moment  characteristics  with  respect  to  the 
angle  of  attack.  These  non-linearities  are  strongest  for  the  +-position  of  the  lifting 
surfaces,  see  Figs.  11a  to  lid.  They  are  weaker  for  the  x-positions,  see  Fig.  12a  to  12d. 
A  nearly  linear  behaviour  show  the  characteristics  of  the  body-wing-tail  combination  in 
the  x-position  up  to  a  «  50°,  see  Figs.  13a  to  13d. 

In  the  case  of  the  body-wing-tail  combinations  the  side  forces  and  yawing  moments  are 
only  weakly  developed  as  Figs.  13c  and  13d  show.  This  is  presumably  caused  by  the  far 
upstream  located  wing  which  strongly  reduces  the  asymmetry  of  body  vortices.  In  contrast 
to  that  the  body-tail  combinations  show  side  forces  and  yawing  moments  which  are  of  the 
same  magnitude  as  for  the  body  alone. 

The  trends  of  all  normal  force  and  pitching  moment  curves  show  an  interesting  common 
feature.  A  distinct  decrease  of  the  slopes  of  the  characteristics  can  be  observed  at 
incidences  of  about  10°.  This  effect  is  especially  evident  in  the  case  of  the  body-tail 
combination  with  40  span.  The  measurements  shown  in  Figures  9  to  13  clearly  demonstrate 
that  this  phenomenon  depends  on  the  aspect  ratio  of  the  rectangular  lifting  surfaces,  the 
roll  orientation  of  the  combination  (+-  or  x-position),  the  Mach  number  and  the  local 
angle  of  attack  of  the  lifting  surfaces.  It  was  attempted  in  section  5.2  of  this  paper  to 
give  an  interpretation  of  this  fact.  The  relating  calculations  seem  to  confirm  this 
observation.  But  it  must  be  kept  in  mind  that  downwash  effects  can  contribute  similar 
effects,  particularly  when  a  body-wing-tai 1  combination  is  considered  in  x-position. 


5.2  Calculation 

The  numerical  technique  used  In  this  report  for  the  computation  of  the  aerodynamic  coef¬ 
ficients  of  cruciform  wing-body  combinations  for  high  angles  of  attack  and  for  arbitrary 
roll  angles  in  the  subsonic  speed  range  is  based  primarily  on  a  component  build-up 
technique  of  body  and  wing.  This  method  is  a  very  useful,  fast  and  inexpensive  tool  for 
the  prediction  of  the  aerodynamic  characteristics  of  slender  body-tail  and  body-wing- 
tail  combinations,  and  facilitates  the  design  of  such  configurations.-  It  has  been  applied 
before  up  to  medium  size  angles  of  attack  [11,12,13,14). 

The  measurements  presented  in  this  report  were  considered  to  be  a  valuable  validation 
test  for  this  prediction  code.  To  check  also  the  limits  of  the  method  calculations  up  to 
very  high  angles  of  attack  were  performed.  The  results  presented  in  this  report  have  been 
limited  to  Ka  =  0.6  cases.  The  configurations  included  in  the  tests  (body  alone,  body  + 
tail,  body  +  wing  +  tail)  represent  rather  challenging  geometries  with  regard  to  theo¬ 
retical  treatment  because  of  the  long  body  and  the  relatively  high  aspect  ratio  wings. 

The  linear  part  of  the  body  aerodynamics  is  treated  with  slender  body  theory  or  option¬ 
ally  with  e  3-d  method  of  source  distributions  on  the  body  surface.-  The  non-linear  part 
of  the  body  aerodynamics  was  simulated  by  a  multi-vortex-model.  This  flow  model  works 
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with  asymmetric  vortex  arranagements ,  so  that  'out  of  plane'  forces  ana'  moments  can  be 
estimated.  The  caluclated  normal  forces  of  the  body  agree  very  well  with  the  experimental 
data,  see  Figs.  7  and  !1  to  13.  A  good  agreement  of  the  predictions  with  the  measurements 
was  obtained  for  the  slopes  of  the  normal  force  and  pitching  moment  curves  at  a  =  0°. 

Also  the  basic  characteristic  of  the  side  forces  for  the  body  alone  case  is  reproduced 
relatively  well  if  one  considers  the  complicated  flow  phenomena.  The  minimal  disturbances 
fixing  the  directions  of  the  side  forces  and  yawing  moments  in  the  experiment  cannot  be 
simulated  theoretically.-  for  that  reason  the  sign  of  the  calculated  characteristics  was 
adapted  to  experiment.  The  vortex  shedding  is  controlled  by  Strouhal  number.  The 
calculated  vortex  trajectories  are  compared  in  Fig.  6  with  results  of  additional 
experiments  as  mentioned  already  in  section  4. 

The  forces  and  moments  of  a  cruciform  wing  are  calculated  by  a  non-linear  vortex  lattice 
method  as  descnted  by  D.  Nikolitsch  [  93 .  It  was  assumed  that  the  free  vortex  sheets 
leave  the  cruciform  wing  inclined  by  a  half  of  the  local  angle  of  attack.  The  influences 
of  the  body  and  the  velocity  field  induced  by  the  body  vortices  were  taken  into  account 
by  computing  the  downwash  on  the  cruciform  wings.  Incidentally  this  approach  is  similar 
to  the  method  of  'equivalent  angle  of  attack'  .  Whereas  the  influence  of  the  wing  on  the 
body  is  covered  by  the  interference  factor  Kg{W)  according  to  Nielsen  C 1 5 J the  Mach 
number  effects  are  taken  into  account  by  the  Prandtl-Glauert  factor. 

for  all  body-tail  and  body-wing-tai 1  combinations  the  calculations  reproduce  the  linear 
and  non-linear  parts  of  the  normal  forces  and  pitching  moments  relatively  well  at  angles 
of  attack  up  to  about  10°.  If  the  aspect  ratio  of  the  wing  is  small  enough  agreement  with 
experiment  is  obtained  up  to  angles  of  attack  higher  than  10°.  A  pronounced  reduction  of 
the  normal  force  curve  occurs  for  higher  aspect  ratio  wing  combinations  at  a  certain 
angle  of  attack.  This  is  obviously  caused  by  the  abrupt  breakdown  of  the  leeside  struc¬ 
ture  of  the  wing  flow.  This  effect  is  shifted  to  smaller  angles  of  attack  with  increasing 
aspect  ratio.  It  must  also  be  kept  in  mind  that  due  to  the  presence  of  the  body  the  local 
angle  of  attack  is  increased,  as  shown  in  Fig.  14.  Thereby  the  onset  of  flow  breakdown  is 
reached  sooner.  It  is  necessary  to  cover  these  effects  in  calculations,  see  the  principal 
sketch  in  Fig.  15.  As  long  as  a  fast  prediction  method  for  the  wing  alone  characteristics 
up  to  90°  consistent  with  the  component  build-up  technique  is  not  available,  an  empirical 
data  base  has  to  be  used.  Since  a  systematical  measurement  for  a  special  class  of  wings 
alone  of  different  aspect  ratio  up  to  angles  of  attack  of  «  =  90°  exists  (Esch  [16])  an 
empirical  correction  of  the  prediction  method  with  the  aid  of  these  data  seemed  to  be 
possible  as  a  preliminary  extension.  An  equivalent  angle  of  attack  was  calculated  on  the 
wing  the  aerodynamic  values  of  which  were  determined  by  the  procedures  mentioned  above  if 
“eg  <  “crit  (see  Fig.  16a  and  16b).  For  angles  aeq  >  acrit  the  Esch  data  base  was  used  to 
model  the  wing  component  in  the  component  build-up  procedure.  As  can  be  seen  in  Figs. 

11a,  lid,  12a  and  1 2d  tnis  method  provides  good  agreement  with  experimental  results  up  to 
very  high  angles  of  attack.  Some  calculations  were  performed  without  this  empirical 
correction,;  see  Figs.  13a  and  13b,  which  show  far  higher  discrepancies  at  high  angles  of 
attack. 


6.  Conclusions 

For  engineering  purposes  measurements  of  body,-  body-tail  and  body-wing-tai  1  combinations 
were  presented  and  compared  with  an  analytical  method  which  is  based  on  the  approach  of 
coefficient  synthesis.  For  the  body  alone  the  calculations  provide  reasonable  results  up 
to  high  angles  of  attack.  The  prediction  of  the  characteristics  of  the  body-tail  and 
body-wi ng-tai 1  combinations  turned  out  to  be  more  difficult  at  very  high  angles  of  attack 
due  to  the  massive  flow  separation  on  the  lifting  surfaces.  It  is  conlcuded  that  an 
improvement  of  the  prediction  method  within  the  scope  of  a  coefficient  synthesis  must 
comprise  an  enlarged  empirical  data  base  for  wings  and  the  development  of  theoretical 
flow  models  for  the  separated  flow  over  arbitrary  shaped  wings.  The  Reynolds  number 
influence  for  the  body  is  to  be  taken  into  account,-  too. 
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Figure  la:  Geometrical  details  of  the  various  model 

configurations  Figure  2b:  Reynolds  number  per  cm  as  function  of  the 

Mach  number  for  the  high  speed  wind  tunnel  (HKG) 
of  the  DLR 
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Figure  2c:  Model  support  for  the  lower  incidence  range 
a  -  -10°  to  35°.  Model  in  the  free  jet  test  section  inside 
the  plenum  chamber 
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Figure  3:  Normal  force  coefficient  dependent  on  angle 
of  attack  and  Reynolds  number  [8] 


Figure  5a:  Effect  of  Mach  number  on  normal  force 
coefficient  for  an  ogive-cylinder  body,  figure  prepared 
by  Stanewsky  [18] 
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Figure  4:  Effect  of  angle  of  attack  on  noimal  force 
coefficient  for  a  slender  body.  Ma  »  0.5 
Data  of  Hartmann  [8]  and  Folly  (a  =  30”  only)  [17] 
Figure  prepared  by  Stanewsky  [18] 


Figure  6:  Vortex  positions  in  different  planes  (a,  b,  c) 
--“  Experiment  * 

—  Calculation 


Figure  5b:  Effect  of  Mach  number  on  normal  force 
coefficient  for  an  ogive-cylinder  body,  figure  prepared 
by  Stanewsky  [18] 
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Figure  7a:  Normal  force  coefficient  versus  angle  of  at¬ 
tack  for  different  body  roll  positions  0,  (definition  of  <t> 
see  Fig.  la) 


Figure  7b:  Filching  moment  coefficient  versus  angle  of 
attack  for  different  body  roll  positions  <I> 


Figure  7c  Side  force  coefficient  versus  angle  of  attack  Figure  7d:  Yawing  moment  coefficient  versus  angle  of 
for  different  body  roll  positions  <t>  attack  for  different  body  roll  positions  d> 
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Figure  8a:  Normal  force  coefficient  versus  angle  of  at- 
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Figure  8b:  Pitching  moment  coefficient  versus  angle  of 
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Figure  8c:  Side  force  coefficient  versus  angle  of  attack  Figure  8d:  Yawing  moment  coefficient  versus  angle  of 


Figure  9c  Side  force  coefficient  versus  angle  of  attack.  Figure  9d:  Yawing  moment  coefficient  versus  angle  of 
Ail  lifting  surfaces  in  +  position  attack.  All  lifting  surfaces  in  +  position 
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Figure  10c  Side  force  coefficient  versus  angle  of  attack.  Figure  lOd:  Yawing  moment  coefficient  versus  angle  of 

AH  lifting  surfaces  in  +  position  attack.  All  lifting  surfaces  in  +  position 


Figure  11a:  Normal  force  coefficient  versus  angle  of 
attack.  All  lifting  surfaces  in  +  position.  Calculation 
with  ( — ■)  and  without  ( — )  corrections  beyond  i,. 


Figure  lib:  Pitching  moment  coefficient  versus  angle  of 
attack.  All  lifting  surfaces  in  +  position  Calculation 
with  ( — ■)  and  without  (-— )  corrections  beyond  atnl 
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Figure  lie  Side  force  coefficient  versus  angle  of  attack.  Figure  lid:  Yawing  moment  coefficient  versus  angle  of 
All  lifting  surfaces  in  +  position  attack.  AH  lifting  surfaces  in  +  position 


Figure  12c;  Side  force  coefficient  versus  angle  of  attack.  Figure  12d:  Yawing  moment  coefficient  versus  angle  of 
All  lifting  surfaces  in  x  position  attack.  All  lifting  surfaces  in  x  position. 
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ABSTRACT 

At  high  or  moderate  angles  of  attack,  boundary  layers  separate  and  vortices  develop  on  the  leeside  of  tactical  missile 
bodies.  The  purpose  of  this  paper  is  to  validate  a  numerical  approach  simulating  these  supersonic  separated  flows.  In  this 
iterating  'Coupling  Technique',  the  invisdd  flow  is  computed  by  means  of  an  Euler  solver  in  which  separation  is  forced  by 
a  parietal  treatment.  The  location  of  the  separation  line  is  given  by  a  boundary  layer  calculation  based  on  a  three- 
dimensional  field  method.  A  detailed  experimental  study  was  performed  to  provide  a  wide  range  of  comparisons  with 
computations  over  an  ogivo-cylinder  configuration  at  Mach  2.  Experiments  are  first  described,  then  computational 
results  are  presented  for  different  angles  of  attack.  Calculations  over  a  body-tail  configuration  finally  evaluate  the  vortical 
flow  interaction  with  wings. 

1.  INTRODUCTION 

The  resolution  of  the  averaged  Navier-Stokes  equations  to  compute  flows  over  missiles  and  planes  is  a  tremendous  task. 
If  Interesting  results  have  already  been  presented  [11  [2],  both  numerical  and  theoretical  studies  are  still  needed  to  get 
precise,  effective  and  predictable  tools.  Furthermore,  the  problem  of  turbulence  modelling  Is  still  largely  open.  Now, 
Euler  codes  can  be  very  useful  for  many  complex  Industrial  problems  and,  thanks  to  calibration  and  validation,  can  be 
used  In  the  development  phase  of  a  project.  The  present  study  Is  related  to  the  prediction  of  separated  flows  over  smooth 
bodies  with  an  Euler  code. 

The  nonlinearity  of  supersonic  flows  around  missiles  Is  a  well  known  phenomenon,  produced  by  shocks  and  vortices. 
Shocks  are  solutions  of  the  Euler  equations  and  Euler  solutions  often  exhibit  vortices.  Theses  vortices  can  be  generated  by 
sharp  edges  like  leading  edges  or  by  curved  shocks  on  the  leeside  of  smooth  bodies.  Once  created  near  the  body  surface, 
vortex  sheets  develop  Into  the  flow  field. 

For  missiles  with  large  lifting  surfaces,  the  main  part  of  the  nonlinear  phenomena  is  created  by  wmgs  and  is  rather  well 
predicted  by  Euler  codes  (31,  though  the  origin  of  the  entropy  creation  remains  an  open  problem.  For  smooth  slender 
bodies,  the  agreement  between  experiments  and  calculations  is  often  poor.  We  have  already  presented  a  local  treatment 
which  enhances  the  Euler  results  [4],  The  study  showed  a  great  lnfluerce  of  the  separation  line  used  as  a  datum  on  the 
results  (normal  forte,  center  of  pressure, ...)  but  improvements  in  the  field  and  force  predictions  were  obtained.  The  lack 
of  detailed  experimental  studies  and  the  defect  of  empirical  formula  for  the  separation  line  position  prevented  us  from 
setting  up  a  prediction  method.  The  new  experiments  realized  by  ONERA  in  1989  now  allow  us  to  define  and  validate  a 
"coupling  method"  for  computing  supersonic  flows  over  smooth  bodies,  where  a  boundary  layer  code  is  used  to 
determine  the  separation  line  from  the  Euler  results.  This  method  is  also  interesting  to  evaluate  the  interactions  between 
body  vortices  and  lifting  surfaces. 

L.  BASIC-EXPERIMENT 

2.1  EXPERIMENTAL  SET-UP  AND  TEST  CONDITIONS 

The  first  part  of  this  study  provides  a  set  of  experimental  results,  including  surface  pressure  measurements,  surface  flow 
visualizations  and  flow  field  surveys,  in  order  to  constitute  test  cases  for  the  validation  of  numerical  calculations 
Experiments  have  been  performed  or  a  9  caliber  ogive-cylinder  body  equipped  with  a  3  caliber  circular  ogive,  in  the 
ONERA  SSCh  wind  tunnel  test  facility  (Fig.  1).  The  incidence  values  range  from  0*  to  20*.  The  test  section  of  the  S3Ch 
wind-tunnel  Is  300x300  mm2.  The  characteristics  of  the  incoming  free-stream  have  been  fixed  as  follows . 

-  Mach  number  M„  =  2 

-  Stagnation  pressure  PIq  =  005  MPa 
•  Stagnation  temperature  Tig  =  330  K. 

The  diameter  of  the  model  is  D  =  30  mm,  which  leads  to  a  Reynolds  number  Rep  =  0.16 10^  The  model  is  equipped  with 
17  pressure  taps  equally  distributed  along  a  meridian  line.  As  shown  in  Fig.  2 ,  the  model  was  sting-mounted  and  could  be 
rotated  around  its  pitch  and  roll  axes. 

Visualizations  and  measurements  have  been  completed  in  two  cases  :  natural  transition  and  transition  triggered  by 
means  of  a  S  mm  Urge  carborandum  strip  located  30  mm  from  the  apex.  For  natural  transition,  acenaphtene  coating 
visualization  enabled  ua  to  verify  that  the  boundary  Uyer  remained  laminar  all  over  the  body  at  a  =  O'.  Except  when  it  is 
especially  mentioned,  results  presented  in  the  experimental  part  are  related  to  the  laminar  boundary  layer  case. 
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The  external  flow  haa  been  investigated  by  a  five-hole  pressure  probe  allowing  to  obtain  the  local  Mach  number  M,  the 
stagnation  pressure  Pj  and  the  velocity  vector  (deduced  with  the  assumption  of  a  constant  stagnation  temperature,  which 
is  a  good  approximation  for  this  value  of  incoming  free-stream  Mach  number). 

2.2  VISUALIZATION  OP  THE  SKIN-FRICTION  LINES  PATTERN 

Surface  oil  flow  visualizations  realized  at  a  o  5*,  10*,  15*  and  20*  angle  of  attack,  are  presented  in  Fig.  3  a-d  These  figures 
allow  us  to  determine  the  conjectural  skln-f.lction  patterns  given  in  Fig.  4  a-d,  where  top  and  side  views  are  presented. 

Skin-fricticn  line  patterns  an  topologically  equivalent  at  a  «  5*  and  10*,  and  can  be  described  as  follows.  Ail  the  lines  start 
at  the  mode!  apex.  An  attachment  line  Aj  is  present  in  the  lower  side  of  the  symmetry  plane.  Primary  separation  occurs 
along  Si.  An  attachment  line  A2  is  visible  in  the  upper  side  of  the  symmetry  plane.  The  boundary  layer  separates  again 
along  $2-  Between  S2  and  Sj  a  third  attachment  line  A3  must  exist.  The  latter  >s  not  visible  on  the  visualizations  because 
the  velocity  is  very  low  after  the  secondary  separate  in,  so  that  friction  forces  are  not  large  enough  to  drive  the  oil  The  line 
Sj,  as  all  skin-ffiction  lines,  starts  at  the  apex,  but  it  can  be  observed  that  the  other  lines  do  not  join  Sj  before  X/D  »  4 
(a  *  5*)  or  ,\/D  «  3  (a  » 10*).  The  transverse  flow  organization  of  Fig.  5  which  includes  2  vortices  is  consistent  with  the  skin- 
friction  pattern. 

For  higher  angles  of  attack  (a  *  15*  and  20*),  the  primary  separation  line  Si  is  clearly  visible  from  the  apex.  The  singular 
lines  Aj,  A2,  S2  and  A3  are  also  present,  but  between  S2  and  A3,  there  are  two  other  separation  lines  S3  and  S4.  Different 
external  flow  topologies  are  compatible  with  these  patterns.  One  of  them,  using  Sj  and  S2  and  deduced  from  the  velocity 
field  determined  in  a  transverse  plane  (§  Z3),  is  given  In  Fig.  6 .  In  this  sketch,  there  are  three  vortices  and  a  saddle  point 
embedded  in  the  transverse  flow  field. 

The  location  of  the  separation  line  S]  has  been  carefully  determined  and  plotted  in  Fig.  7  for  the  laminar  and  turbulent 
boundary  layer  cases.  We  observe  that  the  origin  of  Sj  comes  up  to  the  body  nose  tip  when  incidence  is  increased,  and 
reaches  it  at  o  =  20*.  In  the  laminar  case,  lines  determined  at  a  =>10*,  15*  and  20*  are  close  one  to  the  other.  In  the 
turbulent  case  at  5*  angle  of  attack,  the  flow  Is  fully  attached,  as  turbulence  tends  to  stabilize  the  boundary  layer; 
moreover,  at  10*,  15*  and  20*  incidence,  separation  line  locations  are  similar  to  those  respectively  obtained  at  5*,  10*  and 
15°  in  the  laminar  case. 

23  MEASUREMENTS  REALIZED  AT  a  *  20*  INCIDENCE 

The  surface  pressure  distribution  has  been  determined  by  rotating  the  model  around  its  roll  axis.  This  technique  allows  to 
realize  a  great  deal  of  measurements  with  few  pressure  taps.  Results  obtained  at  20*  angle  of  attack  are  plotted  in  Fig.  S 
together  with  the  separation  line  S3. 

Measurements  realized  with  the  five-hole  pressure  probe  in  the  plane  X/D  =  5  are  presented  in  Fig.  9.  In  Fig.  9a  the 
transverse  velocity  vector  plots  are  given  together  with  the  pseudo-streamlines  computed  with  the  experimental  2D 
velocity  field.  The  isc  -Mach  number  map  is  presented  in  Fig.  9b  and  the  iso-stagnation  pressure  map  is  plotted  in  Fig.  9c . 
The  vector  plot  and  the  pseudo-streamlines  reveal  the  location  of  the  primary  and  secondary  vortices.  On  the  iso-Mach 
number  pattern,  high  values  of  M  (near  3)  are  reached  in  the  area  located  between  the  primary  vortex,  the  symmetry 
plane  and  the  body.  The  lowest  values  of  M  are  obtained  near  the  separation  sheet  coming  from  SI  and  in  the  secondary 
vortex  area. 

The  iso-stagnation  pressure  map  shows  high  dissipation  levels  in  the  sheet  issued  from  Sj,  the  primary  vortex  core  and 
the  secondary  vortex.  In  these  regions,  Pj/P,Q  reaches  values  as  low  as  0.2. 


3.  CALCULATION 

3.1  THE  NUMERICAL  METHOD 

3.1.1  DESCRIPTION  OF  THE  METHOD 

The  coupling  technique  presented  here  aims  at  improving  the  existing  numerical  calculation  of  vortical  flows  with  an 
Euler  solver.  It  consists  in  the  generation  of  a  vortex  sheet  into  the  flow  thanks  to  a  local  treatment  on  the  body  surface 
(see  §3.1.2).  Therefore,  the  separation  line  location  must  be  accurately  known.  We  proceed  in  2  steps  :• 

-  first,  we  need  to  validate  the  implementation  of  the  separation  treatment  and  evaluate  how  results  evolve  when 
separation  is  forced.  To  do  this,  we  use  the  experimental  line  measured  at  ONERA  and  thus  focalize  on  the 
improvements  relevant  to  the  numerical  treatment  itself; 

-  once  the  concept  is  validated,  we  are  able  to  perform  direct  calculations  using  an  iterating  method,  schematized  in 
Fig.  10 .  A  first  Euler  calculation  (including  no  parietal  treatment)  supplies  data  for  a  boundary  layer  computation.  Then, 
the  Interpretation  of  the  resulting  skin-ffiction  pattern  gives  a  first  location  for  the  separation  line.  This  line  can 
afterwards  be  used  as  a  datum  for  a  second  calculation  loop.  The  process  is  said  to  converge  when  two  successive 
iterations  lead  to  very  close  separation  line  positions. 
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3.1.2  EULER  CODE  AND  PARIETAL  SEPARATION  TREATMENT 

The  Euler  code  FLU3C  ured  for  this  study  has  been  developed  by  ONERA  and  AEROSPATIALE  [51.  It  solves  the  3D 
unsteady  Euler  equations  for  an  invisdd  gas  with  a  Unite  volume  approach.  The  flux-vector  upwind  splitting  technique 
introduced  by  Van  Leer  [6]  allows  to  compute  flows  with  strong  discontinuities.  The  second  order  in  time  and  space  it 
obtained  via  a  MUSCL  approach.  A  TVD  correction  on  the  slope  calculations  reduces  the  scheme  to  first  order  spatially 
near  the  extrema.  A  CFL  condition  limits  the  time  step  of  the  explicit  scheme.  For  steady  solutions,  a  local  time  step  is 
used.  For  supersonic  calculations,  a  pseudo-marching  technique  has  been  developed.  It  consists  in  iterating  in  time 
plane  by  plane;  using  only  the  upstream  information.  CPU  time  it  thus  dramatically  lowered.  The  frontal  shock  is 
captured  and  the  grid,  defined  before  the  calculation,  is  not  adapted.  Thanks  to  its  precision  and  robustness,  FLU SC  has 
been  used  for  several  years  at  AEROSPATIALE  to  compute  flows  around  missiles,  shuttles,  supersonic  planes,  as  well  as 
for  jet  calculations  and  unsteady  studies  [7). 

By  locally  rotating  the  velocity  vector  at  the  body  surface  during  the  Euler  calculation,  we  can  create  a  vortex  sheet  which 
develops  into  the  flow  field.  The  aim  is  to  make  the  velocity  vector  parallel  to  a  given  separation  line.  Therefore,  in  each 
calculation  plane  and  at  every  iteration,  for  the  two  grid  points  surrounding  the  theoretical  separation  location,  the  flow 
variables  are  modified  as  follows : 

Let be  the  ratio  T.U/|  U  |  where  T  is  the  unit  vector  tangent  to  the  fuselage  in  the  plane  orthogonal  to  its  axis  at  the 
separation  point.  The  separation  line  being  known,  we  have  'P*'l,4=  T  D/|  D  |  where  D  is  a  vector  tangent  to  the  separation 
line.  If  the  separation  point  is  between  grid  points  k  and  k+1 ,  V  is  modified  at  these  2  points  by  interpolating  according  to 
the  polar  angle  $  : 

To  avoid  oscillations,  entropy,  pressure  and  total  enthalpy  values  at  points  k  and  k+1  are  determined  by  an  interpolation 
between  values  at  points  k-1  and  k+2  and  data  belonging  to  the  upstream  plane.  A  relaxation  technique  is  also  used.  The 
speed  vector  modulus 1 U  |  is  then  deduced  from  the  energy  equation. 

3.13  BOUNDARY  LAYER  CODE 

The  code  3C3D,  developed  at  OWERA-CERT/DERAT,  solves  the  three^Umensional  boundary  layer  equations,  in  which 
the  external  pressure  field  is  a  datum  of  the  problem  [8]  [9],  Though  parabolic,  due  to  the  diffusion  terms,  the  boundary 
layer  equations  system  becomes  hyperbolic  when  only  the  first  order  partial  derivative  terms  are  taken  into  account.  This 
implies  the  existence  of  influence  and  dependence  domains,  in  relation  with  the  characteristic  surfaces.  The  streamlines 
arc  characteristic  lines  as  well  as  the  lines  normal  to  the  walL  Starting  from  initial  flow  direction,  integration  is  performed 
oy  x-marching.  the  transverse  derivatives  bring  computed  according  to  influence-dependence  rules.  The  code  uses  a 
first -order  but  fully  Implicit  discretization  scheme  and  a  mixing  length  turbulence  model,  though  the  implementation  of 
new  turbulence  models  Is  in  progress.  Several  longitudinal  and  transversal  transition  criteria  are  available  [10J 

After  each  Euler  computation,  an  automatic  interface  generates  a  curvilinear  mesh  -  defined  by  its  metric  coefficients  at 
the  nodes  -  in  which  the  boundary  and  initial  conditions  are  given  (geometrical  shape,  external  pressure  distribution 
calculated  by  the  Euler  code  FLU3C,  upstream  characteristics).  L"  each  -ell  of  the  mesh,  the  continuity  and  momentum 
equations  are  discretized  and  Integrated  along  characteristic  lines  so  that  the  dependance  rules  are  automatically 
satisfied.  In  practice,  the  momentum  equations  are  written  along  the  projection  of  the  streamlines  on  the  surfaces 
parallel  to  the  wall,  which  simplifies  the  interpolation  problems. 

Compared  with  the  Integral  method  used  up  to  now  [41,  this  field  method  presents  the  advantage  of  allowing  computation 
m  a  wider  area  of  the  flow  (especially  In  separated  regions).  However,  an  important  part  of  the  calculation  domain 
remains  most  of  the  time  inaccessible  to  calculation,  since  streamlines  are  discarded  when  the  boundary  layer  becomes 
too  thick  or  the  streamline  deviation  too  large. 

32  RESULTS 

We  compare  computations  and  experiments  to  analyze  the  influence  of  the  separation  treatment  in  the  Euler  code.  First 
of  all,  we  use  the  experimental  separation  line  measured  at  ONERA  facilities  as  a  datum,  and  thus  validate  the  coupling 
method.  We  are  then  able  to  carry  out  calculations  on  a  missile  body  without  using  any  external  data.  Finally, 
calculations  made  on  a  body-tail  configuration  provide  a  practical  engineering  case  showing  the  influence  of  vortex 
interaction  on  tails.  Calculations  were  performed  for  a  =  5*,  10”  and  15*,  since  the  abandoned  part  of  the  body  becomes 
too  wide  for  higher  angles  of  attack  to  allow  a  safe  determination  of  the  separation  line  location 

32.1  CALCULATION  USING  EXPERIMENTAL  SEPARATION  LINES 

All  the  computations  presented  below  over  the  ogive-cylinder  body  deal  with  laminar  boundary  layers  calculations. 
Figure  11  presents  3  sldn-friction  patterns  relative  to  calculations  made  at  a  15  degrees  angle  of  attack  with  the  coupling 
method  described  above : 

1  -  using  no  separation  treatment, 

2  -  using  the  laminar  experimental  line, 

3  -  using  the  laminar  experimental  line  with  a  15  degrees  shift  towards  the  leeside. 
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In  such  plots,  the  separation  line  Is  seen  ts  *  singular  line  to  which  several  skin-friction  lines  converge  from  both  sides  of 
the  flow  or  the  locus  where  lines  Issuing  from  the  windslde  are  abandoned.  Here,  the  computed  separation  line  is  close  to 
the  experimental  one  only  In  the  third  case.  Other  comparisons  made  at  various  angles  of  attack  on  Iso-values  in  the 
crossflow  planes  lead  us  to  conclude  that  the  separation  treatment  within  the  Euler  code  FLU3C  Induces  a  constant  shift 
of  about  15  degrees  between  the  separation  line  used  as  an  Input  datum  and  the  line  found  with  a  boundary  layer 
calculation.  This  statement  has  not  beat  well  explained  yet  From  now  on,  we  shall  use  a  systematic  shift  of  15  degrees  on 
the  separation  line  before  calculating  with  FLU3C. 

Figures  12  and  13  present  comparisons  between  experimental  values  and  Euler  calculations  on  iso-total-pressure  and 
isobar  lines  in  2  crossflow  planes  at  15  degrees  incidence.  Two  calculations  are  presented,  one  using  no  separation 
treatment,  the  other  using  the  modified  experimental  line.  The  same  color  scales  are  used  for  the  2  planes.  Total  pressure 
plots  prove  that  the  general  shape  of  the  separated  flow  as  well  as  the  height  of  the  vortex  are  better  predicted  when  the 
separation  is  forced.  The  level  of  pressure  is  also  nearer  to  the  experimental  value,  though  great  discrepancies  remain  in 
the  vortex  core,  most  probably  due  to  the  viscous  nature  of  the  vortex  not  correctly  described  by  our  perfect  fluid  model. 

Figure  14  shows  the  same  comparisons  on  the  local  force  coefficient  at  a  ■■  10*  and  15*.  Experimental  values  were 
obtained  via  the  integration  of  the  measured  pressure  values  (as  few  empirical  data  were  available  near  the  apex,  the 
experimental  results  suffer  from  a  crude  interpolation  in  this  area  of  the  body).  The  separation  treatment  tends  to  lower 
the  pressure  values  on  the  leeside  so  that  the  normal  force  Increases  and  the  center  of  pressure  moves  off  the  apex. 

Global  coefficients  for  each  incidence  computed  are  indicated  thereafter.  In  each  case  the  error  on  the  center  of  pressure 
absdssa  is  reduced  to  lees  than  0.4  diameters  and  the  normal  force  is  predicted  with  less  than  8%  error,  which  is  suitable 
for  practical  applications. 

CN  :  Coefficient  of  the  force  normal  to  the  body  Subscript  "c"  means  Calculated  value 

XCp  •:  Center  of  pressure  absdssa  of  the  body  Subscript  "e"  means  Experimental  value. 

D  :•  Body  diameter 
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We  have  shown  the  benefit  of  the  application  of  a  separation  treatment  when  the  line  used  is  the  experimental  one  We 
will  now  analyze  the  results  given  by  the  coupling  method  itself,  starting  with  an  Euler  computation  using  no  separation 
treatment  at  all. 

3.2.2  COUPLING  EULER  CODE  /  BOUNDARY  LAYER  CODE 

Whilst  making  calculations  using  the  coupling  method  described  herein,  we  note  that  the  location  of  the  separation  line 
seems  to  converge  after  only  two  or  three  calculation  loops.  Results  presented  below  are  limited  to  the  standard  Euler 
calculation  (involving  no  treatment  of  separation)  and  the  first  two  coupling  iterations  (called  “Coupling  #1"  and 
"Coupling  #2’).  Figure  15  presents  the  parietal  streamlines  given  by  the  boundary  layer  code  at  10  degrees  incidence  for 
these  three  cases.  The  "Coupling  #2"  case  improves  the  skin-friction  pattern  near  the  origin  of  the  separated  sheet.  The 
patterns  show  a  swift  convergence  of  the  separation  line  location  near  the  experimental  line.  A  "Coupling  #3"  calculation 
corroborates  that  statement. 

In  Fig.  17  are  shown  the  parietal  pressure  coefficient  plots  versus  the  roll  angle  corresponding  to  these  three  successive 
Euler  calculations,  in  the  crossflow  plane  X  =  7D  and  at  a  =  10*.  Despite  a  few  osdllations  on  both  sides  of  the  separation 
line,  the  coupling  calculation  results  follow  the  experimental  contour  much  better  than  the  first  Euler  calculation  ones, 
espedally  near  the  leeside  of  the  body.  As  expected,  the  separation  has  few  effects  on  the  parietal  pressure  on  the 
windside. 

As  for  local  forces  coefficients  (see  Fig.  16),  the  coupling  method  also  provides  closer  results  to  the  experiments  The 
global  coefficients  indicated  below  show  the  improvements  given  at  all  angles  of  attack  when  using  this  method. 
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figure  19  shows  a  companions  between  experiments  and  a  "Coupling  #2"  calculation  (o  » 15*)  for  total  pressure  in  several 
crossflow  planes,  figure  20  presents  a  visualization  of  parietal  pressures  and  skin-friction  lines  both  with  and  without 
separation  treatment. 

The  calculations  presented  above  on  an  ogive-cylinder  configuration  as  a  validation  of  the  coupling  technique  enable  us 
to  emphasize  upon  the  interest  of  adding  a  separation  treatment  to  our  Euler  code  to  predict  flows  around  smooth  bodies. 
We  will  now  discuss  the  results  obtained  over  a  more  practical  body-tail  configuration. 


323  VORTICAL  INTERACTION  WITH  HNS 

Up  to  now,  calculations  have  been  carried  out  on  smooth  slender  body  configurations,  upon  which  the  co  rpling 
technique  is  of  great  use.  However,  fins  located  at  the  end  of  a  missile  body  may  also  be  influenced  by  the  vortex  si  eet.  In 
such  a  case;  it  is  known  that  the  height  and  location  of  the  sheet  have  a  strong  effect  over  the  wing  lift.  We  shall  fie-  •  .ry  to 
evaluate  this  influence. 

The  configuration  used  to  study  vortex  interaction  is  the  following : 

3D  parabolic  ogive  +  12D  cylinder  +  tail  (see  fig.  18) 

Measurements  were  performed  at  ONERA  facilities  at  Mach  2  for  several  values  of  angle  of  attack  (a)  and  roll  angle  (9) 
values.  The  diameter-based  Reynolds  number  was  Rep  =  1.13 10®.  In  computations  and  experiments,  transition  is  forced 
and  fixed  at  X/D  •  0.2  .  Calculations  were  made  for  4  =  0*  (+  position)  at  o  =  10*  and  15*  and  for  0  =  45*  (x  position)  at 
a  =  10* . 

The  coefficient  of  the  force  normal  to  the  wing  and  the  center  of  pressure  abscissa  on  the  wing  calculated  with  the  Euler 
code  FLU3C,  firstly  without  separation  treatment  and  secondly  after  convergence  of  the  coupling  process  (Couplmg  #2), 
have  been  compared  to  experimental  values. 
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As  already  observed  in  previous  calculations  I4L  the  lift  on  the  wing  depends  strongly  on  the  separation  line  location, 
which  determines  the  locus  of  the  vortex  core  and  the  direction  of  the  stream  around  the  wing.  When  the  tail  is  near  the 
vortex  ty  *  45°),  the  values  of  CN  are  more  accurately  predicted  when  separation  is  forced.  The  influence  decreases  when 
the  tail  goes  away  from  the  vortex.  For  the  wind  side  tail,  very  few  influence  of  the  vortex  is  noticed. 


4.  CONCLUSION 

After  this  study  on  the  simulation  of  separated  supersonic  flows,  we  can  draw  the  mam  following  conclusions  ■ 

-  even  if  not  fully  satisfactory  from  a  theoretical  point  of  view  (shift  in  the  input  separation  line,  §  3  2 1),  the 
"Coupling  Technique*  yields  important  improvements  of  the  Euler  results  and  is  of  great  interest  for  practical 
engineering  applications, 

-  the  "Coupling  Technique"  ameliorates  vortical  interaction  with  fins  as  well  as  smooth  body  calculations, 

-  the  location  of  the  separation  line  is  a  critical  datum,  especially  when  evaluating  the  vortical  interaction  on 
wings  and  calculating  hinge  moments, 

-  there  is  a  need  for  further  experiments  with  other  inflow  conditions  providing  more  experimental  information 
about  the  position  of  the  vortex  sheet  on  a  missile  body  for  additional  validations, 

-  with  experimental  and  calculated  separation  lines,  a  data  base  could  be  realized  to  lower  the  number  of 
iterations  required. 

At  a  time  when  Navier-Stokes  solvers  are  still  unable  to  compute  all  engineering  configurations  with  a  reasonable  cost 
and  when  standard  Euler  results  prove  not  precise  enough,  the  coupling  method  may  be  very  helpful.  However,  the 
boundary  layer  code  involved  should  be  able  to  compute  all  over  the  body,  even  at  high  incidences,  in  order  to  get  precise 
separation  lines ;  a  second  order  method,  presently  in  progress  at  ONERA/CERT,  could  achieve  this  purpose.  A 
parabolized  Navier-Stokes  method  is  also  being  developed  at  AEROSPATIALE  and  could  present  both  the  cost- 
effectiveness  of  the  Euler  codes  and  the  global  solution  (viscid /invisdd)  of  the  Navier-Stokes  methods  in  one  single  run. 
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Fig.  10  :  COUPLING  TBCHNIQUB 
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Fig.  12  :  COMPUTED  AND  EXPERIMENTAL  PRESSURE  CONTOURS 
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Fig.  13  :  COMPUTED  AND  EXPERIMENTAL  TOTAL  PRESSURE  CONTOURS 


Fig.  14  :  COMPUTED  AND  EXPERIMENTAL  LOCAL  NORMAL  FORCES 
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COMPUTED  SKIN-FRICTION  LINES  ON  THE  BODY 
Fig  15- C:  COUPLING  #2 
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Fig.  17  :  COMPUTED  AND  EXPERIMENTAL  PARIETAL  PRESSURE  COEFFICIENTS 
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Fig.  18  :  BODY-TAIL  CONFIGURATION 


Fig.  20  :  CALCULATED  PRESSURE  AND  SKIN-FRICTION  LINES 
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1.  Summary 

The  unsteady,  compressible,  single  and  double  thin-layer, 
Navier-Stokes  equations  are  used  to  solve  for  steady  and 
unsteady,  asymmetric,  supersonic  flow  around  pointed 
bodies  with  noncircular  sections  at  high  incidence  and 
zero  side  slip.  The  equations  are  solved  by  using  an 
implicit,  upwind,  flux-difference  splitting  finite-volume 
scheme.  Since  the  flow  is  locally  conical,  the  solutions 
are  presented  on  a  cross-flow  plane  at  the  axial  station 
of  unity.  "Tie  grid  is  generated  by  using  a  modified 
Joukowski  transformation.  The  computational  applica¬ 
tions  cover  noncircular  sections  with  elliptic  and  diamond 
shapes  Unsteady  asymmetric  vortex  shedding  has  been 
captured  at  large  angles  of  attack.  It  Is  shown  that  for 
the  same  flow  conditions  and  same  cross-section  fineness 
ratio,  the  diamond-section  cones  develop  less  flow  asym¬ 
metry  than  the  elliptic-section  cones.  Passive  central  of 
flow  asymmetry  has  been  also  demonstrated  computa¬ 
tionally. 

2,  Preface 

Very  recently,  the  problem  of  asymmetric  vortex  flow 
about  slender  bodies  and  wings  in  the  high-angie-of- 
attack  range  has  received  considerable  attention  by  re¬ 
searchers  in  the  numerical-simulation  area1'5  and  by  re¬ 
searchers  in  the  experimental-study  area6"12.  The  prob¬ 
lem  is  of  vital  importance  to  the  dynamic  stability  and 
controllability  of  missiles  and  fighter  aircraft  When  flow 
asymmetry  develops,  it  produces  side  forces,  asymmet¬ 
ric  lifting  forces  and  corresponding  yawing,  rolling  and 
pitching  moments  that  might  be  larger  than  those  avail¬ 
able  by  the  control  system  of  the  vehicle. 

The  onset  of  flow  asymmetry  occurs  when  the  relative 
incidence  (ratio  of  angle  of  attack  to  nose  semi-apex  an¬ 
gle)  of  pointed  forebodies  exceeds  certain  critical  values 
At  thes.  critical  values  of  relative  incidence,  flow  asym¬ 
metry  develops  due  to  natural  and/or  forced  disturbances. 
The  origin  of  natural  disturbances  may  be  a  transient  side 
slip,  an  acoustic  disturbance,  or  likewise  disturbance  of 
short  duration.  The  origin  of  forced  disturbances  is  geo¬ 
metric  perturbations  due  to  imperfections  in  the  nose  geo¬ 
metric  symmetry  or  likewise  disturbances  of  permanent 
nature  In  addition  to  the  relative  incidence  as  one  of 
the  determinable  parameters  for  the  onset  of  flow  asym¬ 
metry,  the  freestream  Mach  number,  Reynolds  number 
and  shape  of  the  body-cross  sectional  area  are  important 
determinable  parameters. 

In  an  attempt  to  simulate  asymmetric  vortex  flow  around 
an  ogive-cylinder  body  at  an  angle  of  attack  of  40°,  a 


Mach  number  of  0.2  and  a  Reynolds  number  of  200,000, 
Dcgani  and  Schiff1  used  the  unsteady,  thin-layer,  Navier- 
Stokes  equations  along  with  an  implicit  scheme  which  is 
second-order  accurate  in  time.  The  scheme  uses  central- 
differencing  in  the  cross-flow  plane  and  unwind  flux- 
vector  splitting  in  the  streamwise  direction.  By  introduc¬ 
ing  a  forced  asymmetric  disturbance  near  the  body  nose 
in  the  form  of  a  small  surface  jet,  asymmetric  flow  solu¬ 
tion  was  obtained.  When  the  jet  was  turned  off,  the  flow 
asymmetry  dissipated  and  the  flow  recovered  its  svmme- 
try. 

In  a  later  paper  by  Dcgani4,  the  same  computational 
scheme  was  used  to  solve  for  the  flow  around  the  same 
ogive-cylinder  body  over  a  wide  range  of  angle  of  attack: 
a  —  20°  -  80°.  His  numerical  experiments  focused  on  in¬ 
vestigation  of  the  ongin  of  vortex  asymmetry  Based  on 
his  results,  he  suggested  that  the  fiowfield  around  slender 
bodies  could  be  divided  into  three  main  groups  depending 
on  the  angle  of  attack  range.  This  range  might  change 
by  ±10°,  depending  on  the  flow  condiuons.  In  the  range 
0°  <  a  <  30°,  the  flow  was  symmetric  and  introduction 
of  small  disturbances  near  the  nose  had  a  small  effect  on 
the  flow  symmetry.  In  the  second  range,  30°  <  o  <  60°, 
the  flow  became  steady  asymmetric  upon  introduction 
of  a  space-fixed  forced  disturbance  near  the  nose  The 
level  of  asymmetry  was  a  function  of  the  locauon  and 
size  of  the  forced  disturbance,  and  for  large  size  distur¬ 
bances,  tile  asymmetry  became  unsteady  with  very  high 
frequency.  However,  when  the  disturbance  was  removed 
the  flow  recovered  its  symmetric  shape.  He  attributed 
the  origin  of  asymmetry  to  a  convective- type-instability 
mechanism.  In  the  very  high  range,  60°  <  a  <  80°,. 
the  flow  became  unsteady  with  vortex  shedding  upon 
introduction  of  a  small  transient  disturbance  with  short 
duration.  He  attributed  the  origin  of  flow  unsteadiness 
and  vortex  shedding  to  an  absolute-type-instability  mech¬ 
anism.  In  that  range  of  angle  of  attack,  he  also  showed 
that  the  convective-type-instability  mechanism  was  pos¬ 
sible  upon  introduction  of  a  space-fixed  disturbance  near 
the  nose.  Although  this  investigation  revealed  good  ten¬ 
tative  conclusions,  there  are  several  remaining  questions 
to  be  addressed,  which  are  related  to  the  scheme  dissipa¬ 
tive  effects,  particularly  in  the  cross-flow  planes,  and  the 
grid  fineness  and  its  resolution  of  the  disturbance  growth 

The  present  authors5  used  the  unsteady,  thin-layer, 
Navier-Stokes  equations  along  with  two  different  implicit 
schemes  to  simulate  asymmetric  vortex  flows  around 
cones  with  d:ff<-tent  cross-section  shapes.  The  numer¬ 
ical  invest  was  focused  on  a  5°-semiapcx  angle 
circular  c.  .ocal,  conical  flow  was  assumed.  The 
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first  implicit  scheme  was  an  upwind,  flux-difference  split¬ 
ting,  finite-volume  scheme  and  the  second  one  was  a 
central-difference,  finite-volume  scheme.  Keeping  the 
Mach  number  and  Reynolds  number  constants  at  1.8  and 
105,  respectively,  the  angle  of  attack  was  varied  from 
10°  to  30°.  At  a  =  10°,  a  steady  symmetric  solution 
was  obtained  and  the  results  of  the  two  schemes  were 
in  excellent  agreement.  At  a  =  20°  and  irrespective  of 
the  type  or  level  of  the  disturbance,  a  steady  asymmetric 
solution  was  obtained  and  the  results  of  the  two  schemes 
were  in  excellent  agreement  TWo  types  of  flow  distur¬ 
bances  were  used;  a  random  round-off  error  or  a  ran¬ 
dom  truncation-error  disturbance  and  a  controlled  tran¬ 
sient  side-slip  disturbance  with  short  duration.  For  the 
controlled  transient  side-slip  disturbance  the  solution  was 
unique,  and  for  the  uncontrolled  random  disturbance  the 
solution  was  also  unique  with  the  exception  of  having 
the  same  asymmetry  changing  sides  on  the  cone.  At  a  = 
30°,  an  unsteady  asymmetric  solution  with  vortex  shed¬ 
ding  was  obtained,  and  the  vortex  shedding  was  perfectly 
periodic.  Next,  the  angle  of  attack  was  kept  fixed  at  20° 
and  the  Mach  number  was  increased  from  1.8  to  3.0.  The 
solutions  showed  that  the  asymmetry  become  weaker  as 
the  Mach  number  is  increased.  The  flow  recovered  its 
symmetry  when  the  Mach  number  reached  3.0.  Selected 
solutions  of  steady  and  unsteady  asymmetric  flows  have 
been  also  presented  for  cones  with  elliptic  and  diamond 
cross-sectional  areas.  Passive  control  of  the  flow  asym¬ 
metry  has  been  tentatively  demonstrated  by  using  a  fin 
on  the  leeward  side  of  the  body  along  the  plane  of  geo¬ 
metric  symmetry. 

Siclari5  used  the  unsteady,  Navier-Stokes  equations  with 
a  multigrid,  central-difference,  finite-volume  scheme  to 
solve  for  steady  asymmetric  conical  flows  around  cones 
with  elliptic,  diamond  and  bioarabolic  sections.  He  ad¬ 
dressed  steady-flow  problems  similar  to  those  of  the 
present  authors  in  reference3.  He  considered  the  flow 
around  circular  cones  with  semi-apex  angles  of  5°,  6°, 
7°  and  8°  at  an  angle  of  attack  of  20°  and  a  Reynolds 
number  of  105.  Varying  the  Mach  number  from  1 .4  to  3  0 
with  a  step  of  0.4,  he  showed  that  the  flow  recovered  its 
symmetry  as  the  Mach  number  increased.  The  higher  the 
semi-apex  angle  was,  the  lower  the  Mach  number  was, 
for  the  flow  to  recover  its  symmetry.  Fixing  the  Mach 
number  at  1  8,  the  angle  of  attack  at  20°,  the  Reynolds 
number  at  105  and  the  semi-apex  angle  at  5°,,  he  de¬ 
creased  the  cross-section  fineness  ratio  (ratio  of  width  to 
length)  for  different  cross-sectional  shapes.  He  showed 
that  the  flow  recovered  its  symmetry  at  a  fineness  ratio  of 
0.4  for  the  elliptic-section  cone,  at  0.6  for  the  biparabolic- 
section  cone  and  at  0.6  for  the  diamond-section  cone. 


with  various  blowing  rates  and  directions  on  the  fore¬ 
body  surface16,17.  Computational  simulations  have  also 
been  used  to  study  the  effectiveness  of  both  passive3  and 
active  control  methods18. 

In  this  paper,  we  focus  on  the  steady  and  unsteady 
asymmetric  conical-flow  prediction  and  control  for  flows 
around  cones  with  diamond  and  elliptic  cross  sections. 
The  unsteady,  compressible,  single  and  double  thm-layer, 
Navier-Stokes  equations  are  used  along  with  an  implicit, 
upwind,  flux-difference  splitting,  finite-volume  solver. 


3.  Formulation 


3.1  Governing  Equations 

The  thiee-dimensional  compressible  viscous  flow  around 
the  body  is  governed  by  the  conservative  form  of  the 
dimensionless,  unsteady,  compressible,  double  thin-layer 
Navier-Stokes  equations.  In  terms  of  time-independent 
body-conformed  coordinates  £*,  £2  and  £3,  the  equations 
are  given 


OQ  dE*  d(%)2 
3t  3£*  d£2 


3£3 


=  0,s  =  1,2,3 


(1) 


where 


i[p,pui,pu2,pu3,pe)1 


(2) 


Em  =  inviscid  flux 

=  jlpUm.pUjUm  +  dl^p.mUm 

+  &iCp,  pUjUm  +  a3£'"p,  (pc  +  p)  Um]1 

m  =  1,2,3 


(En)2  s  viscous  and  heat-conduction  flux  in 


direction 

=  j|0,9k£2rkl,dk£2n2>dk£2Tl3- 
^(Unrim-qi)]1 


(E*)3  =  viscous  and  heat -conduction  flux  in  £3 
direction 


=  j[0,cU37i(|,3(£37i(2,dk£:5rit3- 
dkf’Krkn  -qi)F 


(5) 


Um  =  Okf’uk  (6) 


Experimental  research  efforts  have  also  been  directed 
to  control  asymmetric  flows  Scr  eliminating  or  attenu¬ 
ating  the  asymmetric  forces  ant)  the  resulting  moments 
by  using  either  passive-control13'15  or  active  control16'18 
methods.  Passive  control  methods  include  the  use  of  a 
vertical  fin  on  the  leeward  side  along  the  plane  of  geo¬ 
metric  symmetry13,  the  use  of  fixed  or  movable  fore¬ 
body  strakes14,17,  or  the  use  of  a  rotatable  forebody  tip 
having  variable  cross  section;  from  a  circular  shape  at 
its  biise  to  an  elliptic  shape  at  its  tip15.  Active  con¬ 
trol  methods  primarily  include  the  use  of  blowing  ports 


The  first  element  of  the  three  momentum  elements  of 
Eq.  (5)  is  given  by 

where 

**%«**«*  *  =  <*> 
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The  second  and  third  elements  of  the  momentum  ele¬ 
ments  are  obtained  by  replacing  the  subscript  1,  every¬ 
where  in  Eq.  (7),  with  2  and  3,  respectively.  The  last 
element  of  Eq.  (5)  is  given  by 


5k  $3  (UnTb, -<&)== 


-rUj  +  U3)  -f 


1 

(T-l)Pr  W  jj 


(9) 


where 

w  =  &  e  Un  do) 


For  Eq.  (4),  in  the  case  of  double  thin-layer  Navier- 
Stokes  equations,  the  elements  are  given  by  equations 
similar  to  Eqs,  (?M10)  with  the  exception  of  replacing 
i3  by  (2.  The  double  thin-layer,  Navier-Stokes  equations 
arc  used  only  for  the  passive  control  of  flow  asymmetry 
since  the  existence  of  the  fin  creates  a  second  thin  layer 
which  is  perpendicular  to  the  cone  thin  layer.  The  refer¬ 
ence  parameters  for  the  dimensionless  form  of  the  equa¬ 
tions  arc  L,**,,  L/a Poo  and  iix  for  the  length,  veloc¬ 
ity,  time,  density  and  molecular  viscosity,  respectively. 
The  Reynolds  number  is  defined  as  Re  =  px  Vx  h/px, 
and  the  pressure,  p,  is  related  to  the  total  energy  per  unit 
mass  and  density  by  the  gas  equation 


p  =  (7-l)p|c-i(u?  +  u|  +  u^j  (11) 
Tire  viscosity  is  calculated  from  the  Sutherland  law 


F  =  T3/2(i~),  C  »  0.4317  (12) 

and  the  Prandd  number  P,  =  0.72. 

In  Eqs.  (1M10),  the  indicial  notarion  is  used  for  con¬ 
venience.  Hence,  the  subscripts  It  and  n  are  summation 
indices,  the  superscript  or  subscript  s  is  a  summation  in¬ 
dex  and  the  superscript  m  is  a  free  index.  The  range  of 
k,  n,  s  and  m  is  1-3,  and  3k  = 


3.2  Boundary  and  Initial  Conditions 

Boundary  conditions  are  explicitly  implemented.  They 
include  inflow-outflow  conditions  and  solid-boundary 
conditions.  At  the  plane  of  geometric  symmetry,  periodic 
conditions  are  used  for  symmetric  or  asymmetric  flow 
applications  or,  the  whole  computational  domain  (right 
and  left  domains).  At  the  far-fleld  inflow  boundaries, 
freestream  conditions  are  specified,  while  at  the  far-field 
outflow  boundaries  first-order  extrapolation  from  the  in¬ 
terior  points  is  used.  On  tile  solid  boundary,  the  no-slip 
and  no-penetration  conditions  are  enforced;  u,=  U2=  U,= 
0  and  the  normal  pressure  gradient  is  set  equal  to  zero. 
For  the  temperature,  the  adiabatic  bonndaiy  condition  is 
enforced  on  the  solid  boundary.  The  initial  conditions 
correspond  to  the  uniform  flow  with  u,=Uj  =  Uj=  0  on 
the  solid  boundary. 

For  the  passive  control  applications  using  a  vertical  tin  in 
tire  leeward  plane  of  geometric  symmetry,  solid-boundary 
conditions  are  enforced  on  both  sides  of  the  fin. 


4.  Highlights  of  the  Computational  Scheme 

The  computational  scheme  used  to  solve  the  governing 
equations  is  an  implicit,  upwind,  flux-difference  splitting, 
finite-volume  scheme.  It  employs  the  flux-difference 
splitting  scheme  of  Roe.  The  Jacobians  matrices  of 
the  inviscid  fluxes.  A,  =  s  =  1-3,  are  split  into 
backward  and  forward  fluxes  according  to  the  signs  of 
the  eigenvalues  of  the  inviscid  Jacobian  matrices.  Flux 
limiters  are  used  to  eliminate  oscillations  in  the  shock 
region.  The  viscous  and  heat-flux  terms  are  centrally 
differenced.  The  resulting  difference  equation  is  solved 
using  approximate  factorization  in  the  {2  and  (3 
directions.  The  computational  scheme  is  coded  in  the 
well  known  computer  program  “CFL3D”. 

Since  tire  applications  in  this  paper  cover  conical  flows 
only,  tire  three-dimensional  scheme  is  used  to  solve  for 
locally  conical  flows.  This  is  achieved  by  forcing  the 
conserved  components  of  the  flow  vector  field  to  be  equal 
at  two  planes  of  x  =  0.95  and  1.0. 


5.  Computational  Applications 


5.1  Effect  of  Minimum  Grid  Spacing  on 
the  Asymmetric  Solution 

This  numerical  test  has  been  carried  out  to  ensure  that 
the  asymmetric  flow  solution  is  unique  irrespective  of 
the  size  of  minimum  grid  spacing  normal  to  the  cone 
surface  at  its  solid  boundary,  A(2.  For  this  purpose,  the 
supersonic  flow  around  a  5°-semiapex  circular  cone  at 
20°  angle  of  attack  is  considered.  The  freestream  Mach 
number  and  Reynolds  number  arc  1.8  and  10s,  respec¬ 
tively.  A  grid  of  161x81  points  in  the  circumferential 
and  noimal  directions  is  generated  by  using  a  modified 
Joukowski  transformation  with  a  geometric  series  for  the 
grid  clustering.  The  minimum  grid  spacing  at  the  solid 
boundary  was  varied  in  this  test,  while  the  maximum  ra¬ 
dius  of  the  computational  domain  is  kept  at  21  r,  where 
r  is  the  radius  of  the  circular  cone  at  tire  axial  station 
of  unity. 

Three  cases  have  been  computed  using  A£2  =  1(T3, 
10"4  and  10"4.  Figure  1  shows  the  results  of  this  case. 
In  this  figure,  we  show  the  logarithmic  residual  versus 
the  number  of  iterations,  the  total-prcssure-loss  contours 
and  the  surface  pressure  versus  the  azimuthal  angle  6, 
which  is  measured  from  the  leeward  plane  of  geometric 
symmetry.  The  residual  error  figures  show  that  the  error 
reaches  machine  zero  (10 ',0  -  10"11)  in  about  2,500 
iterations  for  the  first  two  cases  and  in  7,500  for  the  third 
case.  Afterwards,  the  machine  round-off  error  is  acting 
as  a  random  disturbance  to  the  flow,  and  the  residual 
error  grows.  The  solutions  are  symmetric  during  there 
iterations.  Then,  the  residual  error  drops  down  to  10~!3, 
10"10  and  1(F12  for  the  three  cases,  respectively,  and 
steady  asymmetric  stable  solutions  are  obtained.  The 
solutions  of  the  first  and  third  cases  are  exactly  the  same, 
while  the  solution  of  the  second  case  is  an  exact  minor 
image  of  these  cases.  Since  the  source  of  disturbance  is 
a  random  one,  it  is  perfectly  acceptable  that  the  solutions 
could  be  mirror  images  of  each  other. 
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S2  Asymmetric  Solutions  for  Diamond- 
Section  Cones 

In  this  section  and  the  next  one,  we  consider  asymmetric 
solutions  around  diamond  and  elliptic  section  cones  with 
different  fineness  ratio.  A  grid  of  161x81  points  is  used 
with  a  minimum  spacing  of  10"*  at  the  solid  boundary. 
Figure  2  shows  a  blow-up  of  these  grids  for  the  diamond 
and  elliptic  section  cones.  The  cone  angle  of  attack  is 
25°,  the  Mach  number  is  1.5  and  the  Reynolds  number 
is  tO5. 

Figure  3  shows  the  solution  for  a  diamond-section  cone 
with  fineness  ratio  of  0.8.  The  residual-error  curve  shows 
that  the  source  of  disturbance  is  a  random  truncation  error 
and  that  the  asymmetric  solution  is  obtained  after  5,000 
iterances.  The  lift  coefficient  curve  shows  that  a  small 
increase  in  the  lift  develops  after  the  asymmetric  solution 
is  obtained.  The  cross-flow  velocity  directions  and  total- 
pressure-loss  contours  show  the  primary  vortices  and 
secondary  vortices  beneath  them.  The  surface  pressure 
curve  shows  the  strong  asymmetry  effect  in  the  ranges 
of  $  of  (0-90°)  and  (270°-360). 

Next,  the  diamond-section  fineness  ratio  has  been  re¬ 
duced  to  0.6  keeping  all  the  other  flow  conditions  fixed. 
Fig.  4.  The  flow  asymmetry  took  larger  number  of  iter¬ 
ations  to  evolve;  12,500  iterations.  The  solution  shows 
that  the  asymmetry  is  weak. 

5-3  Asymmetric  Solutions  for  Elliptic-Section  Cones 

Figure  5  shows  the  solution  far  an  elliptic-section  cone 
with  fineness  ratio  of  0.8.  The  residual-error  curve  shows 
that  the  solution  produces  a  symmetric  flow  through 
the  first  5,000  time  steps.  Afterwards,  the  solution 
shows  a  transient  unsteady  flow  response  for  2400  time 
steps  which  are  followed  by  an  unsteady,  perfectiy- 
periodre,  vortex-shedding  solution.  The  lift  coefficient 
curve  shows  the  same  solution  as  that  of  the  residual- 
error  curve.  This  case  is  carried  out  using  time-accurate 
stepping  with  At  =  10"3. 

In  Fig.  5,  we  also  show  snapshots  of  the  total-presure- 
loss  contours  and  surface-pressure  coefficients  at  the  time 
steps  of  12,000;  12,500;  13,000;  13400;  14,000  and 
14400.  We  also  show  snapshots  of  the  cross  flow  ve¬ 
locity  at  12,000;  12400  and  13,000.  The  solutions  at 
n  =  12,000  and  14,500  are  minor  images  of  each  other 
which  confirms  that  the  solution  is  periodic.  The  period 
of  oscillation  is  5,000xl0*3  =  5  which  corresponds  to  a 
shedding  frequency  of  1.257.  At  n  =  12,000,  the  total- 
presure-loss  contour  shows  that  the  right-side  vortex  is 
stretched  having  two  vortices;  one  is  at  the  top  and  the 
second  one  is  below  it.  In  addition,  a  secondary  vortex 
is  seen  at  the  surface.  The  left-side  vortex  has  expanded 
to  the  right  with  two  vortices  beneath  it  At  n  =  12400, 
the  top  vortex  on  the  right  side  has  been  almost  shed 
while  the  one  below  it  is  expanding.  At  n  =  13,000,  the 
top  vortex  on  the  right  side  has  been  shed  and  convected 
with  the  flow  while  the  vortex  below  it  is  expanding  to 
tin,  left  As  times  passes,  the  vortex  on  the  left  side  is 
stretching  upwards  and  the  vortex  on  the  right  side  is  ex¬ 
panding  to  the  left,  as  seen  from  the  snapshots  at  13,000; 
13400;  14,000.  At  n  =  14400,  the  vortices  on  the  left 


side  and  right  side  become  mirror  images  of  those  on  the 
right  side  and  left  side,  respectively,  at  n  =  12,000. 

Figure  6  shows  the  solution  for  an  elltptic-section  cone 
with  a  fineness  ratio  of  0.6.  It  is  seen  that  the  asymmetric 
solution  is  steady  and  that  the  symmetry  is  strong.  It  is 
much  stronger  than  that  of  the  diamond-section  cone  for 
the  same  flow  conditions  and  same  section  fineness  ratio, 
see  Hg.  4. 

5.4  Passive  Control  of  Flow  Asymmetry  for 
a  Diamond-Section  Cone 

In  Figure  7,  we  show  the  results  of  passive  control  of  flow 
asymmetry  for  a  diamond-section  cone  of  fineness  ratio 
of  0.8.  This  is  the  flow  case  considered  previously  in  fig. 
3.  the  control  of  flow  asymmetry  has  been  achieved 
by  -erring  a  fin  in  the  leeward  plane  of  geometric 
symmetry  with  a  fin  height,  h,  equal  to  0.75  the  local 
width  of  the  section.  Here,  the  double  thin-layer  Navier- 
Stokes  equations  have  been  used  to  obtain  the  solution. 
The  jump  of  the  residual  error  curve  at  the  5000  iteration 
step  is  due  to  switching  the  solver  from  a  single  thin- 
layer,  Navier-Stokes  equations  to  a  double  thin-layer, 
Navier-Stokes  equations. 

54  Passive  Control  of  Flow  Asymmetry  for 
An  Elliptic-Section  Cone 

figures  8  and  9  show  the  results  of  passive  control  of 
flow  asymmetry  for  an  elliptic-section  cone  of  fineness 
ratio  of  0.6.  This  is  the  flow  case  considered  previously 
in  fig.  5.  TWo  fin  heights  of  0.75  and  1.0  the  local  minor 
axis  have  been  considered,  figure  8  shows  that  with  h 
=  1.5a  (=  0.75  local  minor  axis),  the  flow  asymmetry 
is  still  persistent  almost  at  the  same  strength  as  that  of 
Fig.  5.  Since  the  fin  height  is  shorter  than  the  height  of 
the  ftee-shear  layer  on  the  right  side,  the  disturbance  is 
communicated  between  the  right  and  left  sides.  In  Fig. 
9,  we  show  that  when  h  is  increased  to  2a  (=  1.0  local 
minor  axis),  the  flow  recovered  its  symmetry. 

One  should  note  that  the  elliptic-section  cones  require 
taller  fences  than  those  requited  by  the  diamond-section 
cones  with  the  same  fineness  ratio  and  same  flow  condi¬ 
tions  in  order  to  obtain  symmetric  flows. 

6.  Concluding  Remarks 

This  paper  presents  steady  and  unsteady  asymmetric  su¬ 
personic  solutions  for  locally  conical  flows  around  cones 
with  diamond  and  elliptic  cross  sections.  The  unsteady, 
compressible,  single  or  double  thin-layer,  Navier-Stokes 
equations  have  been  used  along  with  an  implicit,  upwind, 
flux-difference  splitting,  finite-volume  scheme.  Several 
issues  related  to  the  asymmetric  flow  solutions  have  been 
addressed.  It  has  been  shown  that  a  unique  asymmetric 
flow  solution  is  obtained  irrespective  of  the  size  of  the 
minimum  grid  spacing  at  the  solid  boundary.  The  asym¬ 
metry  could  reverse  sides  due  to  the  random  nature  of 
the  disturbance.  It  has  been  also  shown  that  for  the  same 
flow  conditions  and  same  section  fineness  ratio,  diamond- 
section  cones  with  sharp  edges  have  less  flow  asymmetry 
than  those  of  the  elliptic-section  cones. 

Moreover,  it  has  been  shown  that  passive  control  of 
flow  asymmetry  of  diamond-section  cones  requiresfence 
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heights  that  are  not  necessarily  equal  to  the  local  sec¬ 
tion  width.  On  the  other  hand,  passive  control  of  flow 
asymmetry  of  circular3  and  elliptic-section  cones  requite 
fences  with  heights  that  are,  at  least,  equal  to  the  local 
section  width.  Again,  we  have  also  shown  that  unsteady 
periodic  asymmetric  flow  with  vortex  shedding  has  been 
predicted. 
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RESUME 

Dn  corps  de  section  non  circulaire,  reprAsentatif  de  fornes  non  conventionnelles  de  nissiles,  a  fait 
l'objet  de  nesures  dans  les  souffleries  de  l'ONEXA  pour  des  noabres  de  Mach  conpris  entre  0,4  et  4,5, 
jusqu’A  20°  d'incidence  et  10°  de  dArapage.  La  banque  de  donates  constitute  conporte  essentiellenent  des 
nesures  de  pression  parittale  et  quelques  nesures  dans  le  champ  A  Mach  2  A  10°  et  20°  d'incidence.. 

Le  but  de  cet  article  est  de  prtsenter,  en  incidence  pure,  des  coapareisons  calcul-expArience  effectuies 
avec  dif ftrents  codes  de  calcul  :  SHABP  (atthode  seni-eapirique) ,  ECOPAN.  HISSS  (ntthodes  de 
sinqularitts)  et  FLU3C  (atthode  LLLER) 

Aprts  un  bref  rappel  des  particularitts  des  codes  de  calcul,  l»s  avantaijes  et  inconvAnients,  des  points 
de  vue  de  la  prtcision  at  du  teaps  de  calcul,  sont  ensuite  dtgagts. 


abstract 

Measurements  on  a  non-circular  bod;  uere  Bade  in  the  CMERA  wind  tunnels.  This  aodel,  representative  of 
non-conventional  aissile  shapes,  was  studied  for  Mach  nuabers  froa  0,4  to  4,5,  angles  of  attack  up  to  20° 
and  sideslip  angles  up  to  10°. The  data  base  aainly  consists  of  »all  static  pressure  aeasureaents  but  also 
of  flosfield  aeasureaents  at  Macb  number  2  for  angles  of  attack  10°  and  20°. 

The  present  paper  reports  comparisons  between  calculations  and  experiments  obtained  with  different 
codes  :  SHABP  (a  seai-eapirical  prediction  aethod) ,  ECOPAM,  HISSS  (panel  methods)  and  FLU3C  (Euler 
nethod) .. 

After  a  brief  survey  of  the  codes,  their  advantages  and  drawbacks  in  terns  of  accuracy  and  cost-tine  are 
shown. 


1.  INTRODUCTION 

L'estiaation  des  caractAristiques  aArodynaaiques  globales  d'un  aissile  de  forme  classique  est 
relativeaent  aisde,  grAce  en  particulier  aux  codes  seai-eapiriques.  En  revanche,  la  dAfinition  de  foraes 
nouvelles,  telles  qua  celles  relatives  aux  missiles  future,  avac  des  fuselages  de  section  non  circulaire, 
nAceesite  l'utilisation  de  codes  de  calcul  plus  sophistiquAs  [1J. 

Dans  ce  cadre,  et  avec  l'appui  des  Services  Officials  frangais,  l'ONERA  s'est  chargt  de  constituer  une 
banque  de  donnAes  expAriaentales  (pressions  pariAtales,  cheap  des  vecteurs  vitesse)  aur  un  fuselage  de 
section  quasi-lenticulaire  afin  d'Avaluer  diffArents  codes  de  calcul,  aussi  bien  au  niveau  des  efforts 
globaux,  qu'au  niveau  des  phAnoaAnes  locaux. 

La  configuration  retenue  (figure  1)  prAsente  les  particularitAs  suivantes  :  d'une  part  une  section  non 
circulaire  avec  deux  arAtes  latArales  fixant  le  dAcolleaent  en  incidence  pure,  d'autre  part  un  rAtreint 
aur  sa  partie  arriAre.  Ills  constitue  en  cela  un  cas-test  difficile  pour  des  aAtbodes  de  calcul  en  fluide 
parfait. 

Les  assures  effectuAes  jusqu'A  des  incidences  de  20°  ou  des  dArapages  de  10°,  pour  diffArents  noabres  de 
Mach  subsoniques  et  supersoniques,  ont  ainai  perais  d'Aprouver  plusieurs  types  de  aAtbodes.  Celles 
r6tenues  dans  cette  Atude  comparative  peuvent  Atre  classfes  en  : 

-  aAthode  seai-eapirique  : 

a  code  SHABP,  dAveloppA  A  la  Douglas  Aircraft  Coapany,  regroupant  des  aAtbodes  approchAes  ou  eapiriques 
adaptAes  au  calcul  de  gAoaAtries  variAes  en  supersonique  AlevA  et  en  bypersonique  ; 
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-  adthodes  de  alngularitds  : 

■  code  ECOPAK,  ddvelopp*  A  l'OHERA  pout  lea  dcouleaents  subsoniques,  utilisant  dea  singularitds  d'ordre 
faible  de  type  source-doublet  ; 

■  code  HISSS,  ddvelopp*  pet  MBS  pour  lea  dcouleaents  sub-supersoniques,  utllisant  une  double  distribution 
surfecique  de  singularitds  d'ordre  dlevd  (aourcea  A  variation  lindaire  et  doubleta  k  variation 
quadratique)  associde  k  une  double  condition  aux  Unites  (externe  et  interne) 

-  adthode  EULER 

a  code  FLU3C,  ddvelopp*  k  l'ONERA,  utiliaant  une  formulation  conaervatrice  de  type  volumes  finis  avec  un 
schist  explicite  ddcentrd,  prdcis  au  second  ordie. 

Aprds  une  brdve  description  dea  diffdrentes  adthodes  de  calcul  retenues,  cet  article  prdsente  des 
coaparaisons  calcul-expdrience  en  incidence  pure,  portent  aur  lea  coefficients  qlobaux,  lea  rdpartitions 
des  charges  et  lea  structures  de  l'dcouleaent  tourbillonnaire. 


2.  KAOUETTKS  ET  COKDITIOHS  D'ESSAI 

Deux  aaquettea,  reprdaentatives  de  la  adae  configuration  illustrde  pa-  le  aaillage  de  calcul  de  la 
figure  1,  ont  dtd  utilisdes  pour  lea  nesures  adrodynaaiques. 

-  La  preaidre  aaquette,  de  longueur  1200  an,  a  servi  aux  aesures  des  pressions  paridtales  dans  lea 
souffleries  S2HA  et  S3HA.  Elle  eat  dquipde  de  227  prises  de  pression  rdparties  selon  21  sections  aur 
l'extradoa.  Lea  essais  ont  dtd  etfectuds  pour  dea  nonbres  de  Kach  allant  de  0,4  k  4,5,  jusqu’A  20° 
d'incidence  et  10°  de  ddrapage.Les  nonbres  de  Reynolds  de  aoufflerie,  adiaensionnds  suivant  la  longueur 
de  la  aaquette,  varient  de  13  k  21  Billions  pour  css  diffdrentes  conditions  d'essai. 

-  La  seconde  aaquette,  plus  petite  (360  aa),  a  servi  k  dea  aesures  du  cheap  adrodynaaique  dans  deux 
sections,  la  preaidre  se  situant  environ  au  nilieu  du  corps  (X/L  «  0,571)  et  la  aeconde  k  l'arridre  au 
niveau  du  rdtreint  (X/L  "  0,915).  Lea  sondages  de  l'dcouleaent,  rdalisds  dans  la  soufflerie  S5  de 
Chalais-Meudon  avec  une  sonde  k  5  trous  (de  1,5  an  de  diaadtre),  ont  perais  d'obtenir  entre  autres  lea 
cartes  de  pression  gdndratrice  et  les  cheaps  de  Vitesse,  pour  Kach  »  2,  a  =10°  et  20°.  Le  nonbre  de 
Reynolds  eat  d'environ  2  Billions  et  la  transition  de  la  couche  linite,  naturelle  ou  forcde  au  nez  d» 
fuselage,  n'a  pas  aodifid  les  rdsultats  d'essai.. 


3.  CARACTERISTIOUES  DES  CODES  DE  CALCUL  UTILISES 
3.1.  SHABP 

Le  code  SHABP  a  dtd  ddveloppd  A  la  Douglas  Aircraft  Company  dans  les  anndes  68-73  [2]  pour  traiter,  avec 
un  faible  teaps  de  calcul,  des  foraes  coaplexes  en  supersonique  dlevd  et  en  hypersonique .  II  regroupe  un 
ensemble  de  adthodes  de  calcul  approchdes  et  eapiriques  siaples  (voir  tableau  n°l  de  la  rdfdrence  2) , 
certaines  d'entre  elles  tenant  coapte  des  effets  visqueux,  de  gaz  rdels....  etc.  Le  choix  d'une  ou 
plusieurs  adthodes  pour  le  calcul  d'une  configuration  ddpend  A  la  fois  de  la  conplexitd  de  la  gdomdtrie 
et  des  conditions  de  vol  (Kach-incidenie) . 

Deux  aaillages  de  la  gdoadtrie  du  corps  doivent  dtre  utilisds  lorsque  l'on  veut  tenir  coapte  des  effets 
visqueux.  Le  preaier  est  un  aaillage  surfacique  assez  fin,  adaptd  aux  adthodes  non  visqueuses.  Le  second 
est  un  aaillage  trds  grossier  sur  lequel  des  calculs  du  type  "couche  linite  de  plaque  plane"  sont 
effectuds.  Les  aaillages  sont  ddfinis  par  sous-ensenbles,  sur  lesquels  une  adthode  de  calcul  est  choisie. 

En  gdndral,  aoyonnant  un  choix  judicieux  de  celle-ci,  SHABP  estiae  assez  correcteaent  les  coefficients 
glohaux  Bars  se  prdti  at'.  A  l'dtude  des  phdnoadnes  locaux.  En  effet,  pour  la  plupart  des  adthodes  de 
SHABP,  les  valours  du  Kp  sont  calculdes  de  fagon  trds  sinple  (Kp  n'est  fonction  que  de  la  vitesse  de 
l'dcouleaent  aaont  et  di  l'angle  que  la  facette  fail  avec  celle-ci).  Elles  ne  peuvent  done  dtre  utilisdes 
qu'A  des  noabres  de  Kach  dlevds.  Pour  des  noabres  de  Kach  plus  faibles,  coapris  approxinativenent  entre  2 
et  4,  il  est  ndeessaire  de  prendre  en  coapte  les  influences  autuelles  de  l'dcouleaent  entre  facettes 
voisines.  Le  code  SHABP  dispose  de  adthodes  le  faisant  de  f agon  rudiaentaire  :  1* influence  est  liaitde  A 
la  ‘acette  aaont  appartenant  A  la  adae  ligne  de  courant  que  la  facette  de  calcul.  Celles-ci  sont 
actuelleaent  en  cours  de  validation  A  l'ONERA  et  nous  nous  sonaes  restreints  au  calcul  en  hypersonique 
(Kach  »  4,5).  Deux  adthodes,  non  visqueuses,  ont  dtd  choisies  d'aprds  l'expdnence  des  utilisateurs 
(3,4)  i 

-  c6ne  tangent  eapirique  pour  l'intrados  (zone  d'iapact), 

-  adthode  ACK  pour  l'extrados  (zone  d'oabre).. 


3.2.  Les  codes  de  sinaularitds 

Les  adthodes  de  singularitds  utilisent  une  foraulation  intdgrale  obtenue  par  application  de  la  troisidne 
identitd  de  Green  A  1' Aquation  de  LAPLACE  en  subsonique  et  A  1' Aquation  des  ondes  en  supersonique. 


La  discrdtisation  da  l'dquation  intdgrale  conduit  4  la  rdsolution  d'un  systdae  lindaire  od  lea  inconnuea 
(lea  distributions  de  singularitds) ,  aont  rdparties  uniqueaent  aur  la  autface  de  l'obatacle.  Cea  adthodes 
nuadriquee  aont  attractieea  pour  lea  dtudea  dea  configurations  coaplexea  car  ellea  ne  ndceaaitent  qu'un 
aaillage  de  surface  de  l'obatacle.  Toutefoia,  lea  hypotheses  aur  l'dcouleaent  aont  asset  reetrictives  : 
dcouleaenta  non  ddcollds  at  irrotationnela,  sauf  dans  lea  sillagea,  et  hypothdse  dea  petites 
perturbations  en  coapresaible. 

Deux  codes  de  singularitds  aont  utiliada  : 

-  Le  preaier,  ECOPAX,  ddveloppd  d  l'OHEAA  par  KltAHAHX  en  1980,  eat  liaitd  au  rdgiae  aubsonique.  II 
utilise  dea  singularitds  d'ordre  faible  (source-doublet  k  denaitd  constants  aur  chacune  dea  facettes) . 
Lea  corps  dpais  aont  traitda  avec  dea  conditions  aux  Unites  de  type  DIXICHLET  intdrieur  et  avec  une 
rdpartition  de  la  denaitd  de  source  prdisposde  aur  la  surface  du  corps.  Cette  condition,  appellde  aussi 
condition  aux  Unites  de  MOXIHO,  peraet  d'obtenir  la  tangence  de  la  Titesse  pour  l'dcoulenent  extdrieur 
4  partir  des  conditions  inposdea  aur  le  potential  k  l'intdrieur  du  fuselage.  Pour  ce  faire,  les  densitds 
de  sources  sont  inposdea  avec  la  valeur  o  *  -V-.H  aur  toutes  les  facettes  du  fuselage  et  les  densitds  des 
doublets  sont  calculdes  4  partir  de  la  rdsolution  du  systdae  lindaire  rdsultant  de  l'dcriture  des 
conditions  aux  Unites  sur  le  potentiel.  Le  cheap  dea  vitesses  de  l'dcoulenent  phyaique,  4  l'extdrieur, 
se  ddduit  soit  directenent  des  valeurs  locales  dos  gradients  des  doublets  (f  =  gPEd  n  +  V»  +  o."S) . ,  soit 
de  la  soanation  des  vitessea  induites  par  toutes  lea  distributions  de  singularitds  rdparties  sur 
1' obstacle. 

Dans  le  cas  des  dcouleaenta  subsoniquea  ,  le  code  ECOPAH  dispose  d'une  correction  de  coapressibilitd 
appelde  rdgle  de  Godthert  n°  1.  Bile  se  traduit  par  le  calcul  prdalable  de  l'dcouleaent  autour  d'un  corps 
transfornd  par  l'affinitd  :  x*  «  x,  y'  =  y./l-H*1 ,  Z'  «  Z.  rfl-M*-.  L'dcoulenent  sur  la  surface  rdelle  du 
corps  s'obtient  par  application  de  la  transforaation  inverse  au  chanp  de  vitesse  calculd. 

Les  coefficients  de  presaion,  obtenus  par  l'dquation  de  l'dnergie,  ne  sont  fonction  que  de  la  vitesse 
locale  de  l’dcouleaent  et  de  la  valeur  du  noabre  de  Bach  4  l'infim  aaont  (relation  isentropique) .  Les 
coefficients  globaux  s'obtiennent  par  intdgration  de  la  rdpartition  des  pressions  sur  les  facettes. 

Orientd  vers  l'dtude  de  configurations  rdalistes  (interactions  nacelle-voilure,  avions  couplets) ,  ECOPAH 
a  fait  l'objet  de  travaux  sur  des  sillages  figds,  en  particulier  sur  la  ddteraination  des  intensitds  de 
doublets  sur  ces  nappes  (condition  de  Xutta-Joukowski)  ainsl  que  sur  la  size  en  dquilibre  de  celles-ci. 
Deux  options  sont  disponibles  pour  la  ddteraination  de  la  valeur  initiale  des  intensitds  de  doublets  :  la 
continuitd  de  la  densitd  du  doublet  avec  celle  calculde  sur  le  corps  ou  l'dgalitd  des  pressions  de  part 
et  d'autre  de  la  nappe.  Pour  satisfaire  l'une  ou  l'autre  de  ces  conditions  un  processus  itdratif  est 
utilisd. 

-  Le  second  code,  HISSS,  ddveloppd  par  POHXASIEK  4  MSB  en  1984  [5],  traite  4  la  fois  les  dcouleaents 
subsoniques  et  supersoniques . 

Pour  pallier  les  ddfauts  rencontrds  avec  les  codes  de  singularitds  en  supersonique,  HISSS  utilise  des 
singularitds  d'ordre  dlevd  (variation  quadratique  de  doublets  et  variation  lindaire  de  sources  sur  chaque 
facette)  peraet taut  ainsi  d' assurer  la  continuitd  de  la  solution  sur  tout  le  corps.  Ceci  est 
particulidreaent  iaportant  lorsqu'on  chercbe  4  traiter  des  configurations  coaplexes.  En  supersonique,  du 
fait  de  la  nature  de  l'dquation  4  traiter  (dquation  des  ondes)  deux  probldaes,  lids  4  la  propagation  des 
ondes  dans  tout  l'espace,  peuvent  conduire  4  une  ddgradation  des  rdsultats.  Ils  proviennent  : 

-  des  ondes  virtuelles  qui  se  foraent  4  l'intdrieur  des  corps  dpais  et  qui  en  se  rdfldchissant  sur  les 
parois  intdrleures  et  entre  elles  viennent  perturber  la  solution  extdrieure  ; 

-  du  non  dvanouisseaent  4  distance  des  perturbations  dues  aux  discontinuitds  d'intensitd  de  singularitds 
entre  des  facettes  voisines. 

Si  le  second  probldae  est  rdsolu  par  l'ordre  dlevd  de  1'intensitd  des  singularitds,  le  preaier  l'est  par 
l'utilisation  dans  ce  code  d'une  rdpartition  aixte  (source  -  doublet)  sur  la  surface  du  corps,  dont  les 
intensitds  sont  obtenues  par  une  double  condition  aux  liaites  (potentiel  de  perturbation  nul  4 
l'intdrieur  «i  ■  0,  et  vitesae  totals  extdrieure  tangentielle  4  la  paroi'v.?  »  0). 

L’ application  conjointe  de  ces  deux  conditions  aux  liaites  peraet  dans  le  code  HISSS  de  suppriaer  les 
ondes  virtuelles  se  propageant  4  l'intdrieur  des  obstacles. 

Les  conditions  aux  liaites  signaldes  ci-dessus  sont  les  plus  utilisdes  pour  les  corps  dpais,  nais 
beaucoup  d'autres  ootions  sont  disponibles  dans  le  code. 

La  prise  en  coapte  de  la  coapressibilitd  dans  HISSS  peut  s'effectuer  coaae  dans  ECOPAH,  aais  aussi  par  la 
rdgle  de  Godthert  n#  2  :  cette  dernidre,  aieux  adaptde  pour  les  calculs  en  supersonique,  consiste  4 
expriaer  la  condition  de  glisseaent  sur  la  surface  rdelle  du  corps. 


Dans  la  version  1987,  disponible  4  l'OHEM,  il  n'y  a  pas  de  possibilitd  d'dquilibrage  des  nappes  de 
sillage  et  la  densitd  du  doublet  est  obtenue  par  continuitd  avec  les  densitds  de  doublets  calculdes  sur 
les  corps.  Contraireaent  4  ECOPAX,  ces  densitds  sont  ddteraindes  directenent  par  la  rdsolution  du  systdae 
lindaire. 

Des  exeaples  concernant  l'application  de  ce  code  4  plusieurs  types  de  configurations  (avions  et  aissiles) 
peuvent  dtre  trouvds  dans  les  rdfdrences  [6,7,8], 
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3.3.  FLU3C 

Le  code  FMI3C,  ddveloppd  A  l'OMERA  per  BORREL  et  HOMTAGMB,  rdsout  les  Equations  d' EULER  instationnaires 

£91- 

Suivant  les  iddes  de  VAX  LEER,  ces  auteurs  ont  ais  au  point  un  schdaa  explicits  ddcentrd,  prdcis  au 
second  ordre,  de  type  MUSCL,  qui,  par  sa  robustesse  et  sa  precision,  est  adaptd  au  calcul  des  dcouleaents 
prdsentant  de  fortes  discontinuitds. 

Far  ailleurs,  une  procedure  nuadrique  de  "aarcbe  en  espace"  a  dtd  ddveloppde  dans  les  zones  pureaent 
supersoniques,  ce  qui  rend  ce  code  trds  perforaant  pour  des  applications  industnelles  flO,  11,  12}. 

La  discretisation  des  Aquations  d* EULER  est  rdalisde  suivant  une  foraulation  conservative  du  type  volumes 
finis  et  les  conditions  aux  liaites  peuvent  dtre  traitdes  par  flux  ou  par  relations  de  coapatibilitd. 


3.4.  Maillages 

Le  aaillage  surfacique  de  la  deni-configuration,  servant  de  base  aux  trois  codes  SHABP,  ECOPAM  et  HISSS  , 
est  constitud  de  798  facettes  (figure  1).  Les  points  de  contrdle,  au  centre  des  facettes,  coincident  avec 
les  prises  de  pression  de  la  naquette. 

Le  aaillage  voluaique  (figure  2)  utilisd  avec  le  code  FLU3C,  est  obtenu  plan  par  plan  avec  le  nailleur 
GRAFE  [13].  11  coaporte  environ  54000  points,  ce  qui  correspond  k  un  aaillage  surfacique  deux  fois  plus 
fin  que  celui  prdsentd  prdcddeaaent ,  et  est  bien  adaptd  au  calcul  de  "aarcbe  en  espace”. 

4.  COMFROMTATIOMS  CALCUL  -  EXPERIEMCE 

4.1.  Coaparaisons  A  Mach  ■  0 

La  coaparaison  des  pressions  paridtales  ..  2°  d'incidence  (figure  3),  calculdes  avec  les  deux  codes  de 
singularitds.  aontre  que  ces  codes  donnent  approxinativeaent  les  adaes  rdsultats  sur  la  aajeure  partie  du 
fuselage.  Toutefois,  des  diffdrences  entre  ECOPAM  et  BXSSS  sont  aises  en  dvidence  au  nez  du  fuselage,  au 
voisinage  des  ardtes  et  au  rdtreint  (figure  4),  pour  5°  d'incidence.  Ces  dcarts  proviennent  d'une  part 
des  diffdrences  intrinsdques  aux  codes  et  d* autre  part  du  choix  dans  la  aoddlisation  des  sillages  de 
culot.  Ces  derniers,  bien  que  choisis  de  forae  gdoadtrique  identique  pour  ECOPAM  et  HISSS  portent  des 
intensitds  de  doublets  ddteraindes  par  des  conditions  de  calcul  diffdrentes  (condition  de  nappe  solide 
pour  ECOPAM  et  continuitd  de  1'intensitd  du  doublet  avec  celle  du  corps  pour  HISSS). 

Par  rapport  aux  valeurs  des  coefficients  de  pression  de  l'essai,  aesurdes  A  Mach  0,4  et  pour  laquelle 
cette  coaparaison  est  licite  coapte  tenu  de  l'effet  ndgligeable  de  la  coapressibilitd,  ECOPAM  et  HISSS 
fournissent  des  rdsultats  satisfaisants. 

La  rdpartition  du  coefficient  de  force  noraale  locale  (figure  5),  obtenue  par  intdgration  des  pressions 
(aesurdes  et  calculdes),  illustre  claireaent  1'ordre  de  grandeur  des  diffdrences  calcul-expdrience. 
Celles-ci  sont  visibles  dds  le  quart  avant  du  fuselage  et  deviennent  particulidreaent  laportantes  au 
voisinage  du  culot,  coaprosettant  alors  une  bonne  estiaation  de  la  stabilitd  de  ce  corps.  La  prise  en 
coapte  des  ddtails  de  l'dcouleaent  au  culot,  notaaaent  de  1' existence  du  dard,  se  rdvdle  une  tdche 
hasardeuse  avec  le  concept  de  nappe  de  doublets.  Par  contre,  une  tentative  pour  prendre  en  coapte  les 
ddcolleaents  latdraux  a  perais  une  aadlioration  de  la  rdpartition  des  coefficients  de  force  noraale  A 
cette  incidence  de  5°.  Four  cela,  une  aoddlisation  par  nappe  figde  (figure  5)  a  dtd  testde  dans  les  codes 
HISSS  et  ECOPAM,  en  tenant  coapte  des  travaux  ddjA  effectuds  sur  ce  adae  fuselage  avec  le  code  HISSS  [8] ., 


Une  nappe  inclinde  de  5°  par  rapport  au  plan  horizontal  est  connectde  i  l’ardte  latdrale  du  fuselage  en 
aval  du  aaitre-eouple  de  celui-ci.  La  nappe  est  reprdsentde  par  des  distributions  de  doublets,  dont 
1'intensitd,  constants  dans  la  direction  de  l'axe  du  fuselage,  est  obtenue  par  continuitd  avec  les 
valeurs  des  doublets  sur  l'ardte  du  corps.  Dans  le  code  HISSS,  la  valeur  de  cette  intensitd  est  obtenue 
directesent  par  la  rdsolution  du  systdne  lindaire,  tandis  qu'avec  ECOPAM  un  processus  itdratif  est 
ndcessaire.  Ce  dernier  n'a  pas  convergd  et  des  pics  irrdalistes  sont  apparus  au  niveau  des  ardtes 
latdrales  du  fuselage.  Cette  aoddlisation  n'a  done  pu  dtre  effectude  qu'avec  le  code  HISSS. 


L'dvolution  des  coefficients  de  force  noraale  et  de  aoaent  de  tangage  avec  l'incidence  (figure  6),  trds 
forteaent  non  lindaire,  ne  peut  dtre  estinde  par  les  codes  de  singularitds  sans  une  prise  en  coapte 
rdwliste  des  ddcolleaents  latdraux  et  des  nappes  de  sillage,  pour  chacune  des  incidences. 

L* aadlioration  apportde  par  le  sillage  latdral  dans  HISSS,  ddcrite  prdcddeaaent,  se  retrouve  au  niveau 
des  coefficients  globaux,  aais  reste  trds  insuffisante  pour  les  incidences  supdneures  A  2s, 


Une  bonne  dvolution  du  coefficient  de  force  axiale  CA  en  fonction  de  l'incidence  est  obtenue  avec  ECOPAM 
et  HISSS  (figure  7).  La  surestiaation  du  CA  par  le  code  HISSS  provient  du  rdtreint,  coane  cela  est  ais  en 
dvidence  dans  la  rdpartition  du  CA  local.  La  non  prise  en  coapte  de  couches  liaites  peut  expliquer  cette 
surestiaation,  par  contre  le  doute  subsiste  lorsqu'on  coapare  les  pressions  sur  le  rdtreint  entre  ECOPAM 
et  HISSS  :  des  ddpressions  aoins  intenses  sont  calculdes  par  ECOPAM  sur  le  rdtreint. 


uda<> 


{ 
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4.2.  Coanaraisons  4  jUch  2 

Sur  la  figure  8,  on  prdsente  4  faible  incidence,  la  repartition  de*  coefficients  de  pression  pour  les 
codes  8ISSS,  rune  et  l'essai.  On  bos  accord  caleul-expdrience  est  obtenu  pour  ces  deux  codes,  avec 
toutefois  une  trds  ldgdre  surestiaation  des  depressions  sur  le  retreint  du  fuselage. 

Coaae  en  subsonique,  i  5°  d'incidence  les  ddcolleaents  sur  les  arites  laterales  existent  ddjA  es  aaont  du 
aaltre  couple  du  fuselage.  La  aodeiisation  des  decolleaests  latdraux,  utilisde  prdcddeaaent  dans  le  code 
HISSS,  est  insuffisante  et  seules  les  repartitions  de  pression  en  aaont  du  aaltre  couple  sont  obtesues 
correcteaent  par  SISSS  (figure  9). 

One  illustration  plus  globale  des  rdsultats  ealculds  avec  les  codes  SISSS  et  FL03C  est  donnde  par  la 
repartition  des  charges  en  fonction  de  l'abscisse  rdduite,  (figure  10).  On  peut  constater  le  bon  accord 
entre  HISSS  et  l'essai  A  2°  d'incidence.  1  5°,  des  differences  apparaissent  die  40%  de  la  longueur  du 
fuselage  et  s'aggravent  encore  lorsque  1* incidence  croit. 

Par  contre,  le  code  FLU3C  ectiae  trds  correcteaent  le  C«  local  n£ae  aux  incidences  dlevdes  (a  =  20°) .  Ce 
bon  accord  provient  de  la  captation  des  ddcolleaents  sur  les  arites  laterales  du  corps  et  d'un  bon 
positionneaent  des  tourbillons  aarginaux  associds  k  ces  ddcolleaents. 

Les  evolutions  du  coefficient  de  force  noraale  et  du  centre  de  poussde  (figure  11)  avec  l'incidence 
aettent  en  evidence  l'effet  forteaent  non  lindaire  sur  le  c»  des  tourbillons  aarginaux,  ainsi  qu'un  recul 
du  centre  de  poussde  avec  l'incidence.  Cet  effet  est  pris  correcteaent  en  coapte  par  FLU3C.  A  20°  par 
exeaple,  ce  code  estiae  le  C>  et  la  position  du  centre  de  poussde  k  aoins  de  2%  prds  et  ceci  avec  un 
faible  tcaps  de  calcul. 

Le  code  HISSS  estiae  assez  bien  la  pente  A  l'origine  du  C>,  et  le  centre  de  poussde  A  2°  d'incidence  (-7% 
L).  Ce  dernier  a  plutdt  tendance  A  avancer  vers  le  nez  du  fuselage  lorsqu'on  garde  fixe  la  position  du 
sillage  lateral,  introduit  dans  la  aoddlisation.  Seul  un  calcul  avec  un  dquilibrage  du  sillage 
peraettrait  d'obtenir  en  principe  une  tendance  opposde,  conforne  A  1' experience  (recul  du  centre  de 
poussde) . 

Le  coefficient  de  force  axiale  est  ldgdreaent  surestiad  par  les  deux  codes  (figure  12). 

En  ce  qui  concerns  les  grandeurs  adrodynaaiquea  dans  le  cheap,  nous  prdsentons  aaintenant  quelques 
coaparaisons  entre  FLD3C  et  1' experience 

Sur  la  figure  13  sont  traedes  les  lignes  iso-Hach  dans  le  plan  de  syadtrie  pour  Each  =  2  et  20° 
d'incidence.  La  position  du  choc  issu  du  nez  du  fuselage  calculde  par  FLU3C  est  en  bon  accord  avec  la 
visualisation  faite  par  strioscopie. 

Les  repartitions  des  coefficients  de  pression,  A  la  paroi  ainsi  que  dans  deux  sections  transversales, 
sont  donndes  sur  les  figures  14'et  15,  pour  10  et  20°  d'incidence. 

A  10°  d'incidence  (figure  14)  les  rdsultats  d'essai  aontrent  claireaent  la  trace  des  tourbillons 
principaux.  Sur  la  section  aaont,  le  tourb: .  in  est  trds  proche  de  la  paroi  et  son  noyau  n'est  pas 
claireaent  visible  sur  les  rdpartitions  des  pressions.  Par  contre  sur  la  section  aval,  la  zons  de 
ddpression  qui  caractdrise  le  coeur  du  tourbillon  est  netteaent  ddtachde  de  la  paroi  du  f-jselage.  Les 
rdsultats  obtenus  par  FLU3C  sont  qualitativeaent  corrects  axis  les  ddpressions  assocides  aux  tourbillons 
s'dtalent  jusqu'A  la  paroi  du  corps  dans  les  deux  sections  et  ont  des  valeurs  sensibleaent  aoins  dlevdes 
que  celles  de  l'essai.  Ainsi  par  exeaple,  dans  la  section  aval,  les  coefficients  de  pression  calculds 
dans  les  noyaux  des  tourbillons  sont  coapris  entre  -0,1  et  -0,15  contre  -0,2  et  -0,25  pour  les  valeurs 
aesurdes. 

A  20°  d'incidence  (figure  15)  les  noyaux  des  tourbillons  principaux  se  sont  claireaent  ddtachds  de  la 
paroi  du  corps,  adae  sur  la  section  aaont.  Coaae  A  10°,  les  estiaations  par  FLU3C  sont  qualitativeaent 
correctes. 

Si  on  analyse  de  plus  prds  le  cheap  adrodynaaique  dans  la  section  aaont,  A  10°  d'incidence  (figure  16), 
on  constate  des  diffdrences  iaportantes  sur  le  chaap  des  vitesses  entre  FL03C  et  l'expdrience.  Cette 
dernidre  net  en  dvidence  deux  couples  de  tourbillons  prds  de  la  paroi  du  fuselage  et  tournant  dans.le 
adae  sens.  Le  tourbillon  le  plus  proche  du  plan  de  syadtrie  vertical  est  caractdristique  de  cette 
incidence  et  disparalt  A  20°  d'incidence,  laissant  alors  place  A  une  aaorce  de  tourbillon  contrarotatif 
placd  au  voisinage  de  l'ardte.  Sur  les  coefficients  de  pression  paridtale  on  ddcelle  l'effet  induit  du 
tourbillon  proche  du  plan  de  syadtrie  vertical,  qui  se  traduit  par  une  chute  du  Kp.  Le  code  FLU3C  estiae 
correcteaent  les  coefficients  de  pression  paridtale  dans  cette  section  sauf  naturelleaent  les  effete, 
trds  localisds,  induits  par  ces  tourbillons. 

bans  la  section  plus  A  l'aval  du  corps,  on  n'observe  plus  qu'un  seul  couple  de  tourbillons,  de  forte 
intensitd,  aussi  bien  A  10°  qu'A  20°  d'incidence.  L'augaentation  de  l'incidence  se  traduit  seuleaent  par 
un  accroisseaent  de  l'intensitd  du  tourbillon  principal  et  d'un  ddplaceaent  de  son  centre  (vers  le  plan 
vertical  et  dloigneaent  de  la  paroi).  L'existence  d'un  tourbillon  contrarotatif  secondaire,  au  voisinage 
de  l’ardte,  associd  au  tourbillon  principal,  ne  ressort  pas  claireaent  des  assures  effectudes  sur  ce 
fuselage.  A  20*  d'incidence,  la  figure  17  aontre  que  la  position  du  tourbillon  principal  est  bien  estiade 
par  le  calcul.  Les  coefficients  de  pression  sont  en  excellent  accord  avec  l'essai  sauf  naturelleaent  au 
voisiaage  de  l'ardte  latdrale  oil  l'essai  rdvdle  un  plateau  de  Kp  constant  associd  A  un  ddcolleaent. 


i 
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Let  coaparaisons  relatives  aux  rapports  des  pressions  gdndratnces  locales  A  celle  de  l'dcoulenent  aaont, 
(fig.  18).  aontrent  que  : 

-  dans  la  section  aval  les  pertes  de  pression  sont  presque  correcteaent  estiades  par  FLU1C  (70%  pour  le 
calcul,  80%  pour  l'essai)  bien  que  les  lignes  iso-pi  ne  soient  que  qualitativeaent  restitutes, 

-  dans  la  section  aaont,  le  calcul  ne  reproduit  pas  fiddleaent  les  phdnoadnes  expdriaentaux  et,  en 
particulier,  la  trace  des  tourbillons  prdcddenaent  citds  ;  une  perte  plus  iaportante  de  pi  est  trouvde 
au  coeur  du  tourbillon  situd  prds  de  l'ardte  (80%  contre  60%  pour  l'autre  tourbillon). 


4.3.  Coaparaisons  4  Mach  =4.5 

Le  calcul  de  l'dcouleaent  1  Mach  4,5  par  le  code  HISSS  n'est  plus  rdaliste,  pour  deux  raisons  : 

-  les  hypotheses  de  lindarisation  ne  sont  plus  justifides  A  haut  Mach  ; 

-  le  nez  du  fuselage  a  un  angle  d'ouverture  supdrieur  i  1‘angle  de  Mach  infini  aaont  et  ne  peut  plus  dtre 
traitd  coaae  use  surface  solide. 

Les  coaparaisons  des  Xp  calculds  par  les  deux  codes,  FLU3C  et  SHABP,  avec  l'essai  (figure  19)  sont  tout  A 
fait  satisfaisantes  A  l'intrados  du  fuselage.  A  l'extrados,  elles  le  sont  un  peu  aoins  et  seule  l'allure 
des  zones  iso-Xp  est  assez  bien  reproduite  par  FLU3C.  Coaparativeaent  aux  rdsultats  prdsentds  en 
subsosique  (Mach  0,4)  et  en  supersonique  (Mach  2),  les  rdpartitions  de  pression  paridrale  sont  assez 
plates,  en  particulier  sans  pic  de  ddpression  au  niveau  des  ardtes  (figure  20).  C'est  pourquoi  le  code 
SHABP,  qui  ne  dispose  d'aucune  moddlisation  des  ddcolleaents,  peraet  une  bonne  estiaation  globale  des 
coefficients  de  pression  sur  ce  fuselage,  en  ddpit  des  noddies  trds  simples  qu'il  utilise. 

Les  variations  du  coefficient  de  force  nornale  et  du  centre  de  poussde  en  fonction  de  l'incidence  sont 
bien  estiades  jusqu'A  15°  (figure  21).  II  en  est  de  adae  pour  les  rdpartitions  des  charges  (figure  22). 

De  adae,  le  coefficient  de  force- axiale  A  incidence  nulle  est  bien  estiad  par  les  deux  codes  (figure  23), 
bien  que  SHABP  surdvalue  ce  coefficient  lorsque  l'incidence  crolt. 

On  peut  reaarquer,  par  rapport  A  Mach  0,4  et  2,  un  changeaent  de  coaporteaent  dans  Involution  du  Ca  avec 
l'incidence.  Le  code  FLU3C  estiae  encore  correcteaent  cette  dvolution  jusqu'A  15°  d'incidence. 


4.4.  Xtfet  du  noabre  do  Mach 

Pour  rdsuaer  les  rdsultats  A  faible  incidence  qui  viennent  d'etre  exposds,  on  prdsente  figure  24  les 
dvolutions  du  gradient  de  portance  et  du  centre  de  poussde  en  fonction  du  noabre  de  Mach. 

En  incoapressible ,  les  codes  HISSS  et  ECOPAH  (sans  sillage  latdral)  fournissent  A  10%  prds  les  n.ues 
rdsultats.  involution  du  gradient  de  portance  avec  le  Mach  est  trcp  rapide  pour  ECOPAM,  trop  lente  pour 
HISSS.  Cette  diffdrence  provient  d'un  choix  diffdrent  dans  la  prise  en  coapte  de  l'effet  de 
coapressibilitd  (rdgle  de  Gdethert  n°  1  pour  ECOPAH,  rdgle  de  Goethert  n°  2  pour  HISSS).  II  n'y  a  pas  de 
critdre  gdndral  peraettant  d'adopter  l'une  ou  l'autre  de  ces  corrections  de  coapressibilitd.  Hous  avons 
adoptd  la  rdgle  de  Gdethert  n°  2  pour  HISSS,  car  elle  peraet  d'obtenir  une  aeilleure  dvolution  globale 
des  coefficients  adrodynaaiques  en  subsonique  et  en  supersonique.. 

Lorsqu'on  inclut  le  sillage  latdral  dans  HISSS,  1 'estiaation  du  gradient  de  portance  est  netteaent 
aadliorde,  aais  1 ' aadlioration  est  encore  plus  reaarquable  pour  la  stabilitd. 

Le  code  FLU3C  est  en  trds  bon  accord  avec  l'essai  aussi  bien  pour  la  portance  (5%)  que  pour  la  stabilitd 
(5%L) . 

Le  code  SHABP  fournit,  par  contre,  un  rdsultat  trds  aoyen  A  faible  incidence  sur  le  gradient  du 
coefficient  de  force  noraale  (19%),  alors  que  la  stabilitd  est  bien  calculde  ($%L). 


5.  COHCUISIOX 

Plusieurs  codes  de  calcul  en  fluide  parfait  oat  dtd  utilisds  pour  estiaer  les  caractdnstiques 
adrodynaaiques  longitudinales  d'un  corps  A  section  quasi  lenticulaire. 

L'adrodynanique  de  ce  corps,  qui  prdsente  des  ddcolleaents  adae  aux  faibles  incidences,  est  de  ce  fait  un 
cat  test  particulidreaent  difficile  pour  les  codes  de  calcul. 

Lorsqu'on  coapare  en  incoapressible  les  codes  de  singularitds,  on  constate  qu'ils  donnent  sensibleaent 
les  adaes  rdpartitions  de  coefficient  de  pression  ;  les  principales  diffdrences  dtant  observdes  au  nez, 
sur  les  ardtes  latdrales  et  au  niveau  du  rdtreiut.  Les  dcarts  sur  les  coefficients  adrodynaaiques  globaux 
peuvent  atteindre  10%  et  sont  attribuds  A  l'ordre  des  singularitds  et  aux  choix  des  aoddlisations  du 
culot.  Par  ailleurs,  une  preaidre  prise  en  coapte  du  ddcollenent  sur  les  ardtes  latdrales  de  ce  corps,  a 
perais  une  natte  aadlioration  de  l'estiaation  de  sa  stabilitd.  Celle-ci  n'a  pu  aboutir  qu'avec  le  code 
HISSS,  plus  robuste  qu'ECOPAX. 
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En  super sonique ,  HISSS  est  un  des  rates  codes  de  singularity*  peraettant  le  calcul  de  configurations 
cosplexes,  aais,  coaae  en  incoapressible,  il  est  liaitd  1  2s  d'incidence  sur  ce  corps. 

Les  teaps  de  calcul  obtenus  avec  la  version  1987  de  HISSS,  seule  disponible  1  1' OXER A,  sont  netteaent 
supdrieurs  A  ceux  obtenus  a  tree  ECOPAX.  Ainsi,  pour  un  aaillage  de  798  facettes,  le  code  ECOPAN  prend  296 
sec  (CPU)  sur  le  CRAY-XMP  de  l'ONERA,  tandis  quo  EISSS  prend  1800  sec  (en  subsonique  et  en  supersonique) . 
FLU3C,  utilise  seuleaent  en  supersonique,  rdussit  A  capter  les  ddcolleaents  issus  des  aretes  vives  et  A 
positionner  A  peu  prAs  correcteaent  les  tourbillons  principaux  dus  A  ces  ddcolleaents.  Bien  que  les 
phdnoadnes  adrodynaaiques  locaux  dus  A  la  viscositd  ne  puissent  etre  pris  en  coapte  en  EULER,  ce  code 
calcule  des  rdpartitions  de  pretsion  en  trds  bon  accord  avec  1‘essai  bars  des  rdgions  concerndes  par  les 
effets  visqueux.  Les  estiaations  des  coefficients  adrodynaaiques  globaux  sont  trda  bonnes. 

L'utilisation  de  la  adthode  de  aarche  en  espace,  possible  avec  cette  configuration  pour  les  noabres  de 
Mach  calculds,  rdduit  notableaent  le  teaps  de  calcul,  soit  environ  612  sec  CPU  sur  CRAY2  pour  54000 
points  de  aaillage. 

En  haut  supersonique,  les  effets  des  ddcolleaents  sont  aoindres  et  le  code  seai-eapirique  SEABP  qui  ne 
dispose  d'aucune  aoddlisation  des  ddcolleaents,  fournit  les  coefficients  adrodynaaiques  avec  une  bonne 
prdcision  et  aoyennant  des  teaps  de  calcul  trds  faibles,  de  l'ordre  de  10  sec  sur  une  station  de  travail 
BULL  DPX  5000. 
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1  -  Kaillage  surfacigue  du  fuselage 


(798  facettes  -  de»i  configuration). 


-  Ripartitions  de  preasion  pandtale  d  Hach  =  0  et  a  =  2°  (ECOFW  -  HISSS  -  e*« 
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PARIETAL  PRESSURE  COEFFICIENT  AT 
MACH  =  O.  AND  ALPHA  =  S’ 


Fig.  4  *  Repartitions  longitudinale  et  dans  une  section  transversale  (X/L  =  0,339)  des  pressions  pour 
Macb  •  0  et  a  «  5°  (ECOPAM  -  Hisss  -  essai) . 


LOCAL  NORMAL  FORCE  COEFFICIENT  DISTRIBUTIONS 
MACH  -  0.  ALPHA  =  S’ 


Fig.  5  -  Repartitions  du  coefficient  de  force  nornale  locale  pour  Mach  =  0  et  a  =  5°  (ECOPXN  -  HISSS  - 
essai) 


LONGITUDINAL  CHARACTERISTICS  AS  A  FUNCTION  OF  INCIDENCE 
AT  MACH  =  0.0 


CN  (Coefficient  de  force  normele)  Cm  (Moment  de  tanfe(e) 


Fig.  6  -  Caractiristiques  longitudinales  en  fonction  de  1' incidence  4  Mach  «  0  (RCOPJLH  -  HISSS  -  essai). 


CA  (Coefficient  de  force  exlale)  dCA/d(X/L) 


Coefficient  de  force  axiale  en  fonction  de  1' incidence  pour  Mach  =  0  et  repartitions  de  force 
axiale  locale  pour  Mach  =  0,  a  *0°  (KCOPAN  -  HISSS  -  essai). 


Fig.  8  -  Repartitions  de  pression  parietale  i  Mach  «  2  et  a  =  2°  (HISSS  -  FLU3C  -  essai) . 


PARIETAL  PRESSURE  COEFFICIENT  AT 
MACH  —  Z  AND  ALPHA  =  5' 


Kp  (repartition  tramversale  pour  X/L=  0.253  ) 


Repartitions  de  pression  dans  une  section  transversals  (x/h  =  0,253)  A  Mach  =  2,  a  =  5° 
(HISSS  -  FLU3C  -  essai) . 
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Fig.  10  -  Repartitions  du  coefficient  de  force  nornale  locale  pour  Mach  =  2  4  plusieurs  incidences  (HISSS 
-  FLU3C  -  essai) . 


MUCH  =  8. 

CN  (Coefficient  de  force  normale) 


rig.  11  -  Caractinstiques  longitudinales  en  fonction  de  1' incidence  A  Mach  =  2  (HISSS  -  FMJ3C  -  essai). 


MACH  =  8. 


CA  (Coefficient  de  force  aalele)  dCA/d(X/l) 


Fig.  12  -  Coefficient  de  force  axiale  en  fonction  de  l'incidence  pour  Mach  2  et  repartition  de  force 
axiale  locale  pour  Mach  <=  2,  o  “  0°  (BISSS, 

FL03C  -  essai). 
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T 


A 

MACH  =  2.  a  =  10. 


CHAMP  0E  V1TESSES  Kp(coefflclenl  de  pre»»lon  parletale) 


Fig.  16  -  Cbanp  des  vitesses  et  repartitions  de  pression  pariAtale  dans  la  section  X/L  * 
■  2  et  a  »  10°  (FLU3C  -  essai) . 


Fig.  17  -  Cheap  des  vitesses  et  repartitions  de  pression  pariAtale  dans  la  section  X/b  ~ 
Mach  =  2,  a  =  20°  (FLU3C  -  essai) 


i 


i 


COMPUTED  AND  EXPERIMENTAL  TOTAL  PRESSURE  CONTOURS 


IN  CROSSFLOW  PLANES 


TEST  FLU3C 

X/L  =  0.571 


TEST  FLU3C 

X/L  =0.915 


Fig.  IS  -  Repartitions  de  pression  d'arrAt  dans  la  section  X/L  »  0,571  pour  Mach  -  2,  a 
section  X/L  »  0,715  pour  Mach  *  2,  a  ■  20°  (FLU3C  -  essai). 


0,571  pour  Mach 


0,915  pour 


10s  et  dans  la 


Fig-  19  -  Repartitions  de  preasion  paridtale  A  Hach  ■  4,5  et  a  «  10°  (SHABP  -  FLU3C  -  essai) . 


MACH  =  4.5 

CN  ( Coefficient  de  force  normale)  XCP/L,(Cenlre  de  poui.ee) 


A 

Kp  (repartition  tramver.ale  pour  X/L=  0.571  ) 


Fig.  21  -  Repartitions  du  coefficient  de  force  norule  locale  pour  Xacb  =  4,5  A  pluaieurs  incidences 
(SHABP  -  FLU3C  -  essai) . 
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Fig.  22  -  Caractdrietiques  longitudinales  en  fonction  de  1 'incidence  1  Mach  =  4,5  (SHABP  -  HISSS  - 
FLU3C) . 


MACH  =  4.5 


CA  (Coelficlenl  de  force  ariale)  dCA/d(X/L) 


5  10  15  a  .25  .5  .75  1.  X/L 


Fig.  23  -  Coefficient  de  force  axiale  en  fonction  de  1 ' incidence  pour  Mach  «  4,5  et  repartitions  de  force 
axiale  locale  pour  Mach  «  4,5,  a  *  10°  (SHABP  -  FLU3C  -  essai). 


LONGITUDINAL  CHARACTERISTICS  AS  A  FUNCTION 
OF  THE  MACH  NUMBER  I  ALPHA  =  O’) 


fig.  24  -  Caractdristique*  longitudinales  en  fonction  du  noabre  de  Mach  au  voisinags  de  1' incidence  nulle 
(KOPAM  -  SISSS  -  FUJ3C  -  SHABP  -  eitai) . 
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THREE  DIMENSIONAL  FLOW  CALCULATIONS  FOR  A 

PROJECTILE  WITH  STANDARD  AND  DOME  BASES 


Jubaraj  Sahu 
Charles  J.  Nietubicz 
Launch  and  Flight  Division 
U.S.  Army  Ballistic  Research  Laboratory 
Aberdeen  Proving  Ground,  Maryland  21005-5066,  U.S.A. 


li  SUMMARY 

Test  firings  of  the  155mm  XM825  artillery  projec¬ 
tile  have  shown  that  its  flight  performance  was  affected 
by  configurational  changes  to  the  base  cavity  This  was 
an  unexpected  result  and  a  clear  understanding  of  why 
these  changes  affected  the  flight  behavior  did  not  ex¬ 
ist.  A  computational  study  has  been  made  for  the  two 
different  base  cavity  configurations  which  were  flight 
tested.  Flowfield  computations  have  been  performed  at 
0.8  <  M  <  1.5  and  a  —  4.0°  using  a  recently  developed 
3D  Navier-Stokes  code.  The  computed  results  show  the 
qualitative  features  of  the  base  region  flow  field  for  the 
two  base  cavities.  The  base  changes  are  found  to  alter 
the  recirculation  patterns  in  the  wake  which  in  turn  af¬ 
fect  the  expansion  at  the  base  corner.  These  changes 
in  the  flow  structure  contribute  to  small  changes  in  the 
base  pressure.  Aerodynamic  force  and  moment  coeffi¬ 
cients  have  been  obtained  from  the  computed  pressures 
and  are  presented  as  a  function  of  Mach  number.  Com¬ 
puted  results  show  small  differences  in  normal  force  and 
pitching  moment  coefficients  similar  to  that  found  in  the 
range  data. 

2^LIS_TOEl_SYMP.QLS 

a  speed  of  sound 

Cp  specific  heat  at  constant  pressure 

Cp  pressure  coefficient 

D  projectile  diameter 

e  total  energy  per  unit  volume 

F,  G,  H  flux  vectors  in  transformed  coordinates 
J  jacobian 

M  Mach  number 

Pr  Prai'dtl  number 

Prt  turbulent  Prandtl  number 

q  vector  of  dependent  variables 

R.  body  radius 

S  vector  containing  viscous  terms 

t  lime 

T  temperature 

u,v,w  axial,  circumferential,  and  normal 

velocity  components  of  the 
Navier-Stokes  equations 
U,V,W  Contravariant  velocities  of  the 

transformed  Navier-Stokes 
equations 

x,/,z  physical  Cartesian  coordinates 

Greek  Symbols 
a  Angle  of  attack 


7  ratio  of  specific  heats 

k  molecular  and  turbulent  thermal 

conductivity 

p  molecular  and  turbulent  viscosity 

(,»/,£  transformed  coordinates 

p  density 

4  circumferential  angle 

Subscripts 

oo  free  stream  conditions 


3.  INTRODUCTION 

The  ability  to  compute  the  base  region  flow  field 
for  projectile  configurations  using  Navier-Stokes  compu¬ 
tational  techniques  has  been  developed  over  the  past  few 
years1-1.-3  This  capability  is  very  important  for  deter¬ 
mining  aerodynamic  coefficient  data  including  the  total 
aerodynamic  drag.  The  majority  of  base  flow  calcula¬ 
tions  to  date  have  modeled  the  base  region  as  a  flat  solid 
surface.  Many  of  the  actual  configurations  have  some 
form  of  base  cavity.  General  opinion  has  been  that  the 
inclusion  of  a  base  cavity  or  modifications  to  the  interior 
cavity  of  a  projectile  base  would  have  little  or  no  effect 
on  the  overall  flight  performance  parameters. 

The  M825  projectile  under  certain  conditions  is 
expected  to  be  aeroballistically  similar  to  its  parent  con¬ 
figuration  the  M483A1.  The  M825  has  an  aluminum/steel 
base  which  is  configured  as  a  flat  cavity  (standard). 
A  recent  Product  Improvement  Program  (PIP),  under¬ 
taken  to  reduce  the  production  costs  and  improve  shell 
integrity,  resulted  in  the  design  of  a  new  base  config¬ 
uration.  This  new  PIP  configuration  has  an  all  steel 
base  and  contains  a  dome  cavity.  A  series  of  aerobal- 
listic  tests  4  were  conducted  in  the  TVansonic  Range 
Facility  of  the  US  Army  Ballistic  Research  Laboratory 
(BRL),  to  determine  any  difference  in  the  aeroballistics 
which  may  occur  between  the  standard  and  dome  base 
configurations.  As  a  result  of  these  tests,  differences  in 
aerodynamic  performance  were  found  to  exist  between 
the  two  rounds.  The  most  significant  changes  in  the 
aerodynamic  data  were  in  the  lift  and  static  moment 
coefficients.  The  drag  was  found  to  differ  by  a  few  per¬ 
cent  with  the  dome  configuration  having  the  lower  drag 
at  low  transonic  speeds. 

A  computational  study  was  undertaken  to  deter¬ 
mine  the  ability  of  the  present  Navier-Stokes  codes  to 
predict  these  differences  and  to  further  understand  the 
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fluid  dynamic  behavior  which  can  account  for  such  small 
changes.  The  use  of  Navier-Stokes  codes  can  provide  a 
detailed  description  of  the  flow  field  associated  with  the 
M825  configuration  as  well  as  the  integrated  aerody¬ 
namic  coefficients.  The  initial  results  for  the  aero  de¬ 
gree  angle  of  attack  case  have  been  reported  by  Sahu  et. 
al.s  .  Th's  was  accomplished  using  an  axisymmetric 
base  flow  *  ode  and  the  results  showed  the  same  effect 
as  the  ra  .ge  data,  that  is,  a  small  reduction  in  the  total 
aerodynamic  drag  at  low  transonic  speeds  (  M  <  0.95) 
for  the  dome  base  configuration.  The  trend  reversed  at 
high  transonic  speeds  (  M  >  0.98).  This  paper  describes 
an  extension  of  that  work  into  three  dimensions. 


and  where 


0 

P(C|  +  +  <?H  +  ^(C*U(  +  +  C«tn<K* 

p(Q  +  (y  +  C2K  +  f  (C*“c  +  <vu<  +  OnKi, 


MCx  +<v  +  +  C.«e<X. 

{(<2 +<?+<?)[§(■* +»*+«*)« 


Numerical  computations  have  been  performed  us¬ 
ing  a  3D  zonal,  implicit  Navier-Stokes  code.  The  Mach 
number  range  was  0.8  <  M  <  1.5  for  an  angle  of  at¬ 
tack,  a  =  4.0°  .  Results  presented  include  the  quali¬ 
tative  features  of  the  base  region  flow  field  for  the  two 
base  cavities.  Aerodynamic  force  and  moment  coeffi¬ 
cients  have  been  obtained  from  the  computed  solutions 
and  are  presented  as  a  function  of  Mach  number.  Com¬ 
puted  results  show  small  differences  in  normal  force  and 
pitching  moment  coefficients  similar  to  that  found  in  the 
range  data. 

4.  GOVERNING  EQUATIONS  AND 
SOLUTION  TECHNIQUE 


+— TS— ) 

+  r«*u  +  C»»  +  <«w)(C*U(  +  C»«c  +  <«“><)} 

3  (3) 

In  equation  (1),  the  thin-layer  approximation  is 
used  and  the  viscous  terms  involving  velocity  gradients 
in  both  the  longitudinal  and  circumferential  directions 
are  neglected.  The  viscous  terms  are  retained,  however, 
for  velocity  gradients  in  a  direction  nearly  normal  to 
the  surface  where  large  flowfield  gradients  exist.  These 
viscous  terms  in  (  are  collected  into  the  vector  S. 


The  complete  set  of  time-dependent  thin-layer  Navier- 
Stokes  equations  is  solved  numerically  to  obtain  a  so¬ 
lution  to  this  problem.  The  numerical  technique  used 
is  an  implicit  finite  difference  scheme.  Although  time- 
dependent  calculations  are  made,  the  transient  flow  is 
not  of  primary  interest  at  the  present  time.  The  steady 
flow,  which  is  the  desired  result,  is  obtained  in  a  time 
asymptotic  fashion. 


For  this  computation,  the  diffusion  coefficients  p 
and  k  contain  molecular  and  turbulent  parts.  The  tur¬ 
bulent  contributions  are  supplied  through  an  algebraic 
eddy-viscosity  hypothesis  which  has  been  developed  by 
Baldwin  and  Lomax.7 

The  velocities  in  the  £,  17,  and  C  coordinate  direc¬ 
tions  can  be  written 


4.1  GOVERNING  EQUATIONS 

The  complete  set  of  three  dimensional,  time  de¬ 
pendent,  generalized  geometry,  thin-layer,  Navier-Stokes 
equations  for  general  spatial  coordinates  if,  (  can  be 
written  as6: 

dr  q  +  dcF  +  dnG  +  dlH  =  Rc-l8(S  (1) 

where 

(  =  ((z,y,z,t)  -  longitudinal  coordinate 

t)  =T)(z,y,z,t)  -  circumferential  coordinate 
C  =  C(z,  y,  z,  t)  -  nearly  normal  coordinate 
r  =  f  -  time 

and 
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U  =  +  u£r  +  <v  + 

V  =  T),  +  U!)r  +  VT)y  +  Wlf, 

W  =  C,  +  uCr  +  +  Ul(j 

which  represent  the  contravariant  velocity  components. 

The  Cartesian  velocity  components  (u,  v,  w)  are 
retained  as  the  dependent  variables  and  are  nondimen- 
sionatized  with  respect  to  a x  (the  free  stream  speed  of 
sound).  The  local  pressure  is  determined  using  the  re¬ 
lation 

p  =  (7  -  l)[e  -  0.5 p(u7  +  v2  +  to2)]  (4) 

where  7  is  the  ratio  of  specific  heats.  Density  (p)  is 
referenced  to  p „  and  the  total  energy  (e)  to  PooO^,. 
The  transport  coefficients  are  also  nondimensionalized 
with  respect  to  the  corresponding  free  stream  variables. 
Thus  the  Prandtl  number  which  appears  in  S  is  defined 
as  Pr  =  cp ooPco/koo- 

In  differencing  these  equations  it  is  often  advanta¬ 
geous  to  difference  about  a  known  base  solution  denoted 
by  subscript  0  as 


6t(Q  -  Qo)  +  <{(F  -  Fo)  +  «„(G  -  G0) 

+6({H-Ho)-Rc-16l:(S-So)  (5) 

=  -drQo  -  d(Fo  -  dr,Go  -  0cRo  +  Re'ld<,So 
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where  6  indicates  a  general  difference  operator,  and  d  is 
the  differential  operator.  If  the  base  state  can  be  prop¬ 
erly  chosen,  the  differenced  quantities  can  have  smaller 
and  smoother  variation  and  therefore  less  differencing 
error. 

4.2  NUMERICAL  TECHNIQUE 

The  implicit  approximately  factored  scheme  for 
the  thin  layer  Navier  Stokes  equations  that  uses  central 
differencing  in  the  tj  and  (  directions  and  upwinding  in 
£  is  written  in  the  form 


[/  +  A^(i+)n  +  hSfC"  -  hRc~lS(J~iMnJ  -  A|<] 
x  [l  +  hS((A')n+hSnBn- A|„]a<?"  = 
-  -  /■+]  +  6>{(F-r  -  FZ)  +  *„(<?"  -  Goo) 

+S((Hn  -  Hoo)  -  -  S»)}  -  A(<3"  -  Qo) 

where  h  =  At  or  (A()/2  and  the  free  stream  base  so¬ 
lution  is  used.  Here  S  is  typically  a  three  point  second 
order  accurate  central  difference  operator,  S  is  a  mid¬ 
point  operator  used  with  the  viscous  terms,  and  the  op¬ 
erators  Sf  and  are  backward  and  forward  three-point 
difference  operators.  The  flux  P  has  been  eigensplit  and 
the  matrices  A,  B,C,  and  M  result  from  local  linearisa¬ 
tion  of  the  fluxes  about  the  previous  time  level.  Here  J 
denotes  the  Jacobian  of  the  coordinate  transformation. 
Dissipation  operators,  A  and  A,  are  used  in  the  central 
space  differencing  directions. 

The  smoothing  terms  used  in  the  present  study 
are  of  the  form: 


D.U  =  +U6^P)\,J 


A  |,  =  (A()J-‘Mp(5)^  +  2.5c46p(B)g)lv  J 

where  /?  =  and  where  p(B)  is  the  true  spectral 

radius  of  B.  The  idea  here  is  that  the  fourth  difference 
will  be  tuned  down  near  shocks,  that  is,  as  p  gets  large 
the  weight  on  the  fourth  difference  drops  down  while  the 
second  difference  tunes  up. 

For  simplicity,  all  the  boundary  conditions  have 
been  imposed  explicitly.  On  the  body  surface,  the  no¬ 
slip  boundary  condition  is  used  and  the  wall  tempera¬ 
ture  it  specified.  Free  stream  boundary  conditions  are 
used  at  the  computational  outer  boundary.  A  symme¬ 
try  boundary  condition  is  imposed  at  the  circumferential 
edges  of  the  grid  while  a  simple  extrapolation  is  used  at. 
the  downstream  boundary.  The  flowfield  is  initially  set 
to  free  stream  conditions  everywhere  and  then  advanced 
in  time  until  a  steady  state  solution  is  obtained.  Atmo¬ 
spheric  flight  conditions  were  used. 


4,3  COJtjP.QgITS-.GRIB-SgH.EME 

In  the  present  work,  a  simple  composite  grid  scheme8 
has  been  used  where  a  large  single  grid  is  split  into  a 
number  of  smaller  grids  so  that  computations  can  be 
performed  on  each  of  these  grids  separately.  These  grids 
use  the  available  core  memory  one  grid  at  a  time,  while 
the  remaining  grids  are  stored  on  an  external  disk  stor¬ 
age  device  such  as  the  solid  state  disk  device  (SSD)  of 
the  Cray  X-MP/48  computer.  The  Cray-2  has  a  large 
incore  memory  to  fit  the  large  single  grid.  However,  for 
accurate  geometric  modeling  of  complex  projectile  con¬ 
figurations  which  include  blunt  noses,  sharp  corners  and 
base  cavities,  it  is  also  desirable  to  split  the  large  data 
base  into  a  few  smaller  zones  on  Cray-2  as  well. 

The  use  of  a  composite  grid  scheme  requires  spe¬ 
cial  care  in  storing  and  fetching  the  interface  bound¬ 
ary  data  ,  i.e.,  the  communication  between  the  various 
zones.  In  the  present  scheme,  there  is  a  one  to  one  map¬ 
ping  of  the  grid  points  at  the  interface  boundaries  and 
thus,  no  interpolations  are  required.  Details  of  the  data 
storage,  data  transfer  and  other  pertinent  information 
such  as  metric  and  differencing  accuracy  at  the  inter¬ 
faces  can  be  found  in  Reference  8  and  9.  This  scheme 
has  been  successfully  used  by  Sahu8  to  compute  three 
dimensional  transonic  flow  over  two  projectiles  .  The 
computed  results  clearly  showed  the  transonic  critical 
aerodynamic  behavior  in  pitching  moment  coefficient 
observed  in  free  flights.  The  present  work  is  a  further 
application  of  this  technique  to  a  more  complicated  pro¬ 
jectile  with  base  cavities. 

5.  _M.PP.Ek  GEOMETRY-AMP 

COMPUTATIONAL  GRIP 

The  external  configuration  of  the  M825,  excluding 
the  base,  is  similar  to  the  M483A1  shown  in  Figure  1. 
The  features  of  this  projectile  which  have  not  been  mod¬ 
eled  exactly  are  the  meplat  on  the  fuze  and  the  rotating 
band  near  the  base  The  rotating  band  was  eliminated 
for  simplicity  and  the  meplat  was  modeled  as  a  hemi¬ 
sphere  cap.  The  computational  model  is  shown  in  Fig¬ 
ure  2  and  consists  of  a  2.84  caliber  nose,  a  2.7  caliber 
cylindrical  section,  and  a  0.26  caliber  8°  boattail.  The 
ogive  contour  as  well  as  the  undercut  on  the  cylindrical 
section  were  matched. 

The  current  problem  of  interest  is  the  effect  of  the 
different  base  geometries  on  the  overall  projectile  aero¬ 
dynamics.  Figure  3  shows  the  standard  and  dome  base 
configurations.  The  standard  base  is  a  combination  of 
aluminum  and  steel  and  contains  a  ease  cavity  which  is 
characterized  as  a  fiat  surface.  The  PIP  configuration 
is  an  all  steel  base  and  is  characterized  as  a  dome  sur¬ 
face.  The  cavity  volume  is  also  significantly  larger  for 
the  dome  configuration. 

The  solution  technique  requires  the  discretization 
of  the  entire  flow  region  of  interest  into  a  suitable  com¬ 
putational  grid.  The  grid  outer  boundary  has  been 
placed  at  2.5  body  ler.gths  upstream  and  surrounding 
the  projectile.  The  downstream  boundary  was  placed 
at  2  body  lengths.  Since  the  calculations  are  in  the  sub¬ 
sonic/transonic  regime  the  computational  boundaries  must 
extend  out  beyond  the  influence  of  the  body.  This  en¬ 
sures  that  the  boundary  conditions  specified  in  the  flow 
code  are  satisfied. 
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Figure  4  and  Figure  5  show  the  grids  generated 
for  the  standard  base  and  dome  base  configurations,  re¬ 
spectively.  Each  of  these  grids  consists  of  225  points  in 
the  streamwise  direction  and  50  points  in  the  normal  di¬ 
rection.  This  is  broken  down  into  two  sections:  a  body 
region  and  a  base  region.  The  surface  points  for  each 
region  are  selected  using  an  interactive  design  program. 
Each  grid  section  is  then  computed  separately  using  a 
hyperbolic  grid  generation  program  10.  Longitudinally, 
there  are  106  points  along  the  projectile  surface  and  60 
points  in  the  base  region  downstream  of  the  base  corner. 
The  normal  distribution  of  points  in  base  region  consists 
of  50  points  along  the  base  cavity.  An  expanded  three 
dimensional  view  of  the  base  grid  is  shown  in  Figure  6. 
This  grid  has  33  points  in  the  circumferential  direction. 
The  generally  flat  sections  on  the  standard  base  enabled 
a  grid  to  be  routinely  generated.  However,  due  to  the 
extreme  concavity  the  grid  for  the  dome  base  (Figure  7) 
required  an  increase  in  the  smoothing  values  used  by  the 
hyperbolic  grid  generator,  as  well  as  the  addition  of  a 
grid  averaging  technique. 

6.  RESULTS 

Numerical  computations  have  been  made  for  both 
the  standard  and  the  dome  base  configurations  for  a 
range  of  Mach  numbers  from  M  =  0.80  to  1.5  and  at  4 
degrees  angle  of  attack.  Computed  '.esults  obtained  at 
zero  degree  angle  of  attack  are  also  included  for  com¬ 
parison  purposes. 

A  few  qualitative  results  are  presented  next.  Fig¬ 
ure  8  and  Figure  9  show  the  velocity  vectors  in  the  base 
region  for  both  base  configurations  at  MCO=0.98  and 
a  =  0.0°  The  recirculatory  flow  in  the  base  region  is 
evident  and  as  expected,  is  symmetric.  As  shown  in 
Figure  8,  the  recirculation  region  for  the  standard  base 
extends  to  about  one  and  a  half  caliber  downstream  of 
the  base  corner.  The  back  flow,  upon  reaching  the  cavity 
follows  the  contour  of  the  cavity  and  leaves  the  cavity 
pushing  the  flow  upwards.  The  shear  layer  leaving  the 
base  corner  is  displaced  upwards  weakening  the  expan¬ 
sion  at  the  base.  Figure  3  for  the  dome  configuration 
shows  a  weak  secondary  bubble  inside  the  cavity  in  ad¬ 
dition  to  the  primary  bubble.  The  flow  again  follows  the 
contour  of  the  cavity  and,  upon  leaving  the  dome  cavity, 
is  almost  parallel  to  the  streamwise  direction.  This  flow, 
thus,  has  less  effect  on  the  free  shear  lLyer  and  doesn’t 
weaken  the  expansion  at  the  base  corner  as  much  com¬ 
pared  to  the  standard  base.  The  net  effect  is  that  the 
size  of  the  primary  bubble  for  the  dome  base  is  slightly 
smaller  than  that  for  the  standard  base.  The  reattach¬ 
ment  point  is  therefore  closer  to  the  base  and  results  in 
lower  base  pressure  or  higher  base  drag  at  this  Mach 
number5  .  Figure  10  and  Figure  11  show  the  velocity 
vectors  in  the  base  region  for  the  base  configurations 
at  AfM=0.98  and  a  =  4.0°  for  both  windside  (bottom 
half)  and  leeside  (top  half).  Again  the  recirculatory  flow 
in  the  base  region  is  evident  and  as  expected,  the  flow 
in  the  wake  is  asymmetric.  As  shown  in  these  figures, 
the  separation  bubbles  on  windside  and  leeside  in  the 
wake  differ  in  size  and  shape  ( the  one  on  windside  be¬ 
ing  more  thin  and  elongated  ).  In  addition,  a  number  of 
secondary  separation  bubbles  can  be  seen  to  form  inside 
the  cavity  for  both  base  configurations.  These  changes 
in  the  flow  structure  contribute  to  small  changes  in  the 
base  pressure  and  thus,  to  the  aerodynamic  forces  and 


moments. 

Figure  12  and  Figure  13  show  the  Mach  number 
contours  in  the  base  region  for  both  base  configurations 
at  M«>=0.98  and  a  =  0.0°.  These  figures  show  the  flow 
expansion  at  the  ogive  corner,  boattail  corner  and  the 
base  corner.  One  can  also  see  a  shock  wave  on  the  cylin¬ 
der  portion  of  the  projectile  as  well  as  a  recompression 
shock  system  which  exists  downstream  of  the  base  cor¬ 
ner.  The  flow  field  is  symmetric  for  this  condition.  As 
angle  of  attack  is  increased  to  4  degrees,  the  flow  field 
becomes  asymmetric  (  see  Figure  14  and  Figure  15  ). 
A  small  asymmetry  can  be  observed  in  the  location  of 
the  shock  wave  on  the  cylinder.  The  windside  shock  is 
further  aft  compared  to  the  corresponding  one  on  the 
leeside  The  asymmetry  can  be  clearly  seen  in  the  wake 
flow  and  its  associated  shock  system.  As  can  be  seen  in 
these  figures,  the  wake  flow  field  changes  for  the  different 
base  configurations. 

The  entire  fiowficld  over  the  projectile  including 
the  base  region  is  computed.  Therefore,  the  computed 
results  include  any  upstream  influence  the  base  region 
flow  may  have  on  the  boattail  flowfield.  Surface  pres¬ 
sures  including  the  base  pressure  and  the  viscous  stresses 
are  known  from  the  computed  flow  field  and  can  be  in¬ 
tegrated  to  give  the  aerodynamic  forces  and  moments. 
Figure  16  shows  the  computed  base  pressure  distribu¬ 
tion  for  the  dome  base  configuration  at  A/W=l.l  and 
a  =  4.0°  for  windside  and  leeside.  As  seen  in  this  figure, 
the  pressure  on  the  windside  (  Z/D=- 0.5  )  is  higher  than 
the  pressure  on  leeside.  Since  this  pressure  acts  normal 
to  the  inside  surface  of  the  cavity,  it  produces  a  down¬ 
ward  force  (see  Figure  17  ).  Figure  17  shows  the  normal 
force  coefficient  for  the  dome  base  as  a  function  of  Mach 
number.  The  dotted  line  represents  the  normal  force 
coefficient,  Cs  for  the  dome  base  projectile  where  the 
base  region  is  excluded  in  the  force  and  moment  calcula¬ 
tions.  The  solid  line  is  for  the  entire  projectile  including 
the  contribution  from  the  base  region.  As  mentioned 
earlier,  the  base  region  produces  a  negative  contribu¬ 
tion  and  thus,  the  normal  force  is  reduced  somewhat 
for  high  transonic  Mach  numbers  (  M  >  0  90  )  .  The 
reverse  is  true  for  low  transonic  speeds  (  M  <  0.85  )  . 
Figure  18  shows  the  normal  force  coefficient  comparison 
for  both  base  configurations  as  a  function  of  Mach  num¬ 
ber.  The  dotted  line  represents  the  dome  base  result 
whereas  the  solid  line  shows  the  result  for  the  standard 
base.  As  seen  in  this  figure,  the  dome  base  has  a  higher 
normal  force  coefficient  at  transonic  speeds  compared  to 
the  standard  base.  The  difference  is  small,  of  the  order 
of  a  few  percent,  at  higher  transonic  speeds  (  M  >  0.90 
)  and  gets  as  large  as  10-12  %  at  low  transonic  speeds  ( 
M  <  0  90  ). 

An  aerodynamic  coefficient  which  is  of  primary 
concern  is  the  pitching  moment  coefficient,  Cm„.  Fig¬ 
ure  19  shows  the  Cm„  comparison  for  both  base  config¬ 
urations.  The  computed  Cm„  is  also  compared  with  the 
range  data  4  for  both  base  configurations.  Here  Cm„  is 
referenced  to  the  center  of  gravity  of  the  projectile.  The 
computed  result  clearly  shows  a  sharp  rise  in  Cm„  be¬ 
tween  M  =  0.80  to  0.88  which  is  followed  by  a  sharp  drop 
as  Mach  number  is  increased  to  M  =  0.95  .  As  the  Mach 
number  is  increased  further  rises  gradually  again 
which  is  unlike  the  behavior  of  other  projectiles  such  as 
the  M549  9.  This  critical  behavior  in  Cm„  observed  in 
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the  data  is  clearly  predicted  in  the  numerical  computa¬ 
tions.  The  overall  comparison  of  the  computed  result 
with  the  range  data  is  fair.  As  seen  in  the  range  data, 
the  dome  base  configuration  has  lower  Cm.  at  transonic 
speeds  compared  to  the  standard  base  configuration  and 
this  trend  is  also  seen  in  the  computed  results. 


Three  dimensional  numerical  computations  have 
been  made  for  a  projectile  with  two  base  cavity  config¬ 
urations  at  transonic  speeds.  Computed  results  show 
differences  in  the  qualitative  features  of  the  base  region 
flowfield  between  the  two  base  cavities.  Changes  in  the 
base  cavity  configural.  o  have  been  found  to  affect  the 
normal  force  and  pitching  moment  coefficient.  Differ¬ 
ences  in  these  coefficients  of  between  0  to  12%  have  been 
predicted  and  are  compared  with  the  range  data.  The 
dome  base  configuration  produces  a  higher  normal  force 
and  a  lower  pitching  moment  than  the  standard  base 
at  these  transonic  speeds  and  shows  the  same  trend  ob¬ 
served  in  the  range  data. 
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Figure  1.  Actual  XM825  projectile. 
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Figure  2.  Computational  model. 


Figure  3.  Base  cavity  configurations. 


Figure  5.  Computational  grid  for  the  dome  base. 


Figure  7.  Base  region  grid  for  the  dome  base. 
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Figure  9.  Velocity  vectors  in  the  base  region,  Figure  11.  Velocity  vectors  in  the  base  region, 
Mm=0.9S,  a  =  0.0°,  (dome  base).  Mm=0.98,  a  =  4.0°,  (dome  base). 


Figure  12.  Mach  number  contours,  A/oo=0.98, 
a  =  0.0°,  (standard  base). 


Figure  14.  Mach  number  contours,  M^—0.98. 
a  -  4.0°,  (standard  base). 


Figure  13.  Mach  number  contours,  Moo=0.98, 
a  =  0.0°,  (dome  base). 


Figure  15.  Mach  number  contours,  Mx=0.9l 
a  =  4.0°,  (dome  base). 


Figure  16.  Base  pressure  distribution  for  the  dome  Figure  18.  Normal  force  coefficient,  Cjv  vs  Mach  num- 
base,  Af00=l.l,  a  =  4.0°.  ber  (standard  base  and  dome  base). 
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Figure  17.  Normal  force  coefficient,  Cn  vs  Mach  num¬ 
ber  (dome  base). 
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Figure  19  Pitching  moment  coefficient,  Cma  vs  Mach 
number  (standard  base  and  dome  base). 
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Aberdeen  Proving  Ground,  Maryland  21005-5066 


1,  SUMMARY 

The  current  research  effort  has  examined  several 
aspects  of  the  aerodynamics  of  finned  projectiles.  These 
are  (1)  static  aerodynamics  at  angle  of  attack,  (2)  aero¬ 
dynamics  in  pure  rolling  motion,  and  (3)  aerodynamics 
in  steady  coning  motion.  In  each  case,  three-dimensional 
viscous  flow  field  computations  have  been  performed 
over  a  range  of  supersonic  Mach  numbers  using  the  parab¬ 
olised  Navier-Stokes  technique  of  Schiff  and  Steger.  The 
computational  approach  has  been  applied  to  two  high 
L/D  finned  projectiles.  From  the  flow  field  predictions 
at  constant  angle  of  attack,  determination  of  the  nor¬ 
mal  force,  pitching  moment,  and  side  moment  coeffi¬ 
cients  has  been  made.  Computation  of  the  flow  field 
about  the  projectile  in  rolling  motion  has  allowed  the 
determination  of  the  roll  producing  and  roll  damping 
moment  coefficients,  and  the  equilibrium  spin  rate.  Fi¬ 
nally,  the  predictions  of  the  flow  field  about  the  pro¬ 
jectile  in  steady  coning  motion  has  allowed  prediction 
of  the  pitch-damping  aerodynamic  coefficients.  Where 
possible,  comparisons  have  been  made  between  compu¬ 
tational  results  and  results  obtained  from  range  firings 

2.  LIST  QE  SYMPOL5 


Uoo 

C, 

C,' 

& 

'-'m 

Cm* 

Cm*  +  CmA 

Cn 

c„. 


ni 


Cn,  +  Cni 

cn 


Cy 

d" 


e 

E,F,G 


freestream  speed  of  sound 

net  roll  momei coefficient 

roll  producing  moment  coefficient 

roll  damping  moment  coefficient 

pitching  moment  coefficient 

slope  of  the  pitching  moment  coefficient 

with  angle  of  attack 

pitch  damping  moment  coefficient 

side  moment  coefficient 

slope  of  the  side  moment  coefficient 

with  angle  of  attack 

fluctuating  part  of  side  moment  slope 

non-fluctuating  pait  ofsije  moment  slope 

slope  of  the  side  moment  coefficient 

with  coning  rate 

Magnus  moment  coefficient 

slope  of  the  normal  force  coefficient 

with  angle  of  attack 

pitch  damping  force  coefficient 

slope  of  the  side  force  coefficient 

with  coning  rate 

Magnus  force  coefficient 

projectile  diameter 

total  energy  per  unit  volume 

flux  vectors  in  transformed  coordinates 


H 

source  term  in  Navier-Stokes  eqs. 

i 

jacobian 

l 

characteristic  length,  typically  D 

freestream  Mach  number 

P 

pressure,  as  used  in  N-S  eqs 

P 

spin  rate,  as  used  roll  equations 

Poo 

freestream  static  pressure 

Re 

Reynolds  number,  floopooD/poo 

s 

distance  downrange 

Set 

center  of  gravity  shift,  calibers 

S 

viscous  flux  vector 

Sref 

reference  area  of  projectile,  irD2/4 

t 

time 

u,v.w 

velocity  components  in  x,y,z  directions 

V 

freestream  velocity 

x,y,z 

Cartesian  coordinates  w.r  t.  body 

*0, 

axial  location  of  body  center  of  gravity 

Note.  Force  coefficients  are  scaled,  , 

Moment  coefficients  are  scaled, 

Greek  Symbols 

a,/3  vertical  and  Horizontal  components  of 

angle  of  attack  in  non-rolling  coordinates 
a,  total  angle  of  attack,  \Ja2  +  /J2 

q  ratio  of  specific  heats,  in  N-S  eqs 

7  cosine  of  tile  angle  of  attack,  as  used  in 

aerodynamic  force  and  moment  eqs. 
i  sine  of  the  angle  of  attack 

p,pt  laminar  and  turbulent  viscosity 

£,77,  £  transformed  coordinates  in  N-S  eqs. 

£  complex  angle  of  attack 

p  density 

p0 o  freestream  density 

d  coning  rate  of  projectile 

^  nondimensional  coning  rate 

ne  angular  rate  of  rotating  coordinate  frame 

Superscripts 

(  )  rate  of  change  with  respect  to  time 

(  )'  rate  of  change  with  respect  to  space 

(")  referenced  to  non-rolling  coordinate  frame 


3.  INTRODUCTION 

The  Computational  Aerodynamics  Branch,  Launch 
and  Flight  Division  has  been  actively  developing  the  ca¬ 
pability  to  predict  the  aerodynamics  of  US  Army  projec¬ 
tiles  using  Computational  Fluid  Dynamics  (CFD)  tech- 
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niques.  Currently  under  development  is  the  capability 
to  predict  the  supersonic  aerodj  jamics  of  finned  projec¬ 
tiles  such  as  kinetic  energy  (KE)  penetrators. 

The  current  research  effort  has  examined  several 
aspects  of  the  aerodynamics  of  KE  projectiles.  These  are 
(1)  static  aerodynamics  at  angle  of  attack,  (2)  aerody¬ 
namics  in  pure  rolling  motion,  and  (3)  aerodynamics  in 
steady  coning  motion.  In  each  case,  three-dimensional 
viscous  fljw  field  computations  have  been  performed 
over  a  range  of  supersonic  Mach  numbers  using  the  parab¬ 
olized  Navier-Stokes  technique  of  Schiff  and  Steger1 .  In 
this  paper,  results  obtained  by  applying  the  computa¬ 
tional  approach  to  two  fielded  high  L/D  KE  projectiles, 
the  M829  and  the  M735,  are  presented.  Schematics  of 
these  projectiles  are  shown  in  Figures  1  and  2. 

By  examining  the  three  motions  described  above, 
several  important  aerodynamic  parameters  can  be  de¬ 
termined.  From  the  flow  field  predictions  at  constant 
angle  of  attack,  determination  of  the  normal  force  and 
pitching  moment  coefficients  has  been  made.  These  pre¬ 
dictions  allow  the  static  aerodynamic  stability  of  the 
projectile  to  be  assessed.  Computation  of  the  flow  field 
about  the  projectile  in  rolling  motion  has  allowed  the 
determination  of  the  roll  producing  and  roll  damping 
moment  coefficients.  These  aerodynamic  coefficients  can 
then  be  used  to  predict  the  roll  history  of  the  projectile, 
including  the  steady-state  spin  rate.  Finally,  the  predic¬ 
tions  of  the  flow  field  about  the  projectile  in  steady  con¬ 
ing  motion  has  allowed  prediction  of  the  pitch-damping 
moment  coefficient.  This  coefficient  is  essential  in  pre¬ 
dicting  the  rate  of  decrease  of  the  projectile’s  yaw  during 
flight.  Where  possible,  comparisons  have  been  made  be¬ 
tween  computational  results  and  results  obtained  from 
range  firings2. 

In  the  next  several  sections,  the  computational 
technique  is  briefly  described,  and  the  results  obtained 
by  examining  the  three  types  of  projectile  motion  are 
presented. 


Computation  of  the  viscous  flow  field  about  the 
finned  projectile  configurations  was  accomplished  by  solv¬ 
ing  the  thin-layer  Navier-Stokes  equations  using  a  parab¬ 
olized  Navier-Stokes  technique.  Flow  field  predictions 
about  the  projectile  in  rolling  or  coning  motion  are  per¬ 
formed  using  a  rotating  coordinate  frame  which  rotates 
at  the  roll  rate  or  coning  rate  of  the  projectile.  The  fluid 
flow  relative  to  the  rotating  coordinate  frame  does  not 
vary  with  time,  allowing  the  steady  (non-time  varying) 
Navier-Stokes  equations  to  be  applied.  The  solution  of 
the  steady  Navier-Stokes  equations  can  be  performed  at 
a  reasonable  computational  cost.  In  order  to  implement 
the  rotating  coordinate  frame,  the  governing  equations 
have  been  modified  to  include  the  effect  of  centrifugal 
and  Coriolis  forces.  The  steady  thin-layer  Navier-Stokes 
equations  are  shown  below. 

6i+  dr)  +  d C+H  Re  8C  ^ 

Here,  E,  F,  and  G  are  the  inviscid  flux  vectors,  S  is  the 
viscous  flux  vector,  and  H  is  the  source  term  contain¬ 
ing  the  Coriolis  and  centrifugal  force  terms  which  result 


from  the  rotating  coordinate  frame.  Each  of  these  matri¬ 
ces  are  functions  of  the  dependent  variables  represented 
by  the  vector  q(p,pu,pv,pw,e),  where  p  and  e  are  the 
density  and  the  total  energy  per  unit  volume,  and  u, 
ti,  and  to,  are  the  velocity  components  in  x,  y,  and  z 
directions.  The  flux  terms  are  shown  below. 


•  PV 
puV  +  i)xp 
F  =  1  pvV  +  i}yp 
pwV  +  t),p 

.  («+P)y 
'  0  ’ 

H  =  3-  h3 


■  pU  ■ 

puU  +  f*p 
E=  1  pvU 
pwU 

.  («  +  p){/ 
pW 

puW  +  CrP 
G=i  pvW  +  CvP 

pwW  +  Czp 

(e  +  p)W 
0 

mi  —  +  mi(, 

S=3j  mi  ^  +  m2<y 

dw 

mi  +  mJ<> 
m3 


Hi  =  -2QC  sin  a,pv  -  pff2  sin2  a:(x  -  xcy) 

+P?-l  z  sin  a,  cos  ori 

I! 3  =  2QC  sin  a,pu  -  2fic  cos  a,pw  -  pfi2y 

He  —  2QC  cos  atpv  -f  pQ2  sin  a,  cos  at(x  —  xcg) 

— pfi2z  cos2  at 

Hi  =  (-fi2  sin2  ai(i  -  zcl)  +  Q2x  sin  at  cos  o()pu 
-(fi2j/sin2  a,  +  fi2ycos2  ar,  )pv  (3) 

+(fi2  sin  at  cosat(x  -  xcs)  -  fi2z  cos2  cr,)pw 

U  = 

V  =  ut)x  +  t)i7„  +  wr)t 

w  =  uCx  +  +  w(,  (4) 


mi  =  (p  +  Pt)(Cr  +  (y  +  Cj  ) 

1 ,  ...  du  dv  ,  dw. 

m2  -  3(F  +  F,)(G^  +  Cv^+0^-) 


-3  = 


1  dq2  .  . 

+  2mi  -gjr  +  m2(u<r  +  t>Cy  +  «<«) 


o2  = 


q2  =  u2  +  v2  +  w2 


I*  =  m  -  'ar)  *),  =  J(x(r)  ru  = 

Cr  =  -  RVn)  Cy  =  >'(-X(*rr)  C*  =  J(x(Vr,) 

J  =  l/(x ((y„r(  -!/<*,)) 

(6) 

The  computations  at  angle  of  attack  do  not  em¬ 
ploy  the  rotating  coordinate  frame  (£2C  =  0)  and  the 
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source  term  is  not  required.  The  flow  field  predictions 
for  the  projectile  in  pure  rolling  motion  are  performed 
at  zero  angle  of  attack  and  the  coordinate  frame  rotates 
at  the  spin  rate  of  the  projectile,  p;  (a,  =  0,  fle  =  p). 
Computations  for  the  projectile  in  steady  coning  mo¬ 
tion  are  performed  at  a  non-zero  angle  of  attack  with 
the  coordinate  frame  rotating  at  the  coning  rate  of  the 
projectile,  <t>\  (at  yt  0,QC  =  ^). 

The  pressure,  p,  which  appears  in  the  flux  terms, 
can  be  related  to  the  dependent  variables  by  applying 
the  ideal  gas  law. 

p  =  (7  -  1)  [e  -  j42]  (7) 

The  turbulent  viscosity,  ft,,  which  appears  in  the  vis¬ 
cous  matrices  was  computed  using  the  Baldwin-Lomax 
tutbulence  model3. 

The  thin-layer  equations  are  solved  using  the  Parab¬ 
olized  Navier-Stokes  technique  of  Schiff  and  Steger1. 
Following  the  approach  of  Schiff  and  Steger,  the  govern¬ 
ing  equations,  which  have  been  modified  here  to  include 
the  Coriolis  and  centrifugal  force  terms,  are  solved  using 
a  conservative,  approximately  factored,  implicit  finite- 
difference  numerical  algorithm  as  formulated  by  Beam 
and  Warming4. 

Following  the  approach  of  Schiff  and  Steger,  the 
equations  are  first  linearized  and  placed  in  delta  form, 
where  the  equations  are  solved  for  the  difference  in  the 
dependent  variables  rather  than  the  variable  itself.  This 
set  of  equations  is  then  factorized  using  the  approach  of 
Beam  and  Warming.  The  following  set  of  equations  is 
obtained. 

[. A ,  +  (1  -  oc) Af  (6nB>  +  />')]  A 4*  =  RHS  (8) 

A1  +  (1  -  a) At;  ^6cC>  -  Af  =  A{Aq’ 

/J  (9) 

RHS  =  -(ij  -  A>,~1)¥  +  a(E>  -  Ei~l) 

-  [« :/jy+lE>p  -  (tt/JYEf'}  -  (1  -  a)A<;{ 

K  H+\E/jy  +  »i+i(E/jy  +  ni +'(G/jy] 

+k  [<i+1(.E/jy  +q+\F/jy +a+1(G/jy] 

(10) 

The  form  of  the  equations,  as  well  as  the  notation, 
is  similar  to  that  used  by  Schiff  and  Steger.  Here,  A,  B, 

C,  and  M  are  the  Jacobian  matrices  of  the  flux  vectors 
E,  F,  G,  and  S.  Further  details  on  the  definitions  of 
these  matrices  can  be  found  in  Reference  1.  The  im¬ 
portant  difference  here  is  the  addition  of  the  matrices  D 
and  H  due  to  the  rotating  coordinate  system.  Although 
the  Jacobian  matrix,  D,  can  be  included  in  either  the 
circumferential  inversion  or  in  the  normal  inversion,  in¬ 
cluding  this  term  in  the  circumferential  inversion  sim¬ 
plifies  slightly  the  implementation  of  the  shock  fitting 
boundary  conditions. 

The  computations  presented  here  were  performed 
using  a  shock  fitting  procedure  reported  by  Rai  and 


Chaussee5 .  This  procedure  solves  the  five  Rankine-Hugoriot 
jump  conditions,  two  geometric  shock-propagation  con¬ 
ditions,  and  one  compatibility  equation  to  determine  the 
values  of  the  five  dependent  variables  immediately  be¬ 
hind  the  shock,  as  well  as  the  position  of  the  shock.  By 
including  the  implicit  part  of  the  source  term  due  to  the 
rotating  coordinate  frame  in  the  circumferential  inver¬ 
sion,  the  shock  fitting  procedure  of  Rai  and  Chaussee 
can  be  used  without  modification,  as  long  as  the  correct 
free-stream  conditions  are  specified  as  shown  below. 

P  =  Pco 

pu  =  pxM„aMcosa,  +  pxyncsmot, 
pv  =  Poone(zcoso(  —  (x  -  *c<)sintt|) 

pw  =  PooMoadoaSina,  -pooj/flecosai 

e  =  Poo/( 7  -  1)  +  ^Poo{(Afoo000cosari  +  yUc  sin  or,)2 
+(fle(zcosori  -  (x  —  x£,)sinoi))3 
+(Mtoacosinat-yClccosat):‘}  (11) 

The  computational  results  presented  here  were  ob¬ 
tained  using  a  grid  whirh  consisted  of  60  points  between 
the  body  and  the  shock.  In  the  circumferential  direc¬ 
tion,  gridding  was  performed  over  the  entire  body  (360 
degrees),  except  for  the  computations  in  pure  rolling 
motion,  where  symmetry  allows  the  computations  per¬ 
formed  over  a  60  degree  sector.  The  full  plane  compu¬ 
tations  employed  72  circumferential  points  on  the  fore¬ 
body  and  300  points  on  the  finned  portion  of  the  body. 
Algebraic  grid  generation  approaches  were  applied  on 
the  forebody.  The  grid  over  the  finned  part  of  the  body 
was  generated  using  an  elliptic  grid  generation  scheme 
presented  by  Rai  and  Chaussee6. 

The  computations  were  performed  on  a  Cray-2  su¬ 
percomputer.  Full  plane  solutions  required  one  and  a 
half  to  two  hours  of  CPU  time.  The  roll  calculation 
required  about  20  percent  of  the  full  plane  run  times 
because  the  symmetry. 

5.  RESULTS 

The  computational  technique  has  been  applied  to 
examine  several  aspects  of  the  aerodynamics  of  KE  pro¬ 
jectiles.  These  are  (1)  the  static  aerodynamics  at  angle 
of  attack,  (2)  aerodynamics  in  pure  rolling  motion,  and 
(3)  aerodynamics  in  steady  coning  motion  Each  of  these 
topics  are  examined  in  the  following  three  sections. 

5.1  Static  Aerodynamics  at  Angle  of  Attack 

In  this  section,  the  results  of  computations  per¬ 
formed  with  the  projectile  held  at  a  fixed  angle  of  at¬ 
tack  (angle  of  inclination  with  respect  to  the  freestream 
velocity)  sue  presented.  Aerodynamic  coefficient  predic¬ 
tions  have  been  made  for  the  pitching  moment,  normal 
force,  and  side  force  and  moment.  The  computations 
discussed  below  were  performed  at  two  degrees  angle 
of  attack  and  over  a  range  of  Mach  numbers  (M  =  3.0 
to  5.5)  for  free-fiight  (sea-level)  atmospheric  conditions. 
Representative  results  are  shown  for  the  M829  and  M735 
projectiles. 

Figure  3  shows  the  computed  pitching  moment  co¬ 
efficient  as  a  function  of  Mach  number  for  the  M829. 
Both  the  computed  results  and  the  results  obtained  from 
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the  range  firings  are  shown.  The  computed  results  and 
the  range  results  show  the  same  variation  with  Mach 
number,  though  the  computation  over-predicts  the  pitch¬ 
ing  moment  coefficient  by  about  eight  percent.  This  dif¬ 
ference  is  greater  than  the  estimated  error  in  the  range 
data,  which  is  about  two  percent  for  most  of  the  rounds 
shown  here.  The  differences  in  the  two  results  is  most 
likely  due  to  the  effect  of  the  sabot  grooves  which  cover 
a  large  part  of  the  cylindrical  portion  of  the  body.  Tb>e 
grooves  increase  the  thickness  of  the  boundary  layer  and, 
thus,  may  decrease  the  lift  of  the  fins.  The  grooves  are 
currently  not  modeled  in  the  computations.  Results  ob¬ 
tained  for  the  M735  show  similar  behavior,  as  shown  in 
Figure  4. 

The  computed  normal  force  coefficient  as  a  func¬ 
tion  of  Mach  number  for  the  M735  is  shown  in  Figure  5 
Also  shown  is  data  obtained  from  range  firings.  The  nor¬ 
mal  force  coefficient  from  the  range  firings  is  determined 
from  the  swerving  motion  of  the  projectile  (motion  of  the 
center  of  gravity).  This  motion  tends  to  be  small  for  this 
class  of  projectiles  due  to  their  high  mass.  Hence,  the 
range  data  for  this  coefficient  is  often  not  well  deter¬ 
mined  according  to  the  criteria  proposed  by  Murphy7 
The  computational  predictions  are  within  the  scatter  of 
the  range  data. 

A  finned  projectile  can  develop  a  side  moment  in 
the  absence  of  spin  when  pitched  up  at  angle  of  attack. 
A  finned  projectile  with  symmetrically  arranged  fins  and 
symmetrical  fin  cross-sections  can  develop  a  side  mo¬ 
ment  which  varies  periodically  according  to  the  orien¬ 
tation  of  the  fins  with  respect  to  the  pitch-plane.  Of 
course,  when  the  orientation  of  the  fins  is  symmetrically 
arranged  about  the  pitch-plane,  the  side  moment  will  be 
zero.  For  a  projectile  with  an  even  number  of  fins,  this 
will  occur  when  one  set  of  fins  is  aliened  with  the  pitch- 
plane  or  when  one  set  of  fins  is  aligned  normal  to  the 
pitch-plane.  For  the  typical  flight  profile  of  US  Army 
kinetic  energy  projectiles,  this  side  moment  due  to  roll 
orientation  will  not  have  a  significant  effect  because  it  is 
usually  small  and  the  periodic  nature  of  the  side  moment 
is  "integrated  out”  since  the  projectile  typically  spins  at 
roll  rates  which  are  above  the  pitching  frequency. 

If  the  finned  projectile  has  fins  which  have  cross- 
sections  which  are  not  symmetric  with  respect  to  the 
axis  of  symmetry  of  the  projectile,  (i.e.  if  the  fins  are 
canted  or  if  the  fins  have  leading  and/or  trailing  edge 
bevels)  the  projectile  can  develop  an  additional  compo¬ 
nent  of  side  moment.  The  asymmetric  fin  cross-section 
will  produce  a  lift  force  on  each  of  the  fins.  This  lift 
force  when  integrated  over  each  of  the  fins  will  produce 
a  roll  producing  moment  which  will  cause  the  projectile 
to  roll.  At  zero  angle  of  attack,  the  lift  produced  by  each 
fin  will  be  equal  in  magnitude  and  the  integrated  effect 
of  the  lift  force  will  produces  a  couple  about  the  axis  of 
symmetry  of  the  projectile.  Thus,  no  net  side  force  or 
moment  is  generated.  At  a  non-zero  angle  of  attack,  the 
lift  on  each  of  the  fins  may  not  be  identical  because  each 
of  the  fins  is  exposed  to  a  different  flow  upstream  of  the 
leading  edge.  In  particular,  some  of  the  fins  may  be  in 
the  wake  created  by  the  projectile  body. 

The  variation  of  the  side  moment  coefficient  as  a 
function  of  roll  angle  at  Mach  4  is  shown  in  Figure  6. 
The  computational  results  are  shown  at  roll  angle  incre¬ 
ments  of  Bix  degrees.  A  sine  curve  was  fit  through  the 


data  using  a  least  squares  procedure.  The  sine  curve 
had  the  following  form, 

C„.  =  Cna  +  Cn.  sin  6(<J  +  4>o)  (12) 

The  coefficient,  <?„„ ,  represents  the  non-fluctuating  com¬ 
ponent  (with  respect  to  roll  angle),  while  the  coefficient, 
Cn„,  represents  the  amplitude  of  the  fluctuating  compo¬ 
nent.  A  phase  angle,  <j>0,  was  also  included.  The  phase 
angle  was  ±2  degrees  across  the  Mach  number  regime. 
Figure  6  demonstrates  that  the  computed  side  moment 
coefficient  exhibits  a  sinusoidal  variation  with  roll  an¬ 
gle,  as  evidenced  by  the  quality  of  the  least  squares  fit. 
Similar  variation  was  seen  at  each  of  the  Mach  numbers 
examined. 

Figure  7  shows  the  variation  of  the  non-fluctuating 
and  fluctuating  components  of  the  side  moment  coeffi¬ 
cient  with  Mach  number.  The  non-fluctuating  compo¬ 
nent  shows  a  peak  at  about  Mach  3.5  and  drops  rapidly 
with  increasing  Mach  number.  The  non-fluctuating  com¬ 
ponent  of  the  side  moment  is  seen  to  be  greater  than  the 
fluctuating  component  across  the  Mach  number  regime. 

5.2  Aerodynamics  in  Pure  Rolling  Motion 

Aero-ballisticians  describe  the  spin  history  of  the 
projectile  in  terms  of  the  following  ordinary  differential 
equation7; 

/f  =  lPxalMlDSrt,C:  (13) 

where  p  is  the  spin  rate,  t  is  time,  I  is  the  axial  moment 
of  inertia,  Ct  is  the  net  aerodynamic  roll  moment  coef¬ 
ficient  acting  on  the  projectile,  and  p o„,  M D, 
and  Sre/  are,  respectively,  the  reference  density,  speed 
of  sound,  Mach  number,  diameter,  and  area 

The  net  aerodynamic  roll  moment  is  composed  of 
two  components,  the  roll  producing  moment  and  the  roll 
damping  moment.  The  roll  producing  moment,  which 
induces  spin  on  the  projectile,  results  from  the  aerody¬ 
namic  loads  produced  by  either  the  macnined  asymme¬ 
tries  in  the  fin  geometry  or  by  the  fin  cant,  while  the 
roll  damping  contribution  consists  of  pressure  and  vis¬ 
cous  forces  that  oppose  the  spin.  The  relationship  of 
these  contributions  to  the  net  aerodynamic  roll  moment 
is  expressed  below  in  non-dimensional  form, 

C,  =  C,„  +  Ci,^  (14) 

where  Ci,  is  the  roll  producing  moment  coefficient,  C\r 
is  the  toll  damping  moment  coefficient  and  is  the 
non-dimensional  spin  rate.  The  roll  damping  coefficient 
will  differ  in  sign  with  the  roll  producing  moment  coeffi¬ 
cient  and  will  be  negative  if  the  direction  of  positive  roll 
moment  is  in  the  direction  of  positive  spin. 

In  the  computational  frame  work,  where  the  pro¬ 
jectile  is  flying  at  constant  velocity,  Equation  14  shows 
that  the  roll  producing  moment  can  be  obtained  by  com¬ 
puting  the  net  aerodynamic  roll  moment  at  zero  spin 
rate.  Likewise,  the  roll  damping  moment  is  obtained  by 
computing  the  net  aerodynamic  roll  moment  on  the  pro¬ 
jectile  at  a  fixed  spin  rate,  subtracting  the  roll  produc¬ 
ing  moment  from  it  and  dividing  by  the  spin  rate.  The 


equilibrium  spin  rate,  which  occurs  when  the  net  aero¬ 
dynamic  roll  moment  is  zero,  is  obtained  by  dividing  the 
roll  producing  moment  by  the  roll  damping  moment. 

Predictions  of  these  aerodynamic  parameters  have 
been  obtained  for  the  M829  kinetic  energy  projectile  and 
comparisons  made  with  data  obtained  from  range  fir¬ 
ings.  In  order  to  determine  these  aerodynamic  parame¬ 
ters,  computations  were  performed  over  a  range  of  Mach 
numbers  (M  =  3.0  to  5.5)  and  non-dimensional  spin 
rates  (pD/V  =  0  to  .015)  for  free-flight  (sea-level)  at¬ 
mospheric  conditions.  Roll  histories  also  were  obtained 
by  solving  the  roll  equation  using  the  computed  aero¬ 
dynamic  roll  moment  coefficients  and  were  compared 
with  the  range  measurements.  The  steady-state  spin 
rate  and  the  roll  producing  and  roll  damping  moment 
coefficients  were  also  determined  from  the  range  mea¬ 
surements.  The  comparison  between  range  and  com¬ 
puted  values  of  these  parameters  is  made  in  the  next 
several  figures. 

Figure  8  shows  the  comparison  of  the  steady-state 
spin  rate  as  a  function  of  Mach  number.  The  computed 
results  are  bracketed  by  the  range  data,  demonstrating 
that  the  predictions  of  the  steady-state  spin  rate  are 
within  the  accuracy  of  measurements. 

Comparisons  of  the  roll  producing  and  roll  damp¬ 
ing  moment  coefficients  are  shown  in  Figures  9  and  10. 
The  computed  results  for  both  coefficients  lie  somewhat 
above  the  range  data.  At  Mach  5.25,  the  range  val¬ 
ues  of  the  roll  producing  moment  coefficient  are  4  to 
35  percent  below  the  computed  result,  while  the  range 
values  of  the  roll  damping  moment  coefficient  are  10 
to  38  percept  below  the  computed  value.  The  result 
that  both  coefficients  show  similar  comparisons  between 
range  and  computed  values  is  a  reflection  of  the  fact  that 
the  steady-state  spin  rate  is  approximately  the  ratio  of 
the  roll  producing  moment  coefficient  to  the  roll  damp¬ 
ing  moment  coefficient.  As  was  shown  in  Figure  8,  this 
ratio  is  accurately  predicted. 

Some  of  the  variability  in  the  range  values  of  roll 
producing  and  roll  damping  moment  coefficient  can  be 
traced  to  the  measurement  of  the  spin  rate  at  the  two 
measurement  stations.  For  example,  it  can  be  shown 
that  a  ±10  percent  variation  in  the  roll  rate  at  the  first 
measurement  location  ''ill  result  in  about  a  ±20  percent 
variation  in  the  roll  producing  or  roll  damping  moment 
coefficients.  Improvements  in  the  determination  of  the 
roll  coefficients  can  be  made  by  adding  additional  mea¬ 
surement  stations. 

Using  the  computed  roll  producing  and  roll  damp¬ 
ing  moment  coefficients,  spin  histories  of  the  projectile 
were  determined  by  solving  the  roll  equation  (Equa¬ 
tion  13).  Spin  trajectories  were  obtained  for  four  launch 
Mach  numbers;  3.5,  4.0,  4.65,  and  5.25;  corresponding 
closely  to  the  four  groups  of  launch  Mach  numbers  used 
in  the  range  firings.  A  representative  trajectory  (Launch 
Mach  =  5.25)  is  shown  in  Figure  11.  The  computed  spin 
history  falls  within  the  range  of  the  range  data  at  both 
of  the  measurement  locations.  The  computed  trajecto¬ 
ries  show  that  at  the  second  measurement  station,  the 
projectile  is  within  3  percent  of  the  steady-state  spin 
rate. 


5.3  Aerodynamics  in  Steady  Coning  Motion 

Gun  lube  launched  kinetic  energy  (KE)  projec¬ 
tiles  typically  fly  with  some  degree  of  pitching  motion 
caused  by  launch  disturbances  such  as  the  whipping  mo¬ 
tion  of  the  gun  tube,  inbore  balloting  of  the  projectile, 
and  the  sabot  discard  process.  The  pitching  motion  of 
the  projectile  decreases  or  damps  as  the  projectile  trav¬ 
els  downrange  due  to  the  aerodynamic  propel  ties  of  the 
projectile  body.  For  finned  KE  projectiles,  the  rate  at 
which  the  pitching  motion  is  damped  is  a  function  of  the 
pitch  damping  aerodynamic  coefficient  and  the  body’s 
transverse  moment  of  inertia. 

The  ability  to  accurately  predict  the  pitch-damping 
aerodynamic  coefficient  of  KE  projectiles  is  of  signifi¬ 
cant  importance  to  the  projectile  designer  because  the 
terminal  ballistic  performance  of  these  projectiles  is  sen¬ 
sitive  to  the  pitching  motion  at  the  target.  Small  levels 
of  pitching  motion  may  result  in  significant  degradation 
of  the  penetrator’s  terminal  ballistic  performance.  If 
the  penetrator  and  the  target  are  closely  matched,  this 
degradation  of  penetrator  performance  can  result  in  the 
inability  of  the  penetrator  to  defeat  the  target. 

By  applying  linear  flight  mechanics  theory  such  as 
that  developed  by  Murphy' ,  it  can  be  shown  that  aero¬ 
dynamic  side  force  and  moment  coefficients  acting  on  a 
projectile  in  steady  coning  motion  can  be  related  to  the 
pitch  damping  force  and  moment  coefficients  Steady 
coning  motion  is  defined  as  the  motion  performed  by 
a  missile  flying  at  a  constant  angle  with  respect  to  the 
free  stream  velocity  vector  (angle  of  attack)  and  under¬ 
going  a  rotation  at  a  constant  angular  velocity  about  a 
line  parallel  to  the  freestream  velocity  vector  and  coinci¬ 
dent  with  the  projectile  center  of  gravity.  This  is  shown 
schematically  in  Figure  12.  Coning  motion  is,  in  fact,  a 
specific  combination  of  two  orthogonal  planar  pitching 
motions,  plus  a  spinning  motion.  It  is  significant  that 
the  combination  of  these  unsteady  or  time-dependent 
motions  (pitching  and  spinning)  produces  a  steady  con¬ 
ing  motion.  The  use  of  steady  coning  motion  to  deter¬ 
mine  the  pitch  damping  aerodynamic  coefficients  pro¬ 
vides  an  interesting  approach  for  determining  the  aero¬ 
dynamics  which  are  normally  associated  r-ith  unsteady 
or  time-dependent  motions. 

Previously,  Tobak,  Schiff,  and  Peterson8  exam¬ 
ined  the  aerodynamics  of  bodies  of  revolution  in  con¬ 
ing  motion  and  proposed  that  the  non-linear  aerody¬ 
namic  forces  and  moments  acting  on  a  body  performing 
large  amplitude  non-planar  motions  could  be  composed 
of  four  characteristic  motions,  (1)  steady  angle  of  at¬ 
tack,  (2)  pitching  motion,  (3)  rolling  motion,  and  (4) 
coning  motion.  Typically,  the  linear  aerodynamic  force 
and  moment  formulation  considers  only  forces  and  mo¬ 
ments  due  to  the  first  three  motions,  and  assumes  that  a 
non-planar  motion  can  be  described  by  the  vector  sum  of 
two  independent  planar  motions.  The  addition  of  con¬ 
ing  motion  allows  for  coupling  between  planar  motions 
in  the  non-linear  formulation.  Their  nonlinear  theory 
also  confirms  the  linear  theory  result  that  the  side  force 
and  moment  due  to  coning  motion  is  related  to  the  linear 
pitch  damping  coefr  dents. 

To  provide  additional  validation  for  the  theory, 
Schiff  and  Tobak9  performed  wind  tunnel  experiments 
on  a  conical  body  undergoing  separate  or  combined  spin- 


20-6 


ning  and  coning  motions.  Their  results  showed  that,  at 
low  angles  of  attack,  the  slopes  of  the  side  force  and 
moment  with  angle  of  attack  normalised  by  the  con¬ 
ing  rate  were  in  good  agreement  with  predictions  of 
the  damping-in-pitch  force  and  moment  coefficients  ob¬ 
tained  using  linearized  theory.  They  also  demonstrated 
that  the  Magnus  force  and  moment  (variation  of  side 
force  and  moment  with  spin  rate  and  angle  of  attack) 
was  negligible,  thus  the  linear  pitch  damping  coefficients 
could  be  determined  from  the  side  force  and  moment  due 
to  coning  alone. 

As  part  of  the  development,  Schi!T10computed  the 
supersonic  inviscid  flow  about  a  conical  body  undergoing 
coning  motion.  To  compute  the  flow  around  the  body 
in  coning  motion,  Schiff  made  use  of  a  rotating  coordi¬ 
nate  frame.  Within  the  rotating  coordinate  frame  the 
flow  was  steady,  thus  the  steady  Euler  equations  could 
be  solved.  The  governing  equations  were  modified  to  in¬ 
clude  the  centrifugal  and  Coriolis  force  terms.  His  com¬ 
puted  results  compared  well  with  experimental  results 
and  with  estimates  of  pitch-damping  coefficients  using 
a  linear  theory.  Later  studies  by  Agarwal  and  Rakich1} 
and  LinI2also  employed  rotating  coordinate  frames  to 
compute  the  supersonic  viscous  flow  about  conical  bod¬ 
ies  in  coning  motion. 

5.3.1  Rotation  between  Coning  and  Pitching 
Motions 

As  was  discussed  previously,  steady  coiling  motion 
is  defined  as  the  motion  performed  by  a  missile  flying  at 
a  constant  angle  with  respect  to  the  free  stream  veloc¬ 
ity  vector  (angle  of  attack)  and  undergoing  a  rotation 
at  a  constant  angular  velocity  about  a  line  parallel  to 
the  freestream  velocity  vector  and  coincident  with  the 
projectile  center  of  gravity.  This  is  shown  schematically 
in  Figure  12.  With  respect  to  a  non-rolling  coordinate 
frame,  the  vertical  and  horizontal  components  of  the  an¬ 
gle  of  attack,  a  and  0,  vary  in  a  periodic  fashion  as  the 
projectile  rotates  about  the  free-strcam  velocity  vector. 
This  is  shown  in  Figure  13.  The  total  angle  of  attack, 
et[  =  \Jo?  +  p1  is  constant,  however. 

Both  of  these  components  of  the  angle  of  attack 
when  plotted  as  a  function  of  time  are  seen  to  be  sinu¬ 
soidal,  constant  amplitude,  pitching  motions  which  are 
out  of  phase  with  each  other  by  one  quarter  of  a  cycle, 
as  shown  in  Figure  14.  This  demonstrates  that  coning 
motion  is  composed  of  a  specific  combination  of  two  or¬ 
thogonal  planar  pitching  motions. 

In  addition  to  the  pitching  motion,  the  projectile 
body  will  undergo  a  rotation  with  respect  to  the  non¬ 
rolling  coordinate  system,  which  by  definition,  is  a  spin¬ 
ning  motion.  The  change  in  the  orientation  of  a  set  of 
axes  fixed  to  the  body  as  the  body  performs  the  coning 
motion  is  also  shown  in  Figure  13.  The  spin  rate,  p.  is 
proportional  to  the  coning  rate,  4>,  as  shown  below. 

p  =  l4>-  cos{a,)4>  (15) 

Thus,  coning  motion  is  a  combination  of  two  orthogonal 
planar  pitching  motions,  plus  a  spinning  motion.  These 
are  the  three  motions  shown  schematically  in  Figure  14. 

The  combination  of  the  two  pitching  motions  and 
the  spinning  motion  when  viewed  by  an  observer  fixed 


to  any  part  of  the  projectile  body  produces  a  motion 
which  does  not  vary  with  time.  The  same  can  be  said 
for  an  observer  in  the  flow  field  external  to  the  body 
whose  position  is  fixed  with  respect  to  the  body.  Thus, 
the  coning  motion  and  the  flow  field  produced  by  the 
coning  motion  are  steady  (or  non-time  varying)  phe¬ 
nomenon.  This  allows  steady  flow  modeling  techniques 
to  be  applied  to  determine  the  flow  field  produced  by 
this  motion.  The  governing  equations  must  be  modi¬ 
fied,  however,  because  the  coordinate  system  is  rotating 
as  discussed  previously. 

It  is  significant  that  the  combination  of  these  un¬ 
steady  or  time-dependent  motions  (pitching  and  spin¬ 
ning)  produces  a  steady  motion  (coning).  The  use  of 
steady  coning  motion  to  determine  the  pitch  damping 
aerodynamic  coefficients  provides  an  interesting  approach 
for  determining  the  aerodynamics  which  are  normally 
associated  with  unsteady  or  time-dependent  motions. 

5.3.2  Relation  between  Side  Moment  due  to 
Coning  and  Pitch  Damping  Moment 

The  moment  expansion  for  a  finned  kinetic  energy 
penetrator  in  the  non-rolling  coordinate  frame  is  shown 
below.  This  moment  expansion  is  a  variant  of  the  ex¬ 
pansion  discussed  by  Murphy  for  symmetric  missiles7. 
The  difference  is  that  the  expression  here  includes  a  side 
moment  due  to  angle  of  attack,  C„m.  The  moment  for¬ 
mulation  uses  complex  variables  to  separate  the  moment 
components,  Cm  and  Cn  which  produce  rotations  in  the 
vertical  and  horizontal  planes. 

Cm+iCn  —  [(^)Cn,„+C,,„— iCm.jf- ~[Cm,+7Cmi]f 

(16) 

In  the  moment  formulation,  the  pitching  moment 
coefficient,  Cm„ ,  and  pitch  damping  moment  coefficient, 
Cm,  +Cmi,  produce  moments  proportional  to  the  com¬ 
plex  angle  of  attack,  and  angular  rate,  respectively. 
The  Magnus  moment  coefficient,  Cn,„,  accounts  for  a 
side  moment  due  to  flow  asymmetries  from  a  combina¬ 
tion  of  spin  and  angle  of  attack.  The  side  moment  due 
to  angle  of  attack,  C„„,  is  retained  to  account  for  a  side 
moment  variation  with  angle  of  attack  which  is  caused 
by  the  beveled  fins. 

The  moment  expansion  presented  abcve  has  been 
developed  for  rotationally  symmetric  missiles.  Murphy7 
has  shown  that  the  form  of  the  linear  force  and  moment 
expansion  for  a  symmetric  finned  missile  with  three  or 
more  fins  should  have  the  same  form  as  for  a  body  of 
revolution.  Effects  of  the  orientation  of  the  fins  with 
respect  to  the  pitch-plane  are  believed  to  be  small  for 
kinetic  energy  projectiles.  Furthermore,  these  projec¬ 
tiles  typically  roll  at  spin  rates  which  are  greater  than 
the  pitching  frequency.  Effects  of  roll  orientation  are 
averaged  out  since  the  frequency  of  the  effects  of  roll 
orientation  is  much  greater  than  the  pitching  frequency. 

In  order  to  develop  the  relation  between  the  side 
moment  due  to  coning  motion  and  the  pitch  damping 
moment  coefficient,  it  is  convenient  to  resolve  the  mo¬ 
ment  components  in  non-rolling  coordinates  into  mo¬ 
ment  components  which  cause  rotations  in  and  out  of 
the  plane  of  the  angle  of  attack.  This  relation  is  shown 
below.  Here,  Cm  is  the  in-plane  moment  (the  moment 
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which  causes  rotation  of  the  body  in  the  plane  of  the 
attack  of  attack),  and  C„  is  the  side  moment  (the  mo¬ 
ment  that  causes  rotations  of  the  body  out  of  the  angle 
of  attack  plane).  Also  shown  are  relations  for  the  com¬ 
plex  angle  of  attack,  angular  rate,  and  spin  rate.  These 
relations,  valid  for  steady  coning  motion,  have  been  sim¬ 
plified  from  the  general  case  of  arbitrary  motion1? 


Cm  +  iCn 
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(17) 


The  moment  formulation  in  the  aerodynamic  coordinate 
frame  is  shown  below. 


Cm  +  iCn  =  +  + 

+S(f)[Cm,+7CmJ)  (18) 

As  expected,  the  resulting  exp-ession  for  the  in¬ 
plane  and  side  moments  is  independent  of  time.  The  in¬ 
plane  moment  results  only  from  the  pitching  moment, 
while  the  total  side  moment  consists  of  contributions 
from  the  side  moment  due  to  angle  of  attack,  Magnus 
moment  and  pitch  damping  moment. 

The  side  moment  due  to  coning  normalized  by  the 
coning  rate  can  be  written  as  follows; 

"rfr*  =  +  [Cm,  +  yCmi])  (19) 

zL 

v 

The  notation  can  be  simplified  by  noting  that  the 
left  hand  side  of  Equation  19  is  simply  the  variation  of 
side  moment  with  coning  rate,  valid  for  linear  variations 
of  side  moment  witb  coning  rate. 


damping  coefficient  for  many  projectiles.  In  the  case 
of  finned  projectiles  similar  to  those  examined  in  this 
study,  this  has  been  confirmed  by  applying  simple  invis- 
cid  theories  to  estimate  the  Magnus  moment  and  pitch 
damping  coefficients1^  Additional  confirmation  can  be 
found  from  ballistic  range  testing  of  kinetic  energy  pro¬ 
jectiles.  The  Magnus  moment  coefficient  can  be  quite 
difficult  to  measure  due  in  part  to  it’s  small  magnitude 
in  relation  to  the  other  aerodynamic  coefficients  and  due 
to  the  low  spin  rates  that  these  projectiles  experience  in 
flight. 

For  the  case  of  pitch  damping  moment  coefficient 
much  larger  than  the  Magnus  coefficient,  Equation  20 
can  be  rewritten,  as  shown  below.  Because  this  expres¬ 
sion  is  valid  in  the  linear  aerodynamics  regime  (small 
angles  of  attack),  the  cosine  of  the  angle  of  attack,  7, 
has  been  dropped. 

+  (21) 

A  similar  expression  relating  side  force  due  to  con¬ 
ing  to  the  pitch  damping  force  and  Magnus  force  can  be 
developed  using  the  same  approach  as  discussed  above. 
The  Magnus  contribution  to  the  force  relationship  can 
also  be  ignored  allowing  the  side  force  due  to  coning  to 
be  related  directly  to  the  pitch  damping  force. 

5.3.3  Results 

Computations  have  been  performed  to  determine 
the  aerodynamics  of  kinetic  energy  projectiles  in  steady 
coning  motion.  Results  have  been  obtained  for  two 
fielded  kinetic  energy  projectiles;  the  M735  and  the  M829 
The  computations  have  been  performed  over  a  range  of 
Mach  numbers  (M  =  3.0  to  5.5),  coning  rates  (4>D/V 
=  0  to  .010),  and  angles  of  attack  for  free-flight  (sea- 
level)  atmospheric  conditions.  The  variation  of  the  side 
moment  with  coning  rate  normalized  by  the  angle  of  at¬ 
tack  has  been  used  to  determine  the  pitch  damping  co¬ 
efficients  for  these  finned  projectiles.  Comparisons  are 
made  with  data  obtained  from  range  firings2. 


p  —  Cn-Cn.6  .. 

Cn*  ~  3(5)  ~  5  “  +lC">«  +7('mJ) 

(20) 

This  relation  is  similar  to  that  presented  by  Schiff 
and  Tobak9  for  bodies  of  revolution.  However,  for  the 
case  of  the  finned  projectile  with  side  moments  due  to 
the  beveling,  computations  at  two  separate  coning  rates 
(which  may  include  zero  coning  rate)  are  required  to 
determine  the  variation  of  side  moment  due  to  coning. 
For  bodies  of  revolution,  a  single  computation  at  a  non¬ 
zero  coning  rate  is  sufficient,  since  the  side  moment  at 
zero  coning  rate  is  zero. 

The  relationship  between  the  variation  of  the  side 
moment  with  coning  rate,  Cni,  the  pitch  damping  co¬ 
efficient,  [Cm,  +  7 Cmt],  and  the  Magnus  moment  coef¬ 
ficient,  C„,«,  is  shown  in  Equation  20.  At  the  present 
time,  determination  of  the  Magnus  moment  coefficient 
for  finned  projectiles  using  three-dimensional  Euler  or 
Navier-Stokes  approaches  has  not  been  performed.  This 
would  involve  an  unsteady  time-accurate  calculation  which 
would  be  very  expensive.  However,  the  Magnus  mo¬ 
ment  coefficient  is  typically  much  smaller  than  the  pitch 


The  computed  variation  of  the  side  moment  coef¬ 
ficient  with  coning  rate  at  Match  4  and  two  degrees  angle 
of  attack  for  the  M735  is  shown  in  Figure  15.  The  vari¬ 
ation  of  the  side  moment  coefficient  with  coning  rate  is 
seen  to  be  linear  across  the  range  of  coning  rates  exam¬ 
ined  here.  This  range  of  coning  rates  is  representative 
of  the  pitching  frequencies  experienced  by  this  projectile 
in  flight.  At  Mach  4,  the  non-dimensional  pitching  fre¬ 
quency  of  the  projectile  is  0.004.  The  results  also  show 
a  small  non-zero  side  moment  coefficient  at  zero  coning 
rate.  As  was  discussed  previously,  this  side  moment  is 
due  to  bevels  on  the  fins.  The  existence  of  this  side  mo¬ 
ment  at  zero  coning  rate  requires  that  computations  be 
performed  for  at  least  two  coning  rates  in  order  to  eval¬ 
uate  the  variation  of  the  side  moment  coefficient  with 
coning  rate,  Cni- 

Figure  16  shows  the  slope  of  the  side  moment  coef¬ 
ficient  with  coning  rate  as  a  function  of  6  (the  sine  of  the 
angle  of  attack),  at  Mach  4  for  the  M735.  The  dashed 
line  displayed  on  this  figure  is  representative  of  a  linear 
variation  of  Cni  with  the  sine  of  the  angle  of  attack,  6, 
across  the  range  of  angles  of  attack  examined.  The  com¬ 
puted  results  show  that  at  small  angles  of  attack,  Cni 
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varies  linearly  with  6 ,  but  departs  from  a  linear  variation 
as  the  angle  of  attack  increases. 

c„ , 

Figure  17  shows  the  development  of  -j*  over  the 
M735  kinetic  energy  projectile  at  Mach  4  and  two  de¬ 
grees  angle  of  attack.  This  figure  shows  that  the  fins 
contribute  most  of  the  side  moment  due  to  coning  (and 
hence,  the  pitch  damping)  with  a  smaller  contribution 
from  the  nooe. 

c„ , 

The  computed  variation  of  -f-  with  Mach  num¬ 
ber  for  the  M735  is  shown  in  Figure  18.  The  computed 
results  are  compared  with  range  measurements  of  the 
pitch  damping  moment  coefficient.  The  agreement  be¬ 
tween  computation  and  range  measurement  supports 
the  contention  that  the  coning  computations  allow  a 
reasonable  determination  of  the  pitch  damping  moment 
coefficient 

Similar  computations  were  performed  for  the  M829 
kinetic  energy  projectile.  Figure  19  shows  the  com- 
c, , 

puted  variation  of  -f  -  with  Mach  number  for  the  M829. 
Again,  the  computed  results  are  compared  with  range 
measurements  of  the  pitch  damping  moment  coefficient. 
The  range  data  has  considerable  scatter  because  the 
range  firings  produced  rounds  with  very  low  yaw  (less 
than  one  degree  average  yaw).  Thus,  the  rate  at  which 
the  yaw  decreased  in  flight  was  difficult  to  determine. 
The  computational  results  are  within  the  scatter  of  the 
range  data.  Both  the  computations  and  the  rang*  re¬ 
sults  show  the  order  of  magnitude  increase  in  the  coeffi¬ 
cient  compared  with  the  predictions  shown  for  the  M735. 
This  increase  is  primarily  due  to  the  larger  length-to- 
diamcter  ratio  of  the  M829  (L/D=23)  compared  with 
the  M735  (L/D=14). 

The  predicted  variation  of  the  damping  force  as  a 
function  of  Mach  number  is  shown  in  Figure  20.  This 
coefficient  appears  in  the  swerve  equation  (the  equation 
which  describes  in-flight  motion  of  the  projectile  cen¬ 
ter  of  gravity).  For  finned  projectiles,  the  fluctuating 
part  of  the  swerving  motion  is  composed  of  contribu¬ 
tions  from  the  lift  and  pitch  damping  forces.  Despite 
the  large  magnitude  of  the  pitch  damping  force  coeffi¬ 
cient,  the  swerving  motion  is  dominated  by  the  contri¬ 
bution  from  the  lift  force.  Because  the  pitch  damping 
force  contributes  very  little  to  the  projectile  motion,  it 
is  very  poorly  determined  from  range  firings,  thus  no 
experimental  data  is  shown.  This  coefficient  is,  how¬ 
ever,  important  for  determining  the  change  in  the  pitch 
damping  moment  coefficient  due  to  changes  in  center  of 
gravity  location.  Thus,  this  result  is  significant. 

One  situation  where  changes  in  the  center  of  grav¬ 
ity  location  are  often  encountered  is  in  aerodynamic 
range  testing  of  kinetic  energy  projectiles.  Because  of  re¬ 
strictions  on  firing  kinetic  energy  projectiles  with  heavy 
metal  penetrators  through  aerodynamic  test  ranges,  sur¬ 
rogate  projectiles  are  often  used.  Externally,  these  pro¬ 
jectiles  appear  the  same  as  the  war  round,  though  in¬ 
ternally  the  heavy  metal  core  has  been  replaced  with  a 
"core  of  a  different  composition,  typically  steel.  Replac¬ 
ing  the  penetrator  core  can  result  in  a  shift  in  the  center 
of  gravity.  In  the  case  of  the  M829,  this  shift  is  greater 
than  a  quarter  of  a  caliber. 

In  steady  coning  motion,  the  projectile  rotates  about 


it’s  center  of  gravity  (CC).  Flow  field  computations  were 
performed  to  determine  the  effect  of  CG  location  on  the 
side  force  and  moment  due  to  coning  (and  hence  on  the 
pitch  damping  force  and  moment  coefficients).  The  CG 
position  was  moved  fore  and  aft  of  the  baseline  CG  posi¬ 
tion  by  1  and  2  body  diameters.  These  results  are  shown 
in  Table  1  for  Mach  numbers  of  3,  4,  and  5. 

Predictions  of  the  variation  of  the  side  force  and 
moment  due  to  coning  with  center  of  gravity  location 
can  be  made  using  the  center  of  gravity  translation  re¬ 
lations  presented  by  Murphy7.  The  relations,  presented 
by  Murphy  for  the  individual  aerodynamic  coefficients, 
are  combined  to  obtain  relations  for  the  coefficients  of 
interest  here.  These  are  shown  below.  The  coefficients 
represented  with  a  represent  the  predicted  value  for 
a  CG  shift  of  scl  body  diameters.  The  aerodynamic  co¬ 
efficients  on  the  right  side  of  these  expressions  represent 
the  values  for  the  baseline  configuration. 

Cn,  +  yCNi  +  7  CV,„  =  C,v,  4-  yCa r„  +  iCy,„ 

+S',Cn„  (22) 

Cni f  +  7 &ma  4"  7Gnf„  =  Cm ,  4*  7 Cma  4~  iCn 

-Sc i(Cn,  4-  lCf,-6  +  7 Cy,„ )  4-  -  s?tCV„ 

By  applying  equation  20,  the  above  relations  are  reduced 
to  the  following. 

Cy./6  =  CyJS  +  ^Cn.  (23) 

~  Cn^/6  —  Scg(Cy^/6)  +  SejCmm  ~  8cgCN* 

In  deriving  these  relations,  the  Magnus  force  and  mo¬ 
ment  coefficients  are  retained  for  consistency,  though 
their  effect  is  thought  to  be  small 

Using  these  relations  and  the  aerodyn,  nic  coef¬ 
ficient  predictions  for  the  baseline  configuration,  pre¬ 
dictions  of  the  side  force  and  moment  variation  due  to 
coning  for  varying  CG  position  were  obtained.  These  re¬ 
sults  are  also  shown  in  Table  1.  The  differences  between 
the  direct  computation  of  the  side  moment  coefficient 
at  the  various  CG  locations  and  the  values  obtained 
from  the  CG  translation  relations  is  less  than  0.2  %, 
and  provides  additional  validation  of  the  computational 
approach.  The  side  moment  (and  hence  the  pitch  damp¬ 
ing)  varies  by  more  than  ±  35  %  for  a  center  of  gravity 
shift  of  ±2  calibers.  Changing  the  CG  position  is  one 
possible  approach  for  increasing  or  decreasing  the  pitch 
damping  of  these  projectiles. 

6.  CONCLUSIONS 

Several  aspects  of  the  aerodynamics  of  kinetic  en¬ 
ergy  penetrators  have  been  investigated  by  examining 
three  types  of  flight  motion.  These  are  (1)  static  aero¬ 
dynamics  at  angle  of  attack,  (2)  aerodynamics  in  pure 
rolling  motion,  and  (3)  aerodynamics  in  steady  coning 
motion.  The  aerodynamic  coefficients  derived  from  the 
computed  three-dimensional  viscous  flow  field  predic¬ 
tions  were  seen  to  be  in  reasonable  agreement  with  the 
results  obtained  from  range  firings.  The  computational 
predictions  have  also  revealed  the  existence  of  a  side 
moment  which  is  not  currently  considered  in  the  range 
testing.  In  some  cases,  it  appears  that  the  computed  re¬ 
sults  provide  a  more  consistent  set  of  data  than  do  the 
range  results. 
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Figure  2.  Schematic  of  M735  projectile 
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Figure  3.  Pitching  moment  coefficient  as  a  function  of 
Macli  number,  M829 


Figure  6  Side  moment  coefficient  as  a  function  of  roll 
angle,  M829,  Mach  4 


MACH  NUMBER 


Figure  4  Pitching  moment  coefficient  as  a  function  of 
Mach  number,  M735 


Figure  7.  Fluctuating  and  non-fluctuating  component 
of  side  moment  coefficient  as  a  function  Mach  number, 
M829 


Figure  5.  Normal  force  coefficient  as  a  function  of  Mach 
number,  M735 


Figure  8  Comparison  of  computed  Mach  number  vari¬ 
ation  of  equilibrium  spin  rate  with  range  data,  M829 
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Figure  9  Comparison  of  computed  Mach  number  vari¬ 
ation  of  roll  producing  moment  coefficient  with  ranee 
data,  M829 


Figure  12  Schematic  of  coning  motion 


Figure  10.  Comparison  of  computed  Mach  number 
variation  of  roll  damping  moment  coefficient  with  ranee 
data,  M829 


Figure  13.  Coning  motion  with  respect  to  non-rolling 
coordinates 


Figure  11.  Comparison  computed  roll  history  with 
range  data  -  Launch  Mach  number  =  5.25,  M829 


Figure  14  Components  of  coning  motion 
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Figure  15.  Variation  of  side  moment  coefficient  with 
coning  rate,  M735,  Mach  4,  a  =  2° 
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Figure  16.  Variation  of  the  slope  of  the  side  moment 
coefficient  due  to  coning,  Cn<,  as  a  function  of  the  sine 
of  the  angle  of  attack,  6 
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Figure  18.  Mach  number  variation  of  computed  nor¬ 
malized  side  moment  slope  due  to  coiing  compared  with 
range  measurement  of  pitch  damping,  M735 
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Figure  19  Mach  number  variation  of  computed  nor¬ 
malized  side  moment  slope  due  to  coning  compared  with 
range  measurement  of  pitch  damping,  M829 
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Figure  20.  Mach  number  variation  of  pitch  damping 
force  coefficient  as  determined  from  side  force  due  to 
coning,  M829 


Figure  17.  Development  of  normalized  side  moment 
slope  due  to  coning,  -j*-,  over  M735  projectile,  Mach  4 
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1.  SUMMARY 

Several  propulsion  concepts  lend  themselves  to 
application  in  tactical  missiles;  many  of  them  can 
improve  missile  system  performance  by  means  of 
longer  range,  high  speed,  or  both.  Tactical  missile 
propulsion  systems  generally  fall  into  one  of  two 
categories:  rockets  that  carry  all  their  fuel  and  oxi¬ 
dizer  and  airbreathing  engines  that  have  to  carry 
only  their  fuel  since  their  oxidizer  is  obtained  from 
the  surrounding  air.  Tactical  missiles  have  typically 
been  propelled  by  conventional  solid  propellant  pow¬ 
ered  rockets  or,  occasionally,  liquid  propellant 
powered  rockets.  However,  newly  emerging  require¬ 
ments  and  needs  are  placing  more  emphasis  on 
sustained  high  speed  and  longer  ranges,  as  well  as 
reduced  cost  and  improved  reliability  and  safety,  in 
addition,  there  is  more  emphasis  on  launcher  (air¬ 
craft  or  ground  based)  survivability  Survivability 
can  be  enhanced  by  longer  ranges  or  reduced  visibil¬ 
ity.  These  needs  can  be  implemented  either  singly  or 
in  combination  by  using  selected  propulsion  systems. 
Pulse  rockets,  ramjets  (both  liquid  fueled  and  solid 
fueled),  turbojets,  and  air-turborockets  (or  turbo¬ 
ramjets)  possess  the  potential  of  long  range  and  high 
speeds.  This  paper  provides  an  overview  of  the  var¬ 
ious  propulsion  concepts  considered  applicable  to  tac¬ 
tical  missiles  and  describes  and  discusses  the  merits 
of  each. 

2.  NOMENCLATURE 

ALVRJ  Advanced  Low  Volume  Ramjet 

ASALM  Advanced  Strategic  Air  Launched 
Missile 

ATR  air-turborocket 
CTPB  carboxyl-terminated  polybutadiene 
I)R  ducted  rocket 

GORJE  Generic  Ordnance  Ramjet  Engine 
HTPIs  hydroxyl-terminated  polybutadiene 
Isp  specific  impulse  (pounds  force  Ithrustl 
per  pounds  mass  per  seconds  of  fuel) 
LFRJ  'liquid  fuel  ramjet 
SFRJ  solid  fuel  ramjet 

3.  INTRODUCTION 

Tactical  missiles  have  to  be  capable  of  delivering  the 
payload  to  the  target  in  a  reliable  manner  even  after 
long-term  storage  at  potentially  unfavorable  tem¬ 
peratures  (e.g.,  -65°F  to  +  14Q°F),  and  after  having 
been  subjected  to  adverse  environmental  conditions 
(e.g.,  rain,  snow,  dust,  vibration,  etc.).  Singly,  these 
conditions  can  be  very  severe  and  detrimental  to  a 


missile  system  operation;  usually,  however,  they  are 
combined  in  either  series  or  parallel.  These  condi¬ 
tions  make  the  selection  of  the  propulsion  system  for 
tactical  missiles  critical.  Simplicity  is  generally  con¬ 
sistent  with  reliability  and  this  has  generally  led  to 
the  selection  of  the  solid  propellant  powered  rocket 
motor  (solid  rocket)  as  the  propulsion  system  of 
choice  (other  systems  have  been  used,  though)  How¬ 
ever,  newly  emerging  requirements  are  placing  even 
more  demands  upon  new  as  well  as  existing  tactical 
missile  systems.  Increased  costs  have  dictated  many 
of  these  requirements;  consequently,  more  emphasis 
is  being  placed  upon  increasing  the  system  effective¬ 
ness  (and  usefulness).  Also,  versatility  may  be  a 
future  requirement,  as  the  cost  of  maintaining  the 
inventory  of  missiles  becomes  more  of  a  problem. 
Regardless,  effectiveness  and  reliability  will  remain 
the  most  critical  requirements  for  new  propulsion 
systems. 

The  various  propulsion  systems  applicable  to  tactical 
missiles  arc  described  in  this  paper.  In  addition,  the 
merits  of  each  are  discussed,  and  a  generalized  logic 
that  is  typically  used  in  tne  selection  of  a  propulsion 
system  is  presented 

4  DESCRIPTION 

4  1  Rocket  Propulsion 

Of  the  pi^pulsion  systems  applicable  to  tactical 
missiles  (rocket  or  airbreathing),  the  rocket  is  con¬ 
sidered  the  simplest  and,  as  a  result,  is  typically 
selected  for  use  in  tactical  missiles  There  are  two 
categories  of  rockets,  depending  on  the  propellant 
type;  i.e  ,  solid  or  liquid.  Both  are  discussed  below. 

In  the  rocket,  the  fuel  and  oxidizer,  which  are  carried 
aboard  the  missile,  are  combusted  in  a  common 
chamber.  This  results  in  a  simple  system,  especially 
in  the  case  of  the  all-boost  solid  rocket  (Figure  1), 
which  is  perhaps  the  simplest  system.  An  all-boost 
solid  rocket  does  not  contain  any  tankage  for  the  fuel 
and  oxidizer,  other  than  the  combustion  chamber. 
However,  the  fuel  and  oxidizer  are  in  intimate  con¬ 
tact;  hence,  an  energy  source  such  as  an  igniter  can 
initiate  combustion.  It  does  have  the  limitation  that 
whatever  versa tili''  that  is  desired  must  be  built 
into  the  design  (foi  example,  the  thrust  profile  is  usu¬ 
ally  designed  into  the  grain  design).  It  is  not  easy  to 
add  a  variable  flow  control  system  to  the  solid  rocket 
to  achieve  variable  thrust  si.ice  the  throttle  system 
would  have  to  control  the  hot,  usually  >4000°F,  com¬ 
bustion  products. 
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Several  thrust  profiles  (Figure  2)  can  be  achieved 
with  a  solid  rocket.  These  are  usually  accomplished 
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FIGURE  1.  All-Boost  Solid  Rocket  With  Center  Perforation  Radial  Burner. 


THRUST 

. 

time  time 

FIGURE  2.  Typical  Pressure  or  Thrust-Time  Profile. 


through  the  choice  of  propellant  grain  type  and  ulti¬ 
mately  shape.  For  example,  if  an  all-boost,  short 
burn  time  thrust  profile  is  desired,  the  center  burn 
grain  such  as  that  shown  in  Figure  1  would  probably 
be  selected.  However,  if  a  long  burn  time  at  low 
thrust  level  is  desired,  an  end  burning  grain  similar 
to  that  shown  in  Figure  3  would  probably  be  selected. 

The  other  types  of  thrust  profiles,  boost-suslain  or 
pulse,  are  generally  achieved  with  an  increased 
degree  of  complexity  in  the  grain  and  ultimately  in 
the  motor  design.  Such  thrust  can  be  accomplished 
by  locating  the  boost  and  sustain  (or  pulse)  in  sepa¬ 
rate  chambers  either  through  a  barrier  between  the 
grains  or  by  actually  introducing  an  additional  end 
dome  in  the  motor  case  design  (Figure  4).  Alterna¬ 
tively,  it  is  possible  to  overcast  the  boost  propellant 
on  the  sustain  propellant  grain  (Figure  5)  This 
requires  careful  integration  of  the  propellant  grains; 
the  propellants  must  be  compatible;  they  must  have 
adequate  and  acceptable  physical  properties;  and, 
above  all,  the  bond  between  them  must  be  of  highest 
quality  to  achieve  as  uniform  a  grain  as  possible  and 
prevent  the  introduction  of  any  unplanned  or  unnec¬ 
essary  burning  surfaces  on  the  grains  which  could  be 
catastrophic  A  limited  boost-sustain  thrust  profile 


can  be  achieved  with  a  single  grain  design  that  is 
much  more  complex  than  that  required  for  an  all- 
boost-lhrust  profile. 

Some  degree  of  tailoring  can  be  achieved  with  the 
grain  design.  For  example,  a  progressive  or  regres¬ 
sive  thrust-time  profile  can  be  attained  by  the  proper 
selection  of  the  specific  grain  design,  and  this  aspect 
must  be  considered.  With  the  proper  choice  of  the 
internal  shape  or  perforation  on  the  internal  burning 
grain,  one  can  achieve  a  nearly  neutral,  increasing, 
or  decreasing  shape  of  the  thrust-time  profile.  Of  the 
two  general  grain  port  configurations,  a  circular 
shape  will  result  in  a  progressive  design,  whereas  a 
star  shape  can  be  selected  to  achieve  the  desired  pro¬ 
file,  within  limitations.  However,  the  propellant 
must  have  adequate  physical  properties  to  accommo¬ 
date  any  nonuniform  stresses  or  strains  which  may 
be  introduced  as  a  result  of  the  shape 

in  addition  to  the  two  general  grain  port  configura¬ 
tions  noted  above,  these  can  be  integrated  into  a 
single  grain.  For  example,  one  could  combine  a  cir¬ 
cular  port  section  with  a  conical  shaped  section  into  a 
single  grain  called  a  conoeyl  and  attain  a  degree  of 
flexibility  from  the  circular  port  grain.  However, 


1 
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FIGURE  3.  All-Boost  Solid  Rocket  With  End  Burner. 


FIGURE  4.  Boost-Sustain  or  Pulse  Motor. 


FIGURE  5.  Boost-Sustain  or  Pulse  Motor  (Alternative). 


internal  case  insulation  would  have  to  be  increased 
to  protect  the  motor  case  from  the  hot  combustion 
products  as  the  aft  (conical)  end  of  the  grain  burns 
away  and  exposes  the  case  wall. 

The  propellant  grains  may  be  extruded  or  cast  to  the 
desired  shape.  Several  types  of  rocket  propellant  are 
used  to  make  propellant  grains.  The  selection  of  pro¬ 
pellant  type  may  be  dictated  by  the  manufacturing 
technique  (or  vice  versa).  Extrusion  may  require  a 
propellant  similar  to  the  older  double-base  propel¬ 
lant,  while  a  cast  grain  will  usually  use  a  composite 
propellant.  (These  are  general  statements  and  not 
absolute,  as  there  can  be  cast  double-base  or  extrud¬ 
ed  composite  propellants.)  Double-base  propellants 
were  in  common  use  in  the  1940s  through  1960s; 
they  are  still  in  use,  but  are  not  usually  the  propel- 
lantof  choice  today.  Double-base  propellants  usually 
contain  nitrocellulose  and  nitroglycerin. 

In  more  common  use  today  are  composite,  castable 
propellants,  which  can  use  any  of  several  binders 
such  as  CTPB  or  HTPB  An  older  composite  propel¬ 


lant  binder  was  polyurethane.  Generally  the  oxidiz¬ 
er  of  choice  is  ammonium  perchlorate  The  binder 
also  acts  as  the  fuel,  and  a  metal  additive  (e.g., 
aluminum)  is  included  as  additional  fuel  to  increase 
the  impulse  resulting  from  the  propellant.  Some 
metal  may  also  be  used  as  a  combustion  stabilizer. 
However,  the  introduction  of  metal  into  the  propel¬ 
lant  also  introduces  metal  oxides  into  the  exhaust, 
and  these  are  usually  visible  as  smoke. 

Liquid  propellant  rockets  (liquid  rockets)  (Figure  6) 
are  more  complex  than  solid  rockets;  they  require 
separate  tanks  to  contain  the  fuel  and  oxidizer  and  a 
separate  combustion  chamber,  as  well  as  plumbing 
between  the  tanks  and  the  combustion  chamber.  In 
addition,  they  may  also  require  some  form  of  valving 
for  fuel  control  and  a  tank  pressurization/pumping 
system.  They  do  ha’  e  the  merit  that  they  may  read¬ 
ily  be  throttled  and  can  be  shut  down  as  desired. 
Liquid  rocket  systems  are  generally  volumetrically 
less  efficient  than  the  solid  rocket  and  may  be 
heavier. 
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A  typical  tactical  liquid  propellant  oxidizer  is  red 
fuming  nitric  acid  (or  nitrogen  tetroxide)  while  a 
typical  fuel  could  be  monomethyl  hydrazine  (or 
unsymmetrical  dimethylhydrazine).  Both  of  these 
can  be  gelled,  which  improves  safety  characteristics 
but  makes  them  harder  to  pump  Also  metal  addi¬ 
tives  can  be  added  to  the  fuel  to  enhance  its  perfor¬ 
mance.  Because  of  their  complexity,  liquid  rockets 
are  generally  not  used  for  tactical  missiles  unless 
there  is  a  need  for  their  merits,  usually  throttling 


4  2  Airbreathing  Propulsion 

Of  the  alternate  propulsion  systems  types,  airbreath¬ 
ing  ramjets  have  been  the  mainstay  of  the  long  range 
high  speed  propulsion  concepts.  There  are  three 
basic  types  (Figure  7)  liquid  fuel  ramjet,  solid  fuel 
ramjet,  and  the  ducted  rocket.  The  three  ramjet  con¬ 
cepts  are  similar  in  that  they  require  a  booster  to  get 
them  up  to  operational  speed  and  they  require  a  fuel 
system,  a  combustion  chamber  to  burn  the  fuel  with 
the  air,  and  an  air  induction  system  to  capture  the 


FIGURE  6.  Liquid  Fueled  Rocket. 


Ducted  rocket 

FIGURE  7.  Types  of  Ramjets. 
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air  and  provide  it  to  the  combustion  chamber.  The 
OR  is  similar  in  packaging  to  the  LFRJ  and  is  the 
solid  analog  of  the  LFRJ;  both  use  a  separate  com¬ 
bustion  chamber  for  combustion  of  the  "fuel"  with 
the  air.  The  fuel  tank  in  the  LFRJ  is  replaced  by  a 
gas  generator  in  the  DR.  In  the  SFRJ  the  booster 
chamber  is  the  fuel  gas  generation  chamber  and  is 
also  the  ramjet  combustion  chamber.  The  DR  differs 
from  the  other  two  in  that  the  DR  "fuel"  is  fuel-rich 
effluent  from  the  gas  generator  propellant,  which 
contains  oxidizer,  and  is  self-sustaining  in  the  same 
manner  as  a  solid  rocket.  The  fuels  in  the  LFRJ  and 
SFRJ  do  not  contain  any  oxidizer  and  are  not  self- 
sustaining.  The  LFRJ  and  SFRJ  burn  a  fuel  or  a  fuel 
Vapor  mixture  with  the  air  in  the  combustion  cham¬ 
ber,  while  the  DR  burns  the  exhaust  products  from 
its  gas  generator  with  the  air. 

As  noted  above,  ramjets  usually  must  be  boosted  up 
to  operational  speeds.  These  boosters  are  typically 
solid  rockets.  The  ramjets  may  be  packaged  in  either 
of  two  configurations,  nonintegral  booster  or  integral 
booster  (Figure  8).  The  nonintegral  type  would 
necessitate  the  incorporation  of  a  separate,  perhaps 
separable,  booster  to  accelerate  the  raipjet  system  to 
operational  velocities.  It  may  be  configured  with  the 
booster  in  a  tandem  manner  (as  in  Talos)  or  podded 


manner  (as  in  BOMARC).  it  may  be  satisfactory  for 
some  applications.  In  this  approach,  the  booster  may 
be  separated  from  the  missile  after  boost  is  com¬ 
pleted  A  variation  on  the  noniniegral  type  is  the 
parallel  approach  used  on  the  GORJF,  system  (Fig¬ 
ure  9),  where  the  booster  case  was  located  forward  of 
the  ramjet  combustor  in  the  missile;  and  the  fuel 
tank  was  located  forward  of  the  booster  motor.  It  had 
an  annular  ramjet  combustor  formed  by  the  rocket 
motor  blast  tube  and  the  missile  external  airframe. 

The  integral  type,  in  which  the  booster  chamber  is 
also  used  as  the  ramjet  combustion  chamber,  is  more 
volumetrically  efficient  and  is  the  most  modern,  but 
it  requires  the  most  attention  to  overall  system  and 
subsystem  (e.g.,  booster  and  ramjet)  integration 
The  integral  type  requires  a  dual  nozzle  system:  an 
ejectable  nozzle  (although  nozzleless  booster  motors 
can  be  built)  to  maintain  the  high  booster  pressure 
and  a  larger  nozzle  for  ramjet  operation,  as  well  as  a 
set  of  port  covers  to  seal  the  ramjet  combustion 
chamber  at  the  air  entrance  during  booster  opera¬ 
tion.  During  operation  (Figure  10),  the  booster  pro¬ 
pellant  burns;  the  ramjet  accelerates  to  operational 
speeds;  then  the  nozzle  is  ejected,  the  port  cover(s) 
"open,”  and  ram  air  is  introduced  into  the  combustor 
along  with  the  fuel  where  they  are  mixed  and 


Integral 


FIGURE  8.  Boost  Rocket/Ramjet  Sustain  Engine  Arrangements. 
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burned.  This  configuration  is  typical  of  that  found  in 
the  ALVRJ  (Figure  11)  and  ASALM  flight  vehicles. 
Close  attention  must  be  paid,  in  these  systems,  to 
port  cover  integrity  to  avoid  a  booster  leak.  Another 
problem  is  the  integrity  of  the  common  booster 
case/ramjet  combustor  insulation.  Not  only  must 
there  be  a  good  bond  between  the  booster  propellant 
and  the  insulation,  but  the  insulation  must  be  ade¬ 
quate  to  survive  high  temperature  associated  with 
the  long-duration  ramjet  burn  and  high  speed  flight. 

The  five  systems  discussed  above  were  all  LFRJs, 
which  are  the  most  mature  ramjets  although  the  his¬ 
tory  of  the  DR  and  the  SFRJ  is  quite  long.  Both  the 
BOMARC  and  Talos  were  1950s  generation  ramjets 
while  the  ALVRJ,  GORJE  and  ASALM  were  late 
1960s  and  1970s  generation  systems.  In  addition, 
many  other  LFRJ  engines  were  built,  and  many  were 
flight  tested.  The  early  ramjets  used  bare  wall  or  ce¬ 
ramic  coated  con,uustors.  As  a  result,  the  systems 
operated  at  lower  equivalence  ratios  (higher  air-to- 
fuel  ratios)  and  subsequently  lower  combustion  tem¬ 
peratures  than  is  usual  of  today’s  ramjets.  Operation 
at  lower  equivalence  ratios  requires  a  larger  propul¬ 
sion  system  to  achieve  the  same  thrust  level.  The 
use  of  ablative  liners  in  the  combustion  chambers 
has  allowed  operation  at  higher  equivalence  ratios 
(and  thus  higher  combustion  temperatures)  with 
consequently  smaller  propulsion  systems.  The  LFRJ 
commonly  has  five  major  subsystems:  an  air  induc¬ 
tion  system  (inlet),  a  fuel  tank  and  expulsion  system, 
a  fuel  control  system,  a  combustor,  and,  a  booster.  Of 
these,  the  fuel  management  system  (fuel  tank  and 
control  system)  is  unique  to  the  LFRJ  and  is  perhaps 
its  most  complex  part;  certainly,  it  is  usually  the 
most  expensive.  The  tank  may  or  may  not  incorpo¬ 
rate  a  bladder  to  contain  the  fuel.  It  is  has  one,  the 
bladder  may  be  used  as  part  of  a  positive  expulsion 
system  (pressure-fed)  to  expel  the  fuel  from  the  tank 
to  the  fuel  control  system  and  ultimately  to  the  com¬ 
bustor.  Alternatively,  some  systems  use  a  tur¬ 
bopump  to  pump  the  fuel  from  the  lank  to  the  fuel 
control  system.  The  lurbopump  can  be  an  integral 
part  of  the  fuel  control  system,  but  not  necessari  ly.  A 
bladder  may  be  desired  regardless  of  the  fuel  expul¬ 
sion/pump  system. 


but  also  a  combustor  pressure  regulator  and  a  mis¬ 
sile  speed  controller.  The  degree  of  complexity  of  the 
fuel  control  system  is  dependent  upon  the  needs  of 
the  missile  system  and  ultimately  upon  the  mission. 
Older  systems  are  analog,  und  use  analog  signals 
from  tiie  various  system  sensors  (inlet  and  combustor 
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C.  RAMJET  OPERATION 

FIGURE  10.  Operating  Sequence  of  Integral  Rocket 
Ramjet. 


The  fuel  control  system  is  considered  the  brains  of 
the  LFRJ  system.  It  is  not  only  a  fuel  flow  controller, 
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pressure,  air  data  (pitot  type),  and  fuel  flow  meters) 
Newer  systems  are  digital  and  use  digital  data 
directly  rather  than  converting  it  to  analog  signals. 
This  has  resulted  in  reduced  fuel  controller  size,  as 
well  as  reduced  cost.  Other  alternative  fuel  control 
systems  are  the  pneumatic  and  electronic  systems 
which  also  have  the  potential  of  reducing  the  cost 
and  size  of  the  fuel  control  system.  Recently,  exten¬ 
sive  progress  has  resulted  in  simplifying  the  fuel  con¬ 
trol  systems  and  reducing  their  volume,  weight  and 
cost. 

As  noted  above,  the  DR  is  similar  in  packaging  to  the 
LFRJ  with  the  fuel  tank  replaced  by  the  gas  gener¬ 
ator  There  are  two  types  of  DR  systems:  fixed  flow 
and  variable  flow.  The  former  is  the  older  and  more 
commonly  known,  but  it  does  possess  operational 
limits.  It  suffers  from  wide  excursions  in  combustor 
operating  equivalence  ratio  as  wide  altitude  and 
Mach  number  variations  are  encountered.  To  mini¬ 
mize  these  excursions,  active  variab'e  flow  throttle 
systems  are  included  to  control  the  fuel  flow  (hot 
combustion  products  gas)  into  the  chamber.  A  vari¬ 
ation  of  the  active  throttle  system  is  the  use  of  an 
unchoked  gas  generator  which  passively  controls  the 
fuel  generation  rate  in  response  to  the  pressure  in 
the  combustion  chamber.  To  be  effective,  both  throt¬ 
tle  approaches  prefer  the  use  of  a  gas  generator 
"fuel”  with  a  high  burn  rate  sensitivity  to  pressure  in 
order  to  attain  maximum  throttling.  A  major  con¬ 
cern  with  the  unchoked  gas  generator  system  is  that 
while  the  fuel  generation  rate  is  decreased  based 
upon  the  combustion  pressure,  as  the  pressure  gets 
lower  and  lower  as  a  result  of  wide  altitude  excur¬ 
sions,  the  resultant  gas  generator  pressure  may 
become  too  low  for  stable  burning.  Although  low 
pressures  could  be  obtained  in  the  gas  generator  of 
the  valve  throttled  system,  the  pressures  would  still 
be  higher  than  in  the  unchoked  approach. 

Also  as  noted  earlier,  the  DR  gas  generator  "fuel" 
contains  oxidizer,  is  self-sustaining,  and,  therefore, 
is  more  like  a  propellant  than  a  fuel.  It  is,  however,  a 
very  fuel-rich  propellant  and  provides  the  fuel  to 
burn  with  the  ingested  air.  It  also  possesses  all  the 
same  problems  encountered  in  a  propellant  (e.g., 


burning  rate  sensitivity  over  the  operating  tempera¬ 
ture  range).  Early  DR  gas  generator  propellants  con¬ 
tained  magnesium  as  the  fuel  to  provide  hot  particles 
for  burning  with  the  air.  More  recently,  progress  has 
been  made  in  incorporating  all-hydrocarbon  fuels 
and  other  higher  performing  metals  in  the  gas  gener¬ 
ator  propellant.  Even  so,  the  presence  of  the  oxidizer 
in  the  gas  generator  fuel  does  limit  .he  performance 
potential  of  the  DR  as  compared  to  the  all-fuel  LFRJ 

The  SFRJ  can  be  perhaps  the  simplest  of  the  ramjet 
systems;  however,  it  is  the  most  difficult  to  analyze 
and  understand.  The  ramjet  fuel  and  booster  propel¬ 
lant  are  contained  and  burned  sequentially  in  a  com¬ 
mon  combustion  chamber;  the  booster  propellant  is 
ignited  and  burned  in  the  chamber;  as  it  burns  out 
and  the  pressure  decays,  ram  air  is  introduced  into 
the  combustion  chamber  near  the  head  end  of  the 
chamber,  and  fuel  is  generated  and  burned  in  the 
chamber  for  ramjet  operation  Integration  of  the  two 
grains  into  the  common  chamber  is  a  critical  design 
feature. 

There  are  two  basic  types  of  SFRJ  combustors  (Fig¬ 
ure  12):  the  center  dump,  coaxial  nonbypass  concept 
and  the  side  dump  nonbypass  concept.  In  the  center 
dump  concept  flame  is  held  by  the  rearward  facing 
step  formed  by  the  head  end  of  the  combustor  and  the 
air  inlet,  while  in  the  side  dump,  the  flame  is  held  by 
the  entire  combustor  head  end  and  locally  around  the 
air  inlet  dumps.  The  size  of  the  stops  is  a  function  of 
the  fuel  formulation  and  the  combustor  operating 
conditions  (air  inlet  temperature  and  velocity).  The 
center  dump  concept  is  by  far  the  most  mature,  but 
suffers  from  limited  mixing  of  the  fuel  and  air. 

Either  of  these  concepts  may  incorporate  bypass  air 
as  part  of  the  design  approach.  In  the  bypass  con¬ 
cept,  shown  in  Figure  12  as  center  dump  bypass,  part 
of  the  air  is  bypassed  around  the  fuel  grain  and 
dumped  into  the  combustor  just  aft  of  the  fuel  grain; 
thus,  less  air  traverses  the  fuel  grain  post.  Because 
the  air  velocities  in  the  fuel  grain  are  reduced, 
bypass  air  offers  the  advantage  of  improved  mixing 
of  the  fuel  and  air  and  increased  fuel  loading.  This 
approach  also  offers  the  highest  system  performance. 
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FIGURE  12.  SFRJ  Combustor  Configurations. 


Packaging  the  booster  and  fuel  in  a  common  combus¬ 
tion  chamber  is  a  detriment,  because  the  inlets  must 
be  located  very  far  forward  on  the  missile,  perhaps 
even  covering  part  of  the  payload  (warhead).  The 
effect  of  the  inlets  on  warhead  effectiveness  has  not 
been  adequately  explored.  The  common  chamber 
also  results  in  the  propulsion  system  weighing  more 
than  an  LFRJ  of  comparable  size. 

The  SFRJ  has  an  inherent  throttle  capability  which 
maintains  its  operation  nearer  on-design  than  would 
otherwise  be  the  case.  The  SFRJ  seldom  operates  on- 
design.  The  throttle  capability  is  more  of  a  compen¬ 
sation  device  than  an  active  throttle  and  operates  as 
a  function  of  the  air  flowing  through  the  fuel  grain 
post.  This  capability  can  be  used  to  advantage  for  an 
active  throttle  if  desired  or  necessary.  The  SFRJ 
must  be  designed  with  the  total  mission  in  mind  in 
the  same  manner  as  the  solid  propellant  rocket. 

The  fuel  for  the  SFRJ  usually  does  not  contain  any 
oxidizer  and  typically  is  an  all-hydrocarbon  formula¬ 
tion.  It  may,  however,  contain  metals  for  improved 
performance  in  much  the  same  manner  as  a  solid 
rocket.  It  is  necessary  for  the  fuel  to  be  compatible 
with  the  booster  propellant  since  they  are  packaged 


together  in  the  common  chamber  It  thus  is  desirable 
for  both  to  contain  many  of  the  same  ingredients, 
especially  any  ingredient  that  may  migrate  between 
the  two. 

The  nonramjet  airbreathing  propulsion  systems — 
the  turbojet  (Figure  13),  the  air-turborocket  (ATR) 
(Figure  14),  and  the  ii-rboramjel — produce  static 
thrust  and  generally  do  not  require  separate  boosters 
to  accelerate  them  to  operational  speeds.  They  con¬ 
tain  rotating  machinery,  which  allows  them  to  com¬ 
press  the  incoming  air  even  at  zero  velocity,  while  a 
ramjet  relies  upon  the  system  velocity  to  compress 
(ram)  the  air  into  the  engine.  The  compressor  is 
driven  by  the  turbine  in  the  combustor.  Both  may 
have  an  afterburner  to  augment  the  propulsion  sys¬ 
tem  thrust  temporarily.  The  turbojet  is  generally 
considered  a  lower  speed  (subsonic)  propulsion  sys¬ 
tem  for  aircraft  and,  more  recently,  cruise  missiles. 
Low-cost  tactical  (ordnance  quality)  turbojet  engines 
which  require  less  duration  capability  have  been 
built,  and  significant  progress  is  being  made  in  the 
development  of  high  speed  tactical  turbojet  engines 
having  the  capability  of  sustaining  the  high  tem¬ 
peratures  resulting  from  high-speed  (supersonic) 
flight. 


FIGURE  13.  Turbojet. 


FIGURE  14.  Air-turborocket. 


The  liquid  fueled  turbojet  propulsion  system,  as  well 
as  a  liquid  fueled  ATR  and  LFRJ,  can  incorporate 
fuel  in  nonconventional  tankage  geometries.  This 
allows  fuel  integration  into  the  missile  airframe  with 
more  flexibility  (and  more  complexity),  but  may  be 
more  overall  volumetrically  efficient  from  a  system 
viewpoint.  Still,  as  in  the  LFRJ,  furl  management 
and  control  can  be  a  major  contributor  to  the  system 
complexity. 

The  ATR  is  a  combination  of  the  turbojet  and  the 
ramjet  and  may  have  the  complexities  and  merits  of 
both.  The  ATR  functions  as  a  turbojet  at  low  speed 
and  relies  upon  the  compressor  to  provide  high  pres¬ 
sure  air  for  operation.  As  the  speed  increases  to 
supersonic  velocities,  providing  more  energy  to  the 
incoming  air,  the  engine  transitions  to  operation 
more  typical  of  a  ramjet,  and  relies  less  upon  the  air 
compressor  for  high  pressure  air  (besides  the  air  tem¬ 
perature  is  becoming  quite  high  for  sustained  com¬ 
pressor  operations  and  is  greater  than  required  for 
efficient  propulsion  system  operation).  Also,  the 
afterburner  operation  becomes  more  like  ramjet 
combustor  operation. 

The  ATR  may  be  liquid  fueled,  or  it  may  be  powered 
by  a  fuel-rich  solid  propellant  gas  generator.  The 
fuel  is  used  to  drive  the  turbine,  which  is  subse¬ 
quently  combusted  with  the  air  in  the  combustor, 
when  the  ATR  is  liquid  powered,  it  may  have  the  air¬ 
frame  integration  advantage  of  the  liquid  powered 
systems;  but  when  it  is  powered  by  the  solid  propel¬ 
lant  gas  generator,  its  packaging  may  be  as  difficult 
as  or  even  more  than  that  of  any  of  the  airbreathing 
propulsion  systems.  In  the  solid  system  the  effluent 
from  the  gas  generator  is  the  fuel.  Ducting  fuel-rich 
hot  gasses  from  the  gas  generator  to  the  ATR 
turbine  and  combustor  becomes  a  requirement. 


Should  mission  needs  include  attaining  operational 
velocities  more  rapidly  than  possible  on  engine 
thrust,  both  the  turbojet  and  the  ATR  can  be  inte¬ 
grated  with  a  separate  booster.  The  addition  of  a 
separate  booster  renders  these  systems  less  volume 
and  weight  efficient  and  thus  reduces  their  perfor¬ 
mance  potential. 

5  PERFORMANCE 

The  turbojet  delivers  the  highest  level  of  propulsion 
system  performance  (Isp)  of  all  the  airbreathing  pro¬ 
pulsion  systems.  Typically  a  turbojet  has  the  poten¬ 
tial  of  delivering  lsp  is  excess  of  2000  seconds  and 
frequently  in  excess  of  3000  seconds  This  high  Isp 
makes  the  turbojet  very  attractive  for  long  range, 
relatively  low  speed  tactical  missiles.  With  the 
attainment  of  higher  speed  capability  turbojets,  this 
operational  speed  regime  will  be  enhanced. 

The  highest  performing  and  most  versatile  of  the 
ramjets  if  the  LFRJ.  Typically,  and  all-hydrocarbon 
LFRJ  has  the  performance  potential  of  delivering  an 
Isp  in  excess  of  1200  seconds.  If  metallized  slurry 
fuels  are  incorporated  in  the  system,  this  per¬ 
formance  potential  and  consequently  mission  perfor¬ 
mance  can  be  greatly  enhances.  The  use  of  a  fuel 
control  system  allows  the  LFRJ  to  operate  near  its 
maximum  performance  potential  or  to  throttle  up  or 
down  as  mission  needs  dictate.  System  performance 
can  be  further  enhanced  through  the  use  of  variable 
geometry  inlets  and  nozzles.  This  enhancement, 
with  it  associated  complexity  and  cost,  is  currently 
not  considered  attractive  for  tactical  systems;  the 
performance-cost  benefit  is  not  sufficiently  great  or 
warranted. 
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The  closest  solid  propellant  analog  to  the  LFRJ  is  the 
DR.  Unfortunately,  it  is  also  the  lowest  performer  of 
the  three  ramjet  systems  because  of  its  need  to  carry 
some  oxidizer  in  the  gas  generator  fuel.  Typically,  a 
DR  can  deliver  an  Isp  of  about  700-800  seconds  In 
the  fixed  flow  system,  the  Isp  is  usually  degraded 
from  this  level  as  the  system  is  required  to  operate 
off-design;  as  a  result,  the  overall  system  perfor¬ 
mance  and  mission  versatility  are  degraded.  A  vari¬ 
able  for  DR  provides  the  capability,  at  some  cost  and 
complexity,  for  enhanced  mission  performance. 
Even  so,  its  performance  capability  is  blow  that 
attainable  with  an  LFRJ  of  nearly  equal  complexity 
However,  it  is  a  solid  fuel  system. 

The  SFRJ  performance  generally  lies  between  that  of 
the  LFRJ  and  the  DR.  An  SFRJ  typically  has  a  per¬ 
formance  potential  in  excess  of  1000  seconds,  a  little 
lower  than  that  of  the  LFRJ.  Of  the  two  SFRJ  con¬ 
cepts,  the  side  dump  has  a  higher  performance  poten¬ 
tial  because  it  is  more  volumetrically  efficient;  the 
plenum  upstream  of  the  combustor  in  the  center 
dump  is  eliminated  in  the  side  dump,  and  this  void 
volume  can  be  reallocated  to  fuel  and  booster  propel¬ 
lant  (to  the  extent  possible).  In  addition,  the  side 
dump  is  a  higher  performer  than  the  center  dump, 
but  not  as  well  characterized  or  understood. 

Bypass  air  increases  the  mission  performance  poten¬ 
tial  and,  to  a  limited  extent,  the  performance  of  the 
SFRJ.  Addition  of  an  active  throttle  to  the  SFRJ  can 
enhance  the  performance  of  the  SFRJ  by  up  to  20 
percent  under  the  right  conditions. 

The  SFRJ  fuel  usually  does  not  contain  any  oxidizer, 
but  it  can,  should  it  be  required  to  improve  the  fuel's 
merits.  Usually,  inclusion  of  oxidizer  in  the  fuel  will 
reduce  performance  (Isp).  Improved  SFRJ  system 
performance  can  be  achieved  by  using  metal-loaded 
fuels.  Grain  design  can  also  greatly  affect  the  overall 
performance  of  the  SFRJ;  and,  as  noted  earlier,  the 
fuel  and  propellant  must  be  compatible,  not  only 
chemically,  but  also  physically,  it  the  fuel  and  pro¬ 
pellant  are  to  be  integrated  into  a  common  unit  (as 
opposed  to  tandem  packaging). 

The  performance  level  of  the  ATR  is  comparable  to 
that  of  the  DR,  which  is  still  about  three  times  that  of 
the  typical  solid  rocket.  Us  biggest  advantage  is  its 
capability  of  static  thrust,  which  obviates  the  need 
for  a  booster  if  relatively  slow  acceleration  to  operat¬ 
ing  velocities  can  be  tolerated  by  the  mission  re¬ 
quirements. 

At  the  low  end  of  the  performance  spectrum  lies  the 
solid  rocket;  however,  in  some  missions,  such  as  one 
of  relatively  short  range  that  may  require  high 
thrust-to-weight  ratios,  the  solid  rocket  may  be  the 
preferred  propulsion  approach.  The  pulse  motor  and, 
to  some  extent,  the  boost-sustain  thrust  profiles  can 
be  used  to  advantage  to  extend  the  range  potential  of 
the  solid  rocket;  but,  as  in  the  case  of  the  boost- 
sustain  motor,  average  specific  impulse  for  the  motor 
would  be  reduced  to  that  which  would  be  encoun¬ 
tered  with  a  boost-sustain  motor.  The  liquid  rocket 
generally  has  a  greater  Isp  potential  than  the  solid 


rocket,  however,  its  volumetric  efficiency  is  less  than 
that  of  the  solid  rocket. 

The  operating  envelope  of  the  various  systems  is  il¬ 
lustrated  in  Figures  15  and  16.  The  specific  enve¬ 
lope  may  be  enhanced  or  degraded  by  the  specific  sys¬ 
tem  design.  A  typical  velocity  histogram  for  some  of 
the  systems  is  shown  in  Figure  17,  along  with  the 
history  of  a  typical  solid  rocket 


FIGURE  15.  Operating  Envelopes. 
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FIGURE  16.  Applicator  Envelopes. 
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6  COST 

Cost  of  the  various  propulsion  systems  is  relative  and 
very  much  a  function  of  ths  mission.  liven  so,  the 
propulsion  system  cost  is  typically  less  than  20%  of 
the  missile  cost.  The  cost  of  the  various  propulsion 
systems  is  discussed  in  general  terms,  with  qualifiers 
as  warranted 

The  turbojet,  l.FRJ,  and  ATH  are  perhaps  the  most 
expensive  of  the  tactical  propulsion  systems,  while 
the  solid  rocket  is  the  least  expensive  The  ATR  and 
the  LFRJ  may  be  comparable  from  a  cost  viewpoint, 
since  the  ATR  possesses  some  expensive  rotating  ma¬ 
chinery  but  may  not  necessarily  require  a  booster, 
which  is  required  for  the  LFRJ.  The  liquid  rocket  is 
generally  comparable  in  complexity  and  thus  cost  to 
these  systems.  The  SFRJ  and  the  simple,  fixed-flow 
DR  are  perhaps  the  least  expensive  of  the  airbreath¬ 
ing  propulsion  systems. 

To  some  degree  the  cost  of  the  liquid  fueled  systems 
can  be  reduced  by  using  less  complex  fuel  control  sys¬ 
tems;  however,  the  remainder  of  its  fuel  manage¬ 
ment  system  remains  a  potentially  expensive  items. 
The  degree  of  complexity  and  thus  the  cost  of  the 
fuel  management  system  are  very  much  functions  of 
the  mission  needs.  Significant  improvements  are 
being  made  by  designing  systems  with  digital  and 
pneumatic  fuel  control  systems. 

The  SFRJ,  like  the  conventional  solid  rocket,  is  per¬ 
haps  operationally  the  simplest  and  through  this 
simplicity  achieves  its  low  cost.  Packaging  the  SFRJ 
fuel  grain  in  a  common  chamber  with  the  booster 
propellant  grain  simplifies  the  SFRJ  case  manufac¬ 
ture,  but  the  SFRJ  does  require  multiple  casting 


operations  to  fabricate  the  fuel  and  propellant 
grains  The  cost  of  the  SFRJ  can  increase  if  the 
added  complexity  of  an  active  throttle  is  imple¬ 
mented 

The  DR  requires  multiple  chambers,  one  for  the  gas 
generator  and  one  for  the  booster-combustor  cham¬ 
ber.  Addition  of  an  active  throttle  to  the  DR  in  the 
variable  flow  system  significantly  adds  to  the  cost  of 
the  system,  even  though  it  enhances  the  mission  ver¬ 
satility  of  the  DR.  The  cost  of  a  pulse  solid  rocket  is 
probably  comparable  to  that  of  a  simple  ducted 
rocket 

The  SFRJ,  as  well  as  the  DR  and  any  other  solid  sys 
tern,  is  going  to  be  more  expensive  to  develop  when 
one  considers  the  cost  per  data  point.  Liquid  fueled 
system  are  most  attractive  from  this  aspect 

7.  RELIABILITY  AND  MAINTAINABILITY 

Reliability  and  maintainability  of  the  different  can¬ 
didate  propulsion  systems  are  difficult  to  assess 
Subjectively,  the  simpler,  the  more  reliable  This 
approach  favors  the  conventional  solid  rocket,  the 
SFRJ  or  the  fixed  flow  DR  On  these  systems  there  is 
little  to  check  out  after  assembly  and  little  to  mal¬ 
function  All  three  possess  this  characteristic  of  the 
solid  rocket.  However,  development  can  lead  to 
turbojets,  liquid  rockets,  and  LFRJs  which  can  be 
reliable  and  require  little  maintenance  during  their 
lifetime.  A  large  data  base  is  being  gathered  on  the 
reliability  and  maintainability  of  the  turbojet 
systems. 
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8.  CONCLUSION 

For  most  conventional  tactical  missiles  the  solid 
rocket,  by  virtue  of  its  simplicity  and  cost,  is  the  pro¬ 
pulsion  system  of  choice.  A  pulse  motor  can  extend 
the  performance  potential,  specifically  the  range,  or 
the  solid  rocket 

Airbreathing  propulsion  will  provide  the  energy  nec¬ 
essary  for  future  high  speed,  long  range  tactical  mis¬ 
siles.  For  lower  speed  systems,  turbojets  appear  to  be 
the  best  candidate  propulsion  system.  As  the  speed 
needs  increase,  ramjets  become  more  attractive  with 
the  LFRJ  providing  the  highest  performance  of  the 
ramjet  systems  In  between  these  extremes  lie  the 
capabilities  and  applicability  of  the  ATR,  SFKJ,  and 
DR. 

Turbojets  deliver  the  highest  performance  of  the  air- 
breathing  propulsion  systems  but  currently  suiter 
from  the  limitation  of  materials  and  des/gns  that  can 
withstand  the  temperatures  resulting  from  sus¬ 
tained,  high  speed  flight.  They  are  the  propulsion 
system  of  choice  for  long  duration,  moderate  speed 
(high  subsonic)  flight. 

The  I,FRJ,  which  possesses  the  capability  of  versatil¬ 
ity  for  mission  optimization  and  as  well  as  high  per¬ 
formance,  makes  it  the  first  choice  for  long  duration 
high  speed  (supersonic)  flight  over  a  wide  operating 
regime. 

The  DR  appears  best  suited  to  shorter  range  tactical 
missiles.  Such  missiles  have  smaller  airbreathing 
propulsion  systems  which  have  higher  thrust  capa¬ 
bility  (a  result  of  oxidizer,  in  its  gas  generator  fuel) 
than  a  ramjet  usually  possesses  and  which  still  are 
not  oversized  for  the  longer  duration  portion  of  the 
mission. 

The  SFRJ  performance  capability  is  between  that  at¬ 
tainable  with  an  LFRJ  and  a  DR.  SFRJs  are  more 
attractive  for  tactical  missiles  which  require  perfor¬ 
mance  near  that  of  the  LFRJ  but  not  the  versatility 
of  an  LFRJ.  The  SFRJ  can  be  the  simplest  ramjet  in 
operation  but  the  most  difficult  to  analyze  and  apply 
to  tactical  missiles.  It  must  be  designed  as  part  of  the 
system  and  must  be  designed  to  operate  over  the  to¬ 
tal  mission.  While  the  SFRJ  possesses  an  inherent 
throttle  capability,  it  is  more  for  compensation  for 
off-nominal  conditions  (the  SFRJ  rarely  operates  on- 
design).  As  with  the  solid  rocket,  the  performance 
capability  of  the  SFRJ  must  be  designed  into  the  sys¬ 
tem.  The  SFRJ  does  not  lend  itself  to  extensive  adap¬ 
tation  after  design  development. 

The  ATR  is  a  relative  newcomer  to  the  field  of  air- 
breathing  propulsion  for  high  speed  tactical  missiles, 
and,  as  such,  its  technology  base  is  the  least  mature. 
It  possesses  the  capability  of  static  thrust  and 
delivers  moderately  good  performance.  But  a  major 
disadvantage  is  its  complexity,  which  is  a  result  of  its 
marriage  to  two  systems,  the  turbojet  and  the  ramjet 
The  ATR  appears  to  have  mullimission  capability 
(static  thrust  for  acceleration  from  zero  and  for  lo.v 
speed  flight  and  durability  for  sustained  high  speed 


flight)  It  may  be  more  useful  for  larger  size  missile 
systems  that  require  higher  speed  with  moderate  ac¬ 
celeration  capability  (to  operating  speed). 

In  summary,  use' 

Turbojet  for  long  duration  moderate  speed 
flight 

LFRJ  for  the  maximum  long  duration  high 
speed  flight 

SFRJ,  DR,  ATR  for  other  missions  as  applica¬ 
ble 

Solid  rocket  for  most  conventional  tactical  mis¬ 
siles  requiring  short  range 

Above  all,  use  the  simplest  system  capable  of  per¬ 
forming  the  mission 
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j  RESUME 

]  Pour  lee  nouvelles  gdndrations  de  niiailea  devant  voler  plus  1-in  et  plus  rite,  la  propulsion  adrobie 
|  (par  turbordacteur  ou  statordacteur)  constitue  un  aoyen  de  propulsion  trds  intdressant,  aais  au  prix 
I  d'une  augmentation  de  la  coaplexitd  du  aissile,  en  particulier  avec  la  prdsence  de  prises  d'air. 


Pans  ce  contexts,  une  dtude  paraadtrique  expdriaentale  a  dtd  effectude  A  la  soufflerie  C4  du  Laboratoire 
de  Recbercbes  Balistiques  et  Adrodynaaiques  (LRBA)  afin  d' analyser  1' influence  des  prises  d'air  sur  la 
portance  et  le  centre  de  poussde  du  fuselage. 

L'objet  de  cette  coaaunication  eat  de  prdsenter  quelques  rdsultats  obtenus  au  cours  de  cette  dtude,  ainsi 
que  la  aoddlisation  qui  a  dtd  ddveloppde  A  1' ONER A  pour  dtendre  les  capacitds  du  code  MISSILE  au  cas  des 
aissiles  adrobies. 


ABSTRACT 

One  of  the  most  promising  systems  for  tbe  propulsion  of  bigb  performance  (velocity,  range)  aissiles  of 
tbe  next  generation  is  tbe  airbreathing  propulsion  concept  (turbojet  or  ramjet),  but  it  leads  to  complex 
configuration  with  air-intakes. 

That  is  why  parametric  experimental  studies  were  conducted  in  tbe  LRBA  ("Laboratoire  de  Recbercbes 
Balistiques  et  Adrodynaaiques)  C4  wind-tunnel  in  order  to  evaluate  air-intake  influence  on  body  lift  and 
center  of  pressure. 

Tbe  purpose  of  this  paper  is  to  present  some  of  tbe  results  obtained  during  this  study  as  well  as  the 
prediction  method  included  in  tbe  MISSILE  code  for  airbreathing  missiles  calculations.: 


1.  INTRODUCTION 

Bans  le  cadre  de  la  prdvision  des  coefficients  adrodynaaiques  d'un  aissile,  de  noabreuses  dtudes 
expdriaentales  ont  dtd  mendes  A  l'ONERA  pour  aboutir  A  un  code  de  calcul  dit  "MISSILE"  (figure  1). 
Jusqu'A  aaintenant,  ce  code  de  prddiction  ne  concernait  que  les  aissiles  A  fuselages  de  rdvolution  munis 
d'une  ou  deux  sdries  de  voilures.  II  utilise  des  adthodes  seai-empiriques,  simples  A  aettre  en  oeuvre  et 
trds  rapides,  basdes  sur  des  thdories  simples  ou  sur  des  banques  de  donndes  (figure  2) . 

Pour  les  nouvelles  gdndrations  de  missiles  devant  voler  plus  vite  et  plus  loin,  il  est  intdressant 
d'envisager  une  propulsion  de  type  adrobie  (turbordacteur  ou  statordacteur)  mais  au  prix  d'une 
augmentation  de  la  coaplexitd  du  aissile,  en  particulier  avec  la  prdsence  de  prises  d'air. 

Ainsi,  les  prises  d'air  qui  vont  dtre  placdes  dans  le  champ  adrodynanique  du  fuselage,  devront  fournir  le 
ddbit  ndceasaire  avec  une  efficacitd  suffisante  pendant  tout  le  vol,  quelles  que  soient  les  manoeuvres 
effectudes,  et  ces  prises  d'air  auront  dgaleaent  beaucoup  d'influence  sur  1 ' adrodynanique  externe  du 
aissile  (lj. 

Dans  ce  contexts,  et  avec  le  support  des  Services  Officiels  franqais,  une  banque  de  donndes 
expdriaentales  a  dtd  constitude  A  la  Soufflerie  C4  du  Laboratoire  de  Recbercbes  Balistiques  et 
Adrodynaaiques  (LRBA)  afin  de  quantifier  l'influence  des  prises  d'air  sur  la  portance  et  la  stabilitd  des 
missiles. 

L'objet  de  cette  coaaunication  est  de  prdsenter  quelques  rdsultati  obtenus  au  cours  de  cette  dtude,  ainsi 
que  la  aoddlisation  qui  a  dtd  entreprise  A  l'ONERA  pour  dtendre  les  capacitds  du  code  MISSILE  au  cas  des 
aissiles  adrobies. 

2.  ROTATIONS 


AX 

:  allongeaent  des  prises  d'air. 

»  (a-DJ/1 

CM 

:  coefficient  de  force  noraale 

CM. 

:  gradient  de  force  noraale 

au. 

:  coefficient  lid  A  la  portance 

tourbillonnaire 

i 
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D 

k 

Ki 

1 

M 

3 

Sref 

Splanfora 

Xcp 

a 

f> 

1 

i 


:  diandtre  du  fuselage 

:  coefficient  lid  4  la  portance  tourbillonnaire 
:  coefficient  lid  au  gradient  de  force  nornale 
:  longueur  de  la  priae  d'air 
:  noabre  de  Mach 
:  envergure  des  prises  d'air 

:  surface  de  rdfdrence,  «  sW 

4 

:  surface  en  plan  des  prises  d'air,  =.s-D)l 
:  position  du  centre  de  poussde 
:  angle  d' incidence 
:  facteur  de  coapressibilitd  =  A*-l 

:  inclinaison  des  prises  d'air/plan  horizontal  (cas  des  configurations  4  2  prises  d'air) 
:  position  en  roulis  des  configurations  4  4  prises  d'air 


Indice 

N. L.  :  relatif  4  la  portance  tourbillonnaire  (ou  terse  non  lindaire) 

3.  ETUDE  EXPKRIMKMTALE 

3.1.  Configurations  dtudides 

Le  choix  de  la  configuration  des  prises  d'air  est  un  coaproais  difficile  entre  diverses  contraintes  : 
adrodynaaiques,  opdrationnelles  et  technologigues. 

On  peut  ainsi  envisager  divers  positionneaents  de  la  prise  d'air  par  rapport  au  fuselage  : 

-  prise  d'air  frontale 

-  prise  d'air  nasale 

-  prises  d'air  latdrales 

-  ou  adae  des  prises  d'air  plus  intdgrdes  au  fuselage  coaae  sur  certains  concepts  futuristes  de  missiles 
adrobies  bypersoniques  de  trds  longue  portde.- 

Pour  cette  dtude  parandtnque  expdrinentale,  seules  des  configurations  classiques  4  prises  d'air 
latdrales  ont  dtd  considdrdes. 

Les  principaux  paraadtres  analysds  au  cours  des  essais  sont  (figure  3)  : 

-  le  type  de  prises  d'air  :  bidiaensionnelle  ou  de  rdvolution  ; 

-  leur  noabre  :  2,  3  ou  4  ; 

-  leur  inclinaison  par  rapport  au  plan  horizontal  dans  le  cas  des  configurations  4  deux  prises  d'air  : 
j  =  0,  22,5°  ou  45”  ; 

-  leur  longueur  :  5  ou  9  calibres 

-  leur  envergure  :  s/D  -  1,68  4  2,44,  ce  qui  correspond  4  des  taux  de  aotonsation  Al/Sref  de  0,30  4 
0,60. 

3.2.  Movens  exndnaentaux 

Coapte  tenu  du  caractdre  paraadtrique  de  cette  dtude  expdnaentale,  les  essais  ont  dtd  effectuds  dans  une 
soufflerie  de  recherche  du  LABA  (Soufflerie  C4)  dont  les  diaensions  de  la  veine  d'expdrience  sont  0,4a  x 

O, 4a. 

Les  conditions  d'essais  retenues  ont  perais  de  couvrir  une  large  ff  acne  de  noabres  de  Mach  (0,7  4  4,3)  et 
d'incidences  (juaqu'4  15°)  .- 


La  aaquette,  de  diaadtre  22  aa,  est  constitude  d'un  fuselage  avec  ogive  parabolique  pointue,  sur  lequel 
viennent  se  aonter  les  diffdrentes  configurations  de  prises  d'air  (figure  4). 
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Lis  sesures  if fictuiis  1  1'iide  d'une  balance  dynasosdtrique  aont  relatives  aux  coefficients 

adrodynasiques  globaux  et  plus  particulidreaent  i  la  portanee  et  la  stabilitd. 

A  jartir  de  la  banque  de  donates  expdrinentales  constitute  i  1‘issue  des  essais,  une  noddlisation  dee 
diffdrents  coefficients  adrodynasiques  (portanee  et  stabilitd)  a  dtd  entreprise. 

C'est  sur  la  base  de  cette  noddlisation  que  vont  dtre  prdsentds  les  rdsultats,  ce  qui  a  1 ' avantaqe 
d'offrir  une  vue  synthdtique  de  l'influence  das  diffdrents  parandtres  considdrds,  et  d'dviter  au  leeteur 
d'dtre  subnergd  par  un  trop  grand  nonbre  de  courbes  de  rdsultats  expdrinentaux. 

4.1.  Principe  de  la  noddlisation 

Les  ndthodes  de  prddiction  des  coefficients  adrodynasiques  des  nissiles  reposent  gdndralenent  sur  une 
ddconposition  par  dldnents  :  fuselage,  ailes,  gouvernes. . 

Ainsi,  pour  un  ensenble  fuselage  +  prises  d'air,  on  peut  ausai  dissocier  les  effete  des  prises  d'air  du 
fuselage,  soit  : 


Cm  =  Cm  -  Cm 

f.a.  f«s  +pa  Sis 


(1) 


I 


Xcp 

P.  A. 


(Cl.  Xcp) 


-  (Cl  Xcp) 

PA  fll 


Cm 


(2) 


Les  coefficients  adrodynaniques  aasocids  aux  prises  d'air  (en  prdsence  du  fuselage)  sont  alors  aoddlisds 
par  analogic  avec  ceux  d'un  fuselage,  suivant  une  expression  conposde  d'un  terne  "iindaire"  auquel  on 
ajoute  un  terne  non  Iindaire  soit  : 

Cm (a)  =  Cm  sin  2a  +■  Citt«  Sip" a  S  plenforn  (3) 

2  Sref 

De  ndne  le  coefficient  de  nonent  de  tangage  peut  dtre  calculd  en  associant  aux  deux  ternes  de  portanee 
prdcitds  un  centre  de  poussde  au  yoisinage  de  1' incidence  nulle  (Xcp)  mo  et  un  centre  de  poussde  relatif 
aux  efforts  non  lindaires  (Xcp)i.i.. 

4.2.  Gradient  de  force  normals  et  centre  de  poussde  1 

La  prise  d'air  constitue  un  dldnent  portant  de  faible  allongenent  dont  la  variation  du  gradient  de  force 
nornale  en  fonction  de  l'envergure  se  conporte  coaae  celle  relative  A  une  uile  since  de  faible 
allongenent  (figure  5) . 

On  note  cependant,  qui  envergure  denude,  une  prise  d'air  a  un  gradient  de  force  nornale  beaucoup  plus 
dlevd  qu'une  aile  since,  effet  dd  i  l'dpaisseur  trds  isportaste  de  la  prise  d'air. 

A  partir  de  l'analyse  de  l'ensenble  des  rdsultats  expdriaentaux,  on  sontre  que  la  loi  devolution  du  CKs 
en  fonction  de  l'envergure  est  de  la  forse  : 

CM.  =  Xi  [(s/D  -  l)cos  qj  (4) 

od 

-  (s/D  -  1)  cos  %  reprdsente  l'envergure  effective  de  la  prise  d'air,  en  projection  sur  le  plan 
horizontal, 

-  et  Ki  traduit  l'effet  du  type  de  prise  d'air  et  du  nonbre  de  Mach  (figure  6). 

A  ce  propos,  on  resarque  que  e'est  la  configuration  A  2  prises  d'air  bidisensionnelles  qui  donne  le  plus 
fort  gradient  de  force  nornale.  II  est  en  particulier  plus  dlevd  que  pour  4  prises  d'air,  ce  qui  est 
asset  dtonnant.  Far  contre  les  prises  d'air  de  rdvolution  apportent  un  peu  noins  de  portanee,  ce  qui  est 
plus  prdvisible  coapte  tenu  de  leur  forme. 

Quand  le  nosbre  de  Mach  croit,  ou  quand  la  longueur  de  la  prise  d'air  disinue,  la  portanee  disinue,  et  on 
observe  qu'i  l'extrdsitd  du  dosaine  explord,  qui  correspond  aux  grands  nosbres  de  Mach,  le  gradient  de 
force  norsale  est  pratiquesent  inddpendant  du  type  de  prise  d'air. 

La  position  du  centre  de  poussde  au  voisinage  de  1' incidence  nulle  ddpend  assez  peu  du  type  de  prise 
d'air,  et  est  situde  trds  prds  de  l'origine  de  celles-ci,  ce  qui  est  conforse  i  la  tbdorie  des  ailes 
droites  trds  dlancdes,  figure  7  . 

Quand  le  nosbre  de  Kach  augsente,  on  s'ecarte  dvidessent  de  cette  tbdorie,  et  le  centre  de  poussde  recule 
jusqu'i  environ  30  i  40%  de  la  longueur  de  la  prise  d'air.. 


w 
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4.3.  Fortunes  tourbillonnaire 


A  partir  des  rdsultats  expdrinentaux,  il  aat  possible  de  calculer  la  port an'"?  tourbillonnaire 
(contribution  non  lindaire  A  la  portance  globale)  A  partir  de  la  relation  (3),  et  d.  coefficient  CN. 
dAteraind  prAcddeament  soit  : 


Ck  =  Ck  (a)  -  Ck. 

N.L. 

expArience 


sin  2a 
2 


On  suppose  olors  que  cette  portance  tourbilloanaire  Avolue  en  fonction  de  l'incid'-tce  selon  une  loi  de  la 
forae  : 


Ck  =  Ck..  sin  *«  S  planforn  (5) 

N.L.  Sref 

ce  qui  est  asset  bien  vdrifid  expArinentaleient  (figure  8). 

Ensuite,  ea  effectuant  un  lissage  des  points  expdrinentaux  par  une  nAthode  des  aoindres  carrAs,  on  -.n 
dAduit  les  coefficients  CR««  et  A  de  la  relation  (5) . 

Le  coefficient  A,  qui  traduit  le  degrA  de  non-linAaritA  des  courbes  de  portance,  dApend  essentielleaent 
de  la  configuration  de  prise  d'air  et  asset  peu  du  nonbre  de  Mach  (figure  9).  Sa  valeur  est  coaprise 
entre  1,5  et  2,5,  ce  qui  est  asset  proche  de  la  valeur  donnAe  par  la  thAorie  de  l'Acouleaent  transversal 
pour  un  fuselage  de  section  circulaire  (A  »  2) . 

L'intensitA  de  la  portance  tourbillonnaire,  quantifiAe  ici  par  le  coefficient  CN„.  ,  dApend  peu  du  type  de 
prise  d'air  ou  de  leur  nonbre  (figures  10  et  11).  Par  contre,  elle  peut  passer  d'un  rapport  de  1  A  10 
suivant  le  noabre  de  Mach  ou  1‘allongeaent  de  la  prise  d'air. 

D'aprAa  la  base  de  donnAes  Atablie  ici,  le  coefficient  CN««  est  une  fonction  du  produit  (3.AR,  et  on 
constate,  coaae  pour  une  aile  de  faible  allongeaent,  que  la  portance  tourbillonnaire  diainue  quand  le 
noabre  de  Mach  augaente. 

Par  ailleurs,  pour  les  configurations  A  quatre  prises  d'air,  la  position  en  roulis  2  =  45°  est  la  plus 
ddfavorable.  Cet  effet  peut  Atre  attribuA  aux  deux  prises  d'air  d'extrados  qui  ddtruisent  la  portance 
tourbillonnaire  propre  au  fuselage. 

Le  centre  de  pousjAe  associd  A  cette  portance  tourbillonnaire  est  situA,  en  moyenne,  un  peu  plus  en 
arridre  que  le  centre  de  surface  de  la  prise  d'air  (50%  1),  et  varie  dans  une  plage  assez  inportante  (de 
40%  A  100%1)  suivant  la  configuration  de  prise  d'air  et  le  noabre  de  Macb  (figures  12  et  13). 

4.4.  Application  de  la  nAthode  de  prddiction 

La  contribution  des  prises  d'air  A  la  portance  et  au  noaent  de  tangage  du  fuselage  a  done  AtA  quantifiAe 
au  cours  de  cette  Atude  paraadtrique,  pour  une  large  ganae  de  noabres  de  Mach,  et  pour  une  grande 
diversitd  de  configurations. 

L'analyse  de  la  banque  de  donnAes  a  perais  de  aettre  au  point  une  aodAlisation  simple,  directenent 
utilisable  dans  un  code  de  prddiction,  coaae  celui  dAveloppA  A  l'ONERA,  le  code  "MISSILE”. 

La  figure  14  aontre  un  exeaple  de  prAdictions  du  coefficient  de  force  nornale  et  de  la  position  du  centre 
de  poussAe.  La  prAcfsion  obtenue  par  ce  type  de  r.Athode  est  satisfaisante  sur  toute  la  plage  d' incidence. 

II  faut  cependant  souligner  que  les  prises  d'air  considArAes  ici  sont  de  section  constante  jusqu’au  culot 
du  fuselage,  alors  que  dans  la  rAalitA  celles-ci  se  terainent  gAnAraleaent  par  des  rdtreints,  afin  de 
ainiaiser  la  trainAe  du  aissile.  L'influence  de  ces  rdtreints  reste  cependant  trAs  aodArde  coaae  cela 
avait  AtA  aontrA  dans  la  rdfdrence  [1],  figure  15,  et  les  rAsultats  prdsentds  ici  peuvent  Atre  utilisds 
pour  des  applications  industrielles  avec  une  bonne  prdcision. 

5.  PERSPECTIVES 

Four  assurer  le  pilotage  d'un  aissile,  il  faut  Avideaaent  disposer  de  surfaces  de  contrAle,  dites 
gouvernes,  qui  pour  un  aissile  adrobie  sont  placAes  A  1' arridre.  Plus  prdcisAaent,  elles  seront  aontAes 
sur  les  carAnages  prolongeant  lei  prises  d'air,  qui  sont  trds  utiles  pour  loger  les  dispositifs  de 
coaaande  des  gouvernes. 

Une  difficultA  apparait  alors  pour  estiaer  les  portances  et  efficacitds  de  ces  gouvernes,  qui  sont 
placAes  sur  un  fuselage  de  section  non-circulaire. 

Sans  la  rAfArence  [1],  deux  adthodes  avaient  AtA  prdsentdes  pour  calculer  les  interactions  fuselage- 
prises  d'air-gouvernes  aux  faibles  incidences  (figure  16). 

La  preaidre  repose  sur  la  thAorie  des  corps  AlancAs,  appliqude  A  une  aile  aontAe  sur  un  fuselage  de 
diaadtre  fictif  Agal  A  l'envergure  des  prises  d'air. 


La  deuxidae  adthodu  qui  peut  Atre  envisagde,  consiste  A  fair*  correspond™  A  la  section  rdelle  du  j 
fuselage,  une  section  circulaire,  A  l'aide  d'une  transforaaticn  conforae.  Il  est  alors  possible  de  -j 
calculer  les  incidences  locales  au  niveau  de  la  gouverne,  et  done  le  coefficient  d'interaction  du  i 
fuselage  sur  l'aile.  J 


1 
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Cette  deuxitae  etthode,  beaucoup  plus  lourde,  est  cependaat  tris  utile  pour  des  architectures  de  prises 
d'air  et  gouvernes  tris  complexes. 

On  exeaple  duplication  de  1*  preiitre  aithode  est  donnd  figure  17,  oil  on  observe  que  l'accord  calcul- 
expdrience  est  trds  satisfaisant,  en  particulier  en  supersonique. 

En  incidence,  ce  type  d'analogie  entre  un  fuselage  auni  de  prises  d'air  et  un  fuselage  circulaire  n|est 
plus  possible,  coapte  tenu  du  systdae  tourbillonnaire  trds  coaplexe  gdndrd  par  l'ogive  et  les  prises 
d'air  (figure  18). 

C'est  pourquoi  une  nouvelle  base  de  donndea  a  dtd  constitute  au  LRBA  afin  de  aesurer  la  portance  de 
voilures  aontdes  sur  un  enseable  fuselage  +  prises  d'air. 

t,es  rdsultats  ne  sont  pas  encore  totalesent  exploitds,  et  feront  l'objet  d'une  prochaine  coaaunication. 
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PROGRAMME  MISSILE 

CN-CY-a-Cm-Cn(Cmq-ap> 

Gfcom4tri«  •  fuselage  de  revolution 

1  ou  2  series  de  voilures  audformes 
prises  d'air  latirales  (en  cours) 

M*tbod«s  •  bases  d#  donn4ts 

theories  senples 
concept  <f  incidence  fcjiinlente 
Conditions  de  vol  nombre  de  MACH  =  0  k  4,0 

incidence  e  0  i  40* 
roufis :  quelconque 

braqutges  de  gouvernes :  quelconques 

Figure  1  :  CaractSristiques  du  code  "MISSILZ"  de  l1 ONERA 


FUSELAGE  SEUL  0.4  <  M  <  3,75  (  — >  10  > 
ONERA 


AILES  ISOLEES  0.4  <  M  <  3,7S  _ Q 

ONERA  ^ - -  - 

‘ 

FUSELAGE  +  PRISES  D'AIR  +  GOUVERNES 

__ - ^ Q  LRBA  0.7  <  M  <  4.3 

a - a 

FUSELAGE  +  1  OU  2  SERIES  DE  VOILURES 
ONERA  0.7  <  M  <  3.75  (  — >  10  I 


figure  2  :  Bases  de  donates  utilistes  dans  "MISSILE" 


/ 


PRISES  D'AIR  AXISYMETRIQUES  PRISES  D’AIR  BlOIMENSIONNELlES 


•  /Dal. 8  —  2  44 

■0Oe' 


figure  3 


t/o»i.e»  -»  ».ao 

O  £k 


Configurations  dtudides 


figure  4  :  Kaquette  dans  Xa  soufflerie  C4  du  LRB* 


figure  5 


Conparaison  prises  d'air-ailes  nageoires 


CN  =  CNca  sin1*. 

Nl-  S«t 


figure  9  :  Degrd  de  non-lindaritd  de  la  portance  tourbillonnaire 


CH  =  CNo,a  tin V  Swanfe™. 

H'1'  Sw 


2  P.A.  BtDIMENSIONNELLES 


cw*fc 


A  P. A.  BIDIMENSION NEU-ES 


Figure  10 


Intensity  de  1*  portance  tourbillonnaire  {prises  d’air  bidi*ensionneller) 


CN  =  CNwn  »ln,10i  -§-p!«",°'-fn 
NL  **  Sr* 


Figure  11  :  Intensity  de  la  portance  tourbillonnaire  (priaea  d'air  axiayn^triguea) 
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CNnl— 


Figure  12  :  Position  du  centre  de  pouss6e  des  efforts  tourbillonnaires  (prises  d'air 

bidiaensionnelles) 


CN  - ►  (  Xcp/^  ) 

H.L.  N.L 


Figure  13  :  Position  du  centre  de  poussde  des  efforts  tourbillonnaires  (prises  d'air  axisyadtriques) 


FUSELAGE  +  4  PRISES  D'AIR  BIDIMENSIONNELLES 


Figure  14  : 


Conparaison  code  "MISSILE"  -  experience 
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Figure  15  :  Influence  dee  rdtreints 


<Xx  O' 

METHODE  1 :  METHODE  2  : 


Figure  16  :  Principe  de  calcul  des  interactions  fuselage/prises  d'air  -  gouvernes 


<r. _ _c:_ii_ lz 

Acn«  "  ^ 


Figure  IS 


Visualisation  au  tunnel  hydrodynanique  de  l'dcouleaent  tourbillonnaire  sur  un  ensemble 
fuselage  +  prises  d'air. 
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COMPUTATION  OF  AXISYMMETRIC  BASE  FLOW 
WITH  DIFFERENT  TURBULENCE  MODELS 

by 

F.  MAGAGNATO 

Aerodynamics  Department,  BF  30 
Dornler  Luftfahrt  GmbH, 
Postfach  1303 
0-7990  Frledrlchshafen  1 
Federal  Republik  of  Germany 


Summary 

The  flow  past  axisymmetrical  missile  after¬ 
bodies  with  base  is  calculated  using  a  fini¬ 
te-volume  technique.  The  compressible 
Reynolds-averaged  Navier-Stokes  equations  are 
solved  with  different  turbulence  models  for 
the  approximation  of  the  Reynol ds-stresses . 
Two  algebraic  eddy-viscosity  models,  which 
have  been  adjusted  for  the  use  in  free  shear- 
layers,.  as  well  as  the  well  known  K-e  low- 
Reynolds-number  turbulence  model  are  used. 
Calculations  were  done  on  a  conical  afterbody 
with  and  without  a  centred  propulsive  jet. 
The  results  are  found  in  good  agreement  with 
the  experiments  although  some  discrepancies 
occur  in  critical  flow  regions. 

The  algebraic  turbulence  models  have  been 
extended  to  allow  a  meaningful  application  in 
those  regions  where  the  performance  formerly 
has  been  poor. 


1 .  Introduction 

The  compressible  Reynolds-averaged  Navier- 
Stokes-equations  are  solved  with  a  finite- 
volume  approach  using  a  Runge-Kutta-type 
integration  in  time.  The  code  is  block-struc¬ 
tured  and  uses  the  multigrid  strategy  to 
speed  up  convergence. 


2.  Governing  Equations 

In  order  to  deal  with  turbulent  flow  situa¬ 
tions  with  large  separated  regions  only  the 
Reynolds-  averaged  Navier-Stokes  equations 
seems  to  be  appropriate  to  predict  this  pro¬ 
perly.  The  compressible,  time-dependent 
Navier-Stokes-equations  in  integral  form  can 
be  written  as:- 

For  mass  conservation. 


Iff  r7  d V  *  ff  pv -n  dS  ■=  0 
v  at  s 


For  momentum  conservation. 


IS!  — r -  dV  +  ff  pv ( v-n ) dS  +  Jf  pn  dS  - 

V  3t  S  S 

ff  n-T  dS  *  0  (II. 1)' 

S 

For  energy  conservation:- 

Iff  3~E)  dv  +  ff  p E C v-n ) d S  *  ff  p(vwi)ds  - 

V  3t  S  S 

ff  v(n-T)dS  +  JJ  nq  dS  =  0 
S  S 


For  the  approximation  of  the  Reynolds-stres- 
ses  three  different  eddy-viscosity  turbulence 
models  were  considered  in  the  code,  firstly 
the  Baldwin/Lomax  model  Cl]  which  is  an  alge¬ 
braic  eddy-viscosity  model  based  on  the  as¬ 
sumption  that  the  turbulence  is  in  local 
equi 1 ibrium.  It  is  a  modification  of  the 
Cebeci/Smith  model  £23  which  was  derived  for 
boundary-layer  flows.  It  relates  the  eddy 
viscosity  to  the  mean  flow  by  algebraic  ex¬ 
pressions  distinguishing  between  an  Inner  and 
an  outer  layer. 

The  recently  proposed  algebraic  turbulence 
model  from  Martinel 1 i /Yakhot  [33  was  investi¬ 
gated  in  the  code  due  to  Its  analytically 
derived  parameters  from  the  Renormalisation 
Group  Theory. 


This  is  a  system  of  hyperbolic  equations  with 
respect  to  time  where  E  represents  the  total 
specific  energy  (summation  of  inner  and  kine¬ 
tic  energy)  and  q  being  the  energy  flux  vec¬ 
tor. 

It  is  assumed  that  the  energy  flux  vector 
expresses  only  molecular  energy  transport 
which  can  be  described  by  Fourier's  law. 

q  =  -k  grad  T 

There  k  is  the  thermal  conductivity  which  is 
determined  on  the  assumption  of  constant 
Prandtl  number  according  to: 

Pr  .  ££Ji 


Additionally  to  the  algebraic  models  a  K-e 
two-equation  model  was  considered. 

The  low-Reynol ds-number  version  proposed  by 
Lam/Bremhorst  £43  was  chosen  which  needs  no 
wall  functions  to  account  for  the  wall  proxi¬ 
mity  effects. 


T  in  equation  (II. 1)  is  the  "viscous  stress 
tensor"  which  is  described  later  on. 

For  an  ideal  gas  the  total  specific  energy 
writes: 


Calculations  were  performed  on  a  conical 
afterbody  with  and  without  a  centred  propul¬ 
sive  jet.  In  addition  to  these  testcases 
three  turbulence  models  on  an  afterbody  with 
solid  plume  simulator  were  compared. 


E  -  e  +  p 12  v'  =  p/(x-l)  +  p/2  v’ 


and  the  total  specific  enthalpy: 


pH  *  E  +  p 


24-2 


1 


Here  e  represents  the  inner  energy,  H  is  the 
total  enthalpy  and  x  stands  for  the  ratio  of 
the  specific  heats.  In  the  numerical  method 
the  total  energy  is  normalised  by  the  free- 
stream  total  enthalpy: 


For  the  inner  layer  they  assumed :• 

»  Pt  *  Pl’lwl  (III. 2) 

with 


£  *  e  *  PH„ 

This  special  treatment  results  in  a  subtrac¬ 
tion  of  the  continuity  equation  multiplied  by 
the  total  enthalpy  H0  from  the  energy  equa¬ 
tion.  later  on  the  left  hand  side  E  of  the 
above  equation  is  called  E. 


For  Newton-type  fluids  the_  assumption  is 
made,  that  the  stress  tensor  T  (II. 2)  is  con¬ 
tinual  varying  with  the  deformation  velocity 
tensor  0  (Stokes  hypothesis)'. 

T  =  2pD  -  |  p  7  •  (v  E)  (II. 2) 


The  deformation  velocity  tensor  0  is  given  by 


ux  l/2(uy+vx)  l/2(uz+wx) 

0  *  l/2(Uy+VX)  Vy  l/2(Vy+Wy) 

l/2(u2*wx)  l/2(vz+Wy)  w2 

p  being  the_tota!  viscosity  (laminar  +  turbu¬ 
lent)  and  E  being  the  unit-tensor,  further¬ 
more  the  dependency  of  the  laminar  viscosity 
P)  from  the  pressure  is  neglected  so  that  the 
Sutherland  formulation  can  be  used. 


Pi 


c  vr 


with  c  and  d  being  fluid  specific  constants 
which  for  air  are  given  by:- 

c  »  1.46  10"  Cl/  K) 

d  =  112  DC) 


3 .  Turbulence  Model  1 ing 

Since  full  direct  simulation  of  the  turbulent 
structure  for  large  Reynol ds-number  is  not 
feasible  today  with  the  available  super  com¬ 
puters.  The  turbulence  effects  have  to  be 
modelled  by  physical  models.  The  task  for 
turbulence  modelling  is  to  calculate  the  tur¬ 
bulent  stresses  appearing  in  the  Reynolds- 
averaged  equations.  The  simplest  approach 
follows  the  eddy-viscosity  concept  according 
to  Boussinesq  €53 .  This  concept  relates  the 
turbulent  stresses  by  a  single  scalar  parame¬ 
ter  pt  multiplied  with  the  rate  of  strain 
tensor  in  the  mean  flow. 

-  p  vjvj  -  pt  0ij  (III.l) 

Pe  Baldwin/lomax  and  the  Marti nel  1  i /Yakhot 
model  calculate  the  eddy-viscosity  pt  alge¬ 
braically  from  mean  flow  quantities  whereas 
the  K-e-type  models  employs  two  differential 
equations  for  calculating  the  eddy-viscosi¬ 
ty. 


8 a T dwi n/Lomax  introduced  a  two  layer  concept 
based  on  the  idea  of  Cebeci/Smith  deviding 
the  flow  into  an  inner  and  an  outer  layer. 


1  *  ky Cl  -  e"y*/A*] 


y  *  normal  distance  from  the  wall 

-VPwTw1  y 
y  >  2 - 


1  u  I 


Vr 


ay 


— > 
ax 


with  the  constants  k  *  0.4  and  A’  »  26  ac¬ 
cording  to  van  Driest. 


For  the  outer  layer:- 


Pt  *  kCcppfwakefkleb(y)-  (III. 3) 


with 


rwake 


ymaxFit 


^wkymaxP3i  f f 


where  ymax  ar.d  F_ax  are  determined  by  the 
maximum  of  the  following  function.. 


F (y )  «  ylwl Cl  -  e"y*/A’] 


This  function  generates  for  boundary  layer 
flows  a  pronounced  maximum.  The  normal  dis¬ 
tance  to  this  point  (ymax>  replaces  the  dis¬ 
placement  thickness  in  4:he  formulation  of 
Cebeci/Smith.  The  Klebanoff-factor  is  given 
by:- 


FklebFy> 


1 


Cl  *  5 . 5 ( 


ckleby 

ymax 


>•) 


and  is  the  maximum  of  the  velocity  in 
the  wall  layer.  The  other  constants  are  given 
below: 


K  =  0.016B  (Klauser) 

Ccp  *  1.6  ,  Cwk  -  0.25  C,.leb  =  0.3 

The  switching  between  the  inner  and  the  outer 
model  is  performed  where  for  the  first  time 
the  values  of  p  became  equal. 


The  algebraic  turbulence  model  of  Martinelli/ 
Yakhot  is  based  on  the  Renormalization  Group 
Theory  C 6 3 .  Although  free  from  uncertainties 
related  to  the  determination  of  modelling 
constants,  they  still  require  the  specifica¬ 
tion  of  a  length-scale  which  leads  to  a 
restriction  in  the  generality  of  the  model. 
The  eddy-viscosity  is  obtained  from  the  fol¬ 
lowing  relation. 

M  »  |1)  Cl.  +  H  (-2-  e  Af*  -  C,)3 1/3  cm .43 

where  H(x)  is  the  Heaviside  function  defined 
by  H(x)  =  x  for  x  a  0  and  H(x)  *  0  otherwise, 
Af  the  wave  vector  corresponding  to  the  inte¬ 
gral  scale  of  the  turbulence  in  the  inertial 
range,  and  M  *  P]  +  pt  is  the  total  viscosity 
(laminar  plus  turbulent).  The  constants 
a  =  .120  and  Cc  =  75  were  derived  in  €63.  The 
mean  dissipation  rate  e  and  the  wave  vector 
Af  must  be  determined  before  using  equation 
(III. 4)  to  compute  the  eddy-viscosity. 
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The  integral  scale  of  turbulence  Lf  *  n  Ai*. 
corresponding  to  the  top  of  the  inertial 
range,  is  postulate  to  be  proportional  to  the 
distance  from  the  wall  y  (Lf  “  x  y,  where  x 
is  the  Von  Harman  constant). 

In  the  outer  region,  it  is  plausible  to  take 
the  integral  scale  in  the  order  of  the  bound¬ 
ary  layer  thickness  A.-  following  the  idea  of 
Stock/Haase  C7 3  the  boundary  layer  thickness 
A  is  determined  by 

*  =  1-548  ymax 

where  ymax  is  the  wall  distance  where  the 
function 


F(y)  -  ylwl  Cl  -  e~y’/A'] 
has  its  maximum. 


With  this  assumption  equation  (III. 4)  can  be 
cast  in  the  rollowing  form: 

p  -  pi  Cl  .♦«(-—  e  (—  +  i-)'‘-C<.)l1/3  CIII. 5) 
i  M}  y  Ti  c 

where  a  «  .0192  or  a  »  .0256,  depending 
whether  the  Von  Karman  constant  is  taken  to 
be  equal  to  the  value  predicted  by  the  RNG 
theory  (k  *  .372)  or  to  the  standard  value 
(c  ‘  .4).  The  value  of  the  parameter 
1  *  0.225  has  been  chosen  in  order  to  recover 
the  constant  predicted  by  the  RNG-theory  for 
the  outer  part  of  the  boundary  layer.  More 
precisely  the  value  of  y  has  been  chosen  in 
such  a  way  that  ya^/'A  -  .084  A  as  y  -  A. 
Also  equilibrium  (Production  -  Dissipation) 
is  assumed  from  which  follows: 

3u,  3uj  2  3Uj,  3u, 

*  ■  +  •  7  aU 

The  turbulent  eddy-viscosity  pt  is  then  ob¬ 
tained  by  solving  the  cubic  equation  (III. 5) 
at  every  point  in  the  computational  domain. 


The  K-e  model  of  lam/8remhorst  can  be  written 
as:- 

3  (pk)  3  3k 

♦  -  (pu,k  -  yk  __)  =  p,.  -  p€ 


3Xi 


3t 

3  (pe ) 
3t 


c,f,e  „  c.f.e'p 
k 


3x 


3  3e 

(Pd,f  -  Me 


k 

Mt  .  3u  3u  3v 

—  ♦  t  ( —  +  — ) 

M  3x  xy  3y  3x 


(III. 6) 
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4 .  Results 

Three  testcases  have  been  investigated.  Two 
of  them  are  axisymmetrical  bodies  with  a 
conical  boattai  1  and  the  third  case  is  an 
afterbody  with  solid  plume  simulator. 

The  first  testcase  was  measured  at  the  ISL 
[81  with  a  freestream  Hachnumber  of  Ha  ■  0.35 
without  jet.  The  second  testcase  was  measured 
at  the  0NERA  C9]  with  a  freestream  Hachnumber 
of  Ha  »  0.85  and  a  jet  Hachnumber  of 
P4j  1  2-9.  The  ratio  of  the  static  pressure 
of  the  jet  to  the  freestream  pressure  was 
1.16. 

figure  1  shows  the  shape  of  the  afterbody  and 
the  computational  mesh  used  in  the  calcula¬ 
tion.  The  mesh  consists  of  approximately 
4000  points. 

In  order  to  use  the  simple  algebraic  models 
on  block-structured  grids,  we  were  faced  with 
the  problem  of  how  to  calculate  the  turbulent 
stresses  in  those  blocks  which  do  not  have  a 
boundary-layer  type  flow  as  for  example  in 
the  wake  of  blunt  bodies.  Secause  the  alge¬ 
braic  models  calculate  the  characteristic 
length  and  velocity  scale  based  on  the  normal 
uistance  to  the  wall,  this  is  not  appropriate 
for  those  blocks  considered  here.  Therefore 
empirical  distribution  laws  were  considered 
as  a  possibility  to  describe  the  turbulence 
transport  into  these  blocks.  Because  the  pro¬ 
duction  of  turbulence  energy  in  local  equili¬ 
brium  flows  correlates  with  the  vorticity 
this  was  taken  as  a  weighting  function  to 
distribute  the  eddy-viscosity  in  that  area, 
according  to 

lul  „ 

Vi  =  %  V  (lv-i> 

where  pt  is  The  max.  eddy-viscosity  along 
the  upstream  block  face  and  luvl  the  local 
vorticity  at  that  point,  a  is  determined  by 
numerical  experiments  as  a  *  0,2.  In  addition 
to  the  weighting  the  eddy-vi scosi  ty  is 
smoothed  by  an  exponential  damping  factor  in 
order  to  ensure  steadiness  on  the  block 
faces . 


Ax, 

l*t  ’  M{  -  -  Ut.)  exp(-  — — ) 

J  Axmax 

where  pt  is  the  eddy-vi scos i ty  on  the  up¬ 
stream  bl ockface  at  the  same  j-station  as  pi 
calculated  with  (IV. 1).  And  Ax,  is  the  normal 
distance  from  the  location  of  pi  to  the  loca¬ 
tion  of  pt  And  lastly  Axraax  is  the  length 
of  the  block  in  streamwise  direction. 
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A  typical  result  of  this  highly  empirical 
procedure  is  shown  in  figure  2. 

The  velocity  vector  field  in  the  wake  of 
testcase  1  is  shown  on  figure  3.  The  calcu¬ 
lated  f'ow  field  is  qualitatively  the  same  as 
in  the  experiment  conducted  by  Borner  [83. 
Although  the  center  of  the  vortex  is  not  on 
the  same  point  the  centerline  velocity  dis¬ 
tribution  for  this  testcase  is  in  surprising¬ 
ly  good  agreement  with  the  experiment  for 
this  simple  empirical  approximation.  No  dif¬ 
ferences  between  both  turbulence  models  (fig¬ 
ure  4)  are  found  in  predicting  the  centerline 
velocity  distribution. 

Figure  5  shows  the  pressure  distribution  at 
the  base  for  both  models.  Only  two  points 
were  measured  by  Berner  indicating  a  constant 
value  of  the  pressure.  This  behavior  is  re¬ 
presented  very  well  by  the  calculation. 

The  next  calculation  was  performed  for  an 
afterbody  with  centred  jet.  The  freestream 
Machnumber  was  Ha  *  0.85  and  the  Reynolds- 
number  12.5  million  per  meter.  The  static 
pressure  ratio  of  the  jet  was  1.16  and  the 
jet  Machnumber  2.9.  A  typical  velocity  vector 
field  for  this  testcase  is  shown  on  figure  6. 
The  velocity  vector  field  at  the  base  shews 
no  large  discrepancies  between  both  algebraic 
models,  so  only  one  flow  field  is  presented 
here.  The  length  of  the  separation  bubble  (s) 
Is  correctly  predicted  by  the  calculation 
(figure  7)  but  the  predicted  reattachment 
point  ( R c )  differs  slightly  from  the  experi¬ 
ment  (Re). 


A  very  good  pressure  distribution  is  found  in 
applying  the  Baldwin/Lomax  model,  whereas  the 
Marti nell 1/Yakhot  model  fails  to  predict  the 
pressure  on  the  conical  part  of  the  body  ac¬ 
curately  (figure  8).  This  is  due  to  the  over¬ 
prediction  of  the  turbulent  shear  stress  in 
the  advfrse  pressure  region.  Consequently  the 
pressure  at  the  base  is  also  overpredicted  by 
the  M,.rtinel  I  i /Yakhot  model.  Comparing  the 
pressur'  level  at  the  base  with  the  ONERA- 
experiment  (fig.  9)  a  good  agreement  is  found 
for  the  Baldwin/Lomax  model.  At  the  nozzle 
lip  the  pressure  distribution  shows  a  large 
peak.  It  is  not  clear  if  this  peak  is  physi¬ 
cal  in  nature  or  caused  by  the  poor  mesh 
resolution  in  that  region. 

Figures  10  and  11  show  the  turbulent  shear 
stress  u'v1  at  different  stations  at  the 
wake.  The  stress  very  near  the  base  at 
x/0  =>  0.2  is  well  represented  by  the  empiri¬ 
cal  approach  described  below  but  deviates 
more  and  more  for  stations  downstream  of  the 
wake,  e.g.  at  x/0  =  0.4.  Unfortunately  no 
experimental  data  are  available  inside  the 
jet. 


A  mesh  used  previously  is  shown  in  fig.  9. 
This  c-type  mesh  had  to  be  used  before  the 
blockstructured  code  became  available.  Obvi¬ 
ously  this  mesh  is  highly  sheared  at  the 
boattail  corner.  This  seems  to  Introduce  very 
large  discretisation  errors  in  that  region 
making  the  results  on  that  mesh  questionable. 
However  this  flow  field  was  also  calculated 
with  the  K-e  model.  The  velocity  vector  field 
at  the  base  shows  a  totally  different  flow 
field  compared  to  the  previously  shown 
figures.  One  can  recognize  that  the  flow 
separates  on  the  boattail  and  consequently 
the  center  of  the  primary  separation  bubble 
is  displaced  in  radial  direction  (figure  13). 
The  secondary  vortices  at  the  nozzle  lip 
could  have  been  produced  by  the  quasi-laminar 
flow  in  that  region.  This  quasi-laminar  flow 
was  due  to  the  fact  that  a  laminar  K  and  e 
profile  was  given  in  the  jet  exit  plane  (no 
experimental  data  were  given  there). 


Figure  14  shows  the  pressure  distribution 
along  the  afterbody  for  the  K-e  model  and  a 
calculation  conducted  by  Wagner  C 1 03  with  a 
different  computational  scheme.  In  [101  a 
HcCormack  predictor-corrector  scheme  with  the 
Baldwin/Lomax  model  was  used. 

The  pressure  distribution  of  the  K-e  model 
fail  to  predict  the  pressure  on  the  boattail 
and  causes  the  flow  to  separate  on  the  boat- 
tail. 

Although  the  mesh  used  by  Wagner  was  very 
coarse,  the  agreement  with  the  experiment  was 
acceptable. 

The  pressure  distribution  at  the  base  for  the 
Baldwin/Lomax  model,  the  K-e  model  and  a 
laminar  calculation  are  shown  in  figure  15. 
Here  the  Baldwin/Lomax  model  exhibits  the 
best  agreement  with  the  experiment.  The  K-e 
model  and  the  laminar  calculation  shows  the 
same  trend.  So  this  underlines  that  the  flow 
in  the  region  of  the  nozzle  lip  is  quasi¬ 
lamina'-  in  the  calculation  with  the  K-e 
model . 

In  addition  to  the  previously  shown  testcases 
we  compared  the  turbulence  models  on  an  aft¬ 
erbody  with  solid  plume  simulator.  The  free¬ 
stream  Machnumber  for  this  flow  was  Ma  =  0.64 
and  the  Reynol dsnumber  was  11.4  million  per 
meter. 

In  order  to  compare  only  the  turbulence 
models  free  from  uncertainties  resulting  from 
different  meshes  or  different  numerical 
schemes  the  same  mesh  and  numerical  scheme 
for  each  calculation  was  used. 

Because  the  original  algebraic  turbulence 
models  overpredicts  the  turbulent  shear 
stress  in  the  separated  region  the  separation 
bubble  is  flattened  (figure  17)  and  the  pres¬ 
sure  recovery  is  much  higher  than  given  in 
the  experiment  conducted  by  Benek  [113 
(figure  18). 

A  small  modification  of  the  algebraic  models 
corrects  this  overprediction  of  the  turbulent 
shear  stress  considerably.  These  algebraic 
models  use  the  maximum  of  the  function 


F(y)  *  y  lul  [1  -  e~>"/A')  (IV. 2) 
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to  determine  the  boundary  layer  thickness  6. 
In  slightly  separated  flow  fields  the  normal 
distance  to  the  wall  y  is  not  appropriate  to 
calculate  the  characteristic  length  scale 
for  the  eddy-viscosity.  But  if  the  normal 
distance  is  taken  to  the  upper  bubble  edge 
this  length  scale  is  in  better  agreement  with 
the  physics.  Therefore  y  in  separated  regions 
(IV. 2)  should  be  replaced  by  y.  =  ly  -  yBrl. 
This  treatment  results  in  a  separation  bubble 
being  in  closer  agreement  with  the  experimen¬ 
tal  findings. 

Wirh  this  modification  the  results  of  the 
algebraic  models  are  as  good  as  those  calcu¬ 
lated  with  the  K-c  model  (figures  17  and 
18). 


5.  Conclusion 

Oifferent  turbulence  models  are  investigated 
and  the  algebraic  models  have  been  extended 
to  flow  regions  where  a  direct  application  of 
these  models  gave  poor  agreement  with  the 
experiment .. 

A  very  simple  empirical  distribution  law  for 
the  wake  of  blunt  bodies  has  shown  good 
agreement  with  the  experiment  for  the  consid¬ 
ered  testcases. 

A  highly  sheared  mesh  seems  to  falsify  the 
calculation  considerably  even  if  the  K-e 
model  is  used. 

A  comparison  between  algebraic  turbulence 
models  and  the  K-e  model  shows  that  the  alge¬ 
braic  model  can  predict  well  slightly  sepa¬ 
rated  flows  if  a  different  length  scale  in 
the  separation  bubble  is  chosen. 

Additional  tests  are  necessary  to  verify  if 
these  modifications  to  the  algebraic  models 
are  reasonable  and  appropriate  for  30-flows. 

However  there  are  strong  indications  that 
only  the  K-e  model  or  higher  turbulence 
models  will  be  capable  to  handle  with  highly 
complex  and  three-dimensional  flow  fields. 
Therefore  further  efforts  will  be  directed  to 
these  models. 


C6I  Yakhot,  V.  and  Orszag,  S.A.: 

Renormalization  group  analysis  of  turbu¬ 
lence.  I.  Basic  theory. 

Journal  of  Scientific  Computing,-  Vol.  1, 

1986 

C 73  stock,  H.W.  and  Haase,  W.: 

The  determination  of  turbulent  length 
scales  In  algebraic  turbulence  models 
for  attached  and  slightly  separated 
flows  using  Navier-Stokes  methods. 

AIAA  19th  Fluid  Dynamics,  Plasma 
Dynamics  ans  Laser  Conference,  Honolulu, 

1987 

£83  Berner,  C.: 

Simultaneous  3D  LDV  measurements  In  the 
wake  of  bluff  bodies. 

3rd  International  Symposium  on  Applica¬ 
tion  for  Laser  Anemometry  to  Fluid  Mech¬ 
anics,  Lisbon,  1986 
ISL  Report  -  CO  224/86 


193  Lacau,  R.G.,  Desnoyer,  D.  and  Delery,  J. 
Analyse  au  velosimetre  laser  de 
l'ecoulement  en  aval  d'arriere-corps  de 
missiles. 

Symposium  AGARD  sur  1 ' Aerodynamique  des 
Missile,  Trondheim,  1982 

1103  Wagner,  8.:- 

Calculation  of  turbulent  flow  about 
missile  afterbodies  containing  an 
exhaust  jet. 

AIAA  17th  Fluid  Dynamics,  Plasmadynamics 
8  Laser  Conference.  1984,  Snowmass, 
Col . 

1113  Benek,  J.A.:- 

Separated  and  nonseparated  turbulent 
flows  about  axisymmetric  nozzle  after¬ 
bodies,  Part  II 
AEDC-TR-79-22 


6.  References 

113  Baldwin.  B.S.,  Lomax,  H.s 

Thin  layer  approximation  and  algebraic 
model  for  separated  turbulent  flows. 
AIAA-paper  78-257,  1978 

123  Cebeci,  T.  and  Smith,  A.M.O.: 

Analysis  of  turbulent  boundary  layers. 
Applied  Mathematics  and  Mechanics, 
Academic  Press,  1974 

133  Martinelli,  L.  and  Yakhot,  V.:’ 

RNG-Based  turbulence  transport  approxi¬ 
mations  with  applications  to  transonic 
flows. 

AIAA-paper  89-1950 

143  Lam,  C.K.G,  and  Bremhorst.  K.: 

A  modified  form  of  the  K-e  model  for 
predicting  wall  turbulence. 

Journal  of  Fluids  Engineering,  1981, 
Vol,  103 

153  zoussinesq,  J.; 

Thfeorie  de  l'ecoulement  tourbil lonnant 
et  tumult  veux  des  liquides  dans  le  lits 
rectilignes  4  grant  section 
Tome  I  -  II,  Gautier-Villars,  Paris  1897 


2 


< 


Fig.  3  :■  Velocity  vcctorficld  in  Hie  wake  of  leslcasc  1 


-  Baldwin/Lomax  and  Martindli/Yakhot  (adapt.) 

0  Experiment  Berner 


Fig,  4  :  Centerline  tclocity  distribution  for  (estcasc  I 


Fig.  5  :  Pressure  distribution  at  (lie  base  of  fcslcase  1 


-0  ^5  -0  30  -0  25  -0  20 


□  Experiment  (Benet) 

-  Baldtvin/Lomax  and  Marlinelli/Yakhot  (adapt.) 

- -  -  Baldtvin/Lomax  and  Martineili/Yakhot  (orig.) 

- Lam/Bremhorst 


Fig.  17  :  Velocity-profile  at  the  separation  bubble  (x=  0.02m) 
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Fig.  18  :  Pressure  distribution  along  afterbody  of  testcase  3 
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SUMMARY 

Accurate  prediction  of  the  aerodynamic  behavior  of  missiles  is  still  hampered  by  the  lack  of  knowledge  of 
afterbody  flow,  the  influence  of  which  increases  with  the  complexity  of  the  geometrical  configuration.  In  a 
recent  past,  the  AGARD  Working  Group  08  made  a  rather  thorough  review  of  afterbody  flow  studies  by  examining 
both  the  experimental  and  the  theoretical  sides  of  the  question.  However,  the  large  majority  of  calculations 
were  relative  to  aircraft  afterbodies.  Thus,  due  to  the  lack  of  reliable  information  on  the  aerodynamics  of 
missile  afterbodies,  the  GARTEUR  Group  of  Responsables  for  Aerodynamics  decided  in  1986  the  creation  of  an 
Action  Group  (AG09)  on  this  subject.  In  the  course  of  its  activity,  the  AG  has  executed  the  following  tasks; 
constitution  of  a  comprehensive  data  base  on  base  pressure  results  containing  158  test  cases,  testing  of  12 
semi -empirical  or  multi -component  methods  by  comparison  with  the  data  base,  constitution  of  a  data  base  made 
of  6  well  documented  expet  intents  ir.cluding  LOV  measurements  to  test  Euler  and  Navier-Stokes  calculation, 
execution  of  Navier-Stokes  calculations  and  confrontation  of  their  results  with  the  data  base. 

RESUME 

La  provision  precise  du  comportement  adrodynamique  des  missiles  es*.  encore  compromise  par  le  manque  de 
connaissances  sur  les  dcoulements  d'arridre-corps  dont  l'influence  augmente  avec  la  complexity  de  la 
gdomdtrie.  Dans  un  passd  rdcent,  Le  Groupe  de  Travail  08  de  1 ' AGARD  (WG08)  a  procddd  d  une  revue  trds 
complete  des  dtudes  sur  les  arridre-corps  en  considerant  d  la  fois  les  aspects  thdoriques  et  experimentaux 
de  la  question.  Toutefois,  la  grande  majority  des  calculs  concernait  les  arridre-corps  a'avion.  Aussi,  en 
raison  du  manque  d' informations  certaines  sur  1 'adrodynamique  des  arridre-corps  de  missile,  le  Groupe  des 
Responsables  de  1 'Adrodynamique  du  GARTEUR  a  ddcidd,  en  1986,  la  crdation  d'un  Groupe  d'Action  (AG09)  sur  ce 
sujet.  Au  cours  de  ses  activitds,  1 'AG  09  a  exdcutd  les  taches  suivantes:  constitution  d'une  banque  de 
donndes  sur  des  mesures  de  pression  de  culot  contenant  158  cas  test,  dvaluation  de  12  methodes  de  prdvision 
semi-empiriques  et  du  type  multi -composant  par  confrontation  avec  cette  banque  de  donndes,  rassemblement  de 
6  expdriences  trds  documentdes  et  comprenant  des  mesures  de  champ  par  vdlocimdtrie  laser  en  vue  d'dvaluer 
les  codes  Euler  et  Navier-Stokes,  exdcution  de  calculs  Navier-Stokes  et  comparaison  de  leurs  rdsultats  avec 
la  banque  de  donndes. 


1  -  INTRODUCTION 

Accurate  prediction  of  the  aerodynamic  behavior  of  missiles  is  still  hampered  by  the  lack  of  knowledge  oi 
afterbody  flow,  the  influence  of  which  increases  with  the  complexity  of  the  geometric  configurations:-  simple 
unpdwered  afterbody,  afterbody  with  one  propulsive  jet,  multi-nozzle  arrangement,  existence  of  control 
surfaces,  etc...  In  the  first  cases,  uncertainties  are  associated  with  the  drag  coefficient  and  the  heat 
transfer  on  the  base  region;  in  the  latter,  they  affect  the  lift  and  the  stability  characteristics  of  the 
missile. 

As  is  well  known,  the  base  region  of  a  powered  missile  is  a  region  of  complex  interactions  between  the  hot 
propulsive  jet  and  the  “cold"  external  stream.  Such  interactions  involve  aerothermal  processes  and,  in  some 
circumstances,  chemical  reactions,  these  phenomena  depending  on  many  parameters;  among  them:  the  flight 
altitude,  the  afterbody  geometry,  tha  missile  velocity,  the  nozzle  expansion  ratio,  the  ejected  gas 
temperature  and  composition,  etc...  Base  flows  are  also  of  special  importance  for  unpowered  projectiles 
since  then  the  base  drag  can  represent  up  to  50“  of  the  total  projectile  drag  at  transonic  or  moderately 
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high  Mach  numbers. 

Due  to  the  great  practical  Importance  of  afterbody  flow  and  more  particularly  of  base  flows,  In  the  past  a 
great  deal  of  effort  has  been  devoted  to  the  study  of  these  flows  by  many  organ itat Ions  and  research 
Institutes  [1,2].  Thus  a  relatively  large  amount  of  experimental  results  has  been  obtained  and  published.  On 
the  other  hand,  predictive  methods  have  been  developed,  ranging  from  purely  empirical  methods  to  advanced 
numerical  simulations  based  on  the  solution  of  the  full  time  averaged  Navier-Stokes  equations. 

Within  international  organization  such  as  AGARD,  researchers  have  brought  together  their  work  on  afterbody 
flow  problems  in  order  to  establish  the  state  of  the  art  of  afterbody  design  methods  and  to  make  an 
evaluation  of  available  predictive  methods.  In  a  recent  past,  the  AGARD  Working  Group  08  made  a  rather 
thorough  review  of  afterbody  flow  studies  by  examining  both  the  experimental  and  the  theoretical  sides  of 
the  question  [3].  In  particular,  special  attention  has  been  paid  to  existing  prediction  methods  which  were 
discussed  and  compared  to  experiment  on  a  set  of  selected  test  cases.  These  methods  included  solutions  of 
the  Euler  and  Navier-Stokes  equations,  multi -component  methods  and  inviscid-viscous  interactive  methods. 
However,  the  majority  of  test  cases  and  calculations  were  relative  to  aircraft  afterbodies  so  that  no 
readily  useful  conclusions  could  be  drawn  for  missile  applications. 

Thus,  due  to  the  lack  of  complete  and  reliable  information  on  the  aerodynamics  of  missile  afterbodies,  the 
GARTEUR  Group  of  Responsables  for  Aerodynamics  decided  in  1986  the  creation  of  a  GARTEUR  Action  Group  on  the 
subject:  "flow  Past  Missile  Afterbodies".  This  action  would  help  to  concentrate  otherwise  separated  efforts, 
with  a  view  to  obtaining  a  large  amount  of  results  on  a  single  objective  acceptable  to  all  the  participants. 
It  seemed  necessary  to  closely  associate  theoreticians  and  experimentalists  on  such  a  complex  issue  which 
cannot  be  handled  by  purely  numerical  means  but  still  requires  some  physical  modelling. 


2  -  ACTION  GROUP  OBJECTIVES  AND  MEMBERSHIP 

As  concerns  predictive  methods,  the  existing  and  published  data  have  been  used  to  develop  empirical  and 
semi-empirical  methods.  An  example  of  such  methods  is  that  incorporated  in  the  British  Aerospace  DG  Zero 
Incidence  Drag  Program  (see  below).  Also  collection  of  completely  empirical  correlations  are  frequently 
used,  like  those  contained  in  the  Engineering  Sciences  Data  Unit  (ESDU)  data  sheets  [4]. 

On  the  other  hand,  several  theoretical  models  based  on  a  multi -component  type  approach  have  been  proposed 
both  in  the  USA  and  in  Europe.  Most  of  them  are  derived  from  the  Chapman-Korst  model  and  they  allow  a  more 
rational  prediction  of  the  most  important  base  flow  features;  e.g.,  the  base  pressure,  the  temperature  level 
in  the  dead-air  region,  etc...  However,  except  for  a  few  models,  these  methods  are  restricted  to 
axisymmetric  configurations. 

The  multi-component  models  have  given  rise  to  computer  codes,  the  computation  cost  of  which  is  also  very 
cheap.  For  this  reason,  these  codes  are  widely  used  to  evaluate  missile  afterbody  characteristics  at  the 
preliminary  design  stage.  Indeed,  with  such  models  it  is  in  principle  possiole  to  represent  the  influence  of 
many  parameters  (afterbody  and  nozzle  geometries,  jet  temperature  level,  jet  thermodynamic  and  chemical 
properties)  the  representation  of  which  by  empirical  or  semi-empirical  methods  would  be  extremely  difI;rult, 
if  not  impossible.  However,  in  spite  of  their  great  usefulness,  the  range  of  validity  rr  existing 
multi -component  methods  is  limited  (and  frequently  ill  known)  in  terms  of  jet  Mach  number  and  external 
stream  Mach  numter  for  example.  Also  their  accuracy  can  be  questionable  when  they  are  applied  to  flow 
situations  far  from  the  limited  domain  in  which  they  have  been  assessed.  There  is  thus  scope  for  improving 
these  multi -component  methods,  in  particular  increasing  their  range  of  applicability. 

In  addition,  the  multi -component  methods  (like  the  semi -empirical  methods)  rely  on  some  extent  of 
empiricism.  For  this  reason,  their  application  can  become  uncertain  if  the  flow  is  very  complicated.  For 
example,  with  such  methods  it  is  nearly  impossible  to  represent  the  effect  of  angle  of  incidence,  the 
influence  of  control  surfaces  or  the  complex  chemical  phenomena  likely  to  occur  in  the  base  flow  region. 
Also,  although  in  principle  possible,  representation  of  jet  temperature  effect  is  subject  to  caution.  Thus, 
to  be  able  to  treat  those  situations  met  in  reality,  it  appears  necessary  to  develop  more  advanced  models 
based  on  the  solution  of  local  equations,  such  as  the  time  averaged  Navier-Stokes  equations. 

During  the  past  twenty  years,  remarkable  progress  has  been  made  in  the  domain  of  numerical  simulation  of 
flows.  Thus,  two-dimensional  axisymnetrical  computations  are  routinely  performed  and  three-dimensional 
models  are  beginning  to  be  applied.  Application  of  this  very  promising  approach  allows  for  a  more  faithful 
and  more  detailed  description  of  the  flow  past  an  afterbody  and  offers  the  possibility  of  treating 
three-dimensional  configurations  without  difficulty  (in  principle,  though  there  may  be  practical 
difficulties).  However,  the  solution  of  local  equations,  according  to  what  can  be  called  a  global  approach, 
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raises  new  problems.  For  instance,  the  influence  on  the  solution  of  the  numerical  viscosity  or  the 
artificial  viscosity  introduced  to  stabilize  the  computation  in  high  gradient  regions  is  not  always  clearly 
established.  Also,  present  Navier-Stokes  base- flow  calculations  are  using  extremely  simple  turbulence 
models,  the  validity  of  which  is  highly  questionable  in  such  complex  situations.  Thus,  assessment  of  these 
calculations  requires  thorough  and  careful  comparisons  with  well  documented  experiments  providing 
information  on  the  local  mean  and  turbulent  properties  of  the  flow  field. 

In  the  above  mentioned  perspective,  the  objectives  of  the  Action  Group  were: 

i)  To  review  the  well  documented  existing  experimental  results  on  missile  afterbody  flows  in  order  to 
constitute  a  data  base  as  complete  as  possible. 

ii)  To  compare  the  results  of  the  semi-empirical  and  multi -component  methods  to  the  data  base. 

lii)  To  select  a  small  number  of  well  documented  and  carefully  made  experiments,  including  field 

measurements,  in  order  to  test  numerical  simulations. 

iv)  To  analyse  in  depth  the  comparison  between  numerical  simulation  and  experimental  results  in  order  to 
reach  clear  conclusions  and  to  formulate  recommendations  for  future  work. 

The  GARTEUR  Action  Group  (AG09)  was  constituted  in  1986  with  the  following  menbership: 

-  Adrospatiale,  Division  Engins  Tactiques,  Chatillon,  France 

-  British  Aerospace,  Sowerby  Research  Centre,  Bristol,.  U.K. 

-  OLR,  Institut  fur  Entwurfsaerodynamik,  Braunschweig,-  W.  Germany 

-  Cornier  Luftfahrt  GmbH,  Friedrichshafen,  W.  Germany 

-  ISL  (French-German  Research  Institute,  Saint-  Louis,  France 

-  MATRA  DEFENSE,  Velizy-Villacoublay,  France 

-  MBB,  Verteidigungssysteme,  Munich,,  W.  Germany 

-  ONERA,  Direction  de  1'Adrodynamique,  ChStillon,  France 


3  -  OATA  BASE  COLLECTION  FDR  TESTING  SEMI - FMPIRICAL  AND  MULTI -COMPONENT  METHODS 

In  order  to  properly  evaluate  sem-empirical  and  multi -component  methods,  a  large  number  of  test  cases  have 
been  collected  by  a  niorough  processing  of  the  published  data.  Most  of  the  results  thus  collected  consist  of 
measurements  of  the  base  pressure  obtained  for  a  great  variety  of  situations.  Attention  has  been 
concentrated  on  axisymmetric  configurations,  since  nearly  all  the  tested  methods  apply  only  to  such 
situations.  A  total  number  of  158  test  cases  has  been  compiled  by  the  Action  Group.  Information  necessary  to 
execute  calculations  -  including  afterbody  geometry  and  aerodynamic  conditions  -  and  also  measured  base 
pressure  values  will  be  provided  in  the  AG  final  report.  Most  of  these  data  have  been  obtained  in  wind 
tunnel  experiments.  They  cover  a  wide  range  of  parameters  including:- 


-  External  flow  Mach  number 

-  Jet  exit  Mach  number  Mj. 


Pt  j 

Nozzle  Pressure  Ratio  (NPR)  — . 


tj 

-  Ratio  of  stagnation  temperatures:-  - — . 


-  Jet  ratio  of  specific  heats  -r,. 


-  Afterbody  angle  pE 

-  Nozzle  divergence  angle  pj. 


being  positive  for  a  flare  and  negative  for  a  boattail. 


-  Afterbody  reduced  length  — ,  where  Dmax  is  the  afterbody  maximum  diameter  (calibre), 
“max 


-  Reduced  nozzle  diameter 


A. 

“max 


Table  1  gives  an  overview  of  the  range  of  parameters  covered  by  the  data  collection,  Ncases  being  the  number 
of  test  cases  for  the  values  of  the  parameters.  In  fact,  each  case  represents  several  results  giving  the 
base  pressure  evolution  with  one  of  the  parameters  (origin  of  data  can  be  found  In  [5]).- 


TABLE  I  -  RANGE  OF  PARAMETERS  COVERED  B,  THE  DATA  BASE 


AFTERBODY  WITHOUT  JET 


0E 

L 

“max 

H  cases 

0.22  0.95 

0  (cylindrical) 

8 

0.22  0.92 

-2  -.-10  (boattai  1 ) 

17 

0.8  -  0.85  -  0.9 

6  (flare) 

3 

0.95  -  1.0  -  1.05 

0 

3 

0.95 

-  6 

0.5  -  1.0 

2 

0.95 

-  6 

0.5  -  1.0 

2 

0.95 

6 

1 

1 

1.10  -  3.27 

0 

8 

1.98  -  2.01  -  3.27 

0  --  10 

0.5  -  1.0 

4 

AFTERBODY  WITH  JET 


— 

»E 

“j 

D0 

“max 

£(*) 

Tt» 

N  cases 

0.8  -  0.9 

~  1 

■ 

0 

0.248  -  0.351 

I  -  2.3  -  3.1 

0  -  11 

18 

0.8  -  0.9 

1 

2.5 

0.15 

-  1 

0  -  2.7 

3 

0.8  -  0.9 

-  6 

2.5 

0.15 

~  1 

0  2.7 

6 

0.8  -  0.9 

6 

2.5 

0.15 

~  1 

0  2.7 

3 

~  1 

~  1 

■ 

0 

0.248  -  0.351 

-  2.7  -  4 

0  -4  11 

6 

0.95 

1.5  -  2.9 

2.5  -♦  5 

0.111  0.333 

- 1 

0  -»  17 

7 

0.95 

2.9 

-  6 

2.5 

0.15 

~  i 

0  2.7 

2 

0.95 

2.9 

6 

2.5 

0.15 

~  i 

0  -  2.7 

1 

«j 

0E 

A 

°max 

Ptj 

Poo 

N  cases 

1.1  -  2.41 

~  1 

0 

0 

0.111  0.75 

~  1 

1.2  2420 

17 

1.91 

~  1 

-  5.63 

0 

0.375 

~  1 

1.2  -*  16.6 

1 

1.4  -*  2.0! 

2  4.27 

0 

0 

0.2  0.6 

~  1 

2.6  -  240 

10 

2.0 

2.0 

0 

0 

0.  645 

1.2  -  2.5  -  3 

4  -♦  16 

4** 

1.1  -  3.27 

1  3.29 

0 

5  4  23.3 

0.111  4  0.8 

~  1 

1  -*  391 

36 

1.6  2.0 

2.8  4.27 

0 

15  -  18 

0.5 

3.37 

60  -4  200 

4** 

1.58 

2.65 

0 

22 

0.  435 

7.41 

21.6  -4  43 

]** 

1.4  -  1.91 

1.0  -*  2.7 

5.63 

0 

0.2  0.375 

4  ~  1 

1  -  38 

3 

1.6  -  3.27 

1.78  4  3.2 

-5  -10 

5  -  22 

0.1  4  0.6 

~  1 

11  -*  99 

15 

1.2  -  1.97 

2.7  -  3.38 

3.28  10 

17  -  20 

0.575  -  0.8 

~  1 

20  4  157 

4 

*  The  external  stagnation  temperature  T^,  has  been  assumed  equal  to  300  K. 
**  These  cases  include  both  temperature  and  Yj  effects. 


4  -  PRESENTATION  OF  SEMI  -  EHP I R ICflL  AND  HUI.TI  -COMPONENT  METHODS 

4.1  -  INTRODUCTORY  REMARKS 

One  of  the  problemioften  faced  by  the  aerodynamicist  when  trying  to  assess  the  base  drag  characteristics  of 
a  new  missile  design  is  that,  in  the  very  early  stages  of  the  design  process,  very  little  information  about 
the  propulsion  system  may  be  available.  In  most  cases,  the  only  information  which  is  known  in  the 
feasibility  and  initial  design  stages  is  the  geometry  of  the  afterbody,  the  thrust  of  the  motor  and  possibly 
the  jet  exit  diameter.  It  is  at  this  point  in  the  design  process  that  the  semi  -  empirical  methods  tend  to 
be  used.  Such  methods  require  a  minimum  of  input  data,  are  very  simple  and  quick  to  use  and,  perhaps  most 
importantly,  provide  results  at  minimum  cost. 

As  the  design  proceeds,  more  information  about  the  motor  becomes  available:  the  jet  pressure  ratio  and 
nozzle  geometry  for  example.  Such  information  enables  the  multi  -  component  methods  to  be  used.  These 
methods  tend  to  be  more  tine  -  consuming  to  implement,  require  more  input  information  and  are  more  expensive 
to  use  than  the  simpler  semi  -  empirical  methods.  The  multi  -  component  methods  do,  however,  attempt  to 
represent  as  accurately  as  possible  the  real  processes  that  exist.  In  contrast,  the  semi  -  empirical  methods 
rely  much  more  on  simple  correlations  of  existing  experimental  data  which  thus  tends  to  limit  their  range  of 
applicability  or  accuracy.  On  the  other  hand,  they  are  able  to  provide  results  quickly  and  at  minimum 
expense. 

4.2  -  SEMI -EMPIRICAL  METHODS 
4.2.1  -  BAE  Drag  Program 

This  code  was  developed  by  the  Sowerby  Research  Center  over  a  period  of  se\ aral  years  under  contract  to  the 
UK  Ministry  of  Defence.  The  code  provides  estimates  of  the  total  zero  incidence  drag  of  typical  weapon 
(missile  and  projectile)  configurations,  so  the  base  and  afterbody  drag  methods  which  have  been  assessed  are 
a  small  part  of  the  total  calculation  procedure  [6].  The  base  drag  data  used  by  the  code  are  in  the  form  of 
graphical  and  carpet  plots  constructed  and  extrapolated  /  interpolated  from  various  experimental  results. 
The  data  are  initially  obtained  in  a  form  very  similar  to  that  adopted  by  the  ESDU  data  sheets.  Polynomial 
expressions  are  then  fitted  to  the  data  plots,  these  polynomial  then  being  used  by  the  code.  One  of  the 
major  weaknesses  of  the  code  is  the  poor  representation  of  the  jet-on  base  drag  characteristics. 


Subsonic  External  Flow.  The  Brazzel  and  Henderson  [7]  empirical  supersonic  method  has  been  extended  to 
subsonic  external  flow  by  Glasgow  et  al.  [8].  On  the  basis  of  experimental  data  it  was  found  that  the  base 
pressure  is  a  weak  function  of  the  afterbody  geometry,  represented  by  the  base  to  maximum  area  ratio 
Ag  /  ^max’  and  the  Jet  fo  ffeestream  momentum  ratio  defined  as: 

y3  Pj  HJ  Aj 
’’mf - -f-. — 

yco  Rx>  Has  \ax 

In  the  abovd  expression,  j  des-gnates  quantities  relative  to  the  nozzle  exit  plane  and  °o  designates 
quantities  in  the  unifo>m  incoming  external  flow. 

The  correlation  is  divided  into  two  parts.  The  first  part  is  a  correlation  of  the  annular  base  pressure  for 
cylindrical  afterbodies  as  a  function  of  Rjnf  .  The  second  part  of  the  correlation  relates  annular  base 
pressures  for  cylindrical  afterbodies  to  annular  base  pressure  for  non-cylindrical  (boattail)  afterbodies  as 
a  function  of  Ag  /  A^. 

A  fair  estimate  of  the  jet-off  case  is  obtained  by  setting  «  0,  this  procedure  being  justified  because 
the  base  pressure  ratio  pg  /  pM  is  only  a  weak  function  of  i^f  and  Ag  /  Atnax  . 

Supersonic  External  Flow.  In  this  case,  the  base  pressure  ratio  pg  /  Fto  is  gi>'en  as  a  function  of 
^rnf  i  aB  /  ^max  an<*  in  addition  of:- 

-  The  ratio  of  the  jet  exit  static  temperature  Tj  to  the  nozzle  throat  temperature  Ty,. 

-  The  distance  to  the  base  of  the  nozzle  exit  plane  normalized  by  the  afteibody  maximum  diameter:-  Xj  /  Dmax, 
this  parameter  allowing  for  the  effect  of  a  nozzle  protuding  from  the  afterbody  base. 

In  the  supersonic  case,  applying  the  correlation  to  the  jet-off  esse  by  setting  R^  -  0  will  generally  lead 
to  poor  results. 

4.2.3  -  Riedel  Method 

This  method,  which  is  based  on  the  modified  Brazzel -Henderson  method,  attempts  to  introduce  some 
improvements  in  the  following  way  by: 

-  Basing  the  correlation  of  experimental  data  on  missile  -  type  afterbodies  in  contrast  to  the  correlation 
of  Glasgow  et  al.  which  essentially  applies  to  combat  aircraft  (fighter  -  type)  afterbodies. 

-  Taking  into  account  the  Hach  number  of  the  external  flow. 

-  Inclusion  of  a  correlation  for  jet-off  cases,  both  for  subsonic  and  supersonic  external  flow. 

-  Making  allowance  of  the  nozzle  divergence  angle  pj  (nozzle  exit  angle)  as  a  parameter  for  supersonic  flow. 

For  subsonic  external  flow,  for  both  the  jet-off  and  jet-on  cases,  the  correlation  is  based  on  experimental 
data  concerning  missile  afterbodies  obtaineu  by  Tanner  (9,10).  In  the  supersonic  case,  the  jet-off 
correlation  uses  the  Compton  [II]  and  Esch  [12]  experimental  results,  and  the  jet-on  correlation  the  Bromm 
and  O'Oonnel  experimental  data  [13]. 

4.2.4  -  Tqnqer  Program 

The  method  of  this  semi  -  empirical  code  has  been  developed  by  Tanner  in  several  steps  over  some  years  «:o 
has  been  programmed  at  MBB  in  close  connection  with  Tanner's  progress.  An  overview  of  tne  empirical  and 
theoretical  basis  is  given  in  detail  by  Tanner  [14], 

Subsonic  External  Flow  Without  Jet.  For  a  cylindrical  afterbody,  the  base  pressure  coefficient  Cpg  is  given 
as  a  function  of  the  upstream  Mach  number  H*,  derived  from  a  correlations  of  measurements  performed  by  Tanner 
and  Hassbargen  [15]  and  by  Tanner  [16],  In  the  case  of  an  afterbody  with  a  boattail,  the  CpB  corresponding 
to  the  cylindrical  afterbody  is  multiplied  by  a  factor  involving  the  boattail  angle  pg  and  the  ratio 
°B  /  Dmax- 

Supersonic  External  Flow  Uithout  Jet.  The  base  pressure  is  computed  by  using  the  well  known  Oswatitsch 
formula  linking  the  drag  of  a  body  to  the  rise  in  entropy  produced  by  this  body  [17].  In  the  present 


i 
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application,  this  formula  leads  to  a  relation  between  the  afterbody  drag  and  the  increase  in  entropy  across 
the  shock  at  the  reattachment  point  and  in  the  viscous  wake  coming  from  the  reattachment  of  the  shear  layer 
which  originates  at  the  base  shoulder.  By  making  a  suitable  assumption  on  the  velocity  distribution  through 
the  wake,  it  is  possible  to  obtain  an  equation  for  the  Mach  number  M2  at  the  edge  of  the  wake.  As  soon  as  M2 
is  evaluated,  the  base  pressure  can  be  determined  from  oblique  shock  equations. 

Supersonic  External  Flow  With  Jet.  This  part  of  the  method  consists  of  a  collection  of  empirical  equations 
derived  from  the  experimental  data  of  Agrell  and  White  [18] .  The  different  formulae  allow  to  take  account  of 
the  different  parameters:  H*  ,  Mj  ,  pE,  pj  ,  Oj  /  Dmax  ,  ptj  /  p^  . 

The  Tanner  code  also  includes  formulae  to  compute  the  base  pressure  at  transonic  and  hypersonic  Mach  numbers 
and  to  represent  the  effect  of  incidence. 

4.3  -  MULTI -COMPONENT  METHODS 

4.3.1  -  The  Basic  Flow  Model 

The  theoretical  scheme  utilized  by  the  various  multi-component  methods  is  derived  from  the  well  known  model 
proposed  by  Korst  to  compute  the  turbulent  supersonic  reattachment  behind  a  step  [19],  As  shown  in  Fig.  1, 
the  basic  situation  is  that  of  an  incoming  supersonic  flow  separating  at  a  base  shoulder  S  and  reattaching 
further  downstream  at  point  R,  either  on  a  rectilinear  wall  or  on  a  cylindrical  sting.  The  model  includes  a 
possible  mass  injection  at  low  velocity  performed  through  the  base  (base-bleed). 

Following  the  Korst  multi -component  approach,  the  flow  field  is  divided  into  four  main  domains  which  are 
represented  by  simplified  theoretical  models  and  then  patched  together  in  such  a  way  that  some  compatibility 
conditions  are  satisfied.  These  domains  are: 

i)  The  outer  inviscid  flow  bounded  by  the  isobaric  boundary  (f)  along  which  the  pressure  is  equal  to 
the  base  pressure  pB.  This  part  of  the  flow  satisfies  the  Euler  equations. 

ii)  The  initial  boundary-layer  which  separates  at  S  where  it  undergoes  a  rapid  pressure  change  through 
an  expansion  fan  or  a  shock,  depending  on  the  situation.  Here,  an  approximate  method  assuming  that  the 
viscous  terms  (including  turbulent  stresses)  do  not  act  during  such  a  rapid  process  is  employed. 

iii)  The  turbulent  mixing  zone  developing  from  the  separation  point  S  along  the  isobaric  boundary  (f). 
The  velocity  distribution  across  this  mixing  layer  is  represented  by  the  following  classical  relationship: 

(1)  =  <p  -  \  (  1  +  erf  y)  )  with:-  erf  ^  ~  Ji  e"  °2  <fc 
ueB  *  \frr  * u 

and  where  ueB  is  the  velocity  at  the  mixing  layer  outer  edge  and  o  =  cr  (  V  /  X  )  is  a  similarity  variable, 
<7  being  the  turbulent  mixing  parameter  which  characterizes  the  mixing  layer  spreading  rate.  The  stagnation 
enthalpy  profile  hB  /  htB  can  be  readily  deduced  from  the  velocity  profile  if  the  turbulent  Prandtl  number 
is  assumed  equal  to  unity. 

iv)  The  reattachment  region  where  the  mixing  zone  impinges  on  the  reattachment  wall.  Simultaneously,  the 
outer  non  viscous  flow  undergoes  a  deflection  through  an  angle  q,  in  order  to  become  parallel  to  this  wall.  A 
compatibility  condition,  or  reattachment  criterion,  must  be  satisfied  by  the  flow  in  the  reattachment 
region.  Briefly  speaking,  this  condition  states  that  the  mixing  layer  must  have  an  enprgy  level  sufficient 
to  allow  it  to  negociate  the  adverse  pressure  gradient  at  reattachment.  In  fact,  the  multi -component  models 
considered  by  the  Action  Group  differ  mainly  by  the  nature  of  the  condition  adopted  in  the  reattachment 
region. 

ihe  method  developed  by  Addy  formerly  used  the  Escape  Criterion  proposed  by  Korst  in  its  original  model. 
This  criterion  states  that  the  stagnation  pressure  p^  on  the  stagnation  streamline  -  i.e.,  the  streamline 
of  the  mixing  zone  which  stagnates  at  the  reattachment  point  R  -  must  be  equal  to  the  pressure  level  p2 
reached  by  the  outer  flow  downstream  of  the  reattachment  region.  As  will  be  seen  below,  the  Korst  criterion 
was  latter  modified  by  Addy  to  obtain  better  agreement  with  experiment  for  missile  applications  in  the 
jet-on  condition. 

In  order  to  remedy  some  deficiencies  of  the  Korst  original  criterion,  Carrifere  and  Sirieix  [20]  proposed  an 
Angular  Reattachment  Criterion.  This  criterion  postulates  that  the  deflexion  *  undergone  by  the  outer  non 
viscous  flow  during  reattachment  must  satisfy  a  well  defined  law  of  the  form: 

hB 

*  =  *  (  H  eB  »  T  ,  h —  .  R  »  QB  ) 

%B 
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where*  is  a  function  of  the  listed  parameters  (R  is  a  factor  representing  the  axisymmetric  effect  and  qg  is 
the  mass  flux  injected  per  unit  span  in  the  dead-air  region). 

Determination  of  the  mixing  layer  properties  and  application  of  the  compatibility  condition  at  reattachment 
require  a  knowledge  of  the  base  pressure  pg  and  of  the  dead-air  temperature  Tg  (or  enthalpy  hg).  Thus,  the 
problem  has  two  main  unknowns,  namely:-  pg  ,.  Tg  (hg)  .  These  quantities  are  determined  by  writing  global 
balance  equations  for  mass  and  energy  applied  to  a  control  volume  encompassing  the  dead-air  region. 

4.3.2  -  Base  flow  Models  for  Supersonic  External  Flow 

Missile  in  the  Jet-Off  Condition.  In  order  to  apply  the  supersonic  reattachment  theory  to  a  missile  in  tne 
jet-off  situation,  or  to  a  simple  projectile,  it  is  most  often  assumed  that  the  flow  separating  at  the  base 
shoulder  S  reattaches  on  a  fictitious  sting  which  represents  the  viscous  wake  in  the  wake  neck  region.  As 
shown  in  Fig.  2,  the  radius  r*  of  this  sting  can  be  provided  by  a  purely  empirical  law  (for  example  the 
correlation  proposed  by  Chapman  [21],  see  Fig.  2a).  This  kind  of  model  is  close  to  that  proposed  by  Mueller 
[22]. 

However,  this  way  of  finding  r*  appears  as  very  unsatisfactory,  especially  when  mass  injection  is  performed 
at  the  base.  Thus,  in  order  to  improve  the  situation  the  following  methods  have  been  proposed.  In  a  further 
version  of  Mueller's  theory,  Roache  [23]  determines  the  value  of  r*  accordinq  to  a  criterion  which  consists 
in  adopting  for  the  radius  r*  that  makes  the  base  pressure  pg  a  maximum.  In  the  ONERA  model  (code  0NERA2 
[24]),  r*  is  computed  by  assuming  that  the  mass  flow  through  the  near-wake  at  station  R  is  equal  to  the  mass 
flow  streaming  above  the  stagnation  streamline  plus  a  term  qg  representing  the  entrainment  effect  taking 
place  during  the  reattachment  process.  Thl  problem  is  completely  'closed"  by  assuming  that  the  streamwise 
velocity  profile  in  the  wake  at  the  reattachment  station  R  is  a  universal  function  given  by  an  empirical 
correlation. 


Missile  in  the  Jet-On  Condition.  The  flow  structure  downstream  of  the  base  of  an  afterbody  equipped  with  a 
propulsive  nozzle  is  extremely  complex  and  the  multi -component  models  at  our  disposal  to  treat  that  kind  of 
problem  rely  on  a  rough  approximation  of  the  real  phenomena.  The  models  that  have  been  considered  constitute 
an  extension  of  methods  developed  for  two-dimensional  reattachment  on  a  wall.  In  fact,  all  these  models  are 
based  on  the  following  scheme  (see  Fig.  3): 

i)  The  dead-air  region  is  roughly  limited  by  the  curvilinear  triangle  Sg  Ry  Sj  defined  by  the  annular 
base  and  the  isobaric  boundaries  (fg)  and  (fj)  along  which  the  pressure  is  equal  to  the  base  pressure  pg. 

i i )  The  viscous  phenomena  are  superimposed  on  a  perfect  fluid  structure  entirely  determined  if  the  base 
pressure  pg  is  known. 

The  two  boundaries  (fy)  and  (fj)  usually  meet  at  the  inviscid  confluence  point  Ry.  Downstream  of  Ry,  the  two 
inviscid  streams  have  a  common  boundary  (z)  -  a  slip  line  -  on  which  both  flows  must  have  the  seme  pressure 
Pg  and  same  direction <pg.  The  basic  assumption  of  all  the  models  is  that  everything  happens  as  if  each  flow 

-  namely  the  external  flow  (E)  and  the  :low  issuing  from  the  nozzle  (J)  -  were  reattaching  on  a  wall 
representing  the  common  confluence  direction  (Z).  Thus,  knowledge  of  the  downstream  pressure  pg  and  the 
initial  direction  >*>g  of  the  slip  line  (Z)  allows  application  -  to  each  flow  -  of  one  of  the  reattachment 
criteria  mentioned  above. 

Uniqueness  of  solution  -  i.e.,  the  proper  values  of  pg  and  Tg  (or  hg)  -  is  ensured  by  satisfying  two  overall 
balance  equations  for  mass  and  energy  applied  to  a  control  volume  encompassing  the  dead-air  region.  The 
solution  is  most  often  found  by  iterating  on  pg  and  Tg  (or  hg)  until  these  two  equations  are  simultaneously 
satisfied.  The  various  multi -component  methods  closely  follow  the  above  general  model.  However,  they  differ 
on  some  points  which  are  now  emphasized. 


The  Addy  Flm  Model  [25], 

The  inviscid  streams  are  computed  by  the  Method  of  Characteristics  and  the  pressure  downstream  of 
reattachment  -  p2  -  is  computed  by  assuming  oblique  shock  recompre'sion.  As  in  the  simplified  Korst  model, 
the  initial  boundary-layers  are  neglected.  The  two  balance  equations  for  mass  and  energy  are  considered,  so 
the  model  can  solve  the  thermal  problem.  In  order  to  remedy  a  deficiency  of  the  original  Korst  reattachment 
criterion,  a  modification  of  this  criterion  is  introduced  which  consists  of  assuming  that  the  stagnation 
pressure  on  the  limiting  streamline  is  only  a  fraction  of  the  downstream  pressure  pg.  Thus  one  writes: 


(3) 
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In  the  above  equation,  k  is  an  empirical  factor  function  of  the  ratio  r  »  rj  /  r^  of  radii  at  Sj  and  Sg 
[26],  The  original  Korst  Escape  Criterion  is  recovered  by  letting  k  =  1. 

The  Addy  code  produces  a  message  when  plume  induced  separation  on  the  afterbody  is  likely  to  occur,  the  risk 
of  separation  being  detected  by  using  Zukoski's  criterion  [27]. 

The  ONERA  Flow  Model  (Code  ONCRA1)  [24] 

The  inviscid  streams  are  computed  by  the  Method  of  Characteristics.  The  initial  direction  -  -  of  the  slip 

line  IX)  starting  from  the  confluence  point  is  determined  by  assuming  simple  wave  compression  at  Kf.  me 
influence  of  the  initial  boundary-layers  present  at  SE  and  Sj  is  taken  into  account,  their  effect  on  the 
velocity  distribution  being  represented  by  the  virtual  origin  concept  [28],  At  Rj,  the  Angular  Reattachment 
Criterion  -  formula  2  -  is  applied  to  the  external  flow  and  the  jet.  The  reattachment  angles  u/g  and  *j  are 
defined  as  the  angles  between  (2)  and  the  tangents  to  (fj)  and  (fj)  at  Rj  respectively.  The  model  also 
solves  the  thermal  problem,  both  pg  and  Tg  being  computed.  Cases  with  plume  induced  separation  on  the 
fuselage  can  also  be  computed  by  using  nearly  the  same  procedure.  The  difference  is  that  now  the  base 
pressure  pg  is  given  by  a  separation  criterion,  the  unknown  being  the  location  of  the  separation  point.  The 
criterion  used  is  derived  from  the  Chapman  Free  Interaction  theory  [29],  The  criterion  of  Zukoski  can  also 
be  used. 

The  Dormer  Flow  Model  [30] 

The  method  developed  by  Dornier  is  close  to  the  ONERA  model.  However,  in  the  present  application  of  the 
Angular  Reattachment  Criterion  to  the  two-mixing  layers  confluence  problem,  an  iterative  procedure  is 
included  to  adjust  the  reattachment  direction  cpg  for  achieving  equal  reattachment  pressure  in  both  shear 
layers  (this  condition  is  not  satisfied  in  the  ONERA  application  of  the  Angular  Reattachment  Criterion).  The 
pressure  rise  up  to  the  reattachment  point  R  is  given  by  assuming  an  isentropic  recompression  on  the 
stagnation  streamline  from  pg  to  pg.  Thus,  in  the  Dornier  method  the  reattachment  direction  is  no  longer 
that  of  the  confluent  Inviscid  flows  downstream  of  Rj  .  Instead,  the  pressure  is  the  same  in  the  two 
reattaching  mixing  layers,  which  seems  more  satisfactory  from  a  physical  point  of  view.  The  initial 
boundary- layers  at  the  separation  points  are  taken  into  account  by  introducing  the  virtual  origin  concept 
for  the  two  mixing  layers  and  by  using  the  equivalent  bleed  concept  [31).  Plume  induced  separation  can  also 
be  computed,  a  modified  version  of  Zukoski's  criterion  accounting  for  incipient  separation  being  introduced 
[32]. 

The  Houlden  Flow  Model  [33] 

This  method  is  based  on  a  flow  model  which  predicts  the  development  of  the  boundary-layer  along  the  body  and 
then  solves  for  the  confluence  of  the  resulting  external  shear  layer  with  the  jet  exhaust  plume  (internal 
shear  layer)  behind  the  dead-air  region.  The  calculation  procedure  begins  by  making  an  initial  estimate  of 
the  angle  through  which  the  external  flow  is  deflected  at  the  base.  The  resulting  pressure  change  is  thus 
known  and  the  shape  of  the  exhaust  plume  which  expands  to  the  base  pressure  is  determined  by  the  Method  ot 
Characteristics.  At  the  confluence  point,  the  external  and  internal  (jet)  flows  are  matched  so  that  the 
downstream  flow  direction  is  compatible  for  both  flows.  The  "reattachment"  pressure  is  obtained  as  an 
empirical  function  of  the  pressure  rise  required  at  the  confluence  point.  A  mass  flow  balance  equation  is 
used  to  calculate  the  mass  flows  entrained  and  returned  near  the  confluence  point  and  the  difference 
evaluated.  The  angle  of  deflection  of  the  external  shear  layer  is  then  iterated  until  this  difference 
becomes  small  (to  within  a  specified  tolerance). 

4.3.3  -  Base  Flow  Models  for  Subsonic  External  Flow 

Missile  in  the  Jet-Off  Condition.  The  model  developed  by  Adrospatiale  and  ONERA  (code  0NERA/AS1  [24])  to 
treat  the  base  flow  problem  for  a  subsonic  external  stream  is  derived  from  Vanwagenen's  theory  which 
originally  applied  to  a  cylindrical  afterbody  placed  in  an  incompressible  flow  [34].  The  adopted 
representation  is  shown  in  Fig.  4.  Its  key  components  are:- 

i)  The  discriminating  streamsurface  (4>j)  originating  from  the  base  shoulder  S  and  reaching  the  axis  at 
the  physical  reattachment  point  R. 

li)  The  displacement  surface  (A/*)  on  which  the  outer  inviscid  flow  streams. 

i i  1 )  The  streamsurface  (’Pg)  belonging  to  the  perfect  fluid  flow  which  passes  through  the  edge  E"  of  the 
viscous  wake  at  the  reattachment  station. 
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The  basic  principle  of  the  method  consists  of  an  inviscid-viscous  interactive  calculation  with  coupling 
conditions  written  on  the  displacement  surface  ($*)  constructed  in  an  approximate  way  by  applying  global 
conservation  laws  for  mass  and  momentum  to  adequate  control  volumes,  like  those  represented  in  Fig.  4. 

The  procedure  for  determining  the  base  pressure  pg  is  as  follows.  For  a  given  value  of  the  separation  bubble 
length  L  =  BR,  an  inviscid-viscous  interactive  calculation  is  iterated  until  convergence.  Then,  the  correct 
value  of  L  is  determined  by  satisfying  a  "closure"  relation  similar  to  the  Korst  Escape  Criterion.  *hus,  one 
has  to  perform  an  outer  iteration  loop  on  L  until  this  criterion  is  satisfied.  In  the  present  version  of  the 
method,  the  outer  non  viscous  flow  is  computed  by  a  method  of  singularities,  compressibility  being  taken 
into  account  by  the  Prandtl-Glauert  rule. 

Missile  in  the  Jet-On  Condition.  In  principle,  the  model  developed  by  Aerospatiale  and  ONERA  (code  0NERA/AS2 
[24])  to  treat  this  situation,  is  only  valid  for  an  afterbody  equipped  with  a  nozzle,  the  diameter  of  which 
is  small  compared  to  the  base  diameter.  Also,  the  nozzle  pressure  ratio  must  be  not  too  far  from  adaptation 
conditions.  Under  such  circumstances,  it  is  legitimate  to  consider  that  the  jet  acts  as  a  perturbating 
agency  consisting  of;,  a)  -  An  obstacle  effect,  similar  to  a  sting  which  would  represent  the  propulsive  jet. 
b)  -  A  suction  effect  resulting  from  the  strong  entrainment  occurring  aiong  me  oounaary  ot  me  nign  speea 
jet  (see  Fig.  5)..  In  fact,  this  second  effect  is  by  far  the  most  important.  In  these  conditions,  the  main 
features  of  the  model  are: 

i)  The  jet  is  replaced  by  a  cylindrical  sting,  the  radius  of  which  is  equal  to  the  radius  of  the  nozzle 
exit  section.  This  very  simple  model  gives  an  acceptable  representation  of  reality  if  the  jet  is  not  too  far 
from  adaptation  conditions. 

ii)  The  suction  effect  is  assumed  to  be  uniformly  distributed  over  the  length  lj  of  the  sting  comprised 
between  the  base  and  the  point  Rj  where  the  outer  flow  reattaches  on  the  sting.  Furthermore,  one  assumes 
that  the  suction  velocity  is  normal  to  the  sting  surface;  i.e.,  perpendicular  to  the  longitudinal  axis  OX. 
The  mass  flow  rate  sucked  off  from  the  dead-air  region  by  the  jet  entrainment  effect  is  written  in  the  form: 

qj  =  (2irrj  Lj)  CEj  poj  uoj 

where  pgj  and  u0j  are  relative  to  the  perfect  fluid  flow  of  Mach  number  M0j  ’n  the  nozzle  exit  plane,  CEj 
being  a  coefficient  that  represents  globally  the  jet  entrainment  effect.  The  solution  procedure  is  the  same 
as  in  the  jet-off  case. 

4.4  -  VALIDATION  OF  SEMI -EMPIRICAL  AND  MULTI -COMPONENT  METHODS 


Table  II  summarizes  the  various  situations  which  can  be  computed  with  the  codes  tested  by  the  Action  Group 
and  Table  III  gives  the  number  of  test  cases  computed  for  each  basic  configuration: 

TABLE  II  -  CAPABILITY  OF  THE  TESTED  MODELS 


Subsonic  External  Flow 


Transonic  External  Flow 


Supersonic  External  Flow 


Without  Jet 

With  Jet 

BAe  Drag  Program 

Brazzel -Henderson 

Brazzel  -Henderson 

0NERA/AS2 

0NERA/AS1 

Riedel 

Riedel 

Tanner 

Tanner 

BAe  Drag  Program 

Riedel 

T— 

BAe  Drag  program 

Addy 

Brazzel -Henderson 

Brazzel -henderson 

Moulden 

Dornier 

Mueller 

Moulden 

0NERA2 

0NERA1 

Riedel 

Riedel 

Tanner 

Tanner 
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TABLE  III  -  mwKR  of  CASES  COflPQTELIOOACH  basic  rnuFTcmAT,™ 

Without  Jet 

With  Jet 

Subsonic  External  Flow 

14 

21 

Transonic  Flow 

14 

0 

Supersonic  Flow 

6 

95 

codes.  TaM^lII^shows  th^no'case  correspond! no' tol’ a  m°St  “***  haVin9  bee"  computed  with  several 
be  computed,  even  with  semi-empirical  methods.  On  the  ottered6**™1/'0*  the  jet'°"  conditlon  could 
performed  for  supersonic  cases  with  jet  Most  of  thm  ,  ’ .  Brea*'  Quantity  of  calculations  has  been 

and  the  Moulden  code  which  were  run  hy  several  controls SoweleT  i n "th i ^  ^  ^  C°de 
only  one  code  application  for  each  test  case.  ’  1n  thls  statistics  we  have  considered 


s~r zssr ■  w  '“,M — ■ 

E~r  •“ 

ss;  s  :l";:  Km.  sss.'ws  :::  ,:r  ^  «■?  rr,  s-  •  «rr 

example  shown  ,"  fig.  6b,  corresponds  to  an  afterbody  with  a  bomt?.,”^,^  S 

”  '  °’5  °max  •  In  this  case,  no  method  is  able  to  correctly  predict  the  rise  in  huso  hLn  *  l  V  9th 

results  in  this  range  should  be  considered  with  some  suspicion.  ’  m°St  eXper1^,enta, 

al”uaeTh\oTa”  **c,«r  that  *he  BrLMl-Hentlso?^?^^ 

results  presented  in  Fig.  7b  which  shows  the  evolution  Slm'Ur  conc1uSlons  can  ^  drawn  from 

oV!;  rr in  *?  4°Ki"9  z*z\:*\rr  at  <■* 

of  1),  the  Tanner  model  gives  a  good  prediction  (see  Fig.  7c).  9  1  (  <-  /  D  max  -  0.5  instead 

S-^JlSii."2  ^i;r°::i:Ci"thods  are  superior  and  safer  to  *■«* »«*  p— .  ^ ,  „on 

zivz  mmn:  <z  sm ?  r,  r-~-  -  >-• 

number  Hj  and  to  different  afterbody  Ingles,  namely'  0  {cylindrical  ^  a”d  jet  exit  Mach 

are  shown  in  Figs.  8a  to  8c  which  give  theevoltionofh!^’  "  (boatta,^«  +  «'  ("are).  Results 
expansion  ratio  pt  /  p,  ,  For  the$9  *  PrC\SUre  coefficient  C pB  with  the  nozzle 

can  be  explained  iy  the  fact  that  tho  A,*i  a*  *.  c  de  1S  in  close  agreement  with  experiment.  This 
<°3  /  Omax  *  0.15  )  and  that  the  to  the  afterbody  maximum  diameter 

the  Adrospatiale/ONERA  model  (see  §4  3*3  Love)  hr  trill  sat'sf,es  the  b*sic  hypotheses  of 
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afterbody  with  flare.  The  prediction  is  less  satisfactory  when  there  is  a  boattail.  The  Brazzel -Henderson 
model  leads  to  an  increase  in  Cpg  with  the  nozzle  expansion  ratio,  which  is  in  contradiction  with 
experiment. 

Afterbody  Uith  Jet  for  Supersonic  External  F low.  Due  to  the  great  number  of  calculations  performed  for  this 
situation  and  the  scatter  of  the  results,  it  is  difficult  to  draw  clear  conclusions.  A  very  limited  number 
of  test  cases  is  discussed  here,  their  choice  having  been  made  with  a  certain  degree  of  arbitrariness. 

The  first  example,  shown  in  Fig.  9,  concerns  a  cylindrical  afterbody  placed  in  a  flow  of  Mach  number  tj*,  =  2. 
The  nozzle  is  nearly  sonic  and  its  diameter  is  such  that  Dj  /  Dmax  -  0.6.  In  this  case,  5  methods  have  been 
tested.  The  Addy  model  has  been  run  with  the  corrected  reattachment  criterion  (see  formula  3  above)  and  with 
the  initial  version  (obtained  by  setting  k  =  1).  All  the  methods  -  except  that  of  Riedel  -  give  here  a  very 
acceptable  prediction  of  base  pressure.  However,  the  situation  is  not  so  satisfactory  for  the  three 
following  applications  which  also  concern  a  cylindrical  afterbody  at  1\^  -  l.  This  afterbody  is  equipped  with 
a  conical  nozzle  of  angle  pj  =  5  giving  an  exit  Mach  number  Mj  =  2.  Three  different  values  of  the  nozzle 
exit  diameter  are  considered.  When  Oj  /  0  fflax  =  0.8,  all  the  methods  applied  in  this  case  give  a  relatively 
good  prediction,  as  shown  in  Fig.  10a.  But,  for  most  of  them  the  quality  of  the  results  tends  to  deteriorate 
when  the  nozzle  exit  diameter  is  reduced  as  can  be  seen  in  Figs.  10b  (Dj  /  0lnax  =  0.6)  and  10c 
(Dj  /  0max  =  0.4)  .  Here,  the  best  performance  is  achieved  by  the  Addy  model  incorporating  the  correction 
factor.  The  Dornier  and  ONERA1  codes  also  work  relatively  well.  Results  given  by  other  methods  are  more 
erratic. 

The  two  other  applications  are  relative  to  afterbodies  equipped  with  a  conical  nozzle  having  a  large 
divergence  angle.  In  the  case  presented  in  Fig.  11a  -  for  which  (Sj  =  22'  and  Dj  /  Dmax  -  0.435  -  the  five 
tested  codes  give  a  relatively  good  prediction,  except  that  of  Brazzel  and  Henderson.  On  the  other  hand,  for 
the  case  presented  in  Fig.  lib  -  where  (Jj  =  20*  and  Dj  /  D^  =  0.2  -  the  best  prediction  is  given  by  the 
Brazzel -Henderson  model,  the  other  models  leading  to  poor  results.  The  0NERA1  model  was  unable  to  predict 
these  cases,  the  Mach  number  downstream  of  the  confluence  point  Rj-  being  subsonic. 

The  last  selected  applications  are  relative  to  afterbody  flows  with  plume  induced  separation  on  the 
fuselage.  The  cylindrical  afterbody  is  equipped  with  a  nozzle  having  a  divergence  angle  pj  =  9.1',  an  exit 
diameter  such  that  Dj  /  Dmax  -  0.8  and  giving  a  flow  of  Mach  number  Mj  -  1.69.  In  the  application  shown  in 
Fig.  12a,  the  external  flow  Mach  number  is  equal  to  2.  Six  methods  are  confronted  with  experiment.  The  three 
multi -component  methods  (Addy,  Moulden,  0NERA1)  give  acceptable  results  as  concerns  the  prediction  of  the 
base  pressure.  However,  there  is  a  large  discrepancy  on  the  value  of  the  nozzle  expansion  ratio 
corresponding  to  incipient  separation  at  the  base  shoulder:  the  Addy  code  gives  a  limit  value  pt .  /  p*  =  12 
,  whereas  the  ONERA1  code  gives  pt.  /  p^^  18.  Semi -empirical  methods  work  poorly  in  th  s  l!ase.  in  the 
second  example,  shown  in  Fig.  12b,  ihe  external  Mach  number  is  equal  to  1.65.  The  Moulden  and  0NERA1  codes 
still  give  good  results.  Surprisingly,  the  Addy  model  gives  a  poo-  prediction  of  base  pressure  for  the 
lowest  values  of  the  nozzle  expansion  ratio  where  there  is  no  separation  on  the  body. 


5  -  DATA  BASE  COLLECTIOH  FOR  TESTING  EULER  AND  NAVIER  STOKES  CALCULATIONS 
5.1  -  INTRODUCTORY  REMARKS 

The  aim  of  this  activity  was  to  collect  data  on  a  limited  number  of  well  documented  and  carefully  made 
experiments,  including  detailed  analysis  of  the  flow  past  typical  afterbodies.  The  selection  of  the  test 
cases  was  made  by  taking  into  account  the  following  criteria: 

-  Only  axisyimetric  afterbodies  with  or  without  propulsion  will  be  considered. 

-  Incoming  flows  (external  plus  jet)  properties  should  be  provided,  including  boundary-layer  profiles. 

-  In  addition  to  static  pressure  distributions  on  the  afterbody,  flow  field  measurements  giving  the  mean 
velocity  components  and  the  Reynolds  tensor  components  should  be  included. 

After  examination  of  several  possible  test  cases,  it  was  decided  to  retain  only  six  test  cases  described  in 
Table  IV.  The  selected  cases  concern  results  obtained  in  the  subsonic  regime.  No  well  documented  and 
accurate  data  were  available  for  the  transonic  and  supersonic  regimes,  presently.  Neither  results  concerning 
the  effect  of  the  jet  nature  or  total  temperature  were  found. 
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TABLE  IV  -  SUMMARY  OF  TEST  CASES  FOR  EULER  AND  NAVIER-STOKES  CALCULATIONS 


Test 

case 

Origin 

Afterbody 

geometry 

Jet 

Angle 
of  attack 

Measurements 

on  the  body  in  the  flow 

1A 

ISL 

3  =  0* 

0.35 

off 

0* 

Pstat*  V  ,  R 

IB 

ISL 

3  =  -6* 

_i_3j 

°max 

0.35 

off 

0* 

Pstat*  ^-L  V  ,  R 

2B 

AS/0MERA 

3  =  0* 

0.85 

on 

0* 

Pstati  B-L  ^  >  R 

2B 

AS/0NERA 

_£r 

Umax 

0.85 

on 

0* 

Pstat>  S'*-  ^  i  R 

2C 

AS/ONERA 

3  =  +6* 

_L  .  i 
°max 

0.85 

on 

0* 

Pstaf  B-L  V  ,  R 

3 

ISL 

3  =  6* 

_L=  i 
°max 

0.54 

off 

5* 

Pstat’  B-L  V  ,  R 

Pstat :  pressure  measurements, 

B-L  :  incoming  boundary-layer  profile  provided, 

V  ,  R  •:  mean  velocity  vector  and  Reynolds  tensor  measurements. 

The  data  banks  consists  in  profiles  of  flow  mean  and  turbulent  properties  and 
in  tracings  of  contour  lines  of  these  quantities. 

Results  relative  to  the  effect  of  angle  of  incidence  have  been  obtained  in  experiments  executed  by  ISL  in 
the  framework  of  the  Action  Group  activity 

5.2  -  PRESENTATION  OF  SOME  TYPICAL  RESULTS 

There  is  no  place  here  to  give  much  detail  about  this  data  bank  which  contains  a  considerable  amount  of 
information.  We  have  selected  a  limited  number  of  resuls  to  give  an  idea  of  the  quality  of  the  measurements 
and  of  the  general  structure  of  the  investigated  flows. 

Test  cases  1A  and  IB  have  been  investigated  in  a  ISL  blow  down  type  wind  tunnel.  As  shown  in  Fig.  13,  the 
experimental  arrangement  comprises  an  axisymmetric  nozzle  of  0,21  m  in  length  and  of  0,1  m  in  diameter. 
Afterbody  models  are  mounted  at  the  extremity  of  a  sting,  of  diameter  0,020  m,  located  in  the  test  section 
and  supported  in  the  settling  chamber  by  three  shaped  struts.  The  end  of  the  sting  is  held  in  the  test 
section  by  three  wires  of  0.3  o  m  diameter  adjustable  by  strap  mounts.  This  system  allows  the  models  to  be 
aligned  in  the  flow  direction  (angle  of  attack  and  slide  slip  angle  equal  to  zero)  and  leaves  the  flow  in 
the  test  section  undisturbed.  The  general  flow  conditions  were  as  follows:- 


pt» 

Reg 

a 

105  Pa 

0.35 

1.54  106 

0 

ReD:-  Reynolds  number  computed  with  the  model  caliber. 

At  each  measurement  point,  the  flow  field  properties  were  calculated  from  4096  individual  samples  of  the 
instantaneous  velocity  components  u  and  v  obtained  by  means  of  a  2-D,  two-colour  LDV  system  [35], 


t 


The  mean  velocity  vector  field  for  the  cylindrical  afterbody  (test  case  1A)  Is  represented  in  Fig.  14.  This 
plot  shows  the  vast  recirculating  zone  existing  Just  downstream  of  the  base.  The  figure  shows  a  good 
symmetry  of  the  configuration,  the  reverse  flow  stagnation  point  being  located  right  in  the  center  of  the 
base.  From  this  vector  field  it  was  possible  to  determine  the  mean  flow  streamlines  shown  in  Fig.  15,  where 
the  results  obtained  for  the  conical  boattail  have  also  been  represented  for  purpose  of  comparison.  One 
notes  a  noticeable  reduction  in  the  size  of  the  near  wake,  when  p  =  -6*  .  Some  results  relative  to  the 
turbulence  properties  of  the  flow  are  represented  in  Figs.  16a  and  16b  by  means  of  contour  representations 
of  the  turbulent  kinetic  energy  and  of  the  Reynolds  shear  stress.  One  sees  that  the  maximum  turbulence 
levels  are  reached  in  the  shear  layer  originating  at  the  base  shoulder  at  a  location  si lgthly  upstream  of 
the  rear  stagnation  point. 

Test  cases  2A,  20  and  2C,  which  correspond  to  an  afterbody  in  the  jet-on  situation,  were  studied  in  the 
ONERA  S3Ch  transonic  wind  tunnel  [36].  Models  are  mounted  with  zero  angle  of  attack  and  zero  yaw  on  a  sting, 
of  diameter  0  -  0.1  m,  supported  by  a  horizontal  shaped  strut  located  in  the  settling  chamber  and  by  three 
shaped  wires  caught  at  the  collector  walls  (see  Fig.  17).  The  jet  is  produced  by  a  contoured  supersonic 
nozzle  of  diameter  Dj  =  0.15  m.  The  general  test  conditions  were  as  follows:- 


The  flow  field  properties  were  calculated  for  each  point  based  on  2000  individual  samples  of  (u,v)  obtained 
by  means  of  a  2-D  two  color  LDV  system. 

The  mean  velocity  vector  field  for  the  cylindrical  afterbody  is  shown  in  Fig.  18.  A  recirculating  zone  forms 
downstream  of  the  base,  its  closure  point  being  located  at  approximately  1.25  caliber  from  the  base.  The 
structure  of  the  mean  base  flow  is  best  visualized  by  the  tracings  of  streamlines  shown  if  Fig.  19. 
Considering  first  the  cylindrical  afterbody  (see  Fig.  19a),  one  can  first  distinguish  a  region  where  the 
streamlines  are  closed  curves.  This  recirculating  bubble  is  bounded  by  a  discriminating  streamline  (j) 
originating  at  the  separation  point  Sp,-  located  at  the  base  shoulder,  and  ending  at  the  stagnation  point  R 
located  on  the  base  between  Sp  and  the  nozzle  exit  Sj.  Another  line  to  be  remarked  is  the  streamline  (s) 
which  delimits  the  reversed  flow  region.  This  streamline  (s)  passes  through  point  S  where  its  tangent  is 
vertical.  The  streamlines  flowing  between  the  wall  and  (s)  are  first  turned  back  towards  the  base;-  then, 
they  are  rapidly  bent  In  the  downstream  direction  by  the  strong  entrainment  effect  of  the  supersonic  jet. 
The  mean  flow  streamlines  for  the  afterbody  with  boattail  (test  case  2B)  and  with  flare  (test  case  2C)  are 
shown  in  Figs.  19b  and  19c.  One  sees  that  the  reverse  flow  region  is  much  reduced  when  there  is  a  boattail 
due  to  the  tendency  of  the  external  flow  to  converge  towards  the  axis.  On  the  other  hand,  the  presence  of  a 
flare  leads  to  a  considerable  extension  of  the  separated  bubble. 

The  spatial  distribution  of  the  turbulence  kinetic  energy  for  the  cylindrical  afterbody  is  visualized  in 
Fig.  20a  by  a  tracing  of  the  lines  of  constant  values  for  k  /  u£.  In  the  external  shear  layer,  originating 
at  Sp,  the  maximum  of  k  occurs  just  above  the  limit  point  S.  In  the  jet  mixing  layer,  the  turbulence  levels 
are  between  ihree  and  four  times  higher  than  in  the  outer  flow  shear  layer.  This  increase  in  the  levels 
results  from  a  more  intense  turbulence  production  because  of  higher  strain  rates.  The  spatial  distributions 
of  the  Reynolds  shear  stress  given  in  Fig.  20b  show  similar  tendencies. 

The  study  of  the  afterbody  at  an  angle  of  attack  ot  ■  5’  (test  case  3)  was  conducted  in  the  ISt  blow  down 
type  wind  tunnel,  the  open  test  section  being  here  a  square  in  cross  section  measuring  0.13  x  0.13  m2.  As 
for  test  cases  2a  to  2c,  the  afterbody  model  is  mounted  at  the  end  of  a  sting  supported  in  the  settling 
chamber  and  held  in  the  test  section.  Here,  the  sting  is  set  at  an  angle  a  =  5'  with  respect  to  the  test 
section  axis  (see  Fig.  21).  Great  care  was  taken  to  align  the  model  in  the  flow  direction  so  that  the 
sideslip  angle  be  equal  to  zero.  The  flow  field  properties  were  measured  with  a  3-D,  three  color  LDV  system. 
Results  are  expressed  in  the  reference  system  X,Y,Z  as  shown  in  Fig.  20  [37]. 

Clear  representation  of  3-D  results  is  a  difficult  task  [38].  Some  insight  into  the  complex  flow 
organization  can  be  gained  by  the  tracings  of  Fig.  22  which  show  the  projected  mean  velocity  vector  field  in 
X  -  Y  planes  located  at  different  spanwise  locations  Z.  By  a  trajectographic  method,  it  is  possible  to 
construct  the  lines  of  force  of  this  vector  field  which  are  drawn  on  the  same  figures. 
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tracings  reveal  the  existence  in  the  selected  planes  of  singular  points  ot  the  tocus  and  saadie  types.  Also, 
the  vector  field  contains  separation  lines,  the  particularity  of  which  is  to  go  through  a  singular  point. 
These  features  are  typical  of  three  dimensional  separated  flows  [39],  Similar  results  relative  to  transverse 
Y  -  X  planes  located  at  different  X  locations  are  shown  in  Fig.  23. 

Turbulent  properties  of  the  base  flow  are  given  in  the  next  figure  which  shows  contours  of  of  the  turbulent 
kinetic  energy  k  /  uj,  (Fig.  24a)  and  of  the  Reynolds  shear  stress  component  u'  v'  /  uj,  (Fig.  24b)  for  six 
transverse  planes  Z  -  Y.  The  Action  Group  Report  will  contain  the  complete  set  of  data  concerning  this  flow 
as  also  a  physical  interpretation  of  the  results. 


6  -  VALIDATION  OF  EULER  AND  NAVIER-STOKES  CALCULATIONS 

6.1  -  INTRODUCTORY  REMARKS 

First  it  must  be  mentioned  that  this  activity  has  not  yet  been  completed.  Only  preliminary  Navier-Stokes 
results  are  available  from  different  investigators  and  some  Euler  solutions  have  been  performed  as  a 
preparatory  step  for  achieving  good  Navier-Stokes  solutions.  Therefore,  only  a  few  figures  concerning 
preliminary  results  will  be  shown  here.  Even  the  rough  method  descriptions  must  be  understood  as 
preliminary,  these  methods  being  still  subject  to  some  changes  until  the  work  will  be  finished 

Especially,  it  is  planned  to  carry  out  some  exercises  on  mesh  refinement  or  mesh  adaptation,  running 
different  codes  in  the  same  computational  mesh  and  using  different  types  of  turbulence  models  within  the 
same  numerical  scheme  and  the  same  grid.  Hopefully,  these  very  important  exercises  can  be  concluded  within 
the  lifetime  of  the  Action  Group. 

6.2  -  SURVEY  OF  THE  COMPUTATIONAL  HETHODS  USED  FOR  SOLVING  THE  NAVIER-STOKES  EQUATIONS 

Numerical  contributions  solving  the  Navier-Stokes  equations  will  be  provided  by  British  Aerospace,  Dornier, 
ISL  and  MATRA.  The  computational  methods  used  by  these  investigators  can  be  roughly  characterized  as 
follows. 

8riti$h  Aerospace.  The  steady  averaged  Navier-Stokes  equations  are  solved  by  an  iterative  upwind  finite 
difference  scheme  equivalent  to  a  finite  volume  approximation  since  similar  integrations  are  carried  out 
over  the  complete  surface  of  each  computational  cell.  An  iterative  pressure  correction  technique  is  used  in 
order  to  fulfill  the  continuity  equation.  The  method  is  based  on  the  semi  implicit  method  ot  Spalding  and 
Patankar.  The  (k,«]  transport  equation  turbulence  model  is  used  in  the  code  and  the  log-law  is  implemented 
for  the  velocity  profile  close  to  the  walls  in  order  to  avoid  very  fine  mesh  resolutions  there.  The  method 
is  capable  of  treating  the  chemical  reactions  in  the  plume  by  adding  the  reaction  and  species  conservation 
equations  to  the  code.  Further  improvement  are  under  development 

Dornier.  A  cell  centered  finite  volume  algorithm  is  used  in  block  structured  meshes.  The  time  integration  is 
performed  by  explicit  Runge-Kutta  type  methods  or,  alternately,  solutions  can  also  be  gained  iteratively 
with  an  implicit  L-U  factorised  scheme.  Both  approaches  allow  for  a  speed  up  by  a  multigrid  scheme  and  the 
explicit  scheme  is  also  accelerated  by  local  time  steps  and  implicit  residual  averaging.  The  [k,e] 
turbulence  model  is  implemented  including  a  low  Reynolds  number  damping  model  which  permits  fine  mesh 
resolution  near  the  wall,  thus  avoiding  the  use  of  a  law  of  the  wall.  Also,  the  famous  Baldwin -Lomax  model 
can  be  used  in  a  formulation  well  tuned  for  applying  it  safely  across  block  boundaries  and  in  complicated 
flow  regions. 

ISL.  The  code  solves  the  vorticity  transport  equation  and,  in  parallel,  the  Poisson  equation  for  the  stream 
function  by  an  implicit  finite  difference  integration  method.  The  values  of  the  variables  in  the  flow  field 
are  provided  at  the  nodes  of  the  grid  lines.  The  turbulent  shear  stress  is  modeled  by  classical  mixing 
length  models. 

HATRA.  The  code  solves  the  unsteady  flow  equations  by  a  finite  volume  Jiscretisation  with  the  unknowns  at 
the  nodes  and  the  time  integration  is  performed  by  an  explicit  one-step  Lax-Wendroff  scheme.  Multi-Block 
meshes  are  used  and  for  the  turbulence  description  the  Baldwin-Lomax  model  is  adopted.  For  low  Mach  numbers 
an  artificial  compressibility  version  is  available. 

6.3  -  NAVIER-STOKES  RESULTS 

In  Fig.  25  some  results  of  Czichowsky,  ISL,  for  the  mean  flow  streamlines  and  the  lines  of  constant 
vorticity  corresponding  to  three  values  of  the  Reynolds  number  are  shown.  These  results  are  relative  to  a 
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boattailed  ax i symmetric  afterbody  without  jet  in  incompressible  flow.  The  length  of  the  recirculating  bubble 
behind  the  base  is  displayed  in  Fig.  26  as  function  of  Reynolds  number  for  three  differ«nt  boattail  angles, 
the  boattailed  part  having  a  length  of  half  caliber.  Although  these  cases  are  not  directly  related  to  the 
test  cases  discussed  above,  it  is  quite  interesting  to  recognise  how  the  bubble  length  appears  to  reach  an 
asymptotic  value  with  increasing  Reynolds  number.  This  confirms  from  a  theoretical  point  of  view  the  well 
know.*  fact  that  the  base  flow  pattern  is  only  slightly  dependent  on  Reynolds  number  in  the  technically  most 
important  higher  Reynolds  number  range. 

Some  recent  resuHs  from  Hagagnato,  Dornier,  for  Test  Case  26  are  displayed  in  Figs.  27  and  28.  Compared  to 
the  Dornier  calculations  presented  in  [3]  an  essentially  refined  block  structured  mesh  is  used  with  good 
resolution  of  both  shear  layers  at  the  free  stream  as  well  as  at  the  jet  boundary  of  the  separated  region. 
Also  a  different  numerical  scheme  is  used  which  is  described  in  Section  6.2  above.  For  the  present 
calculation,  the  formulation  of  the  Baldwin-Lomax  turbulence  model  has  been  thoroughly  adjusted  for  the  use 
in  both  free  shear  layers.  More  details  are  discussed  in  the  paper  of  Magagnato  within  this  conference  [40]. 

Surprisingly,  the  flow  pattern  shown  in  Fig.  27  is  not  very  much  changed  compared  to  [3]  in  spite  of  the 
definite  improvement  of  the  numerical  treatment.  The  measured  closure  position  C  of  the  recirculation  region 
is  well  represented  in  both  calculations.  On  the  other  hand,  the  discrepancy  between  the  measured 
reattachment  oosition  R  at  the  base  and  the  calculated  point  (point  of  vanishing  tangential  velocity  at  the 
base  in  Fig.  27)  is  not  reduced  compared  to  [3].  The  only  explanation  at  hand  for  this  discrepancy  may  be 
that  the  shear  layer  at  the  jet  boundary  originated  from  the  highly  accelerated  nozzle  boundary- layer  is 
perhaps  initially  laminar  as  also  supposed  in  [3],  while  it  is  assumed  to  be  turbulent  in  the  calculation. 
This  could  be  the  reason  for  the  fact  that  the  substantial  improvement  of  mesh  resolution  and  turbulence 
model  representation  at  the  jet  boundary  does  not  produce  the  expected  improvement  effects. 

Fig.  28  presents  tha  pressure  distribution  on  the  afterbody  for  the  same  case  where  the  pressure  coefficient 
Cp  is  plotted  versus  the  distance  from  the  base  (Fig.  28a)  and  the  base  pressure  versus  radius  (Fig.  28  b). 
Now  the  surface  pressure  distribution  is  improved  at  the  body-boattail  junction  (  X  -  -0.1  m)  due  to  the 
better  mesh  resolution  compared  to  [3].  The  base  pressure  level  is  close  to  the  experimental  value  as 
already  observed  in  T3). 

Some  very  preliminary  Navier-Stokes  calculations  performed  at  British  Aerospace  are  presented  in  Figs.  29a 
and  29b.  The  computed  configurations  correspond  to  Test  Cases  1A  and  iB.  The  upper  half  of  each  figure  shows 
the  computed  velocity  plot,  the  lower  half  the  ISL  experimental  result.  There  is  a  general  agreement  between 
calculation  and  experiment,  however  the  computed  bubble  length  is  here  more  important  than  the  experimental 
one. 


Examples  of  Navier-Stokes  calculations  performed  at  MATRA  are  presented  in  Fig.  30  which  show  tracings  of 
velocity  fields.  The  first  example  (see  Fig.  30a)  corresponds  to  Test  Case  IB.  The  second  calculation  (see 
Fig.  30b)  corresponds  to  Test  Case  2B  (boattailed  afterbody  with  jet).  This  result  if  very  encouraging  the 
computed  flow  field  reproducing  faithfully  the  essential  features  of  the  measured  field. 

7  -  CONCLUSION 

Base  flow  phenomena  can  play  an  important  role  in  the  aerodynamic  performance  of  a  missile  or  a  projectile. 
Furthermore,  the  base  region  can  be  the  seat  of  complex  aerothermal  processes,  involving  possible  after 
burning  of  the  gas  emitted  by  the  propulsive  jet,  which  are  at  the  origin  of  large  heat  rluxes  on  the  rear 
part  of  the  missile.  Due  the  great  practical  importance  of  base  flows  ,  the  GARTEUR  Group  of  Responsables 
for  Aerodynamics  decided  in  1986  the  creation  of  an  Action  Group  (AG09)  on  this  subject  with  the  title  "Flow 
Past  Missile  Afterbodies".  The  task  of  this  AG  was  to  establish  the  state  of  the  art  in  the  matter  or  base 
flow  prediction  by  making  an  in  depth  assessment  of  existing  calculation  methods  by  means  of  thorough 
comparisons  with  experimental  results.  The  membership  of  this  Action  Group,  which  is  close  to  the  completion 
of  its  task,  is  as  follows:  Aerospatiale  -  ChStillon,  British  Aerospace  -  Bristol,  DLR  -  Braunschweig, 
Dornier  -  Friedrichshafen,  ISL  -  Saint-Louis,  MATRA  ,  MBB  -  Munich,  ONERA 

In  this  perspective,  the  AG  collected  158  test  cases  covering  both  jet  off  and  jet  on  situations  and  flight 
Mach  number  in  the  subsonic,  transonic  and  supersonic  i  :nges.  This  data  bank  was  used  to  test  a  total  of  12 
serai -empirical  and  multi -component  methods  by  executing  448  calculations  which  allowed  a  clear  definition  of 
the  domain  of  applicability  of  these  methods.  Thus  it  appears  that  in  this  field,  the  situation  is  far  from 
being  satisfactory,  the  executed  calculations  showing  larc.  discrepancies  not  only  between  predictions  and 
experiment  but  also  between  methods.  In  fact,  semi -empirical  methods  are  of  poor  quality  outside  the  range 
of  parameters  for  which  they  have  been  established,  On  the  other  hand,  multi -component  methods  are  superior 
to  treat  complex  configurations  involving  a  large  number  of  parameters,  for  example  afterbodies  in  che  jet 
on  situations.  However,  even  in  the  case  of  a  supersonic  external  flow  -  for  which  multi-component  models 
seem  well  founded  -  no  method  actually  works  veiy  well,  especially  when  the  size  of  the  dead-air  region  at 
the  base  is  large.  Semi-emoirical  and  multi-component  methods  are  unable  to  predict  base  flow  in  the 
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transonic  range,  experiment  in  this  field  being  also  very  difficult.  Furthermore,  application  of  these 
methods  is  restricted  to  axisymmetric  configurations,  their  extension  to  3D  flows  being  extremely  difficult 
and  hazardous. 

A  data  base  consisting  of  6  well  documented  experiments,  including  very  detailed  field  measurements  by  2D 
and  3D  LOV  techniques,  was  constituted  to  test  more  advanced  computational  methods  based  on  the  solution  of 
the  time  averaged  Navier-Stokes  equations.  Two  experiments  are  relative  to  subsonic  flow  in  the  jet  off 
situation,  three  to  subsonic  flow  in  the  jet  on  situation,  the  last  case  being  a  particularly  well 
documented  3D  case  in  which  an  unpowered  afterbody  is  set  at  an  incidence  of  5-  in  a  subsonic  stream.  Four 
different  Navier-Stokes  codes,  incorporating  algebraic  or  transport  equation  turbulence  models,  have  been 
investigated  by  the  contributors.  This  activity,  which  has  not  yet  been  completed  at  the  time  of  the  present 
meeting,  constitutes  a  very  instructive  exercise  since  it  is  in  measure  to  lead  to  clear  conclusions 
concerning  both  the  numerical  problems  and  the  modelling  difficulties  met  in  the  Navier-Stokes  approach. 
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Fig.  5  -  Flow  model  for  subsonic  base  flow 
in  jet-on  condition 


■  @  © '  Cylindrical 


0NERA/AS1 


faiauir®  (b).  with  boattail 

x.  I  P.  i  uo  I 
_  -f  |  as~ 

Riedel 

BAe  Drag  Program  / 


0NERA/AS1 


local 


Brazzel -Henderson 


(a)-  Evolution  with  incoming  Hach  number 


Pig.  14  -  Subsonic  base  flow  without  jet  (ISL  results) 
Mean  velocity  vector  field  -  Test  case  1A 


Boattall  (test  case  IB) 


Fig.  15  -  Subsonic  base  flow  without  jet  (ISL  results) 
Meanflow  streamlines 


a  -  Contours  of  turbulent  kinetic  energy 


Fig  16  -  Subsonic  base  flow  without  jet  { ISL  results) 
Turbulent  properties  -  Test  case  1A 


b  -  Contours  of  Reynolds  shear  stress 


Fig.  20  -  Subsonic  base  flow  with  jet  (ONERA/AS  results) 
Turbulent  properties  -  Test  case  2A 


Fig.  21  -  Subsonic  base  flow  without  jet  at  incidence 
Model  installation  in  the  ISL  wind  tunnel 


Fig.  22  -  Subsonic  base  flow  at  incidence  (ISL  results) 
Mean  velocity  vector  field  and  streamlines  in 
X-Y  longitudinal  planes 
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Fig.  25  -  Streamlines  and  vorticity  contours  downstream  of 

a  boattailed  afterbody.  Influence  of  Reynolds  number 
Navier-Stokes  solution*,  ISL 
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Fig.  26  -  Rear  free  stagnation  point  position  benind  a 

boattailed  afterbody.  Influence  of  Reynolds  number 
Navier-Stokes  solutions,  ISL 


reattachment  point 
from  experiment 


C  :  X-location  of  experimental  rear  free  stagnation 
point 


Fig.  2/  -  Velocity  vector  field  for  Test  Case  2B 
Navier-Stokes  solution,  Dornier 


b  -  Test  Case  2B 

Fig.  30  -  Velocity  vector  field 

Navier-Stokes  solutions,  HATRA 
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SUNDRY 


The  aerodynamic  interferences  which  arise  from  the  interactions  between  the  flow  around  a 
configuration  and  the  flow  of  lateral  blowing  thrusters  are  well-known  in  the  supersonic 
case  due  to  many  missile  applications.  Here  some  results  and  experimental  investigations 
which  are  planned  tor  the  very  near  future,  are  reported  for  the  case  of  a  subsonic 
configuration. 

The  EPHRAH  concept  is  a  terminal  guided  submunition  which  is  designed  to  improve  the  hit 
accuracy  and  effectiveness  of  conventional  artillery  rounds.  The  flight  condition  for  this 
concept  is  typically  Mach  0.5  in  low  altitudes.  EPHRAM  is  controlled  by  four  literal  hot 
gas  thrusters  with  a  design  based  on  mechanical  valve  switching  technology.  Ty  applying 
lateral  forces,  the  configuration  develops  an  angle  of  attack  which  is  utilized  for  rlight 
path  corrections. 

Extrapolations  from  the  literature  show  Chat  there  might  be  a  negative  "jet  spoiler  effect" 
reducing  the  aerodynamic  rorraal  forces  due  to  interferences  between  the  lateral  jet  and  the 
configuration  flow  field..  Therefore,  experimental  investigations  have  to  be  performed  in 
order  to  learn  more  about  the  aerodynamic  behaviour  of  such  systems. 

In  a  first  test  series,  the  complete  model  with  the  operating  jet  control  system  was 
installed  in  a  low  speed  wind  tunnel.  The  results  showed  that  in  the  case  under 
investigation  there  were  no  severe  interferences.  However,  only  a  few  tests  could  be 
performed  for  a  single  configuration.  So  additionally  an  experimental  research  program  has 
been  launched  in  order  to  learn  more  about  the  basic  effects.  This  paper  reports  on  the 
experimental  apparatus  which  shall  be  used  and  describes  the  facilities  that  are  involved 
in  the  planned  tests. 

The  investigations  show  the  importance  of  a  thorough  understanding  of  the  phenomena.  There 
is  some  evidence  that  by  a  suitable  design  the  performance  of  subsonic  concepts  using  jet 
reaction  control  systems  can  be  improved  considerably. 


SY430LS 


Symbols  have  been  used  according  to  ISO  1551/Flight  Mechanics  Standard  11).  Additional 
syabols  are  explained  in  the  text. 
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1.  INTRODUCTION 


The  development  of  new,  so-called  "brilliant"  or  "smart"  ammunition  for  ar  illery 
applications  is  very  important  in  order  to  improve  the  possibility  of  an  eifective 
defence  against  future  armoured  ground  vehicles.  The  hit  accuracy  and  therefore  the 
e f fectiveness  of  such  concepts  increases  drastically  due  to  maneuvers  in  the  terminal 
flight  phase  (top-attack  capability). 

One  example  of  such  newly  developed  systems  is  the  EPHRAM  ammunition  which  shall  be 
discussed  here.  EPHRAM  is  the  German  acronym  for  "Autonomous  Precision  Guided  Munition". 
Several  aspects  of  this  concept  were  already  discussed  elsewhere.  In  (2]  the  EPHRAM  jet 
reaction  control  system  was  presented  which  is  used  to  obtain  the  terminal  maneuver 
capability.  A  trade  study  was  made  on  actuator  systems  for  artillery  applications  leading 
to  the  chosen  concept.  Ref.  [3]  reports  on  the  identification  of  system  and  aerodynamic 
parameters  from  instrumented  drop  tests.  In  this  paper  considerations  about  the 
feasibility  of  investigations  and  some  results  of  preliminary  tests  of  the  aerodynamic 
interaction  between  the  hot  gas  jet  reaction  control  system  and  the  subsonic  flowfield 
around  the  EPHRAM  submunition  configuration  will  be  discussed. 

In  an  extensive  study  of  the  literature  [4)  it  was  found  that  a  lot  of  research  on  the 
interaction  problem  exists.  At  supersonic  Mach  numbers  the  aerodynamic  interferences  tend 
to  increase  the  normal  force  for  suitably  designed  configurations  ("jet  spoiler  effect", 
e.g.  [5,6]).  A  lot  of  experimental  investigations  and  field  studies  were  performed  to 
understand  this  phenomenon  in  detail.  Especially,  there  was  the  need  for  jet  simulation 
in  a  well-defined  wind  tunnel  environment  [7,8].  In  general,  there  is  no  valid  formula 
for  simulation  of  hot  control  jets.  Nevertheless  requirements  and  parameters  for  the 
simulation  can  be  specified. 

The  results  of  the  supersonic  regime  cannot  be  applied  directly  to  the  subsonic  EPHRAM 
case.  Therefore,  additional  experiments  have  to  be  carried  out  to  transform  and  to 
extrapolate  the  experiences  gained  to  subsonic  velocities.  A  major  problem  is  the 
simulation  of  the  EPHRAM  hot  gas  jet  reaction  control  system  in  the  wind  tunnel,  so  that 
the  results  of  the  tests  are  transferable  to  free  flight  conditions.  For  this  purpose  a 
suitable  test  set-up  and  test  procedures  have  to  be  established. 

Next  the  EPHRAM  concept  is  discussed  shortly,  followed  by  a  presentation  of  preliminary 
wind  tunnel  tests.  Then  a  survey  of  the  experimental  research  program  is  presented  in 
which  basic  aerodynamic  effects  of  the  flow  phenomena  will  be  investigated.  Finally,  some 
results  of  the  programmed  flight  tests  are  given  shoving  the  effectiveness  of  the  control 
system  for  the  application  discussed  here. 


2.  EPHttM  CONCEPT 


In  different  US  and  European  development  programs  the  feasibility  of  brilliant  ammunition 
concepts  Is  explored.  The  EPHRAM  concept  is  based  on  the  high  hit  probability  which  is 
characteristic  for  artillery  systems.  It  is  improved  by  a  guided  terminal  phase  of  a 
2-stage  ammunition  concept. 

Pig.  1  shows  a  sketch  of  the  EPBRAH  projectile  structure  with  the  outer  thinwall  carrier, 
the  first-stage  canister,  and  the  submunition  for  the  terminal  phase  top-attack.  The 
outer  shape  of  the  artillery  round  corresponds  to  conventional  artillery  projectiles  like 
the  well-known  M483A1.  Therefore,  the  usual  firing  tables  can  be  used  vith  a  suitable 
addendum.  Of  course,  the  weight,  the  moments  of  inertia,  and  the  position  of  the  center 
of  gravity  of  the  EPHRAM  round  have  to  be  adjusted  properly.  The  main  components  of  the 
tactical  submunition  are  indicated  additionally. 

The  overall  function  of  the  system  is  explained  in  fig.  2.  The  complete  round  is  fired 
like  a  conventional  artillery  rcund.  The  first  separation  takes  place  at  a  certain  point 
on  the  ballistic  trajectory  of  the  shell.  The  thinwall  canister  is  pulled  out  at  approx. 
Mach  1  and  up  to  200  Hz  spin  rate.  It  is  despun  and  decelerated  by  different  sets  of  spin 
brakes  and  a  parachute,  resp.  When  suitable  environmental  conditions  have  been  reached 
(approx.  ISO  t/sec  and  less  than  10  Hz),  the  EPHRAM  submunition  is  pulled  out  of  the 
canister.  For  initial  stabilization  the  parachute  remains  attached  until  the  wings  of  the 
subnunition  have  been  deployed  and  guarantee  stable  flight  behaviour  with  almost 
vanishing  spin  rate.  Then  the  rear  part  of  the  canister  is  separated,  and  the  submunition 
starts  its  controlled  terminal  maneuver.  A  variety  of  flight  paths  can  be  preprogrammed; 
the  particular  one  chosen  depends  on  the  seeker  performance  characteristics  and  on  the 
constraints  of  the  terminal  maneuver. 

In  fig.  3  a  cut  through  the  subnunition  drop  test  configuration  shows  its  main  components 
like  jet  reaction  control  system,  autopilot,  instrumentation  package,  battery,  and  flight 
data  recorder.  The  shaped  charge  warhead  is  replaced  by  a  soft  recovery  system,  moreover 
the  hemispherical  nose  is  used  as  a  five  hole  pressure  probe. 


The  subnunition  is  controlled  by  a  lateral  bloving  jet  reaction  control  system,  fig.  4. 
Its  redial  thrust  forces  cause  changes  in  pitch  and  yaw  and,  consequently,  angle  of 
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incidence  and  sideslip.  This  results  in  high  lift  front  the  eight  large  vings  vhich  is 
sufficient  to  perform  the  commanded  maneuvers  and  to  achieve  the  desired  footprints.  The 
decision  to  use  a  jet  reaction  control  system  vas  made  by  trade  studies  and  by  additional 
considerations  vhich  technology  has  the  potential  for  next  generation  designs.  This 
concept  offers  a  growth  potential  to  higher  performances,  longer  flight  time  as 
propellants  will  improve,  and  increased  cost  effectiveness  by  application  of  fluidic 
amplifier  arrangements. 


3.  AERODYNAMIC  CHARACTERISTICS  AND  DLR  VTOC  TWEL  TEST  RESULTS 


The  aerodynamic  design  of  the  EPHRAH  submunition  vas  a  very  important  task  in  order  to 
achieve  the  necessary  maneuver  capability.  First  a  large  number  of  trade  studies  was 
performed  to  optimize  the  geometric  parameters  of  the  configuration.  Finally,  a 
f in-body-corabination  with  eight  large  vings  vas  selected.  The  high  number  of  vings  vas 
chosen  in  order  to  maximize  lift  and  to  decouple  the  aerodynamic  behaviour  f~om  roll 
position  (no  dependency  of  aerodynamic  coefficients  on  roll  angle).  There  have  been 
different  approaches  for  the  ving  profile,  ranging  from  a  NACA0012  profile  to  a  simple 
flat  plate  with  rounded  front  corners.  Further  investigations  have  been  made  for  various 
ving  positions  and  nose  configurations. 

In  a  second  step,  five  detailed  experimental  test  series  have  been  performed  for  the  case 
without  bloving  thrusters  in  order  to  establish  an  aerodynamic  model  for  the 
6-DoF-simulat ions .  Tvo  different  vind  tunnels  of  the  DLR  vere  used,  namely  the  3.25  m  x 
2.80  m  lov  speed  vind  tunnel  (NVB)  and  the  0.8  m  x  0.8  m  lov  speed  facility  (HUB)  in 
Braunschweig.  Pig.  5  shovs  a  photo  of  the  NVB  test  section;  this  photo  vas  made  vhile  the 
EPHRAH  configuration  vas  mounted  on  a  rotary  balance.  The  selection  of  the  large  vind 
tunnel  guaranteed  an  almost  perfect  simulation  vith  results  very  close  to  reality, 
vhereas  the  smaller  tunnel  vas  useful  because  of  its  lover  costs.  The  vind  tunnel 
corrections  for  the  HUB  vere  established  experimentally. 

Some  typical  aerodynamic  results  for  the  BPHRAH  drop  test  configuration  are  shovn  in  the 
next  figures.  For  this  configuration  the  simple  ving  profile  vas  chosen  (rounded  flat 
plate).  Pig.  6  shovs  a  comparison  betveen  2  and  8  vings  vith  NACA  profile  and  flat  plate, 
resp.  The  flat  plate  version  shovs  a  better  and  smoother  normal  force  performance, 
hovever,  the  contrary  holds  for  the  glide  number,  fig.  7.,  This  is  due  to  the  differences 
in  the  tangential  force,  vhich  could  be  expected,  fig.  8.  The  overall  normal  force  and 
pitching  moment  of  the  submuniton  can  be  taken  from  fig.  9.  It  can  be  seen  that  due  to 
the  large  number  of  vings  there  is  no  sudden  breakdown  of  the  normal  force  (cf.  fig.  6). 
There  is  a  smooth  and  gradually  increasing  flow  separation  from  the  different  vings 
leading  to  very  smooth  characteristics  of  the  configuration. 

The  EPHRAH  concept  is  not  roll-stabilized.  For  the  terminal  phase,  hovever,  a  roll  rate 
of  less  than  1  Hz  is  required.  The  roll  damping  coefficient  of  the  conf iguration  is 
expected  to  be  very  large  due  to  the  large  vings.  So  additional  vind  tunnel  tests  have 
been  made  to  establish  the  dynamic  roll  data  of  the  configuration.  Fig.  10  shovs  the  roll 
damping  coefficient  vs.  the  angle  of  attack  for  different  roll  rates.  The  sharp  decrease 
is  remarkable,  it  is  due  to  separation  effects. 

For  system  identification  purposes,  the  EPHRAH  hemispherical  nose  vas  modified  as  a 
five-hole  pressure  probe  in  order  to  identify  the  actual  angles  of  attack  and  angles  of 
sideslip  during  the  instrumented  programmed  flight  tests  19].. 

After  completion  of  the  various  vind  tunnel  tests  the  results  vere  verified  by  drop  tests 
without  burning  actuation  systems.  The  high  quality  of  the  aerodynamic  model  vas 
substantiated.  Hovever,  there  vas  the  need  to  learn  more  about  the  influence  of  the 
working  lateral  thrusters  on  the  coefficients.  Therefore,  another  program  vas  started  at 
the  vind  tunnel  of  the  university  of  Erlangen. 


4.  ERLANGEN  WIND  TUNNEL  TESTS  WITH  WORKING  TTRJSTERS 


The  Erlangen  vind  tunnel  is  a  horizontal  tunnel  of  the  "Goettingen  type"  vith  an  open  1  m 
x  1  a  test  section  and  a  vind  speed  of  60  m/sec.  The  aerodynamic  coefficients  vere 
measured  vith  the  help  of  an  external  three-component  balance  vhich  vas  installed  above 
the  test  section  (cf.  fig.  11).  The  angle  of  attack  could  be  varied  betveen  0°  and  +20°. 
Figs.  12  and  13  show  a  comparison  of  the  aerodynamic  coefficients  betveen  this  vind 
tunnel  and  the  NVB.  There  are  only  small  discrepancies  in  the  test  results. 
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In  order  to  get  information  about  the  desired  influence  of  the  interference  effects, 
slightly  aodified  lateral  thrusters  vere  used  vhich  replaced  the  mechanical  svitching 
valve  system  of  the  original  EPHRAK  configuration  by  a  simple  nozzle  system  vith 
mechanical  relief  valves.  These  provide  a  constant  pressure  in  the  combustion  chamber  to 
ensure  optimal  propellant  burning  at  a  constant  burning  rate.  Korsover,  pressure  peaks 
are  avoided  vhich  vould  perhaps  cause  a  bursting  of  the  combustion  chamber  due  to 
material  stress. 

The  EPHRAM  actuator  block  consists  of  four  individually  controllable  thrusters  packaged 
in  one  common  housing.  For  the  vind  tunnel  tests,  hovever,  only  one  of  them  vas 
necessary.  It  vas  possible  to  obtain  the  inrluence  of  the  lateral  Jets  on  the  aerodynamic 
coefficients  in  the  different  directions  by  bloving  out  upvards,  sidevards,  or  dovnvards, 
resp.  The  case  of  force-free  bloving  out  could  not  be  simulated. 

The  item  of  security,  of  course,  vas  a  major  problem  during  the  vind  tunnel  tests.  So 
additionally  to  the  mentioned  relief  valve  a  second  safety  unit  on  the  basis  of 
stagnation  pressure  vas  used.  The  gas  generator  used  a  solid  propellant  vhich  vas 
designed  to  act  as  an  end  burning  constant  area  type  producing  a  clean  hot  gas  at  a 
comparatively  lov  flame  temperature  of  about  1500  K.  The  jot  Mach  number  vas 
approximately  3.3. 

Fig.  14  shovs  a  typical  result  of  the  influence  of  a  lateral  bloving  Jet  on  the  normal 
force  coefficient  (1C  deg.  angle  of  attack,  upvards  bloving).  The  flov  velocity  vas  55 
m/sec,  the  burning  time  of  the  motor  vas  roughly  20  sec.  The  nominal  lateral  force, 
vhich  vas  produced  by  the  jet  (vithout  interference  from  the  flovfield),  vas  approx.  60 
N.  In  figs.  15  -  17  the  experimental  results  for  the  aerodynamic  forces  in  the  vertical 
plane  are  given  neglecting  the  constant  jet  thrust  force.  Fig.  IS  shovs  the  normal  force 
and  the  pitching  moment  as  functions  of  the  configuration  roll  angle  for  a  fixed  angle  of 
attack  (roll  angle  01*:  upvards  bloving). 


From  the  diagrams  one  can  drav  the  folloving  conclusions: 

-  The  tangential  force  is  slightly  influenced  by  the  lateral  bloving  jet.-  This  result 
could  be  expected.  The  strong  increase  for  the  case  of  a  sidevards  bloving  jet  at  20“ 
angle  of  attack  cannot  be  explained. 

-  For  the  normal  force  there  are  small  variations  as  a  function  of  the  angle  of  attack 
and  the  position  of  the  lateral  jet.  No  positive  jet  spoiler  effect  could  be  detected. 
The  maximum  deviations  to  the  case  vithout  interference  vere  obtained  at  approx.;  120" 
jet  roll  angle  at  10“  angle  or  attack  (4  o'clock  position).  Thus  the  vorking  thrusters 
tend  to  reduce  the  aerodynamic  forces  slightly  and  to  Induce  side  forces.  Similar 
results  vere  obtained  for  the  pitching  moment  dst*.  As  a  consequence,  the  position  of 
the  center  of  pressure  varies  only  slightly  vith  engine  svltched  on. 

Under  the  given  conditions  the  axial  position  of  the  radial  bloving  jet  is  influenced 
only  a  little  by  the  oncoming  flov  vhich  can  be  shovn  vith  the  help  of  IR-photos.- 


These  first  results  from  an  idealized  vind  tunnel  environment  shov  that  there  are 
additional  farces  and  moments  vhich  arise  from  the  aerodynamic  interferences  under 
investigation.  Hovever,  these  tests  can  only  be  a  first  approximation  to  the  real 
conditions  for  different  reasons.  Firstly,  an  extrapolation  of  the  results  to  higher 
flight  velocities  is  very  difficult,  because  the  ratio  of  flight  velocity  to  jet  velocity 
can  be  larger  up  to  a  factor  of  5.  Secondly,  the  dynamic  effects  of  the  bang-bang 
characteristics  of  the  actuator  system  could  not  be  simulated.-  Thirdly,  only  a  fev 
parameters  could  be  varied  in  the  vind  tunnel  tests,  and  due  to  the  high  costs  the 
experimental  values  could  not  be  validated  in  all  cases  by  repetitions  of  the  tests. 

Until  nov  there  has  been  no  systematic  investigation  of  the  problem  under  controlled 
realistic  conditions.  Therefore,  a  feasability  study  has  been  initiated  at  the  DLR  in 
order  to  prove  the  possibility  to  simulate  the  interference  betveen  a  lateral  bloving  jet 
and  the  outer  flov  in  a  lov  speed  vind  tunnel. 


5.  EXPERIMENTAL  RESEARCH  PROGRAM  AT  THE  DLR 
5.1  Basic  Considerations  on  Control  Jet  Slnulatlon 

In  order  to  simulate  control  jets  in  a  vind  tunnel,  suitable  test  conditions  have  to  be 
established  first  so  that  the  results  of  the  tests  are  transferable  to  free  flight  condi¬ 
tions. 
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The  characteristic  EPHRAH  submunition  flight  velocity  is  150  m/sec,  which  is  the  basis 
for  the  folloving  considerations.  Its  control  jet  system  has  a  bang-bang  characteristic 
of  8  msec  duration.  From  a  chamber  of  about  1500  K  total  temperature  the  combustion  gas 
flovs  through  a  conical  nozzle  and  reaches  a  Mach  number  of  3.3  and  a  temperature  of  800 
K  at  the  nozzle  exit. 

For  measurements  in  a  lov  speed  wind  tunnel,  hovevar,  it  is  necessary  to  generate  a 
continuous  and  constant  control  jet  due  to  the  length  of  the  needed  test  period.  Thus 
hot  gas  thrusters  can  be  used  only  for  comparison.  Additionally,  in  a  vind  tunnel  vith  a 
closed  circuit  like  that  at  Braunschweig  only  media  which  are  non-corroding  and  not  toxic 
should  be  used. 

For  the  jet  simulation  with  the  projected  EPHRAK  submunition  configuration  both  near  as 
well  as  far-field  effects  have  to  be  taken  into  account.  In  the  near  field  the  Jet  has  to 
be  simulated  in  such  a  vay  that  the  pressure  distribution  on  the  model  surface  in  the 
vicinity  of  the  nozzle  is  equivalent  to  that  of  the  original.  Because  in  the  present  case 

vind  tunnel  model  and  original  hav.e  the  same  scale,  the  jet  exit  areas  of  both  are  equal, 

however,  the  initial  bell-shaped  jet  boundary  has  to  be  duplicated,  too.  Horeover,  the 
wings  of  the  submunition  can  be  located  near  to  the  control  jet.  Thus  the  deflection  of 
the  jets  caused  by  the  vind  tunnel  flow  (i.e.  far-field  effects)  has  to  be  adjusted  as 
close  as  possible  to  free-flight  conditions. 

There  is  a  strong  influence  of  the  combustion  gas  on  the  quality  of  the  vind  tunnel 
simulation.  The  jet  exit  temperature  influences  the  angle  of  jet  expansion  in  the 
bell-shaped  part.  Furthermore,  the  decay  of  the  Jet  occurs  earlier  vith  a  hot  gas  than 
vhith  a  cold  one.  So  in  vind  tunnel  tests  the  hot  combustion  gas  cannot  be  replaced 
simply  by  cold  air;  -his  would  result  in  substantial  restrictions  to  the  simulation 
quality. 

In  order  to  fulfill  the  requirements  on  jet  simulation  in  the  near  and  the  long  range, 

essentially  three  simulation  parameters  have  to  be  considered  which  are  dravn  from  the 

study  of  literature  [4],  fig.  19: 

o  The  geometric  similarity,  eq.  (1),  of  the  model  and  the  original  is  guaranteed  (scaling 
factor  of  1:1),  therefore  the  exit  ureas  are  equal. 

o  The  choice  of  the  simulation  gas  follows  from  eq.  (2).  To  reach  the  required  value  of 
the  thermodynamic  quantity  (R  T)3  of  the  original  configuration  (left  hand  side  of 
the  equation),  it  is  necessary  to  choose  a  high  gas  constant  R  if  the  exit  temperature 
T  of  the  simulation  gas  must  be  kept  lov.  This  holds  for  helium  vhich  is  repeatedly 
stated  in  the  literature  as  a  qualified  gas  for  simulation  of  a  hot  combustion  gas. 

The  computation  of  the  required  total  temperature  of  the  simulation  gas  in  the  nozzle 
chamber  at  a  given  Mach  number  results  in  a  temperature  of  310  K  for  helium.  In 
comparison,  for  air  the  resulting  temperature  would  be  1500  K.  Thus  eq.  (2)  is 
fulfilled  vith  helium  at  ambient  temperature,  vhereas  air  vould  have  to  be  heated  up 
very  strongly.  This  vould  result  in  large  technical  problems  like  a  strong  heating  of 
the  vind  tunnel  model  due  to  the  required  long  test  periods  in  the  lov  speed  vind 
tunnel.  An  increase  of  the  temperature  of  the  model  surface,  hovever,  vill  effect  both 
the  boundary  layer  and  the  pressure  distribution  considerably.  Cooling  of  the  model 
surface  is  an  extremly  difficult  technical  task  for  vind  tunnel  force  measurements  vith 
a  strain  gauge  balance.  This  problem  does  not  exist  for  the  original  configuration, 
because  the  propelling  charges  have  a  short  burning  time  of  only  about  10  sec. 

For  these  reasons  the  use  of  helium  is  proposed  for  the  simulation  of  control  Jets. 

o  The  third  of  the  simulation  parameters  is  the  momentum  ratio  between  the  control  jet 
and  the  free  flow  for  the  original  configuration  and  the  model,  eq.  (3)  (p:  density,  V: 
velocity).  In  the  low  speed  wind  tunnel  at  Braunschweig  only  a  maximum  free  stream 
velocity  of  85  m/s  is  available,  although  the  free  stream  velocity  of  the  original  is 

150  m/s.  Therefore  the  exit  Mach  number  of  the  simulation  jet  has  to  be  calculated  such 

that  eq.  (3)  holds.  Assuming  total  expansion  in  the  nozzle,  an  exit  Mach  number  of  1.6 
for  helium  is  obtained.  This  corresponds  to  a  jet  exit  velocity  of  1175  m/sec.  The 
total  pressure  is  4.5  bar  with  a  required  mass  flow  of  0.02  kg/sec.  With  these  data  it 
is  possible  to  simulate  the  characteristics  of  the  EPBRAM  nozzle  flow.  The  nozzle  can 

be  designed  to  have  the  same  exit  area  and  jet  exit  angle  like  the  original 

configuration. 


From  these  considerations  it  can  be  concluded  that  there  is  the  possibility  to  simulate 
the  EPBRAM  submunition  conditions  and  nozzle  and  control  jet  characteristics,  resp.,  in  a 
low  speed  wind  tunnel,  if  cold  helium  is  used  instead  of  the  original  combustion  flow. 
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5.2  Test  Set-Up  and  Model  Requirements 


In  order  to  obtain  the  influence  of  control  jets  on  the  aerodynamic  characteristics  of 
the  EPHRAH  submunition,  overall  force  and  nomentum  measurements  are  planned  vith  a 
six-component  strain  gauge  balance  installed  inside  the  model.  There  are  tvo 
possibilities  for  the  test  set-up:  either  to  separate  the  gas  supply  system  vith  the 
nozzles  mechanically  from  the  balance- model-arrangement  or  to  treat  it  as  one  unit. 

After  careful  considerations  the  decision  vas  made  for  the  first  possiblltiy.-  It  promises 
the  most  exact  results,  because  only  the  aerodynamic  forces  and  moments  are  measured 
without  any  disturbing  reactions  and  deformations  induced  by  the  Internal  jet  supply 
arrangement.  Hovever,  the  suspensions  for  both  the  gas  supply  system  and  the  model  must 
be  designed  especially  stiff,  and  a  special  six-component  balance  vith  small  deformations 
has  to  be  chosen. 

In  addition  to  the  force  measurements  pressure  measurements  in  the  vicinity  of  the 
nozzles  should  be  performed  to  investigate  the  characteristic  features  of  the  aerodynamic 
interferences  at  least  in  the  near  field. 

There  is  the  danger  that  the  interference  of  the  control  jets  could  be  falsified  indi¬ 
rectly  by  the  gas  supply  system,  because  the  initial  turbulence  generated  by 
installations  in  the  supply  system  has  a  strong  influence  on  the  core  length  of  the  jet 
and  therefore  on  the  development  of  the  jet  axis  and  the  long-range  effects,  too.  For 
these  reasons  the  plenum  chamber  of  the  jet  has  to  be  designed  vith  special  care. 

For  the  measurement  of  the  mass  flov  of  the  jet  medium,  vhich  may  be  difficult  due  to  the 
small  values,  turbine  gas-meters  are  recommended.  The  control  of  the  mass  flov  and  of  the 
necessarily  constant  level  of  the  pressure  in  the  plenum  chamber  can  be  guaranteed  only 
vith  special  control  devices.  To  achieve  an  uniform  and  reproducible  flov  in  the  gas 
supply  system,  a  storage  tank  should  be  used.  To  avoid  longer  adjustment  times  and  larger 
gas  losses  a  quick  shut-off  valve  vith  remote  control  has  to  be  installed  in  the  supply 
pipe  near  the  model. 

Pig.  20  shovs  a  sketch  of  the  planned  test  set-up  vhich  is  needed  for  the  jet  simulation 
in  the  lov  speed  vind  tunnel. 


5.3  Test  Program 


The  test  program  is  divided  into  pre-tests  and  main  tests,  resp.  The  pre-tests  are  used 
for  the  validation  of  the  method  of  jet  simulation,  the  measuring  techniques,  and  the 
test  of  the  flov-field  visualization  likewise.  For  this  first  part  cold  air  vill  be  used 
due  to  cost  effectiveness,  hovever,  the  validation  of  the  jet  simulation  has  to  be  done 
by  comparing  hot  gas  thruster  results  vith  helium  data.  A  part  of  the  tests  in  this  early 
stage  can  be  performed  seperate  from  the  vind  tunnel  environment:  for  the  simulation  of 
the  near-field  effects  and  the  test  of  the  gas  supply  system  the  use  of  a  simplified 
model  vithout  outer  flov  is  sufficient. 

The  objectives  of  the  main  tests  are  force  measurements,  pressure  measurements  on  the 
model  surface  in  the  vicinity  j  f  the  jet  nozzles,  and  visual  investigations  of  the  flov 
(e.g.  Schlieren  and  IR  pictures).  The  subsonic  jet  spoiler  effect  (if  it  exists)  vill  be 
investigated  quantitatively  and  qualitatively.  Moreover,  a  number  of  different  ving-body 
configurations  vill  be  examined  to  learn  more  about  the  influence  of  geometric 
parameters..  Of  course,  the  EFHRAN  configuration  itself  vill  be  optimized  on  the  basis  of 
the  experimental  results. 


6.  EFfflAM  INSTRUMENTED  DROP  TESTS  /  PROGRAMMED  FLIGHT 


During  the  development  of  the  SPHRAM  system  the  performance  of  the  overall  system  could 
be  demonstrated  successfully.  Parallel  to  these  gun  hardening  tests  drop  tests  vere 
performed  in  order  to  demonstrate  the  stable  flight  behaviour  of  the  submunition,  the 
function  of  the  recovery  system,  and  the  terminal  maneuver  capability  of  the  submunition. 
Pig.  21  shovs  the  profile  of  the  programmed  drop  tests.  EPBRAM  vas  dropped  from  an 
Instrumented  platform  vhich  vas  fixed  under  a  helicopter.  This  platform  had  to  deliver 
the  necessary  initial  flight  data  of  the  submunition.  After  a  free-fligbt  phase  suitable 
environmental  conditions  vere  reached  and  the  actuator  vas  initiated:  the  submunition 
flew  a  controlled  lateral  maneuver.  After  the  burn-out  of  the  engine  the  recovery  system 
vas  activated  for  a  soft  landing. 

It  could  be  shovn  in  several  tests  that  the  EPBRAM  control  system  vorked  properly  and 
delivered  the  desired  lateral  acceleration..  Pig-  22  shovs  cino.heodolite  data  of  one  of 
the  drop  tests.  It  can  be  seen  that  a  footprint  of  the  order  of  500  m  is  delivered  vhich 
agrees  very  veil  vith  the  simulations,  fig.  23.  All  the  tests  vere  evaluated  vith  system 
identification  methods  [3]  vhich  shoved  s  good  agreement  between  the  experimental  vind 
-tunnel  data  and  the  identified  parameters. 
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7.  CONCLUSIONS 


For  a  smart  submunition  application  the  aerodynamic  effect  of  a  hot  gas  jet  reaction 
system  on  the  subsonic  aerodynamic  characteristics  is  Investigated.  On  the  basis  of 
conventional  force  and  moment  measurements  vlthout  jet  a  preliminary  vind  tunnel  test 
series  with  original  thrusters  vas  performed  vhich  shoved  the  importance  of  a  thorough 
understanding  of  the  Interaction  phenomenon.  Therefore  a  feasibility  study  on  jet 
simulation  in  a  lov  speed  vind  tunnel  vas  accomplished.  The  results  of  this  study  shov 
that  such  a  simulation  is  possible  if  the  hot  combustion  gas  is  replaced  by  cold  helium 
and  if  a  1:1  scale  model  is  used.  The  test  set-up  and  the  model  requirements  are 
discussed.  Finally,  an  overviev  on  the  planned  test  program  is  given. 

The  results  of-  some  instrumented  drop  tests  vith  the  EPHRAH  submunition  indicate  the 
effectlvity  of  the  chosen  control  concept.  Until  nov  there  are  too  many  open  questions 
about  the  interaction  problem,  hovever.  It  is  hoped  that  detailed  ansvers  can  be  given 
vhen  the  proposed  extensive  vind  tunnel  program  has  been  performed.. 
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Ha  8 :  Tangential  force  for  different  wing  profltes 


Hg  9 :  Pitching  moment  and  normal  force 
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Fta.  12 :  Comparison  of  normal  force  measurements  Fta.  13  :  Comparison  of  tangential  force  measurements 


Tim#  units 


Angle  of  attack  (deg ) 


Fta.  14:  Time  history  of  wind  tunnel  test 
with  working  motor 


Fta.  IS  :  Influence  of  aerodynamic  Interferences 
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SUMMARY 

The  new  generation  of  high-speed  short  range  missite 
has  to  withstand  extreme  aerokinetic  heating.  For  IR 
seeking  missiles  with  its  fragile  domes  the  aerokinetic 
heating  effects  make  further  velocity  increase  difficult. 
The  main  driving  parameter  is  the  aerothermodynami- 
cally  imposed  stress  within  the  IR-window  material. 
The  induced  thermal  stress  is  a  function  of  the  aero¬ 
dynamic  flow  properties  around  the  missile  dome,  the 
relevant  local  boundary  layer  characteristics  and  the 
resulting  aerokinetic  heating.  The  paper  deals  with  the 
analysis  of  the  heat  transfer  coefficients  and  resulting 
temperature  fields  on  hemispherical  domes  for  the 
laminar  and  turbulent  flow  and  especially  for  the  tran¬ 
sient  behaviour  in  between.  It  will  be  demonstrated 
that  just  the  boundary  transition  from  the  laminar  to 
the  turbulent  flow  has  a  significant  influence  on  the 
imposed  window  stress.  The  study  investigates  the 
different  influences  of  the  characteristic  Reynolds- 
Numbers.  start  and  end  of  transition  zone  and  the 
resulting  stress  parameters.  Problems  related  to  the 
definition  of  correct  transition  behaviour  are  dis¬ 
cussed. 

LIST  OF  SYMBOLS 

c  spec,  heat  capacity 

D  dome  diameter 

f  form  coefficient 

M  Mach-Number 

Nu  Nusselt-Number 

Pr  Prandtl-Number 

p  pressure 

q  heat  transfer 

r  Recovery  factor 

R  ideal  gas  constant,  dome  radius 

s  flow  length  (on  dome) 

St  Stranton-Number 

T  temperature 

AT  temperature  gradient 

u  air  velocity 

GREEK  SYMBOLS 

a  heat  transfer  coefficient 

B  velocity  gradient 


bq  pressure  gradient 

?  density 

K  ratio  of  thei  mal  capacities 

$  dome  angle 

it  dynamic  viscosity 

m  kinematic  viscosity 

A  heat  conductivity 

f  mtermittance  factor 

e  momentum  thickness 

r  (missile  flight)  time 

a  stress  (mechanical) 

SUBSCRIPTS 

b  begin  of  transition  area 

B  bending 

D  dome,  down  stream 

G  gas 

1  laminar 

t  turbulent 

w  wall,  dome  surface 

f  edge  of  boundary  layer 

R  Recovery,  radial 

«>  ambient  environment 

2  stagnation  point 

1.  INTRODUCTION 

The  new  generation  of  high-speed  short  range 
missiles  has  to  withstand  extreme  aerokinetic  heating. 
The  heating  effects  impose  severe  thermal  stresses 
onto  the  dome  material  in  such  a  way  that  for  IR 
seeking  missiles  with  its  fragile  domes  the  aerokinetic 
heating  makes  further  velocity  increase  difficult.  To 
extent  the  velocity  ranges  of  short  range  missiles  as 
far  as  possible  a  full  understanding  of  all  stress 
imposing  parameters  must  be  available  and  its  in¬ 
fluence  on  other  missile  performance  parameters 
well-known.  With  this  knowledge  the  best  com¬ 
promise  between  all  missile  parameters  -  including 
the  stress  parameter-  can  be  found.  This  report 
deals  with  the  transition  behaviour  of  the  lami¬ 
nar/turbulent  flow  onto  the  imposed  thermal  stress 
for  hemispherical  IR-domes. 
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2.  PERFORMANCE  REQUIREMENTS 

The  new  requirements  for  high  velocity  missiles  result 
in  high  Ma-Numbers  within  a  very  short  time, 
demanding  an  optimum  of  aerodynamic  design,  a 
tolerable  aerokinetic  heating  and  a  limited  imposed 
thermal  and  mechanical  stress  within  the  IR-dome. 

As  a  consequence  the  high  velocity  profiles  have  an 
influence  on  the  performance  of  the  IR-seeker: 

o  For  the  IR  performance  it  is  the  mean  dome 
temperature  and  the  temperature  distribution 
over  the  dome  which  has  a  strong  influence  on 
the  IR  transmission  and  detectivity.  The  radial 
temperature  gradients  through  the  dome  mate¬ 
rial  as  a  function  of  the  transient  flow  behaviour 
have  a  basic  influence  on  the  imposed  thermal 
stress. 


form  the  basis  for  our  following  considerations  on 
dome  stress  and  its  influencing  parameters. 

The  Ma-Number  ranges  -  given  as  function  of  the 
flight  altitude  (Fig.  2)  extend  for  high  altitudes  into  the 
hypersonic  range.  The  typical  velocity  profiles  for  a 
selected  missile  layout  as  function  of  the  flight  Ma- 
Number  versus  flight  time  is  changing  with  the  launch 
altitude  as  demonstrated  in  Fig.  3.  It  is  obvious  that 
for  modern  SHORT  RANGE  MISSILES  the  max.  Ma- 
Numbers  are  going  up  to  Ma6  -  7.  The  relevant  mis¬ 
sile  flight  times  are  in  the  order  of  15  to  30  secs.  The 
flight  profiles  are  derived  for  a  slender  missile  with  a 
hemispherical  dome  and  a  dome  diameter  of  about 
10  cm.  The  dome  is  fixed  to  an  ogive  structure.  Fig.  4 
illustrates  the  wind-tunnel  test-model. 

3.  AEROKINETIC  HEATING  ANALYSIS 


o  In  addition  optical  effects  of  the  boundary  layer 
and  the  shock  wave  -  like  blurring  and  tore- 
sight  errors  -  have  also  to  be  considered. 

o  The  radiation  of  gases  between  the  shock  wave 
and  the  outer  surface  of  the  window  may  in¬ 
fluence  the  infra-red  acquisition  capabilities  of 
the  seeker. 

o  Last  not  least  the  dome  must  have  sufficient 
environmental  protection  to  withstand  the  ther¬ 
mal  stress  as  well  as  poss.ble  hail  or  rain  impact. 

From  the  aerodynamic  diag  point  of  view  slender 
oodies  with  nose  cones  are  the  best  approach, 
whereas  from  thermal  point  of  view  blunt  bodies 
reduce  the  aerokinetic  impact  and  therewith  the  re¬ 
sulting  thermal  stress.  A  large  thickness  of  the  IR- 
wmdow  materials  promotes  the  resistance  against  hail 
and  rain  impact,  provides  slower  temperature  in¬ 
crease  due  to  the  greater  material  heat  capacity,  but 
reduces  significantly  the  thermal  stress  resistance.  A 
reduced  dome  thickness  allows  higher  missile  veloci¬ 
ties  due  to  smaller  thermal  stress  impact.  A  good 
missile  dome  layout  results  therefore  in  a  compro¬ 
mise  between  different  opposing  requirements: 

o  LOW  AERODYNAMIC  DRAG 
o  LOW  AEROKINETIC  HEATING  and 
o  SMALL  IMPOSED  THERMAL  AND 
MECHANICAL  STRESS 

leading  to  an  optimised  KINEMATIC  MISSILE  PER¬ 
FORMANCE  as  demonstrated  hereafter  in  Fig.  1. 

As  an  example  for  such  a  missile  performance  optimi¬ 
sation,  the  missile  flight  parameters  as  given  in  Fig.  2 
and  3  and  a  hemispherical  dome  layout  (Fig.  4)  shall 


One  of  the  main  driving  parameters  in  modern  missile 
layout  is  the  correct  calculation  of  the  aerothermo- 
dynamically  imposed  stress  w'thin  the  IR-wmdow 
material  for  the  hemispherical  dome  shape.  The  in¬ 
duced  stress  is  a  function  of  the  aerodynamic  t'ow 
around  the  dome,  of  the  relevant  local  boundary  layer 
characterist,cs  and  the  resulting  aerokinetic  heating 
For  the  heat  transfer  calculations  standard  proce¬ 
dures  will  be  used. 


The  heat  transfer  q  from  the  boundary  layer  to  the 
dome  surface  for  laminar  and  turbulent  flow  is  cal¬ 
culated  via  the  Stanton-  or  Nusselt-Nunber  (1)  by 
equation  (2)  Cs  given  by  E  R.  van  Driest  [1]  and 
L.  Lees  [2): 


St 


Wf/y  Ke.x-fr 
^(,t  *  Stt,t  ‘  u«r  ‘  cPi  <VTw> 

Tr  is  the  Recovery-Temperature 

TR-T-<1+ri,tJTlM2J 


(U 

(?' 


(3) 


The  velocity  distribution  around  the  dome  Uj  is  ^ 

u  =  r,t  £f.  f 

u*  J\  (i*4 )rt*  “  *  2K3FW7J  J 


The  temperature  Tj,  density?/  and  pressure  p( 

Tf * 

Pj  =  p2  (1-sm2  $)  +  p„  sin2  $ 


(«) 

(5) 

(6) 


P2  =  P«,(4r  )-m2 


(k*-OxhZ 

kkf1£-2lK-0 


)*<  (7) 


$6  =  P*/(W 


(8) 
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The  Stanton-N umbers  St(  &  3t(  for  laminar  and  turbu- 


lent  flow  are  calculated  by 

St,  Re/ 1/2 

(9) 

Stt  =  VRe/1/5 

(10) 

with 

ft  =  0.763  Pr/3/5 

(ID 

f{  =  0042  Pr/2/3 

(12) 

and 

Re.  -  -4^-1* 

6  JLj 

(13) 

p'«-  V- 

(14) 

Especially  the  transient  behaviour  from  the  laminar  to 
the  turbulent  flow  creates  a  significant  input  onto  the 
thermal  stress.  Therefore  special  attention  must  be 
given  to  the  transition  area.  The  heat  transfer  calcula¬ 
tions  are  based  on  the  laminar  and  turbulent  heat  flow 
and  a  so-called  "Intermittence*  Factor  ,  introduced 
by  K.  K  Chen  and  N.  A.  Thyson  [3]. 

qtr  =  (i-f)q,  +  *qt  (is) 


The  mtermittence  factor  will  be  calculated  over  the 
momentum  thickness  8  from  K.  K.  Stetson  (4)  and 
the  so-called  'TURBULENT  SPOT  THEORY*  from 
H.  W.  Emmons  [5). 


Intermittence  factor: 


fU-etP 


(16) 


Evolution  parameters  of  turbulent  spots  [5]: 


r  -  ■3‘  U<f  -  •  Ba  -2.68 

G  -  v’-fl1  Re* 

(17) 

A  -  60  +  4.68  Mj1  -92 

(18) 

Momentum  thickness: 


« 

Pressure  gradient: 

*  *  Is  <21> 

A  significant  parameter  within  the  'Turbulent  Spot 
Theory*  is  the  correct  introduction  of  the  critical 
Reynolds-Number  for  the  flow  transition  from  a  lami¬ 
nar  to  turbulent  boundary  layer 


Re  =  =  250  -t-  350 

ecrtt  n{ 

based  on  the  momentum  thickness  e.  Normally  the 
values  for  the  critical  Reynolds-Number  are  within  the 
above  range.  But  this  range  will  be  influenced  and 
extended  by  the  dome  surface  properties,  mainly 
surface  roughness  (polishing)  and  the  temperature 
difference  between  dome  wall  and  surrounding  air 
flow  ('subcooled  wall  effect*).  The  influence  of  exten¬ 
ded  critical  Reynolds-Numbers  will  be  discussed  later- 
on  in  section  5. 

The  laminar  and  even  more  the  turbulent  airflow  at 
supersonic  velocities  creates  significant  aerokinetic 
heat  inputs  as  demonstrated  in  Fig.  5  by  the  calcu¬ 
lated  mean  dome  temperatures  as  function  of  the 
missile  flight  time  for  missile  velocities  similar  to  those 
given  in  Fig.  3.  The  resulting  dome  temperatures  are 
going  up  to  700°C  during  the  missile  free  flight  at  high 
altitude,  whereas  the  adequate  velocity  profile  of  the 
missile  at  low  altitude  results  in  more  moderate  tem¬ 
peratures.  It  is  remarkable  that  for  high  performance 
short  range  missiles  with  hemispherical  IR-domes  the 
maximum  dome  temperature  will  be  achieved  at  high 
altitudes  far  beyond  burn-out  (of  the  missile  motor), 
whereas  the  maximum  thermal  stress  in  the  window 
material  occurs  at  low  altitudes  near  the  time  of  burn¬ 
out. 

To  illustrate  this  fact  in  mere  depth  the  temperatures 
on  the  dome  in  flow  direction  at  the  time  of  motor 
burn-out  is  given  in  Fig.  6.  Here  the  (outer)  dome  sur¬ 
face  temperatures  are  given  as  a  function  of  the 
dome  angle  measured  from  the  stagnation  point  up 
to  the  dome  bonding  area  for  three  different  altitudes. 
Most  significant  is  that  the  flow  over  the  dome  for 
high  altitude  flights  is  fully  laminar,  whereas  flights  at 
lower  altitude  -here  at  7  km  and  at  sea  level - 
includes  a  transition  area  where  the  boundary  layer 
changes  from  laminar  to  turbulent  flow.  Due  to  the 
great  difference  of  the  laminar  and  turbulent  aerokine¬ 
tic  heating  a  great  downstream  temperature  gradient 
to  higher  temperatures  will  be  created  by  such  a 
boundary  layer  change.  The  resulting  heat  input  may 
differ  up  to  a  factor  of  2.  Due  to  the  rapid  velocity  in¬ 
crease  of  the  missile  also  a  radial  temperature  gra¬ 
dient  through  the  material  will  be  imposed.  Therefore 
a  radial  as  well  as  a  downstream  temperature  gradient 
has  to  be  considered  as  demonstrated  in  Fig.  7  by 
ATRandATD. 

The  Fig.  7  represents  a  typical  temperature  distribu¬ 
tion  as  a  function  of  the  dome  angle  for  the  inner  and 
outer  dome  surface.  The  radial  temperature  gradient 
ATr  is  indicated  just  at  the  location  where  the 
maximum  value  is  generated.  This  is  also  the  location 
with  maximum  dome  heating  due  to  the  high  turbu¬ 
lent  heat  transfer.  The  temperature  gradient  in  flow 
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direction  AT0  between  the  minimum  and  maximum 
valuas  on  the  outer  dome  contour  is  linked  to  an  ad¬ 
ditional  characteristic  parameter  here  indicated  as 
Ax.  This  is  the  horizontal  distance  between  the  mini¬ 
mum  and  maximum  temperature  on  the  outside  con¬ 
tour.  The  distance  A  x  can  also  be  expressed  as  a 
parameter  for  the  extension  of  the  transition  area  bet¬ 
ween  the  final  undisturbed  laminar  flow  and  the  fully 
developed  turbulent  flow.  The  transition  zone  starts 
with  the  first  occurrence  of  turbulent  spots  (Emmons 
15]). 


4,  THERMAL  STRESS  IMPACT 

The  temperature  gradient  ATD  in  flow  direction  over 
the  length  Ax  causes  an  additional  bending  stress  on 
top  to  the  well-known  thermal  stress  caused  by  the 
radial  temperature  gradients  ATR,  generated  by  the 
heat  flux  through  the  dome  thickness.  If  the  radial 
temperature  gradient  (through  the  material)  is  the 
main  driving  influence  on  the  thermal  stie'.s,  one 
could  assume  that  the  resulting  maximum  dome 
stress  will  be  generated  at  the  location  of  the  appear¬ 
ance  of  the  maximum  radial  temperature  gradient. 
But  this  is  not  ‘rue  as  we  can  see  in  Fig.  7  (top)  where 
the  dome  stress  has  been  calculated  from  the 
temperature  distribution  via  a  finite-element  model. 
The  thermally  introduced  stress  is  given  also  as  a 
function  of  the  dome  angle  at  the  time  of  motor  burn¬ 
out.  The  peak  of  the  dome  (bending)  stress  occurs 
just  at  the  beginning  of  the  flow  transition,  not  at  the 
location  wnere  the  maximum  radial  temperature  gra¬ 
dient  ATr  is  produced. 

An  answer  to  this  remarkable  behaviour  is  easy  if  we 
consider  the  effects  which  are  caused  by  the  down¬ 
stream  temperature  gradient  A  TD  over  the  dome 
length  Ax.  Normally  the  radial  temperature  gradient 
as  given  by  ATR  in  Fig.  8  over  the  dome  thickness  lQ 
causes  a  tensile  stress  on  the  innet  dome  surface 
during  missile  acceleration.  The  increased  tempera¬ 
ture  of  the  outer  parts  of  the  dome  structure  tend  to 
stretch  the  inner  parts  of  the  dome  material,  produc¬ 
ing  a  tensile  stress.  In  addition  the  temperature  in¬ 
crease  in  flow  direction  -  crossing  the  transition 
area -causes  an  additional,  superimposed  bending 
of  the  dome  as  demonstrated  in  Fig.  8  by  the  three 
arrows  illustrating  the  applied  forces.  The  outer,  hotter 
annular  ring  section  of  the  dome  -  located  in  the 
turbulent  flow  region  -  tends  to  expand  and  causes  a 
bending  effect  on  those  dome  areas  which  are  still  on 
lower  temperature.  This  is  the  location  where  the  lami¬ 
nar  flow  starts  to  change  to  turbulent  flow  (beginning 
of  the  transition  area).  This  bending  stress  is  super¬ 
imposed  on  the  still  existing  tensile  stress.  This 
bending  stress  is  the  most  driving  parameter  for  the 
thermal  stresses  in  hemispherical  IR-domes  as  it  is 


illustrated  in  Fig.  7.  In  our  example,  the  residual  ulti¬ 
mate  stress  as  a  function  of  the  sapphire  dome  tem¬ 
perature  is  not  far  away  from  the  calculated  maximum 
bending  stress.  The  difference  of  both  stresses  is 
defined  as  the  residual  design  margin.  This  is  the 
reason  why  further  missile  velocity  increases  are  diffi¬ 
cult  to  achieve. 

Some  further  calculations  shall  illustrate  and  confirm 
in  more  depth  this  additional  bending  effect:  For  a 
significant  step  increase  of  the  flight  Mach-Number 
the  resulting  thermal  stress  and  the  relevant  tempera¬ 
ture  gradients  in  flow  direction  and  radial  through  the 
dome  have  been  calculated.  The  mam  result  is  that 
the  maximum  thermal  stress  occurs  at  the  time,  when 
the  maximum  temperature  gradient  in  flow  direction 
ATd  is  generated  by  the  flow  field.  This  maximum 
thermal  stress  occurs  not  at  the  time  of  the  maximum 
radial  gradient  ATr  through  the  material.  The  most 
remarkable  result  is  that  the  main  driving  parameter 
for  the  thermal  stress  is  the  temperature  gradient 
ATq  in  flow  direction  as  illustrated  in  Fig.  9. 

Another  illustrative  advice  is  given  in  Fig.  10  where 
both  thermal  gradients  ATR  and  ATq  are  demon¬ 
strated  by  the  dome  temperature  fields  at  different 
times.  The  first  temperature  field  belongs  to  the  time 
(A)  wnere  the  radial  temperature  gradient  ATR  has  its 
maximum  value.  The  cun/e  B  is  at  the  time  when  the 
maximum  downstream  grad'ent  ATQ  occurs  and  the 
maximum  dome  stress  will  be  produced  (Fig.  9).  In 
Fig  10,  curve  B,  it  is  obvious  that  at  this  time  the 
radial  gradient  ATr  is  significantly  smaller  than  in 
curve  A.  The  location  of  the  maximum  dome  stress  is 
just  at  the  beginning  of  the  transit.on  zone  as  demon¬ 
strated  in  Fig.  7.  In  curve  B  we  can  clearly  see  that  the 
downstream  temperature  gradient  must  have  the 
most  driving  effect.  Furthermore  it  will  be  illustrated 
that  also  the  rapid  change  from  the  laminar  to  the 
turbulent  flow  (length  Ax  in  Fig.  7)  may  influence  the 
stress,  too.  The  curve  C  is  two  times  later  than  the 
curve  B.  Both  gradients  ATQ  and  ATR  as  well  us  the 
thermal  stress  are  reduced  in  a  significant  way. 


5.  TRANSITION  ZONE  INFLUENCE. 

CRITICAL  REYNOLDS  NUMBER 

From  both  Figures  (9  and  10)  it  is  obvious  that  the 
bending  effect  within  the  dome  caused  by  the  tem¬ 
perature  gradient  in  flow  direction  and  within  the 
transition  area  between  laminar  and  turbulent  flow  is 
the  main  driving  parameter  for  the  imposed  thermal 
stress.  The  characteristica  are  the  temperature 
gradient  ATD  itself  and  the  length  of  the  transition 
zone  A  x.  Both  values  will  be  influenced  by  the  critical 
Reynolds-Number  Re0.  The  Reynolds-Number  is 
based  on  the  momentum  thickness.  Its  critical 
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value  -  defining  the  transition  from  laminar  to 
turbulent  flow  -  varies  between  250  and  350  in  diffe¬ 
rent  references.  The  influence  of  variable  critical 
Reynolds-Numbers  on  'he  (mean)  dome  tempera¬ 
tures  as  well  as  on  the  resulting  dome  stress  is  given 
m  Fig.  11.  With  increasing  Re-Numbers  used  for  the 
heat  transfer  calculations  including  the  turbulent  spot 
theory  as  described  before,  the  peak  temperatures 
will  go  down,  the  beginning  of  the  transition  zone  will 
be  shifted  more  and  more  to  larger  dome  angle.  The 
resulting  thermal  stress  -  imposed  by  the  two  different 
temperature  gradients-  will  be  reduced  to  levels 
which  will  be  generated  by  radial  temperature  gra¬ 
dients  only. 

Higher  critical  Reynolds-Numbers  have  the  effect  to 
extent  the  transition  zone  and  to  shift  it  over  the  dome 
bonding  area  so  that  the  bending  effect  is  reduced. 
Any  occurrence  of  those  effects  may  be  helpful  to 
reduce  the  thermal  stress  significantly. 

The  Fig.  12  illustrates  the  influence  of  the  critical  Re- 
Number  on  the  two  driving  parameters  of  the  bending 
stress:  The  downstream  temperature  gradient  A  TQ 
and  the  length  A  x  between  the  beginning  of  the 
transition  zone  and  the  location  of  its  maximum  heat 
input. 

The  gradient  ATQ  as  well  as  Ax  are  reduced  by  in¬ 
creasing  critical  Reynolds-Numbers,  but  the  effect  of 
ATd  on  the  stress  reduction  is  more  demanding  than 
the  lower  slope  of  Ax,  as  it  is  illustrated  in  Fig.  13: 
ATd-  decrease  results  in  a  significant  stress  reduc¬ 
tion.  The  location  of  the  maximum  stress  is  shifted  to 
higher  dome  angles. 

The  functional  dependency  between  the  critical  Re- 
Number  and  the  imposed  thermal  stress  in  the  dome- 
material  is  -  as  demonstrated  in  Fig.  1 1  -  also  a  most 
remarkable  fact.  For  different  critical  Reynolds- 
Numbers  the  significant  stress  reduction  is  given  for 
values  greater  than  350,  which  may  be  valid  for  highly 
polished  domes  and  -  in  relation  to  the  surrounding 
environment  -  relatively  low  (dome-)wal!  tempera¬ 
tures.  But  in  any  case  precise  information  about  cor¬ 
rect  values  for  the  critical  Reynolds-Number  are  diffi¬ 
cult  to  receive  neither  from  the  open  literature  nor 
from  wind-tunnel  tests,  as  it  was  performed  for  this 
purpose  at  the  wind-tunnel  test  facility  at  DLR  in 
Porz/Wahn,  Germany. 

It  seems  that  the  KEY  PARAMETER  for  any  thermal 
stress  calculation  is  the  CRITICAL  REYNOLDS 
NUMBER.  Any  stress  calculations  for  the  IR-window 
material  seem  to  be  as  good  as  the  assumption  for 
the  critical  Reynolds-Number. 


The  critical  Reynolds-Number  used  for  any  dome 
stress  analysis  has  to  take  into  account  all  effects 
resulting  from  surface  polishing,  from  flow  history, 
and  from  the  relative  low  wall  temperature  of  the 
dome  at  the  beginning  of  missile  free  flight  phase  and 
during  the  initial  boost  phase. 

Finally,  it  shall  be  mentioned  that  proper  dome  layout 
can  reduce  the  induced  thermal  stress: 

Temperature  gradients  in  flow  direction  in  the  window 
material  can  be  avoided  by  a  proper  dome  layout  in 
such  way  that  the  transition  at  the  critical  flight  phase 
will  be  partly  or  totally  outside  of  the  IR-window,  either 
by  an  increase  of  the  dome  radius  or  by  a  reduction 
of  the  dome  aperture  (angle  ♦). 


The  thermal  stress  on  hemispherical  IR-domes  is 
dominated  by  the  boundary  layer  transient  behaviour, 
i.e.  mainly  by  the  beginning  of  the  transition  and  the 
length  of  the  transition  region.  These  effects  cause 
significant  downstream  temperature  gradients  result¬ 
ing  into  a  remarkable  superposition  of  an  ADDI¬ 
TIONAL  BENDING  STRESS  onto  the  general  existing 
tensile  stress  from  the  radial  temperature  gradients 
through  the  dome  material. 

The  topics  for  further  investigations  on  the  boundary 
layer  (BL)  transient  behaviour  are  -  from  our  point  of 
view  -  the  following  points: 

o  Effects  of  large  temperature  differences  between 
the  dome  material  and  the  boundary  layer 

o  The  effects  of  the  highly  polished  dome  sur¬ 
faces  on  the  boundary  layer  transient  behaviour. 

o  The  study  of  different  layouts  of  IR-windows  to 
optimize  the  overall  performance  of  the  missile. 
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ITS  CONTRARY  REQUIREMENTS 

Fig.  4:  HEMISPHERICAL  DOME  LAYOUT 
FIXED  TO  AN  OGIVE  STRUCTURE 


MACH-NUM8ER  RANGE 

Fig.  2:  TYPICAL  MA-NUMBER  RANGES 
AS  FUNCTION  OF  ALTITUDE 


Fig.  5:  MEAN  DOME  TEMPERATURES 
VERSUS  FLIGHT  TIME  AND 
ALTITUDE 


Fig.  3:  TYPICAL  VELOCITY  PROFILES  Fig.  6:  DOME  SURFACE  TEMPERATURES 

FOR  DIFFERENT  ALTITUDES  AS  FUNCTION  OF  DOME 

LOCATION 
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Fig.  7:  ILLUSTRATION  OF  THE  RADIAL 
AND  DOWNSTREAM 
TEMPERATURE  GRADIENTS  IN 
THE  DOME  MATERIAL  AND  ITS 
RESULTING  STRESS  COMPARED 
WITH  Ti-€  ULTIMATE  STRESS 
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THERMAL  STRESS  IMPACT  DUE  TO 
o  TEMPERATURE  GRADIENT  A  Tr 
THROUGH  THE  DOME-MATERIAL 
o  DOWNSTREAM  TEMPERATURE 
GRADIENT  ATR 


r~~ - 

)  oB  =  Function  (ATR,  Lp,  ATp,  X) 


Fig.  9:  RELATIONSHIP  BETWEEN  DOME 
BENDING  STRESS  dB  AND  THE 
DIFFERENT  TEMPERATURE 
GRADIENTS  ATr  &  AT0  FOR  A 
STEP  INCREASE  OF  FLIGHT 
MACH  NUMBER 


DOME  TEMPERATURE  PROFILES  AT 
DIFFERENT  TIMES: 

A.  —  >  AT  MAX.  RADIAL  TEMPERATURE 

GRADIENT  ATr 

B. ~  >  AT  MAX.  DOWNSTREAM 

TEMPERATURE  GRADIENT  ATD 
‘  AT  MAX.  DOME  STRESS 


Fig.  8:  THERMAL  STRESS  EFFECTS  IN 
THE  IR-DOME  BY  RADIAL-  AND 
DOWNSTREAM  TEMPERATURE 
GRADIENTS 


G  >  AT  TIME  2  x  rBURN  0UT 

Fig.  10:  DOME  TEMPERATURE  PROFILES 
AT  DIFFERENT  FLIGHT  TIMES 


BENDING  STRESS /MPa 


TRANSITION  ZONE  LENOTH  -p,  STRESS/MP*  TEMPERATURE/ °  C 
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ig.  1 1 :  DOME  TEMPERATURES  AND 

DOME  STRESS  AS  FUNCTION  OF 
Re,e  AND  DOME  ANGLE  0 
(at  Motor  Burn  Out) 


Fig.  13:  MAXIMUM  STRESS  AND  ITS 
LOCATION  ON  THE  DOME  AS 
FUNCTION  OF  Re.e 


Fig.  12:  DOWNSTREAM  TEMPERATURE 
DIFFERENCE  ATD  AND 
TRANSITION  ZONE  EXTENSION  X 
AS  FUNCTION  OFRe.e^ 
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INVESTIGATIONS  OF  AEROTHERMODYNAMIC  EFFECTS  ON 
AXISYMMETRIC  BODIES  AT  HIGH  MACH  NUMBERS 


by 

J.D.Regan  and  TJ.Rooke 
Ministry  of  Defence 
Royal  Aerospace  Establishment 
Fam borough,  Hampshire  GUM  6TD 
United  Kingdom 


SUMMARY 

This  Memorandum  describes  experimental  studies 
carried  out  at  RAE  in  the  Shock  Tunnel  and  Gun  Tunnel  to 
measure  the  heat  transfer  rates  to  a  7°  blunted  cone,  to 
provide  data  for  validation  of  flow  field  prediction  codes. 

The  tests  were  carried  out  at  Mach  numbers  of  7.1  in  the 
Shock  Tunnel  and  at  12.8  in  the  Gun  Tunnel  at  angles  of 
incidence  of  up  to  25°.  Some  observations  are  made  about 
the  general  nature  of  the  flow  around  the  body  that  can  be 
deduced  from  surface  heat  transfer  contours  and  flow  field 
photographs  and  exemplified  for  0, 1, 5  and  20°  of  incid¬ 
ence,  and  some  comparisons  between  experimental  results 
and  theoretical  predictions  are  presented. 

1  INTRODUCTION 

Recent  interest  in  tactical  hypersonic  missiles  has 
increased  the  need  for  aerothermal  prediction  techniques. 
These  techniques  are  needed  to  extrapolate  wind-tunnel 
data  to  free-flight,  and  to  calculate  missile  performance  for 
those  flight  conditions  for  which  wind-tunnel  data  cannot  be 
obtained.  These  prediction  techniques  must  be  validated 
by  companscn  with  experimental  results. 

RAE  has  long  realised  this  need  for  good  quality 
experimental  heat  transfer  rate  data  tor  the  validation  of  the 
kinetic  heating  prediction  from  available  flow  field  prediction 
codes.  To  this  end,  an  extensive  experimental  programme 
was  undertaken  to  measure  heat  transfer  rates  on  simple 
shapes  under  various  flow  conditions.  Heat  transfer 
measurements  and  flow  field  photographs  were  taken  on  a 
7°  blunt  cone  for  angles  of  attack  from  0  to  25°  tested  at 
Mach  numbers  of  7.1  and  12.8.  The  purpose  of  this  paper  is 
to  present  a  selection  from  these  results  and  discuss 
deductions  that  can  be  made  of  flow  field  details.  Also, 
selected  data  are  compared  with  predicted  results  obtained 
from  two  available  oomputer  codes  KHOMP2D  and 
KHOMP3D. 

2  DESCRIPTION  OF  FACILITIES 

The  tests  described  in  this  paper  were  made  in  the 
RAE  Gun  Tunnel  operating  at  a  nominal  free-stream  Mach 
number  of  12.8,  and  in  the  RAE  Shock  Tunnel  operating  as  a 
UCH  tube  at  a  Mach  number  of  7.1 .  The  test  gas  used  in 
both  facilities  was  nitrogen  at  a  stagnation  temperature  high 
enough  to  avoid  liquefaction  in  the  working  section.  The 
running  time  of  the  Shock  Tunnel  of  about  100  ms  is  to  be 
compared  with  the  80  ms  of  the  Gun  Tunnel,  and  which  are 
amply  sufficient  for  these  heat  transfer  measurements. 

2.1  The  RAE  Gun  Tunnel 

The  RAE  Gun  Tunnel  has  a  3.6  m  long,  50  mm 
internal  diameter  channel  section  (see  Fig  1).  The  driver 
section  has  the  same  internal  diameter  as  the  channel 
ceciion  and  is  2.1  m  long.  At  the  end  of  the  driver  section  a 
perforated  plate  joins  the  driver  internally  to  a  0.9  m  long, 

1 00  mm  internal  diameter  reservoir.  The  use  of  such  a 
section  is  known  as  the  driver-reservoir  technique  and 
allows  full  use  of  the  available  running  time  by  eliminating 
the  reflect od  head  of  the  expansion  wave.  This  technique 
also  reduces  the  strength  of  the  reflection,  at  the  plate,  of 
the  shock  wave  produced  as  the  piston  slows  to  rest. 


In  the  Gun  Tunnel  a  light  piston  is  initially  placed 
against  the  downstream  side  of  the  mam  diaphragm.  When 
the  diaphragm  bursts  the  piston  is  accelerated  dov/n  the 
channel  section,  causing  the  gas  ahead  of  it  to  be  heated 
and  compressed,  partly  by  the  primaiy  shock  wave  tra¬ 
velling  ahead  of  the  light,  fast-moving  (supersonic)  piston 
and  partly  by  means  of  an  adiabatic  compression  of  the  test 
gas  (see  Fig  2).  When  the  piston  nears  the  end  of  the 
channel,  the  primary  shock  wave  reflects  as  a  shock  wave 
from  the  end  wall  and  interacts  with  the  piston  causing  it  to 
decelerate.  There  are  several  shock  reflections  between 
the  piston  and  the  end  wall,  and  the  gas  in  this  volume  is 
compressed  non-isentropically  to  some  final  pressure  and 
temperature  which  depends  on  the  initial  conditions.  The 
available  testing  time  is  then  determined  by  the  time  it  takes 
for  the  gas  between  the  piston  and  the  end  wall  to  pass 
completely  through  the  nozzle. 

The  subsequent  shock  reflections,  first  from  the 
piston  then  from  the  end  wall,  cause  a  very  high  peak  in 
pressure  in  the  gas  at  the  end  wall,  and  hence  in  the  test- 
flow  stagnation  pressure.  These  peaks  can  reach  three  and 
four  times  the  original  driver  gas  pressure.  Several  pres¬ 
sure  peaks  of  lesser  magnitude  subsequently  occur  due  to 
further  shock  reflections  between  the  piston  and  the  end 
wall,  and  during  this  time  the  piston  can  execute  several 
oscillations  about  some  mean  position  a  short  distance  from 
the  end  wall. 

Reduction  of  the  peak  pressure  which  occurs  at  the 
start  of  a  gun  tunnel  run  can  be  made  by  operating  in  the 
'dead-beat'  piston  mode  whereby  the  piston  is  brought  to 
rest  by  the  first  reflected  shock  from  the  end  wall.  The  peak 
pressure  is  then  equal  to  the  final  equilibrium  pressure,  and 
the  technique  is  therefore  called  the  equilibrium-piston 
technique.  Using  this  condition  it  is  possible  to  calculate 
the  piston  mass  required  from  the  initial  conditions  in  the 
tunnel  and  tunnel  geometiy.  More  details  on  the  theory  and 
behaviour  of  gun  tunnels  may  be  found,  for  example,  in 
Ref  1. 

For  the  tests  described  in  this  paper,  and  using  nitro¬ 
gen  as  driver  and  channel  gases,  an  0.025  kg  piston  was 
used  with  a  driver  pressure  of  177  bars  and  an  initial 
channel  section  pressure  of  4  42  bars  For  this  pressure 
ratio  of  40  the  equilibrium,  or  stagnation,  pressure  is 
150  bars  and  the  stagnation  temperature  is  1100  K,  just 
sufficient  to  avoid  liquefaction  in  the  working  section.  With 
a  free-stream  Mach  number  of  12.8,  this  gives  a  tunnel  unit 
Reynolds  number  of  5.5  x  106  per  metre. 

A  5°  semi-angle  conical  nozzle  with  a  257  mm  exit 
diameter  connects  the  channel  section  to  the  open  jet 
working  section,  fitted  with  large  Schlieren-quality  glass 
windows.  The  working  section  was  fitted  with  a  small 
quadrant-type  incidence  gear  which  covered  an  incidence 
range  from  -5°  fo  +35°. 

2.2  The  RAE  Shock  Tunnel 

Some  5  years  ago  the  performance  of  the  RAE  Shock 
Tunnel,  in  terms  of  running  time  as  a  function  of  total 
temperature  and  nozzle  throat  area,  was  enhanced  by 
modifying  the  facility  to  run  in  the  so  called  UCH  mode 
(Ludwieg  tube  with  Isentropic  Compression  Heating)  with 


the  running  time  increased  from  3  to  5  ms  to  some 
100  ms.  The  tube  forming  the  basic  Shock  Tunnel  facility 
has  an  internal  diameter  through  the  driver  section  and 
channel  section  of  150  mm.  The  driver  section  is  9  m  long 
and  the  channel  section  is  18  m  long. 

In  its  conversion  to  a  LICH  tube  (Fig  3),  the  existing 
high  pressure  driver  section  is  used  as  a  reservoir  and  the 
diaphragm  block  replaced  by  an  insert  containing  a 
spherically-seated  ball  valve  and  a  throat.  The  nozzle 
diaphragm  used  to  close  off  the  channel  section  from  the 
nozzle  and  working  section  in  conventional  Shock  Tunnel 
operation  is  replaced  by  a  fast-acting  sliding  gate  valve.  A 
light  piston  is  fitted  into  the  channel  section  which  runs 
down  the  tube  in  order  to  compress  and  pre-heat  the  test 
gas.  The  piston  travels  relatively  slowly  down  the  tube 
(=  IS  m/s)  so  that  the  gas  is  heated  by  isentropic  compres¬ 
sion,  rather  than  by  means  of  a  strong  normal  shock  wave 
as  in  a  conventional  shock  tunnel. 

In  LICH  tube  operation,  the  piston  starts  dose  to  the 
reservoir  throat  and  travels  down  the  channel  section  when 
the  ball  valve  is  opened.  Thus  the  test  gas  ahead  of  the 
piston  is  compressed  and  hence  heated  until  at  a  pre¬ 
scribed  channel  pressure  the  fast  acting  valve  is  opened, 
whereupon  the  hot  test  gas  flows  through  the  nozzle. 

Because  of  the  low  piston  speeds  involved  (15  m/s  at 
M  «  7.1),  the  compression  process  is  essentially  slow  and 
the  pressure  throughout  the  tube  is  constant  and  hence 
when  the  nozzle  fast-acting  valve  opens  and  gas  flows  out 
through  the  nozzle,  a  rarefaction  wave  (see  Fig  4)  is 
generated  which  travels  back  up  the  channel,  reflects  off 
the  ball  valve  end  of  the  channel  and  returns  to  the  nozzle. 
This  process  is  identical  to  that  in  a  Ludwieg  tube  and 
determines  the  running  time,  nozzle  stagnation  conditions 
being  essentially  constant  until  the  rarefaction  returns.  The 
presence  of  the  piston,  and  the  fact  that  the  gas  behind  it 
has  come  from  the  reservoir  and  is  at  a  lower  temperature, 
cause  only  slight  departure  from  standard  Ludwieg  tube 
operation. 

When  the  nozzle  opens,  the  initial  rarefaction  wave  will 
produce  a  drop  in  the  stagnation  pressure  given  by 

p"1-  0.8102^-  for  y  -  1.4, 

which  results  in  a  6%  drop  for  the  existing  M  -  7.1  nozzle. 

The  pressure  in  the  channel  section  continues  to  rise 
after  the  fast-acting  valve  has  opened  due  to  Ihe  continued 
reflection  of  the  compression  waves.  However,  as  the  initial 
rarefaction  proceeds  beyond  the  piston  into  the  driver  gas  it 
meets  colder  gas  which  results  in  a  continuous  reflection  of 
weak  waves  from  this  region  of  non-uniform  density.  When 
these  reflections  hit  the  nozzle  wall,  pressure  'doubling' 
occurs  and  a  very  small  drop  in  stagnation  pressure  results 
This  small  pressure  drop  may  be  compensated  by  the  rise  in 
pressure  resulting  from  the  continuing  compression  pro¬ 
cess.  This  leads  to  a  compensating  condition  which  is  used 
in  the  LICH  mode  to  produce  very  constant  stagnation 
conditions. 

The  most  noticeable  deviations  from  the  steady  run¬ 
ning  pressure  of  the  LICH  mode  are  a  train  of  small  pulses 
due  to  .he  reflection  of  the  initial  rarefaction  pulse  by  the 
piston.  When  the  initial  rarefaction  hits  the  piston,  its  inertia 
will  prevent  it  from  responding  instantaneously  and  hence 
the  leading  edge  of  the  rarefaction  will  be  reflected.  This 
reflected  wave  will  then  be  reflected  repeatedly  between  the 
piston  and  the  tube  end  wall.  These  pressure  pulses  will,  of 
course,  be  doubled  in  strength  by  the  nozzle  end  wall  total 
reflections.  However,  these  pulses  may  be  virtually 


eliminated  by  using  a  fast-acting  valve  having  an  opening 
time  greater  than  the  piston  mass  time  constant, 


for  Shock  Tunnel  conditions.  The  opening  time  for  the  RAE 
Shock  Tunnel  fast-acting  valve  for  M  -  7.1  operation  is 
about  10  ms,  which  is  over  three  times  greater  than  the 
piston  time  constant,  but  still  small  compared  with  the 
tunnel  running  time  of  100  ms.  Thus  the  pressure  pulse 
should  be  virtually  eliminated,  and  this  is  borne  out  in 
practice.  A  more  detailed  discussion  of  LICH  tube  operation 
may  be  found  in  the  seminal  paper3  (from  which  Fig  4  was 
taken). 

Fcr  the  tests  described  in  this  paper,  the  nitrogen  gas 
driver  pressure  was  375  bar  and  the  initial  pressure  of  the 
nitrogen  „i  the  channel  section  was  6.46  bar.  The  test  gas 
m  the  channel  section  was  processed  in  the  LICH  mode 
using  a  light  piston  (-  0.4  kg)  to  give  a  stagnation  pressure 
of  84  bars  and  a  stagnation  temperature  of  580  K.  A  5'A° 
semi-angle  conical  nozzle  with  a  356  mm  exit  diameter  and 
a  38  mm  diameter  throat  section  connects  the  channel 
section  to  an  open-jet  working  section  fitted  with  large 
Schlieren-quality  glass  windows.  The  diameter  of  the 
usable  core  is  280  mm  in  which  the  tree-stream  Mach 
number  is  7.1 .  The  unit  Reynolds  number  for  these  condi¬ 
tions  is  about  4  x  107  per  metre,  an  order  of  magnitude 
higher  than  the  Gun  Tunnel  unit  Reynolds  number.  The 
working  section  is  fitted  with  a  quadrant-type  incidence  gear 
which  covers  the  incidence  range  from  0  to  90°  in  1° 
intervals. 

3  DESCRIPTION  OF  MODELS  AND 

MEASURING  TECHNIQUE 

The  models  used  in  the  tests  reported  in  this  paper 
were  all  based  on  a  generic  13.0  calibre,  7°  blunted  cone 
with  a  nose  bluntness  ratio  of  0.245  (ratio  of  nose  radius  to 
base  radius),  for  which  pressure  distributions  had  already 
been  measured  at  a  Mach  number  of  7.0  3.  The  model 
tested  in  the  Gun  Tunnel  had  a  length  oMOO  mm,  giving  a 
Reynolds  number  based  on  length  of  550,000.  Thus  the 
boundary  layer  was  likely  to  be  laminar  along  the  whole 
length  of  the  body  for  the  Gun  Tunnel  tests.  A  larger  model 
(see  Fig  5)  with  a  length  of  200  mm  was  used  in  the  Shock 
Tunnel  tests  with  a  correspondingly  higher  Reynolds 
number  of  8,000,000.  For  this  value  of  Reynolds  number 
the  boundary  layer  was  thought  to  be  laminar  over  the  whole 
body  due  to  the  effect  of  nose  blunting  on  the  stability  of  the 
boundary  layer.  This  will  be  discussed  more  fully  at  a  later 
stage. 

Heat  transfer  models  were  made  from  the  basic  model 
by  replacing  75%  of  the  upper  surface  (based  on  model 
length)  by  a  Macor  (a  trade  name  for  a  machinable  ceramic 
glass)  insert  which  formed  the  semi-infinite  substrate  for  the 
thin  film  resistance  thermometer  gauges.  The  gauges  were 
produced  by  painting  on  to  the  Macor  a  proprietary  liquid 
containing  platinum,  which  was  then  fired  in  a  furnace  to 
fuse  the  gauges  to  the  Macor  substrate.  Several  coats 
were  applied  to  give  the  gauges  an  electrical  resistance  of 
about  50  £1  Gold  leads  are  painted  on  to  the  Macor,  each 
lead  having  a  resistance  of  less  than  1  Cl,  to  connect  the 
gauges  to  instrumentation  wires  while  avoiding  any  possible 
flow  disturbance. 

The  film  gauges  are  fed  by  a  constant  current  power 
supply  so  that  any  change  in  gauge  resistance  5R  due  to  a 
change  in  surface  temperature  will  result  in  a  change  in 
gauge  voltage  which  is  directly  proportional  to  5R.  This 
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signal  is  then  fed  to  a  high  speed  analogue  circuit  to 
produce  a  voltage  proportional  to  the  heat  transfer  rate. 

The  Macor  substrate  was  not  taken  right  up  to  the 
nose  of  models  described  so  far,  the  first  12%  of  the  models 
being  ungauged.  The  reason  for  this  is  that  it  is  difficult  to 
make  gauges  less  than  about  '/2  cm  in  length  and  so  on  the 
slender  nose  region  of  the  model  they  would  measure  a 
mean  circumferential  heat  transfer  rate,  not  a  point  value. 

In  order  to  measure  heat  transfer  rates  nearer  to  the  nose, 
an  enlarged  model  of  the  first  25%  of  the  original  200  mm 
long  model  was  made  which  had  a  length  of  1 82  mm  with  a 
131  mm  Mr, cor  insert.  It  was  hoped  that  measurements  on 
this  model  would,  when  properly  scaled,  be  applicable  to  the 
original  Shock  Tunnel  model. 

4  PREDICTIONS 

The  only  readily  available  in-house  heat  transfer 
prediction  codes  were  those  developed  by  Professor  Poll  of 
Manchester  University,  and  his  associates,  under  RAE 
extramural  contracts,  viz  a  zero-incidence  two-dimensional 
code  called  KHOMP2D  and  a  three-dimensional  version 
called  KMOMP3D  4-  For  these  engineering  prediction 
codes  the  boundary  layer  is  assumed  to  be  laminar  through¬ 
out  and  a  simple  modified  Newtonian  pressure  distribution 
prediction  method  is  used  to  provide  the  pressure  input. 

The  boundary  layer  thickness,  and  hence  the  heat  transfer 
rates,  depends  on  the  pressure  distribution.  Since  the 
modified  Newtonian  approximation  breaks  down  whenever 
and  wherever  the  model  surface  slopes  away  from  the  free- 
stream,  the  comparisons  with  the  predictions  of  KHOMP3D 
have  been  limited  to  angles  of  incidence  which  do  not 
exceed  7°,  the  cone  half  angle,  so  that  the  leeward  body 
meridian  does  not  violate  this  condition. 

In  their  present  form  these  codes  can  deal  only  with 
problems  involving  air,  not  nitrogen,  as  the  test  medium. 
However,  this  limitation  is  not  thought  to  be  a  serious 
source  of  error.  More  important  is  the  fact  that  they  can 
deal  only  with  air  as  a  thermally  and  calorically  perfect  gas. 
Around  the  noses  of  the  models  tested  there  is  a  region  of 
high  temperature  gas  in  which  the  specific  heats  may 
deviate  from  the  ideal  values.  The  consequent  change  in 
the  value  of  the  ratio  of  the  specific  heats  can  have  a 
significant  effect  on  the  flow  field.  For  instance,  the  shock 
stand-off  distance  can  alter  quite  markedly  and  this  would 
alter  the  boundary  layer  state.  Thus  the  assumption  of  a 
calorically  perfect  gas  may  introduce  errors  in  the  predicted 
values,  although  these  are  thought  to  be  small. 

5  TEST  AND  RESULTS 

Heat  transfer  measurements  were  made  at  incidences 
from  0  to  25°  in  5°  steps,  with  additional  low-incidence  tests 
carried  out  at  1, 2, 3  and  4*.  At  each  angle  of  incidence  the 
model  was  rotated  from  0°  of  roll,  in  which  the  gauges  were 
lying  along  the  leeward  generator,  to  180’  of  roll,  in  which 
the  gauges  were  along  the  windward  generator  of  the  model. 

All  the  model  surface  heat  transfer  measurements 
presented  here  have  been  normalised  to  the  computed 
value  of  the  stagnation  point  heat  transfer  rate  based  upon 
the  equation  proposed  by  Crabtree,  Dommett  and 
Woodley5,  which  was  in  turn  derived  from  the  theory  of  Fay 
and  Riddell®.  The  resuits  are  presented  in  the  form  of 
contour  plots  of  the  measured  heat  transfer  distribution 
around  the  body. 

Photographs  of  the  flow-field  pattern  were  taken  at  all 
incidences  with  a  single-pass  Schlieren  system  using  an 
argon-jet  spark  light  source  of  about  0.2  ms  duration. 
Plwtographs  were  taken  on  Kodak  Tri-X  Ortho  sheet  film 
4163. 


6  DISCUSSION  OF  RESULTS 
6.1  Experimental  meaeuremente 

At  0°  of  incidence,  Fig  6a-c,  the  results  from  the  Gun 
Tunnel  and  Shock  Tunnel  experiments  show  similar,  and 
expected,  patterns  of  heat  transfer  contours;  viz  the 
isotherms  (strictly,  iso-heat-transfer  values)  are  approxi¬ 
mately  s  »  constant  curves  and  their  values  decrease 
with  distance  from  the  nose.  The  values  of  the  heat  transfer 
rates  are  very  small,  varying  from  about  1 .5  W/cm2  near  the 
nose  to  about  0.8  W/cm2  towards  the  rear  of  the  models. 

At  these  low  levels  systematic  errors  occur  for  the  small 
variation  of  the  heat  transfer  rates  with  $  (the  roll  angle)  for 
a  given  value  of  s. 

In  view  of  the  large  differences  in  Reynolds  numbers, 
based  on  model  length,  between  the  tests  carried  out  in  the 
Shock  Tunnel  at  M  »  7.1  and  those  in  the  Gun  Tunnel  at 
M  - 12.8  (viz  8  x  10®  as  against  0.5  x  10®),  the 
possibility  that  for  the  tests  in  the  Shock  Tunnel  the 
boundary  layer  may  be  turbulent  had  to  be  addressed. 
However,  the  heat  transfer  distribution  along  the,  say, 
p  -  90°  line  shows  no  sudden  jump  to  a  much  higher  level 
at  some  point  along  the  line  as  it  should  do  if  transition  from 
a  laminar  to  a  turbulent  boundary  layer  occurred  there,  the 
experimental  results  showing  a  monotonic  decrease  with 
distance  from  the  nose  This  delay  in  transition  is  thought 
to  be  due  to  the  effect  ot  nose  bluntness  on  transition.  This 
has  been  studied  by  many  investigators  (see,  for  example, 
Ref  7)  and  from  their  results  it  would  appear  that  for  the 
Mach  number  of  the  tests  a  small  nose  bluntness  could 
result  in  the  position  '  f  transition  being  up  to  five  times 
further  aft  than  the  transition  position  for  the  sharp  cone.  It 
was  also  noted  that  the  rearward  movement  of  transition 
stopped  after  a  certain  amojnt  of  blunting  and  the  location 
of  transition  began  to  move  toward  when  bluntness  was 
further  increased.  The  bluntness  experiments  referred  to  in 
Ref  7  were  performed  in  'noisy'  tunnels  and  so  the 
measured  transition  Reynolds  numbers  for  the  sharp  cones 
were  quite  tow  (between  2x10®  and  4x10®)  due  to  the 
possible  effect  of  high  tree-stream  turbulence.  If  we  take 
(SbluntfSsharpltransition  -  2.5  and  a  sharp-cone  transition 
Reynolds  number  of  3  x  10®,  then  we  would  expect  the 
transition  Reynolds  number  for  the  blunted  cone  in  the 
Shock  Tunnel  at  M  -  7.1  to  be  7.5  x  10®.  This  would 
imply  that  the  boundary  layer  would  be  laminar  over  most,  if 
not  all,  of  the  body  for  the  Shock  Tunnel  experiments. 

Additional  support  for  a  laminar  boundary  layer  may  be 
obtained  from  an  empirical  correlation  for  hypersonic  transi¬ 
tion  on  free-flight  vehicles,  viz  transition  occurs  when  the 
ratio  Reg/Me  equals  a  value  of  1 00,  where  Reg  is  the 
Reynolds  number  based  on  momentum  thickness  and  Me  is 
the  local  Mach  number  at  the  edge  of  the  boundary  layer. 
Using  the  bluntness  factor  of  2.5  at  a  tree-stream  Mach 
number  of  7.1 ,  the  value  ot  the  ratio  at  transition  for  a  blunt 
cone  should  increase  to  250.  Values  of  the  ratio  Reg/Me 
were  computed  along  the  surface  of  the  Shock  Tunnel 
model  and  it  was  found  that  the  maximum  value  reached 
was  about  120  and  this  occurred  at  the  base.  It  should  bo 
mentioned  that  a  value  of  about  220  for  transition  at  a  free- 
stream  Mach  number  of  7  on  a  sharp  cone  model  in  a  tunnel 
is  given  by  Ref  8.  The  fact  that  this  value  is  higher  than  the 
free-flight  value  may  be  arr touted  to  tunnel  turbulence. 

As  the  angle  of  incidence  is  increased  above  zero  it  is 
seen  that  the  flow  pattern  changes  very  quickly  from  an 
axisymmetric  flow  to  one  with  significant  cross  flow  in  the 
azimuthal  direction  This  is  shown  very  clearly  even  for  an 
angle  of  incidence  of  1°,  Fig  7a-c,  and  by  5°  of  incidence, 
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Fig  8a-c,  the  contours  are  nearly  parallel  to  the  model 
generators.  It  Is  perhaps  worth  pointing  out  that  these  low 
incidence  results  show  that  the  boundary  layer  is  well  and 
truly  laminar  over  the  whole  of  the  model.  For  it  is  well 
known®  that  as  the  incidence  fc  increased  transition  moves 
forward  on  the  leeward  side  and  rearward  on  the  windward 
side.  If  transition  were  to  occur  in  the  LICH  tube  tests  at  a 
Reynolds  number  of  8  x  10®,  then  this  should  show  itself 
on  the  leeward  generator  at  small  angles  of  incidence.  No 
evid-ence  of  this  happening  is  to  be  seen. 

From  about  5°  of  incidence  onwards,  however,  the 
surface  flow  patterns  on  the  two  models,  as  evidenced  by 
the  heat  transfer  contour  lines,  are  no  longer  similar  and  will 
therefore  be  discussed  separately.  (Some  reference  will 
also  be  made  to  the  enlarged  nose  section  model,  although 
its  flow  pattern  seems  to  model  that  of  its  parent  body.) 
Isotherms  for  20°  of  incidence  are  shown  on  Fig  9a-c. 
Schlieren  photographs  for  the  three  models  are  shown  on 
Fig  lOa-c  for  zero  angle  of  Incidence,  and  Fig  1  la-c  at  20° 
of  incidence. 

We  consider  first  of  all  the  model  tested  in  the  Gun 
Tunnel  at  a  nominal  free-stream  Mach  number  of  12.8, 

Fig  9a.  Looking  at  the  heat  transfer  rate  contour  maps,  we 
see  that  the  lines  bunch  together  on  about  the  45°  line.  This 
is  taken  to  be  evidence  of  a  three-dimensional  flow 
separation  found  on  blunt  bodies  at  high  angles  of  attack, 
and  described  by  a  number  of  investigators.  For  example. 
Stetson10  measured  the  surface  and  pitot  pressure 
distributions  in  detail  over  sharp  and  blunted  cones  at 
incidence  at  a  Mach  number  of  14.2.  From  these  results, 
Stetson  presented  a  separated  flow  model  with  a  pair  of 
vortices,  which  he  called  ’stream  rtobons",  over  the  leeward 
surface. 

A  comparison  of  the  Gun  Tunnel  photographs  for  0  and 
20°  of  incidence,  Figs  10a  and  11a,  show  an  unsteady 
shock  wave  lying  between  the  bow  shock  wave  and  the 
leeward  surface  vortices  at  the  higher  angle  of  incidence. 
This  feature  does  not  appear  to  be  present  in  the  Shock 
Tunnel  flow  photographs,  Fig  llb&c.  Although  this  shock 
wave  must  curve  around  the  body  in  the  same  way  as  the 
bow  shock  wave,  no  evidence  of  its  presence  is  seen  in  the 
surface  heat  transfer  plots;  that  is  to  say,  it  is  not  a  surface 
generated  phenomenon,  but  is  a  function  of  flow  Mach 
number  only.  Upstream  of  this  embedded  shock  wave  the 
flow  Mach  number  must  be  veiy  nearly  equal  to  the  free- 
stream  value  of  12.8;  the  shock  wave  is  required  to  match 
this  flow  with  vortical  flow  from  the  windward  side.  At  the 
lower  Mach  number  tests  in  the  shock  tunnel  such  a  shock 
wave  does  not  appear  to  be  required  to  match  the  two  flows. 

Turning  to  the  Shock  Tunnel  heat  transfer  rate  contour 
maps,  Fig  9b&c,  a  separation  line  is  again  seen  lying 
approximately  on  the  45°  line,  suggesting  that  the  leeward 
side  flow  is  again  vortical  in  nature.  However,  the  135°  line, 
the  windward  surface,  shows  much  more  structure  than  the 
corresponding  Gun  Tunnel  line,  especially  towards  the  base 
of  the  model.  This  is  the  region  where,  at  hypersonic  Mach 
numbers,  the  bow  shock  wave  lies  very  dose  to  body  on  the 
windward  side,  and  could  cause  local  heating.  However, 
these  high  heating  rate  contours  should  also  be  visible  on 
the  Gun  Tunnel  results  if  their  cause  was  a  shock  wave¬ 
boundary  layer  type  interaction.  Also,  this  phenomenon  is 
seen  on  the  very  blunt  body  where  the  bow  shock  is  still 
some  distance  from  the  base. 

A  suggested  possible  reason  for  this  high  base 
heating  region  is  a  stream-wise  separation  of  the  laminar 
boundary  layer.  If  one  looks  at  the  M  -  7.1  Shock  Tunnel 
results  for  20°  of  incidence,  it  is  seen  that  on  the  1 35°  ray 
the  heat  transfer  rate  decreases  in  value  over  the  first  15% 


on  the  ray  from  the  nose,  then  remains  virtually  constant 
over  the  next  35%  before  rising  to  higher  values  over  the 
remaining  50%.  This  is  a  typical  variation  for  laminar 
separation  and  reattachment  and  its  occurrence  is  more 
likely  at  the  higher  Reynolds  number  and  lower  Mach 
number  of  the  Shock  Tunnel  results  than  for  the  Gun  Tunnel 
results.  The  cause  could  be  the  pressure  gradient  along  the 
windward  surface  caused  by  an  over-expansion  and 
recompression  process  after  the  curvature  discontinuity  at 
the  sphere-cone  junction.  This  is  clearly  seen  in  the  flow 
photograph  showing  an  adversely  curved  shock  wave  near 
the  nose  on  the  windward  surface. 

As  mentioned  above,  no  embedded  shock  wave  is 
seen  in  the  Schlieren  photographs  of  the  flow  in  the  Shock 
Tunnel,  Fig  1 1b,  comparable  to  that  evident  at  high  angles 
of  incidence  in  the  Gun  Tunnel.  However,  the  Shock  Tunnel 
photographs  do  show  an  embedded  shock  wave  emanating 
from  the  nose  region  on  the  leeward  surface,  at  least  for 
angles  of  incidence  from  15°  onwards.  This  shock  wave  is  a 
stable,  fairly  weak  feature  and  does  not  appear  in  the  Gun 
Tunnel  photographs  (where,  admittedly,  the  density  gradi¬ 
ents  are  much  weaker).  This  embedded  shock  wave  has 
been  reported  previously1 1  from  tests  on  biconics  (on-axis 
and  blunt)  and  sphere-cones  in  the  Langley  20-inch  Mach  6 
Tunnel,  and  was  tentatively  attributed  to  a  flow  expansion 
around  the  spherical  nose  followed  by  a  recompression 
because  of  the  presence  of  the  cone  section. 

6.2  Comparison  of  •xperimsntal  results 

and  theoretical  predictions 

Fig  12  shows  a  comparison  of  experimental  data  at 
-’em  incidence  with  the  predictions  of  KHOMP2D,  shown  as 
sciid  lines.  The  code  predicts  the  surface  heating  rate  fairly 
well  over  the  first  half  of  the  7°  blunted  cone  in  both  tests, 
but  then  over  the  rear  half  over-predicts  by  up  to  20%.  The 
code  over-predicts  the  rates  on  the  expanded  nose  model 
by  some  20-30%  over  the  whole  of  the  body,  excluding  the 
nose  region  for  which  no  experimental  results  were 
available. 

These  discrepancies  may  be  partially  attributed  to  the 
use  of  modified  Newtonian  pressure.  Alternatively,  it  could 
be  attributed  to  inadequate  modelling  of  the  blunt  nose 
region.  The  flow  in  the  nose  region  is  characterised  by  a 
strong  near-normal  bow  shock  wave,  which  generates  an 
entropy  gradient  inside  the  shock  layer.  This  entropy 
gradient  results  in  an  entropy  layer  which  prevails  over  the 
invisdd  region  between  the  shock  and  the  boundary  layer. 
As  the  shock  location  approaches  the  limit  of  a  sharp  cone 
solution,  the  entropy  layer  thickness  decreases  and 
eventually  is  swallowed  by  the  boundary  layer,  which 
probably  occurs  about  half  way  along  the  body  for  the  tests 
described  here.  The  prediction  code  may  not  provide  a 
method  to  account  adequately  for  the  effect  of  variable 
entropy  on  heat  transfer  rates  along  blunted  bodies, 
oecause  real  gas  effects  have  decreased  the  shock  stand¬ 
off  distance.  This  would  also  explain  why  the  very  blunt 
body  heat  transfer  prediction  over-estimates  the 
experimental  data. 

The  plots  of  heat  transfer  rate  prediction  at  incidence 
using  KHOMP3D  are  shown  in  Fig  13a-d,  for  both  windward 
and  leeward  generators.  These  plots  are  shown  for 
completeness  and  indicate  that  in  its  present  form,  the  code 
grossly  over-predict  measurements  along  the  windward 
generators.  The  reasons  for  this  are  currently  being 
examined. 

7  CONCLUSIONS 

Heat  transfer  rate  measurements  have  been  made  on 
a  7°  blunted  cone  geometry  over  a  range  of  incidences  at 


two  hypersonic  Mach  numbers.  Analysis  of  the  data  In  the 
form  of  contour  maps  of  the  heat  transfer  rates  over  the 
surface,  aided  by  flow  field  photographs,  have  led  to  the 
following  preliminary  conclusions: 

(1 )  The  boundary  layer  was  found  to  be  laminar  over  all 
the  models  tested,  even  though  the  Reynolds  number  for 
the  Shock  Tunnel  tests  was  8x10®  based  on  model 
length.  This  was  almost  certainly  due  to  the  effect  of 
bluntness  delaying  the  onset  of  transition. 

(2)  The  appearance  of  cross  flow  effects  on  the  results 
appear  even  at  1°  of  incidence. 

(3)  By  about  1 0°  of  incidence  there  is  strong  evidence  of  a 
cross  flow  separation  over  the  leeward  surface,  suggesting 
that  the  leeward  flow  is  vortical  in  nature. 

(4)  It  is  possible  that  streamwise  separation  of  the 
boundary  layer  over  the  windward  surface  occurs  for  the 
M  -  7.1  tests,  but  not  at  M  -  12.8. 

(5)  An  embedded  shock  wave  in  the  leeside  flow  is  seen  in 
the  flow  field  photographs  at  M  -  12.8  towards  the  base  of 
the  model  and  which  does  not  appear  in  the  M  -  7.1  photo¬ 
graphs.  This  unsteady  shock  wave  is  tentatively  attributed 
to  a  requirement  to  match  the  leeside  flow  with  the  vortical 
cross  flow. 

(6)  An  embedded  shock  wave  originating  from  the  region 
of  the  join  of  the  spherical  nose  cap  to  the  cone  is  seen  in 
the  M  «  7.1  photographs.  There  is  also  some  evidence  of 
this  shock  wave  in  the  M  -  12.8  photographs  at  incidences 
above  20°. 

(7)  The  predictions  of  KHOMP2D,  applicable  only  at  zero 
incidence,  are  of  an  acceptable  accuracy.  KHOMP3D, 
applicable  to  non-zero  angles  of  incidence,  requires  further 
development  before  it  can  yield  predictions  of  acceptable 
accuracy. 

(8)  A  wide-ranging  data  base  of  flow  field  photographs  and 
heat  transfer  contours  have  been  assembled  against  which 
current  and  future  flow  field  prediction  methods  can  be 
validated. 

LIST  OF  SYMBOLS 
A  tube  cross-sectional  area 
Ag  nozzle  throat  area 
m  piston  mass 
M  Mach  number 

Mg  Mach  number  at  edge  of  boundary  layer 
Pt  pressure  in  front  of  piston  during  run 
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Ap  rarefaction  wave  step  at  start  of  run 

q  heat  transfer  rate 

qg  stagnation  point  heat  transfer  rate 
r  nose  radius 

Reg  Reynolds  number  at  edge  of  boundary  layer, 
based  on  momentum  thickness 
6  momentum  thickness 

s  surface  distance 

o  angle  of  incidence 

Y  ratio  of  specific  heats 

p  density  of  gas 

9  roil  angle  (0°  -  leeward  surface) 
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Pig  4  Ludwieg  tube  flow 


Fig  2  Gun  tunnel  flow 


Fig  5  Shock  tunnel  model  showing  gauge  positions 
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Fig  6a  Gun  tunnel  heat  transfer  rates 
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Fig  6c  Shock  tunnel  heat  transfer  rates 
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Fig  8b  Shock  tunnel  heat  transfer  rates 
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Fig  9a  Gun  tunnel  neat  transfer  rates 


Fig  9c  Shock  tunnel  heat  transfer  rates 
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THERMAL  IMAGING  ON  MISSILES  IN 
HYPERSONIC  FLOW 


Henning  SCHOLER 

DLR  Institute  for  Experimental  Fluid  Mechanics 
Bunsenstrassc  10,  D-3400  Gottingen,  F.R.G. 


Summary 

The  method  of  thermal  imaging  with  liquid  crystals  devel¬ 
oped  at  DLR  Gottingen  is  briefly  described,  and  some 
applications  in  the  DLR  Ludwieg  tube  are  presented.  As 
the  temperature  sensor  is  sprayed  on  the  model  no  expen¬ 
sive  instrumentation  is  required.  Responding  to  temper¬ 
ature  variation  the  liquid  crystals  show  a  colour  play 
which  directly  visualizes  surface  temperature  fields.  For 
qualitative  heat  transfer  measurements,  it  is  sufficient  to 
photograph  or  video  record  the  model  while  it  is  exposed 
to  the  flow. 


1.  Introduction 


The  increasing  speed  of  missiles  and  projectiles  in  the 
anti-aircraft  and  armour  penetrating  classes  requires 
growing  attention  to  aerodynamic  heating  problems.  In 
many  cases  the  position  of  hot  spots  created  by  shock  or 
vortex  impingement  or  by  boundary  layer  transition  can¬ 
not  be  predicted  accurately  and  has  to  be  determined  in 
wind  tunnel  experiments.  Here  again,  difficulties  imposed 
by  extensive  model  instrumentation  with  discrete  sensors, 
hamper  the  accuracy  of  the  results. 

Thermal  imaging  techniques  can  overcome  these  problems, 
as  a  complete  mapping  of  the  model  surface  is  provided. 
Detailed  local  information  can  be  obtained  inter  with  con¬ 
ventional  sensors  at  the  loci  of  interest,  if  necessary. 
Alternatively,  after  an  appropriate  calibration  procedure, 
quantitative  heat  transfer  data  can  be  extracted  from  the 
thermai  maps. 

A  low  cost  method  of  thermal  imaging  is  the  liquid  crystal 
technique,  which  has  been  developed  and  established  at 
DLR  Gottingen  [I ]. 


2.  Liquid  Crystals 


Some  organic  materials  form  a  mesophase  between  the 
solid  and  the  liquid  phase,  where  a  strongly  anisotropic 
fluid  is  formed.  This  mesophase  is  called  the  liquid  crystal 
phase.  It  was  first  observed  in  1888  by  Friedrich  Rcinitzcr 
in  Prague. 

The  melting  process  of  a  mesogene  crystal  is  a  gradual  loss 
in  order  as  shown  in  Fig.  1.  At  the  melting  point  the  three 
dimensional  order  of  the  crystal  grid  is  broken  down  to  a 
two  dimensional  one;  the  material  can  be  imagined  as  a  set 
of  lubricated  solid  slabs  (smectic  -  soap-like  structure). 
With  rising  temperature  the  two  dimensional  order  of  each 
slab  is  destroyed,  and  each  layer  forms  a  two  dimensional 
fluid.  After  transition  to  the  nematic  (thread-like)  phase 
the  position  of  each  molecule  is  random,  however,  a  long 
range  orientation  of  the  molecules  remains. 

If  the  temperature  is  above  the  clearing  point,  the  orien¬ 
tation  vanishes,  !he  fluid  is  then  isotropic. 
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Fig.  1  Phase  transitions  in  a  mesogene  material 


Fig.  2  Chiral  structure  of  cholesterol  esters 

The  cholesteric  mesophase  can  be  considered  as  a  special 
case  of  the  nematics,  where  chiral  molecules  arc  solved  in 
a  nematic  fluid,  or  if  the  molecules  of  the  fluid  itself  arc 
chiral,  i.e.  cholesterol  esters.  The  structure  of  such  a  mole¬ 
cule  is  shown  in  Fig.  2. 

The  nematic  structure  undergoes  a  helical  distortion  with 
the  spatial  period  being  one  half  of  the  pitch  p,  which 
typically  is  in  the  order  of  visible  light  (Fig.  3). 


?&•**&*  7*MU»9*t  **»F»*‘  <?. 


29-2 


z 

y, 

r . r  i 

p 

2 

Y/  \ 

////'//  //  / 
!//***//**  V  \ 

- * 

x 


Flg.3  Structure  of  cholesteric  liquid  crystals 

This  results  in  Bragg  reflection  of  an  incident  light  beam 
with  R  **  p/2  showing  an  extremely  brilliant  colour.  The 
reflected  light  is  circularly  polarized,  and  the  electrical  field 
vector  of  the  light  wave  forms  a  helix  identical  in  shape  to 
the  cholesteric  helix.  Oppositely  polarized  light  is  fully 
transmitted  The  physical  properties  of  liquid  crystals  are 
described  in  detail  in  the  textbooks  by  P.G.  dcGcnncs 
[2],  and  G  Vertogen  and  W.H.  de  Jeu  [3] 

In  most  cases  the  pitch  p  of  cholesteric  liquid  crystals  is 
decreasing  with  increasing  temperature.  There  is  a  colour 
change  from  red  to  blue  with  rising  temperature  [4] 


light  beam  and  the  helical  axis  will  shift  the  Bragg 
reflection  to  a  shorter  wavelength.  This  shcar-strcss-in- 
duceo  colour  play  is  in  some  cases  desirable;  especially  in 
low  speed  wind  tunnels  with  negligible  temperature  effects 
boundary  layer  transition  can  be  detected  with  this  meth¬ 
od  [ft,  7],  or  even  in  free  flight  [8] 

In  hypersonic  wind  tunnels,  however,  where  temperature 
effects  are  dominant,  shear  stress  influence  has  to  be 
avoided.  This  can  be  done  by  the  use  of  micro-encapsulat¬ 
ed  thcrmochromic  liquid  crystals  A  small  droplet  of  ther- 
mochromic  material  is  enclosed  in  a  capsule  of  gelatine  and 
arabic  gum  which  is  a  reliable  shield  against  shear  forces 
The  diameter  of  the  capsules  is  in  the  order  of  I  Opm. 
These  micro-encapsulated  liquid  crystals  are  commercially 
available  in  the  temperate t  range  from  -30°C  to  I50”C 
as  a  water-based  slurry. 

in  wind  tunnel  testing  the  liquid  crystals  are  sprayed  on  a 
blackened  model  surface,  as  the  colour  play  is  best  visible 
against  a  black  background 


3.  Test  Apparatus 

The  cxpeiimcnts  were  done  in  the  DLR's  Ludwieg  Tube. 
A  sketch  of  the  tunnel  is  shown  in  Fig.  S. 
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Fig.  4  Relation  between  pitch  and  temperature  in 
typical  cholesterics  [4] 

For  a  given  sample  at  constant  pressure  the  appearing 
colour  is  only  a  function  of  temperature  and  the  process  is 
fully  reversible  The  response  time  is  in  the  order  of  milli¬ 
seconds.  The  dependency  of  the  reflected  colour  on  tem¬ 
perature  is  highly  nonlinear.  As  shown  in  Fig.  4,  blue  col¬ 
our  is  displayed  over  a  wide  temperature  range,  therefore 
the  cholesteric  liquid  crystals  arc  sometimes  called  'blue 
phases"  in  the  literature 

Many  different  materials  or  composed  mixtures  are  com¬ 
mercially  available  with  temperature  spans  for  the  colour 
play  from  0  05’C  to  30°C  in  the  range  from 
-30”C  to  250 °C.  For  wind  tunnel  testing  the  choice  of  the 
mixture  depends  on  the  wind  tunnel  conditions  and  the 
desired  experiment.  Cholesteric  liquid  crystals  are  sensitive 
to  shear  stress  as  well  [5].  Shear  stress  applied  to  a  layer 
of  liquid  crystals  distorts  the  helical  axis  of  the  orientation 
(sec  Fig.  3).  Any  angle  of  incidence  between  the  incoming 
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Fig.  5  The  Ludwieg  tube  of  DLR 

The  wind  tunnel  is  a  downward-blowing  tunnel  working 
with  the  Ludwieg  principle,  where  constant  stagnation 
conditions  are  provided  by  the  state  behind  a  travelling 
rarefaction  wave  inside  a  storage  tube,  thus  disusing  any 
regulation  mechanisms.  Compressed  air  is  provided  in 
three  electrically  heated  storage  lubes  of  80  m  length  each, 
accelerated  in  nozzles  to  the  desired  Mach  number  ami 
dumped  through  the  test  section  into  a  vacuum  tank.  The 
Mach  number  range  is  3  ^  Ma„  <,  12  with  the  Reynolds 
number  extending  from  Re„  =  10s  to  Re„  =  5  •  10’ ,. 
based  on  I  m  length.  The  test  section  has  a  diameter  of 
0.5  m  or,  for  tube  A  at  Ma „  =  3  -  4  6  ,  a  squared  test 
section  0  5x0.5  m1 .  The  running  time  of  the  tunnel  is 
limited  by  the  tiavclhng  time  of  the  rarefaction  wave  twice 
the  length  of  the  tube  and  is  around  0.35  s  .  A  detailed 
description  of  the  Ludwieg  Tube  is  given  in  [9]. 

The  test  set-up  is  sketched  in  Ffg.  6:  A  model  of  low  heat 
conductivity  is  sprayed  with  liquid  crystals  of  the  desired 
range  and  then  mounted  on  the  support  in  the  test  section 
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Fig.  6  Test  set-up  in  Ludwieg  tube 

Low  heat  conducting  material  for  the  models  as  perspex, 
Plexiglas  ®  or  Urcol  ®  etc.  has  proven  to  give  the  best 
spacial  resolution  for  thermal  imaging.  The  model  is  illu¬ 
minated  by  a  blue  flash,  a  strobe  flash,  or  a  circular  neon 
tube,  depending  on  the  recording  device  as  l.c.  a  photo 
camera,  a  high  speed  movie  camera,  or  a  video  camera. 
Illumination  with  spotlights  is  limited,  because  the  black 
model  surface  absorbs  all  light  and  converts  it  into  heat. 
The  average  power  that  is  radiated  by  flashing  lights  is 
several  orders  of  magnitude  smaller.  Spotlights  arc  used  to 
heat  the  models  after  spraying  liquid  crystals  on  the  sur 
face  to  check  the  quality  of  the  colour  play. 


4.  Examples  of  Thermal  Imaging  in  Hypersonic  Testing 

4.1  Boundary  layer  transition  on  cones 

The  expected  heat  transfer  distribution  along  a  cone  in 
hypersonic  flow  is  shown  in  Fig.  7. 


Fig.  7  Heat  transfer  along  a  cone 

At  the  vertex  there  is  high  stagnation  point  heating.  As  the 
boundary  layer  grows  along  the  cone  the  heat  transfer 
reduces.  Eventually  the  laminar  boundary  layer  becomes 
unstable  and  undergoes  transition  to  a  .urbulent  state, 
combined  with  a  steep  rise  in  heat  transfer  which  then  with 
growing  turbulent  boundary  layer  thxkness  gradually 
reduces  again. 

If  the  model  is  coated  with  thcrmocro-nic  liquid  crystals  a 
blue  colour  in  the  stagnation  region  v/il!  be  observed  that 
changes  through  the  whole  spectrum  to  red,  and  in  the 
transition  zone  rapidly  changes  to  blue  again. 


Figures  8-30  are  colour  photographs  which  for  technical 
reasons  are  printed  on  three  pages  as  an  appendix  to  this 
contribution.  The  figure  captions  are  on  page  29-A3. 

Fig.  8  shows  a  photograph  of  a  10°  -cone  in  a  Max  -  5 
flow.  Between  60  %  and  80  %  of  the  cone  length  we 
observe  a  colour  change  from  red  to  blue,  indicating 
boundary  layer  transition. 

Doubling  the  free  stream  Reynolds  number  from 
1.6- I  O’  based  on  I  m  length  to  3.2-10’  shifts  the 
transition  zone  (in  Figure  9)  forward  to  30  %  -  40  %  of 
the  cone  length,  thus  proving  that  the  transition  Reynolds 
number  is  independent  of  the  free  stream  Reynolds  num¬ 
ber. 


The  influence  of  nose  radius  on  transition  is  shown  in  Figs. 
10  and  11.  At  the  same  free  stream  Reynolds  number  an 
increasing  nose  radius  pushes  the  transition  region  down¬ 
stream,  due  to  the  fact  that  the  attached  conical  shock 
wave  now  detaches  and  the  subsonic-supersonic  flow 
behind  the  shock  exposes  the  boundary  layer  to  a  more 
favourable  pressure  gradient. 

Boundary  layer  transition  is  very  sensitive  to  small  angles 
of  attack,  being  delayed  on  the  windward  side  and  pro¬ 
moted  on  the  leeward  side. 

For  angles  of  attack  larger  than  a  =  3° ,  on  the  leeward 
side  vorticity  effects  become  pre-dominant  [l  l]. 

The  surface  heat  transfer  pattern  induced  by  lecside  vor¬ 
tices  in  shown  in  Fig.  12  on  a  blunt  cone  in  a  Ma  =  5 
flow  at  a  =  15°  angle  of  attack. 

It  could  be  shown  that  for  cones  a  critical  nose  radius 
exists,  above  which  for  a  given  flow  situation,  the  positions 
of  all  boundary  layer  transition  and  lecside  vortex  flow 
phenomena  are  proportional  to  the  nose  radius 


4.2  Boundary  layer  transition  on  a  sphere 

The  hypersonic  flow  around  domes  of  self-guiding  missiles 
is  similar  to  the  flow  around  a  sphere  As  long  as  the  sonic 
line  that  limits  the  subsonic  flow  behind  the  detached  bow 
shock  is  on  the  spherical  part,  the  shape  of  the  following 
body  is  of  no  evidence  to  the  flow  in  this  region.  It  is 
important  to  know  if  boundary  layer  transition  occurs  in 
this  region  giving  rise  to  structural  strength  problems 
because  of  high  turbulent  heat  transfer 

A  sphere  machined  from  Plexiglas  ®  was  coated  with  liq¬ 
uid  crystals  and  tested  in  the  DLR  Ludwieg  tube  in  a 
Max  =  5  flow.  The  test  set-up  was  arranged  so  that  the 
camera  looked  from  about  30°  forward  to  allow  observa¬ 
tion  of  the  stagnation  region. 

The  two  photographs  in  Fig.  13  and  14  taken  during  the 
same  run  in  a  200  ms  time  interval,  display  purely  lami¬ 
nar  flow  around  the  sphere  at  a  Reynolds  number  of 
Re4  =  2  •  10s,  based  on  the  diameter  of  the  sphere  The 
first  photograph  shows  a  green  spot  at  the  stagnation  point 
which  quickly  fades  to  red  and  is  colourless  where  the 
surface  temperature  is  soil  below  the  colour-play  band  of 
the  liquid  crystals. 

In  Fig.  14  around  the  stagnation  point  the  temperature  has 
risen  to  beyond  the  clearing  point  of  the  liquid  crystals  and 
decreases  continuously  towards  the  equator. 

If  the  Reynolds  number  is  increased  to  Re4  =  3  •  10s ,  as 
shown  in  Fig.  15,  some  turbulent  wakes  from  surface 
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roughness  appear,  the  main  boundary  layer  (low  still  stays 
laminar. 

At  a  further  increase  of  the  Reynolds  number  to 
Ret  =  3.5  •  10*  (Fig.  16)  the  turbulent  wakes  become  more 
pronounced  and  at  Red  -  4  •  10s  there  are  only  very  few 
areas  left  where  the  boundary  layer  still  appears  laminar. 

Finally  at  Re4  =  4.5  ■  10* ,  the  boundary  layer  transition  is 
complete  and  can  easily  be  seen  in  Fig.  18  as  a  fringed  zone 
encircling  the  stagnation  point. 

The  wind  tunnel  conditions  at  Ma„  =  5  simulate  flight 
altitudes  of  about  14  000  m  (Fig.  13,  14)  down  to  8  000 
m  in  Fig.  18.  On  the  highly  polished  dome  surface  of  a 
real  missile  the  boundary  layer  transition  will  occur  at  a 
somewhat  higher  Reynolds  number,  for  the  liquid  crystal 
layer  introduces  a  surface  roughness  of  about  0.01  -  0.02 
mm,  hence  the  prediction  is  'on  the  safe  side'. 


4.3  Taylor-Gortler  vortices  on  a  short  cylinder 

On  a  short  cylinder  perpendicular  in  a  Afa„  =  5  flow 
thermal  imaging  reveals  two  phenomena: 

At  a  Reynolds  number  of  Re4-  2-10*,  based  on  the 
diameter  of  the  cylinder  Taylor-Gortler  vortices  can  be 
observed  (Fig.  19)  [12].  Their  regular  structure  can  still 
be  seen  at  twice  the  Reynolds  number  in  Fig.  20.  The 
boundary  layer  flow,  however,  is  by  no  means  two-dimen¬ 
sional,  as  the  pattern  of  the  vortices  might  suggest.  The 
boundary  layer  seems  to  radiate  out  from  a  stagnation 
point  in  all  directions  along  the  surface  of  the  cylinder  and 
undergoes  transition  to  turbulence. 

The  three-dimensionality  of  the  boundary  layer  can  also 
be  observed  in  Fig.  19  by  the  turbulent  wakes  of  two  par¬ 
ticles  in  the  flow  which  have  smashed  the  surface  of  the 
cylinder. 


4.4  Heating  pattern  at  the  window  of  a  missiles  infrared 
seeker 

A  design  study  for  a  self-guiding  missile  was  tested  in  the 
Ludwieg  tube.  The  forcbody  had  a  blunt  ogive  shape  with 
the  first  part  flattened  to  a  ellipsoidal  cross  section  to  give 
space  for  a  plane  window  for  the  infrared  seeker. 

Prior  to  quantitative  heat  transfer  measurements  a  flow 
visualization  was  made  and  thermal  imaging  of  the  heating 
pattern. 

The  flow  visualization  was  done  with  a  differential  inter¬ 
ferometer,  into  which  a  schlieren  apparatus  is  easily 
changed  by  adding  a  pair  of  Wollas'on  prisms  and  a  pair 
of  polarizers. 

The  photograph  in  Fig.  21  shows  the  differential  interfe- 
rogram  of  the  duckbill-shaped  nose  of  the  missile  in  a 
Ma„  =  5  flow  at  a  =  0°  angle  of  attack.  Fringe  setting 
was  horizontal  with  infinite  spacing  and  the  displacement 
of  the  ordinary  and  extraordinary  beam  was  about  3  mm. 

The  bow  shock  is  observed  from  the  nose  and,  on  the  ros¬ 
trate  part  in  front  of  the  window,  a  large  separated  area, 
above  which  a  compression  wave  can  be  detected.  At 
reatlachement  of  the  flow  on  the  window  shortly  behind 
the  corner  a  strong  plane  shock  wave  is  formed. 

At  a  =  —5°  angle  of  attack  (Fig.  22)  the  bow  shock  is 
pressed  closer  to  the  body.  The  separation  bubble  is  much 
smaller  and  the  flow  reattaches  almost  directly  behind  the 
corner.  The  bow  shock  intersects  with  the  plane  shock 
from  the  corner.  This  seems  to  let  the  boundary  layer  sep¬ 
arate  on  the  window,  as  lines  of  equal  density  move  away 
from  the  surface. 


This  expresses  in  the  appearance  of  a  sharp  curved  line  in 
the  liquid  crystal  photographs  in  Fig.  23. 

The  two  photographs  are  taken  during  the  same  wind 
tunnel  run  in  a  200  ms  time  interval.  Due  to  the  smaller 
Mach  number  of  Ma„  -  4.2  in  this  test  senes  and  hence 
larger  shock  angles,  the  curved  line  is  shifted  somewhat 
towards  the  rear  of  the  window;  the  phenomenon,  howev¬ 
er,  is  the  same  The  reason  for  showing  thermal  images 
and  interferogrammes  at  different  Mach  numbers  is  very 
simple:  The  photographs  became  better  as  we  gained 
experience  throughout  the  tests. 

Fig.  23a  shows  on  the  window  a  line  of  symmetry  and 
number  of  faintly  visible  straight  lines  which  focus  on  the 
two  small  dark  peaks  at  the  left,  just  behind  the  stagnation 
zone  (Fig.  23b).  The  flow  within  this  region  seems  to  be 
conical.  Note  the  turbulent  wake  of  a  surface  roughness  in 
the  lower  part  of  the  window.  The  flow  outside  the  conical 
part  expands  over  the  sides  of  the  window  and  boundary 
layer  transition  occurs  (see  chapter  4.2).  The  pattern  on 
the  model  surface  resembles  a  flying  bat. 

Fig.  24  shows  the  model  at  zero  angle  of  attack.  The 
intersection  of  the  bow  shock  and  the  window  shock  docs 
not  hit  the  model.  The  heat  transfer  in  the  window  region 
reduces.  In  Fig.  24a  the  line  of  symmetry  is  clearly  seen  as 
well  as  the  limits  of  the  conical  flow  region  The  flying  bat 
structure  is  even  more  pronounced. 

Fig.  25  at  a  =  +5°  finally  reveals  the  conical  part  being 
the  influence  of  vortices  which  are  developing  in  the  vicin¬ 
ity  of  the  nose  and  arc  impinging  on  the  window,  expressed 
by  the  typical  owl  face  structure. 

The  thermal  imaging  allowed  a  much  better  interpretation 
of  the  results  of  local  quantitative  thin  skin  heal  transfer 
measurements  conducted  consequently. 


4.5  Aerodynamic  heating  in  the  fin  region  of  a  kinetic 
energy  projectile 

in  the  framework  of  a  data  exchange  agreement  a  generic 
kinetic  energy  finned  projectile  was  investigated  in  the 
DLR  Ludwieg  tube. 

The  model  shown  in  Fig.  26  had  six  fins  of  4  D  length 
and  1.4  D  span  each  and  three  different  tips  with  an  8° 
half  angle  conical  tip  of  nose  radius  0.05  D  providing 
L/D  of  10,  15,  and  20  respectively  for  the  cylindrical 
part;  D  »  20  mm.  The  aerodynamic  heating  especially  in 
the  finned  region  was  tested  by  thermal  imaging  with  liq¬ 
uid  crystals  throughout  ,Wa„  =  3  to  6  at 
i  =  0°  and  4° ,  x-wise  and  +-wise 

As  an  example,  the  heating  patterns  at  Ma„  =  3  arc  pre¬ 
sented  at  L/D  =  10  and  x-wise  orientation. 

Fig.  27  shows  the  model  at  a  =  0"  The  boundary  layer  is 
still  laminar,  as  was  checked  by  schlieren  visualization  On 
the  fins  a  number  of  vortices  appear,  with  a  horseshoe 
vortex  around  the  foot  of  the  fin.  Note  the  high  heating  at 
the  leading  edges,  seen  by  the  dark  blue  colour. 

At  a  =  4°  in  Fig.  28  on  the  suction  side  we  observe  the 
high  heating  due  to  the  lecsidc  boundary  layer  transition 
and  vortices  on  the  fuselage  and  a  number  of  vortices 
which  seem  all  to  originate  at  the  foot  of  the  leading  edge. 
This  pattern  is  typical  for  the  leeside  flow  over  a  delta 
wing. 

On  the  pressure  side,  however,  shown  in  Fig.  29,  the  fine 
vortices  on  the  fins  arc  parallel  to  the  outer  flow.  A  certain 
large  scale  periodicity  in  the  heating  pattern  of  these  vor¬ 
tices  shows  up. 
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The  attaching  flow  heats  the  fuselage.  This  is  blocked  at 
the  beginning  of  the  fins  by  a  separation  bubble  between 
the  fins,  caused  by  the  detached  shock  waves  around  the 
leading  edges  interfering  with  the  boundary  layer  on  the 
fuselage.  The  number  of  corner  vortices  between  the  fins 
is  increasing. 

Fig.  30  finally  shows  the  model  in  side  view.  Note  again 
the  leesidc  turbulent  boundary  layer  on  the  fuselage  and 
the  different  patterns  on  the  inner  fins,  one  displaying  the 
windward,  the  other  the  leeward  side 


S.  Conclusion 

It  has  been  shown  that  in  many  cases  thermal  imaging 
helps  a  lot  in  understanding  aerodynamic  heating  phe¬ 
nomena  in  hypersonic  flow.  On  the  other  hand  it  displays 
the  complexity  of  boundary  layer  flow  especially  in  corner 
flow  configurations. 
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Fig.  8  Boundary  layer  transition  on  a  10°  cone,  Maw«  5,  Re,*,-  1 6  107lm  l\ 

Fig.  9  Boundary  layer  transition  on  a  10® cone,  Ma*,«  5,  Re*,-  32  107 [rrr1]. 

Fig.  10  Boundary  layer  transition  on  a  cone,  Rc^  «■  24  107  (wr1}, 

nose  radius  rn  -  07  mm. 

Fig.  1 1  Boundary  layer  transition  on  a  cone.  Rew  -  24  107  [w1!, 
nose  radius  r„  -  5  25  mm 

Fig  12  Lceside  vortices  on  a  blunt  cone,  Ma *,  «  5,«  -  15® 

Fig.  13  Surface  temperature  distnbutin  on  a  sphere  in  a  Ma-  5  laminar  flow, 
Red  =  2  10*. 

Fig.  14  Same  run  in  Ludwieg  tube,  200  ms  later 

Fig.  15  Surface  temperature  distribution  on  a  sphere  in  a  Ma „  =  5  flow, 

Red  -  3  106.  appearence  of  turbulent  spots. 

Fig.  16  Surface  temperature  distribution  on  a  sphere  m  a  Man  =  5  flow, 

Red  -  3  6  1  06,  increase  of  turbulent  spots 

Fig.  17  Surface  temperature  distribution  on  a  sphere  in  a  A/a*,  -  5  flow, 

Red  =  4  10*,  only  few  laminar  spots  remaining. 

Fig  18  Surface  temperature  distribution  on  a  sphere  m  a  Man  -  5  flow, 

Red  **  4.5  106,  fully  turbulent  flow 

Fig  19  Taylor-Gortlcr  vortices  on  a  short  cylinder,  Ma„>  -  5,  Re 4  -  2  10* 

Fig  20  Taylor-Gortler  vortices  and  boundary  layei  Lens, flan  on  n  evlinder, 

Ma*,  ~  5,  Red  -  4  106 

Fig  21  Differential  interferogram  of  a  missile  nose  with  window  for 
infrared  seeker  in  a  Ma*,  -  5  flow,  a  =  0° 

Fig  22  Differential  interferogram  of  a  missile  nose  with  window  for 

infrared  seeker  in  a  Ma^  =  5  flow,  a  -  -5°  shock  impinging  on  window 

Fig  23a  Healmg  pattern  on  missile  nose  and  window 
atAfasc  =  42,  o.- -5°. 

Fig  23  b  Same  run,  200  ms  later 

Fig  24a  Heating  pattern  on  missile  nose  and  window 
at  Ma^  -42,  «  =  0® 

Fig  24  b  Same  run,  200  ms  later 

Fig  25  a  Heating  pattern  on  missile  nose  and  window 
at  =  4  2,  o  ~  +50 

Fig  25  b  Same  run,  200  ms  later. 

Fig  26  Generic  K-E  projectile  with  3  tips  of  various  L/D 

Fig  27  K-E  projectile,  aft  region,  Ma*,  =  3,  u  =0® 

Fig  28  K-E  projektile,  aft  region,  Man  -  3,  a  =  4®  suction  side 

Fig  29  K-E  projektile,  aft  region,  Ma»  -  3,  a  -  4®  pressure  side 

Fig  30  K-E  projektile,  aft  region,  Ma*  -  3,  a  -  4^  side  view 
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1.  Summary 

The  extensive  triservice  experimental  data  base 
has  been  investigated  and  used  to  obtain  a  fin 
chord  wise  and  spanwise  center  of  pressure  data  base 
for  use  in  the  preliminary  analysis  and  design  of 
missile  fins.  Correlations  and  curve  fits  of  the  center  of 
pressure  data  have  been  performed  to  reduce  the 
storage  and  computation  time  required  to  obtain 
engineering  level  predictions  of  fin  hinge  and  bending 
moments.  The  method  developed  is  simple  to  use  ana 
is  easily  incorporated  into  comprehensive  missile 
aeroprcdiction  methods.  The  method  is  extremely 
valuable  because  it  includes  effects  due  to  real  flow  and 
fin-body  gaps  inherent  in  the  experimental  data  base. 

This  paper  describes  the  experimental  data  base, 
its  manipulation,  and  its  implementation  into  a 
prediction  method. 

2.  List  of  Symbols 

a  body  radius 

AR  aspect  ratio  of  wing-alone  formed  by  joining 
two  fins  at  their  root  chords 
CBM  fin  bending-moment  coefficient;  bending 
moment/qJ>Rs 

CHM  fin  hinge-moment  coefficient;  hinge 
moment/ck.SRcR 

CNF  fin  normal-force  coefficient;  normal  force/ q„SR 

cR  fin  root  chord 

cT  fin  tip  chord 

D  maximum  body  diameter 

1R  reference  length 

M,,,  freestream  Mach  number 

s  exposed  fin  semispan 

sm  semispan  of  fin-body  combination 

SR  reference  area 

*HL  chordwise  location  of  fin  hinge  line  measured 
from  leading  edge  of  the  fin  root  chord 
X[£  axial  location  of  the  leading  edge  of  the  root 
chord  measured  from  the  nose  tip 
x_  chordwise  location  of  the  fin  normal-force 

cp 

center  of  pressure  measured  from  the  leading 
edge  of  the  fin  root  chord 

ycp  spanwise  location  of  the  fin  normal-force  center 
of  pressure  measured  outboard  from  the  fin 
root  chord 

oc  included  angle  of  attach;  angle  between  the 
body  axis  and  the  freestream  velocity  vector 
S  fin  deflection  angle 

X  taper  ratio;  ratio  of  fin  tip  chord  to  root  chord 


fin  orientation  angle  in  data  base,  0f  =  +90*  for 
fin  on  windward  meridian,  =  -90*  for  fin  on 
leeward  meridian 

3.  Introduction 


The  preliminary  design  and  analysis  of  new 
missile  configurations  or  improvements  to  existing 
missiles  requires  estimates  of  the  fin  hinge-  and 
bending-moment  coefficients.  These  estimates  are 
necessary  for  structural  design  and  for  actuator  sizing. 
In  addition,  a  method  capable  of  accurately  predicting 
hinge  moments  can  be  used  to  determine  optimum 
hinge  line  location  for  minimum  hinge  moment. 

In  order  to  predict  the  fin  hinge-  and  bending- 
moment  coefficients  and  the  missile  overall  rolling, 
pitching,  and  yawing  moment  coefficients,  it  is 
necessary  to  determine  the  chordwise  and  spanwise 
positions  of  the  fin  center  of  pressure.  An  engineering 
level  method  to  predict  fin  center  of  pressure  for 
preliminary  analysis  and  design  of  conventional  fins  in 
cruciform  arrangements  has  been  developed.  The 
method  makes  use  of  the  extensive  systematic  fin-on- 
body  force  and  moment  triservice  experimental  data 
base  (Refs.  1  and  2)  which  covers  a  Mach  number  range 
from  0.6  to  4.5,  fin  aspect  ratios  from  0.25  to  4.0,  angles 
of  attack  up  to  45',  and  deflection  angles  from  -40' 
to  40'.  This  paper  describes  the  experimental  data 
base,  its  manipulation,  and  its  implementation  into  a 
prediction  method. 

3.1  Overview  Of  Triservice  Experimental  Program 

The  overall  objective  of  the  triservice  test 
program  (Ref.  2)  was  to  obtain  a  high  quality 
systematic  force  and  moment  data  base  for  fins 
mounted  on  a  body.  The  experimental  data  fall  into 
two  categories:  (1)  fin  loads  without  fin  deflection  for 
all  fins  in  the  data  base  (stability  data),  and  (2)  fin  loads 
with  fin  deflection  for  a  control  fin  set  (control  data). 
The  model  design  and  test  conditions  were  based  on 
the  utilization  of  the  NASA  Langley  Remote  Control 
Missile  Roll  Rig  (Ref.  2),  and  they  were  intended  to 
reflect  as  completely  as  possible  the  range  of  flight 
conditions  and  fin  designs  employed  by  modern  high 
performance  missiles. 

The  Langley  body-tail  model  is  3.0  inches  in 
diameter  and  11.5  calibers  long.  The  model  allows 
independent,  remote  control  of  four  control  surfaces 
and  model  roll  angle  and  includes  three  component 
balances  for  each  of  the  four  fins.  All  of  the  data 
obtained  for  the  data  base  were  for  a  body  with  a  single 
cruciform  fin  set  on  the  body.  The  body  details 
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including  fin  hinge  line  locations  are  shown  in 
Figures  1(a)  and  1(b).  The  forces  and  moments  for  the 
fins  depicted  in  Figure  1(c)  were  obtained  from  force 
balance  measurements.  All  fins  have  symmetric  double 
wedge  airfoil  sections.  Geometric  details  of  these  fins 
can  be  found  in  Reference  1.  All  test  fins  have  a  body 
radius  to  fin  semispan  ratio,  a/sm  ,  of  0.5.  The  tests 
measured  fin  normal-force,  hinge-moment,  and 
bending-moment  coefficients. 

Multiple  tunnel  entries  were  performed  between 
1982  and  1984.  Intermediate  and  high  Mach  number 
(2.5  -  4  5)  tests  were  conducted  in  the  NASA  Langley 
Unitary  Plan  Tunnel  (Ref.  2),  and  low  and  intermediate 
Mach  number  (0.6  -  2.0)  tests  were  conducted  in 
the  6-by-6  foot  Supersonic  Tunnel  at  NASA  Ames. 

3.2  General  Description  Of  Triservice  Data  Base 

The  ranges  of  parameters  in  the  triservice 
experimental  data  base  are  described  in  this  section. 
The  data  base  consists  of  a  stability  set  of  data  for 
undeflected  fins  and  a  control  set  of  data  for  deflected 
fins.  The  test  fins  have  aspect  ratios  (aspect  ratio  of  two 
fins  joined  together  at  the  root)  of  0.25, 0.5, 1, 2,  and  4, 
and  the  taper  ratio  ranges  from  0  to  1.  The  fins  with 
aspect  ratios  of  1, 2,  and  4  are  the  control  test  fins.  Fins 
with  trailing  edge  sweep  and/or  swept  forward 
leading  edges  are  not  included.  The  body  radius  to  fin 
semispan  ratio,  a/sm  ,  is  0.5  for  all  test  fins,  and  the 
method  and  data  base  consider  cruciform  sections  with 
identical  fins  only.  Figure  1(c)  depicts  the  fin 
planforms,  and  the  following  table  shows  the  aspect 
ratio  and  taper  ratio  domain  of  the  data  base. 


TAPER  RATIO, 

0  1/2  1 

1/4 

12 

1/2 

31  32  33 

1 

42 

2 

51  52  53 

4 

62 

ASPECT 
RATIO,  AR 


CONTROL 

FINS 


TABLE  1 .  aspect  ratio  and  taper  ratio 
range  of  the  database 


The  matrix  numbers  in  Table  1  are  the  test  fin 
designation  numbers  (Figure  1(c)). 

The  Mach  number  range  of  the  data  base  is 
from  0.6  to  4.5.  Stability  test  data  for  Mach  numbers 
of  0.6, 0.8, 0.9,  and  1.2  provide  detailed  loads  for'the 
transonic  speed  regime.  The  supersonic  Mach  numbers 
in  the  stability  data  base  are  1.5,  2.0,  2.5,  3.0,  3.5, 
and  4.5.  The  Mach  numbers  for  the  control  test  data 
base  are  0.8, 1.2, 2.0, 3  0,  and  4.5. 

The  body  angle  of  attack  range  is  oc  s  45'  with 
actual  wind  tunnel  test  angles  of  attack  of  ac  =  0,  2,  5, 


10,  ...,  40,  and  45'.  The  fin  control  deflection  angles 
vary  from  -40*  to  40'  in  10*  increments.  The  data  base 
contains  fin  loads  for -90"  s  s  90' in  10*  increments, 
where  4f  is  the  fin  orientation  angle  on  the  body 
(4 1  =  90*  for  a  fin  on  the  windward  meridian,  4j  =  -90* 
for  a  fin  on  the  leeward  meridian) 


Figure  2  shows  the  angle  of  attack,  aspect  ratio, 
and  Mach  number  range  of  the  systematic  data  base 

The  stability  data  base  consists  of  2090  flow 
conditions/orientations  (M^  ac,  and  0()  for  each  of  the 
nine  fins.  In  addition,  the  fin  normal-force,  hinge- 
moment,  and  bending-moment  coefficients  are  present 
for  each  fin  and  condition  This  results  in  a  totai  of 
56,430  individual  fin  data  points  measured  during  the 
experimental  program.  The  control  data  base  cor.S'Sts 
of  9405  flow  conditions/onentations  (M„v  ac,  4>f,  and 
6)  for  each  of  the  five  control  fins  The  measurement  of 
the  fin  normal-force,  hir.ge-moment,  and  bending 
moment  coefficients  for  each  fin  and  condition  results 
in  a  total  of  141,075  individual  fin  data  points  measured 
during  the  experin  on  la!  program.  To  develop  an 
efficient  prediction  method  for  fin  centers  of  pressure, 
methods  were  investigated  and  developed  to  correlate 
the  stabii-ty  and  control  data  thus  reducing  the 
required  storage  and  calculations  required. 

The  following  sections  describe  the  fin  center  of 
pressure  data  base  and  correlations.  The  'lability  data 
(undeflected  fins)  is  'Mscussed  first  followed  by  a 
description  of  the  control  data  (deflected  fins). 

4.  Data  Base  Description 

The  data  base  consists  of  fin-oi.-body  center  of 
pressure  data.  The  centers  of  pressure  m  the  chord  wise 
and  spanwise  directions  have  been  correlated  to  be  a 
function  of  one  or  more  of  the  following  parameters 
AR,  A,  M„  ac ,  t •(,  b,  and  i  CN  p  I ,  the  magnitude  of  fin 
normal  force.  Data  for  the  cnordwise  and  spanwise 
centers  of  pressure  are  included  with  and  without  fin 
deflections  for  fins  with  aspect  ratios  of  0.25  to  4  0  to 
illustrate  the  approach. 


The  measured  fin  hinge  and  bending  moments 
have  been  reduced  to  obtain  the  chordwise,  xc  /cR  , 
and  spanwise,  y  /s,  centers  of  pressure  as  follows. 
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The  stability  data  consist  only  o*  b  =  0*  data  The 
following  sections  summarise  correlation  priced -.res 
developed  'or  the  stability  and  control  data  ana 
examine  the  behavior  of  the  fin  center  of  pressure  with 
respect  to  hn  geometry  and  flow  condinoiis. 

4T  Stability  Fin  Center  of  Press.oe 

The  -orrcU'ro'i  pro  cdurc  cor  the  stability  fin 
centers  o:  -  .assure  is  described  in  Reference  1  and  is 
brief!  /  summarized  here.  Because  the  experimental 
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results  correspond  to  a  specific  body-tail  wind  tunnel 
model,  it  is  desirable  to  correlate  only  the  center  of 
pressure  data  which  are  free  of  vortex-induced  effects. 
Effects  of  vorticity  in  the  flow  field  can  be  added  with 
the  equivalent  angle  of  attack  approach  described  in 
Reference  1. 


When  body  vortex-induced  effects  on  the  fin 
loads  are  removed,  the  fin  center  of  pressure  locations 
depend  primarily  on  the  fin  normal-force  coefficient 
and  therefore  are  insensitive  to  roll  angle  as  described 
in  Reference  1.  To  obtain  the  centers  of  pressures  as  a 
function  of  the  magnitude  of  fin  normal  force  1C,  F  I 
without  vortex  effects,  the  fin  on  the  windward  side  of 
the  body  (0*  s  s  80*)  is  considered  because  the 
vortex-induced  contributions  to  the  fin  load  are 
minimal.  The  measured  center  of  pressure  for  this  case 
is  almost  entirely  free  of  vortex  effects.  A  piecewise 
linear  least  squares  fit  applied  to  the 
x  (M„,a  ,0,,4  =  0*).'cR  and  y 
(Mjxtc,*f,4  =  0*)/s  versus  I  Cm  f  (M0O,etc  ,*,,4  =  0*)f 
data  results  in  a  single  curve  fit  of  the  windward  fin 
data  for  0  =  O’  to  80‘.  Figure  3  depicts  typical  fits  of  the 
xc  n  /cr  anc*  Yc  o  /s  data  points  for  orientation  angles 
0(  irom  0"  to  fxr'of  fin  52  (Fig.  1(c)).  Supersonic  conical 
linear  theory  predicts  the  center  of  pressure  to  be  at  the 
area  centroid  of  the  fin.  Figure  3  indicates  that  the 
chordwise  and  span  wise  centers  of  pressure  measured 
in  the  experiment  approach  the  area  centroid  as  the 
Mach  number  increases.  This  is  seen  by  comparing 
Figures  3(a)  through  3(c).  Limited  representative 
examples  from  the  data  base  are  shown  for  selected 
Mach  numbers  only.  Gene-ally,  the  centers  of  pressure 
for  the  undeflected  fins  correlate  very  well  with 
I CNF I  for  all  fins  and  Mach  numbers  in  the  data  base. 


With  the  dependence  on  ac  and  0f  reduced  to  a 
dependence  on  I CN  F  I ,  x  /c„  and  y  /s  depend 
only  on  AR,  X,  M„,  and  I  c£,  F  I .  The  interpolation 
procedure  in  the  M„  and™  Cm  f  I  parameters  is 
bilinear.  The  interpolation  procedure  in  the  aspect  AR 
and  X  parameters  is  described  in  Reference  1. 


4.2  Control  Fin  Data  Base 


The  control  data  base  is  composed  of  two  parts. 
(1)  transonic  center  of  pressure  data,  and  (2)  supersonic 
center  of  pressure  data. 

4.2  Transonic/Low  Supersonic  Fin  Control  Center  of 
Pressure 


The  effect  of  control  deflection  on  the  center  of 
pressure  locations  in  the  transonic  speed  regime  is 
derived  from  the  control  test  fins  at  0,  =  0*.  Here,  the 
transonic/low  supersonic  range  includes  Mach  0  8, 1.2, 
and  2.0. 

For  the  transonic/ low  supersonic  range,  the 
center  of  pressure  data  are  plotted  versus  I  Cm  f  I  for 
each  fin.  The  ~40’s4s40' data  for  each  fin  is  plotted  on 
the  same  graph  for  each  Mach  number,  and  these  data 
are  fifed  with  a  piecewise  linear  curve.  Representative 
examples  of  these  fins  are  shown  in  Figure  4  for  fin  52 
for  various  Mach  numbers.  The  dependence  on  cl  and 
4  is  reduced  to  a  dependence  on  I  Cm  f  I .  Thus, 
<„  /cR  and  y  /s  depend  only  on  AR,  X,  M„,  and 
\VN  F 1 .  Note  that  for  M„  =  3.0,  this  correlation  does 
not  collapse  the  center  of  pressure  data  as  well  as  it 


does  for  the  lower  Mach  numbers.  Therefore,  the 
correlation  described  in  the  next  section  is  used  for  the 
higher  Mach  numbers.  The  interpolation  procedure  in 
the  AR-2  parameters  for  the  control  fin  data  is 
described  in  a  later  section. 

43  Supersonic  Fin  Control  Center  of  Pressure 


An  extensive  effort  (Ref.  3)  was  carried  out  to 
correlate  the  supersonic  control  fin  center  of  pressure 
data  base.  The  chordwise  and  spanwise  centers  of 
pressure  were  correlated  for  positive  and  negative 
deflection  angles.  During  the  development,  this 
correlation  was  made  to  include  the  -L.'iplete  range  of 
fin  orientation  angles;  therefore,  vortex  effects  on  the 
centers  of  pressures  were  present  in  the  correlations  for 
the  higher  angles  of  attack  for  control  fins  on  the 
leeward  side  of  the  body.  This  was  done  in  order  to 
give  an  indication  of  the  magnitude  of  the  body  vortex 
effects  present  in  the  experimental  tests.  These  vortex 
effects  were  particular  to  the  configuration  tested  and 
as  such  are  not  applicable  to  other  configurations. 
Since  the  vortex  location  and  strength  are  dependent 
on  the  location  of  the  fins  on  the  body  as  well  as 
upstream  fin  'ets  (if  any),  only  the  windward  side  data 
(nearly  vortex  free)  should  be  used  from  the  supersonic 
control  fin  data  base.  The  equivalent  angle  of  attack 
scaling  method  and  a  separate  vortex  model  should  be 
used  to  determine  the  effect  of  vorticity  on  the  centers 
of  pressure  for  cases  different  from  those  of  this  data 
base.  Reference  1  describes  the  procedure  used  in 
program  MISSILE  3  to  accomplish  this. 

The  supersonic  control  data  did  not  correlate  well 
with  the  magnitude  of  the  fin  normal  force  I CN  F  1 ; 
therefore,  an  extensive  effort  was  undertaken  to 
correlate  these  data  using  one  or  more  of  the 
independent  parameters,  M„,  ac,  0f,  and  5  as 
described  below.  As  a  result,  the  correlations  of  the 
xc  data  are  within  4%  of  the  root  chord,  and  the 
co/relations  for  yc  data  are  within  4%  of  the  exposed 
fin  span  when  the  fin  normal  force  is  of  significant 
value. 

The  positive  deflection  data  (4  i  0*)  were  plotted 
against  (0f  -  90*),  and  the  negative  deflection  data  were 
plotted  against  (90*  -  0f ).  This  provided  a  plotting  axis 
system  which  is  zero  on  the  windward  meridian  and 
either  -180*  or  180*  on  the  leeward  meridian.  The  data 
were  plotted  in  this  manner  for  the  following  reasons: 
(1)  on  the  windward  meridian  (plane  of  symmetry),  the 
positive  and  negative  deflection  results  should  be  the 
same  for  the  same  magnitude  of  deflection,  (2)  the 
effects  of  vorticity  and  dynamic  head  on  the  leeward 
side  can  be  seen,  and  (3)  the  compressibility  effects  due 
to  the  body  bow  shock  can  be  observed. 

Representative  examples  of  the  correlated  data 
are  shown  in  Figures  5  through  6  for  various  angles  of 
attack.  Figure  5  shows  the  chordwise  center  of 
pressure  for  fin  52  at  M„  =  4.5.  Figure  6  shows  the 
spanwise  center  of  pressure  for  fin  52  at  MTO  =  45. 

In  Figure  5(a),  the  chordwise  center  of  pressure 
shows  no  unusual  behavior  in  the  leeward  region 
(0,  =  -30*  to  0f  =  -90*)  Vortical  and  other  nonlinear 
effects  due  to  angle  of  attack  are  minimal  for  a  =  2*.  As 
shown  in  Figure  5(b)  for  a  =  20*,  the  chordwise  center 
of  pressure  does  not  depend  greatly  on  fin  deflection 
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angle  (for  negative  deflection  angles)  from  =  90‘  to 
about  =  -30*.  In  this  region,  effects  due  to  body 
vortices  are  minimal.  On  the  leeward  region,  the 
chord  wise  center  of  pressure  is  influenced  by  vortical 
as  well  as  nonlinear  effects  of  reduced  dynamic 
pressure.  Largely  to  the  same  extent,  these  effects  can 
also  be  observed  for  positive  fin  deflection  angles 
although  in  this  case  some  systematic  dependence  on 
fin  deflection  angle  is  indicated  in  the  region  where 
body  vortex  effects  are  minimal.  Figure  S(c)  illi'-t rates 
the  behavior  of  x  for  ac  =  45  • .  The  effect  of  the  sign 
of  the  normal  foFce  for  negative  fin  deflections  is 
apparent  in  this  figure. 

The  effects  of  the  bow  shock  (and  its  associated 
flow  field)  close  to  or  impinging  on  the  fin  can  be 
observed  by  comparing  the  spanwise  center  of  pressure 
locations  shown  in  Figure  6(a)  for  ac  =  2*  and  in  Figure 
6(c)  for  a  =  45*.  For  the  fin  near  the  windward 
meridian  (tf  =  90*),  the  spanwise  center  of  pressure 
moves  inboard  as  the  angle  of  attack  is  increased 
because  of  the  bow  shock  influence. 

The  chord  wise  and  spanwise  center  of  pressure 
correlations  shown  in  Figures  5  and  6  are  based  on 
both  functional  and  parameterized  correlations.  A 
functional  correlation  is  defined  as  one  for  which  the 
effect  of  one  of  the  independent  parameters  is 
described  in  a  functional  relationship.  A 
parameterized  correlation  is  defined  as  one  for  which 
the  effect  of  one  of  the  independent  parameters  is 
stored  as  a  set  of  numbers  to  be  used  in  an 
interpolation  procedure.  For  the  chordwise  and 
spanwise  centers  of  pressure,  and  6  were  taken  as 
functional  parameters  as  shown  m  the  next  section.  For 
the  two  high  supersonic  Mach  numbers,  3.0  and  45,  the 
experimental  angles  of  attack  are  used  for 
parameterized  correlations.  The  details  of  the 
functional  and  parameterized  correlations  for  the 
chordwise  and  spanwise  center  of  pressure  locations 
are  described  in  Reference  3. 

Chordwise  Center  of  Pressure.  -  Figure  7  shows  the 
error  between  the  value  from  the  correlation  and  the 
actual  data  for  the  chordwise  center  of  pressure  as  a 
function  of  fin  normal  force  magnitude  for  fin  52  at 
M„  =  4.5  and  ac  =  20  v  Note  that  x  (x  =  x  )  is  the 
experimental  data,  and  Xj.  is  the  correlated  quantity.  It 
is  seen  that  the  chordwise  center  of  pressure  is 
generally  within  two  percent  of  the  root  chord,  except 
at  the  lower  values  of  fin  normal  force.  The  correlations 
are  generally  best  at  low  and  high  angles  of  attack.  The 
largest  deviations  occur  in  the  10  to  20  degree  angle  of 
attack  range.  Maximum  hinge  moments  will  generally 
occur  when  the  fin  normal  force  is  large;  therefore, 
errors  at  the  small  values  of  CN  F  are  not  critical  for  fin 
structural  or  actuator  design.  An  extensive 
investigation  of  the  errors  in  the  correlations  with 
respect  to  angle  of  attack  and  Mach  number  can  be 
found  in  Reference  3. 

Spanwise  Center  of  Pressure.  -  Figure  8  depicts  the 
error  between  the  results  obtained  with  the  correlation 
and  the  actual  data  for  the  spanwise  center  of  pressure 
(y  =  y  )  as  a  function  of  fin  normal  force  magnitude 
for  fin  52  at  M„  =  4.5  and  ac  =  20*.  It  is  seen  that  the 
spanwise  center  of  pressure  is  generally  within  four 
percent  of  the  exposed  fin  span,  except  at  the  lower 
values  of  fin  normal  force.  An  extensive  investigation 


of  the  errors  in  the  correlations  with  respect  to  angle  of 
attack  and  Mach  number  can  be  found  in  Reference  3. 

5.  Conclusions 

The  extensive  triservice  data  base  has  been 
investigated  and  used  to  obtain  a  fm  chordwise  and 
spanwise  center  of  pressure  data  base  for  use  in  the 
preliminary  analysis  and  design  of  missile  fins. 
Correlations  and  curve  fits  of  the  center  of  pressure 
data  have  been  performed  to  reduce  the  storage  and 
computation  time  required  to  obtain  estimates  of  fin 
hinge  and  bending  moments 

The  method  developed  is  simple  to  use  and  is 
easily  incorporated  into  comprehensive  missile 
aeroprediction  methods.  The  method  is  extremely 
valuable  because  it  includes  effects  due  to  fin-body 
gaps  and  real  flow.  Effects  due  to  body  vorticity  are 
present  for  the  conditions  of  the  wind  tunnel  tests,  but 
vortex  free  results  (windward  side  data)  should  be 
used  m  combination  with,  for  example,  the  equivalent 
angle  of  attack  procedure  to  obtain  the  effects  of 
vorticity  present  on  the  actual  configuration  and  flow 
conditions  of  interest. 

The  correlations  and  curve  fits  determined 
during  this  investigation  are  not  unique.  Other 
methods  of  obtaining  similar  results  from  the  triservice 
data  base  are  possible  However,  it  is  believed  that  the 
developed  prediction  method  is  more  than  adequate 
for  preliminary  and  design  purposes. 

6.  Recommendations 

There  are  several  additional  investigations  which 
should  be  performed  in  order  to  improve  the 
prediction  of  fin  center  of  pressure.  The  supersonic 
control  data  were  investigated  extensively,  but  the 
transonic/low  supersonic  control  data  were  taken 
directly  from  previous  work  described  in  Reference  1. 
Additional  transonic/low  supersonic  triservice 
experimental  control  data  remains  to  be  reduced  and 
examined.  This  control  data  should  be  reevaluated  in 
the  manner  similar  to  that  used  for  the  supersonic 
control  data.  As  mentioned  previously,  a  method  to 
include  vortex  effects  for  the  geometry  and  flow 
conditions  of  interest  is  required  for  a  more  accurate 
prediction  of  the  centers  of  pressure.  Finally, 
experimental  data  should  be  examined  for  fins  with 
streamwise  sections  and  planforms  different  from  those 
in  the  data  base  used  herein 
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Figure  1.  -  Continued. 
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Figure  2.  -  Mach  number,  aspect  ratio,  and  angle  of 
attack  range  of  the  triservice  data  base. 
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Figure  3.  -  x^/ cR  and  y^/s  curve  Fits  to  the  stability  data 
for  fin  52. 
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SUMMARY 

Advanced,  computational  models  which 
solve  the  full  (FNS)  and  parabolized  (PNS) 
Navier-Stoke3  equations  for  the  analysis  of 
missile  aerodynamic  problems  with  exhaust 
plume  interactions  are  described.  The 
models  utilize  conservative  implicit  algor¬ 
ithms  and  include  finite-rate  chemistry, 
two-equation  turbulence  models,  and  prelim¬ 
inary  multi-phase  flow  capabilities.  In  the 
tactical  missile  arena,  a  3D  Navier-Stokes 
code,  PARCH,  has  been  developed  to  analyze 
missile/plume  interactions  with  both  conven¬ 
tional  nozzle  exhausts,  as  well  as  with 
bifurcated/scarfed  nozzle  exhausts.  Our  FNS 
work  has  focused  on  supersonic/hypersonic 
applications  utilizing  time- iterative  upwind 
numerics  for  enhanced  robustness  and  accur¬ 
acy.  and  has  included  the  analysis  of  aerody¬ 
namic,  plume,  and  propulsive  problems  for 
missiles  as  well  as  for  reentry  and  aerospace 
vehicles. 

1.  INTRODUCTION 

The  ability  to  analyze  missile  aerody¬ 
namic  flowfields  has  advanced  to  a  level 
where  calculations  employing  Full  Navier- 
Stokes  (FNS)  and  Parabolized  Navier-Stokes 
(PNS)  based  computational  models  can  now  be 
performed  on  a  routine  basis  with  some 
reliability.  FNS  and  PNS  models  are  being 
utilized  in  an  engineering  environment  to 
deal  with  strongly  interactive  problems, 
such  as  leeside  separation  or  higher  alti¬ 
tude  flows,  that  cannot  readily  be  analyzed 
using  coupled  viscous/ inviscid  models  11). 
However,  including  the  effects  of  interac¬ 
tions  with  propulsive  and/or  control  jets 
has  not  heretofore  been  analyzed  at  this 
advanced  level  due  to  the  complex  require¬ 
ment  of  incorporating  generalized  thermochem¬ 
ical  capabilities  (as  well  as  multi-phase 
capabilities  for  solid  propellant  propulsive 
systems)  into  the  computational  model. 
Engineering-oriented  missile/plume  inter¬ 
active  methodology  had  been  restricted  to 
the  use  of  coupled  viscous/ inviscid  methods 
as  surveyed  by  Dash  [2] .  Recently,  the 
authors  and  co-workers  have  been  engaged  in 
programs  involving  the  extension  of  FNS  and 
PNS  computer  codes  to  analyze  flowfields 
with  generalized  thermochemistry.  These 
extended  cedes  have  been  applied  to  a  vari¬ 
ety  of  missile  flowfield  problems  with 
attention  focused  on  missile/plume  inter¬ 
action  problems.  This  paper  will  provide  an 
overview  of  these  new,  extended  computer 
codes  and,  will  highlight  applications  to  a 
variety  of  missile/plume  interactive  prob¬ 
lems  . 

2.  OVERVIEW  OF  FNS  CODE  DEVELOPMENT  WORE 

AND  APPLICATIONS 

Our  primary  work  with  FNS  methodology 
has  focused  on  the  computer  code,  PARCH,  for 
which  2D  (planar/axisymmetric)  and  3D  ver¬ 
sions  have  been  developed.  PARCH  is  an 
outgrowth  of  the  NASA/  Ames  ARC  aerodynamic 


code  [3]  and  the  AEDC  propulsive  extension, 
PARC  [4],  both  of  which  use  Beam-Harming 
based  central-difference  numerics.  The  PARCH 
code  developmental  activities  have  taken 
place  as  follows: 

(1)  The  2D  and  3D  versions  of  ARC  and  PARC 
were  unified  into: 

.  a  baseline  PARCH2D  Master  Code: 

and. 

.  a  baseline  PARCH 3D  Master  Code. 

The  baseline  PARCH2D/3D  Master  Codes 
contain  all  the  desired  capabilities 
available  Tn  the  ARC  and  PARC  codes. 
The  coding  was  performed  as  an  upgrade 
to  PARC  which  had  many  propulsive- 
oriented  features  not  available  in  ARC. 
particularly,  grid  blanking/blocking 
and  generalized  boundary  conditions 
(see  Reference  4). 

(2)  As  a  prerequisite  to  incorporating 
extended  thermochemical  and  turbulence 
modeling  capabilities,  implicit,  approx¬ 
imately  factored  ADI  based  scalar 
solvers  were  developed  to  solve  the 
chemical  species  and  turbulence  model 
convective/diffusive  equations.  These 
scalar  BOlvers  emulated  the  numerics  of 
the  PARCH  fluid  solver. 

(3)  Matrix-split  methodology  was  formulated 
to  incorporate  the  chemical  species 
equations  and  finite-rate  chemical 
kinetics  into  the  PARCH  codes  15,  6). 

Most  recently,  upgrades,  in  numerical  capa¬ 
bilities  (e.g.,  inclusion  of  Roe/TVD  numer¬ 
ics)  were  incorporated  into  PARCH  173.  and, 
several  specialized  versions  were  developed 
including:  a  rocket  nozzle  version,  PARCH/RN 
(8),  with  gas/particle  nonequilibrium  capa¬ 
bilities:  a  missile  hypersonic  shock  layer 
version,  PARCH/VSL  (9),  with  thermal  non¬ 
equilibrium  capabilities:  and.  a  tactical 
missile/plume  interaction  version,  PARCH/TMP 
HOI,  with  very  broad-based  capabilities. 
Table  1  exhibits  the  component  ingredients 
that  are  incorporated  into  master  versions 
of  PARCH2D/3D  along  with  peripheral  modules 
containing  data  (Master  Data  File) ,  pro¬ 
viding  grids  (Grid  Generators) ,  and  per¬ 
forming  post-processing  of  the  data.  Also 
shown  in  Table  l  are  the  contents  of  several 
specialized  versions.. 

Missile  related  applications  of  PARCH2D/ 
3D  are  summarized  in  Table  2.  The  shock 
layer  work  has  focused  on  hypersonic,  higher 
altitude,  missile  nose  region  studies  requir¬ 
ing  the  inclusion  of  both  chemical  and 
thermal  nonequilibrium  effects  into  PARCH. 
The  rocket  nozzle  work  has  provided  for  the 
inclusion  of  particulate  nonequilbrium 
capabilities  into  PARCH,  as  required  for  the 
analysis  of  solid  propellant  systems. 
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Test  facility  studies  have  included  analy¬ 
tical  support  for  hypersonic  missile  testing 
simulating  the  high  enthalpy  environment  via 
use  of  a  rocket  exhaust  blown  over  the 
missile  airframe.  Scramjec  applications 
have  focused  on  Aerospace  Plane  vehicles, 
but  the  computational  scheme  must  be  per¬ 
formed  for  the  composite  methodology  is 
equally  applicable  to  airbreathing  missile 
systems.  Film  cooling  studies  have  focused 
on  window  cooling  environments  for  hyper- 
sonic/high  altitude  missile  systems.  The 
missile/plume  interaction  work  has  dealt 
with  a  variety  of  complex  problems  assoc¬ 
iated  with  conventional  single-engine  and 
multi-engine  nozzle  exhausts,  as  well  as 
with  lateral  controljets  for  hypersonic 
missile  problems,  and  with  unconventional 
scarfed/bifurcated  nozzle  propulsive  systems 
being  utilized  on  specialized  tactical 
missiles. 

3.  OVERVIEW  OF  PHS  CODE  DEVELOPMENT  WORK 
AMD  APPLICATIONS 

Our  PNS  work  is  focused  on  supersonic/ 
hypersonic  flowfield  problems  and  several 
computer  codes  have  been  developed  which 
include  finite-rate  chemistry  and  advanced 
turbulence  models.  Under  support  of  the 
National  Aerospace  Plane  <NASP)  Program,  a 
series  of  computer  codes  were  developed 
which  provided  a  complete  nose-to-tail 
flowfield  analysis  of  an  aerospace  vehicle 
integrated  scramjet  and  propulsion  system 
[11-131.  The  original  2D  computer  codes. 
SCRAMP,  SCRINT,  SCORCH,  and  SCHNOZ.  used 
different  numerical  techniques.  The  orig¬ 
inal  versions  of  tjie  SCRAMP  forebody  code 
and  the  SCRINT  inlet  code  employed  Beam-Warm¬ 
ing  based  implicit  central-difference  numer¬ 
ics,  and  were  subsequently  upgraded  to 
incorporate  Roe/TVD  upwind  numerics  [14]. 
The  SCORCH  combustor  code  employed  hybrid 
implicit/explicit  pressure-split  methodology 
[15],  while  the  SCHNOZ  nozzle  code  employed 
explicit  MacCormack  numerics  [  1 « 1 .. 

The  original  versions  of  SCRAMP  and 
SCRINT  contained  only  equilibrium  air  ther¬ 
mochemistry.  A  research  version,  SCRINTX, 
was  upgraded  to  include  finite-rate  chemis¬ 
try  into  the  Beam-Warming  numerical  frame¬ 
work  using  a  matrix-split  approach  [5,  17]. 
SCRINTX  was  applied  to  a  variety  of  combus¬ 
tor  and  nozzle  related  flowfield  problems  as 
well  as  to  inlets.  Detailed  comparative 
studies  with  these  codes  [18]  for  scramjet 
propulsion  indicated  a  clear  preference  for 
the  SCRINTX  methodology  with  regard  to 
accuracy  and  robustness. 

In  our  2D  research  with  SCRINTX,  we  had 
incorporated  first  and  second  order  (TVD) 
Roe  upwind  numerics  [19]  into  the  cede  after 
the  matrix-splitting  was  performed.  This 
'ad  hoc'  approach  worked  quite  well  for 
flows  with  air  chemistry,  but  worked  poorly 
for  strongly  combusting  flow  problems  where 
the  approximations  entailed  'broke  down’. 
For  such  flows,  the  formulation  of  Roe's 
system  of  coupled  fluid  and  chemical  species 
equations.  For  space  marching,  such  an 
analysis  depends  upon  an  eigen-decomposition 
whose  derivation  is  quite  difficult  to 
perform  [20].  The  Roe  (PNS)  formulation 
with  chemistry  is  mucb  easier  to  develop  if 


the  approximate  Riemann  problem  is  posed  in 
time  rather  than  space.  For  time  marching, 
the  eigen-functions  of  a  much  simpler  matrix 
are  required,  and  in  fact,  this  analysis  has 
been  completed  by  several  researchers,  such 
as  Molvik  and  Merkle  [21], 

At  the  3D  level,  our  recent  PNS  work 
has  concentrated  on  the  inclusion  of  time- 
iterative  methodology  into  existing  finite- 
vclume  ( SCRAMP3D)  and  finite-difference 
(SCRINT3D)  spatial  marching  codes  (22). 
Significant  improvements  in  robustness  and 
accuracy,  above  that  provided  by  the  inclu¬ 
sion  of  upwind  numerics,  have  been  obtained 
by  the  use  of  time- iterative  relaxation 
methodology  [23],  Also,  significant  work 
was  performed  involving  the  use  of  advanced 
grid  generation  techniques  in  the  cross-flow 
plane,  and  grid  blanking  for  the  treatment 
of  cavities  and  swept  surfaces. 

Our  preliminary  3D  PNS  work  with  chem¬ 
istry  had  concentrated  on  the  inclusion  of 
chemistry  into  the  SCRINT3DT  code  which  was 
a  3D  extension  of  the  SCRINTX  code  with 
time-iterative  PNS  numerics.  SCRINT3DT  was 
made  operational  with  matrix-split  chemistry 
and  operated  with  Beam-Harming  central 
difference  numerics  or  'ad  hoc'  real  gas  Roe 
upwind  numerics  (the  splitting  was  done 
before  the  Roe  decomposition) .  Its  ability 
to  analyze  multi-component,  chemically 
reacting  flow  problems  with  Roe  upwind 
numerics  was  found  to  be  problematic  and  the 
obvious  remedy  was  a  reformulation  of  the 
Roe  real  gas  methodology  using  a  large 
matrix/ fully-coupled  framework.-  As  this 
rather  ambitious  effort  was  to  initiate,  the 
STUFF  3D  iterative  PNS  code  of  Molvik  and 
Merkle  [21]  became  available  which  had  the 
large-matrix/fully  coupled  Roe  formulation 
done  properly  for  clean  air  chemistry.  It 
was  deemed  more  expeditious  to  use  the  STUFF 
code  as  our  baseline  code  than  to  upgrade 
the  SCRINT3DT  code,  and.  the  added  benefits 
of  the  finite  volume  formulation  of  STUFF 
became  available  with  this  decision.  Our 
upgraded  version  of  STUFF  is  called  the 
SCHAFT  code,  and  work  to  date  has  involved 
the  generalization  of  the  chemistry  and  the 
inclusion  of  two-equation  turbulence  models 
[20,  24,  25], 

A  companion  NS  code  entitled  TUFF  has 
also  been  developed  by  Molvik  and  Merkle 
[21]  with  comparable  numerics  to  STUFF.  Due 
to  the  more  generalized  geometric  capabili¬ 
ties  (blanking/blocking)  and  boundary  condi¬ 
tion  options  in  the  PARCB  NS  code,  we  have 
deemed  it  more  expeditious  to  upgrade  PARCH 
via  including  the  TUFF  strongly-coupled/ 
large  matrix  methodology  for  dealing  with 
the  Roe  chemistry  issue,  rather  than  to 
upgrade  the  geometric  capabilities  of  TUFF, 
which  would  entail  a  much  more  substantive 
effort.  PARCH,  currently,  has  the  Roe  chem¬ 
istry  formulation  done  in  the  'ad  hoc' 
matrix-  split  manner. 

The  remainder  of  this  paper  will  pre¬ 
sent  a  brief  overview  of  current  capabil¬ 
ities  available  in  the  PARCH  NS  code  and  our 
PUS  codes,  with  details  of  the  numerics 
available  in  other  references.  Applications 
to  missile  related  flow  problems  will  serve 
to  highlight  these  capabilities  and  focus 
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nBUBl.  PMCH2D/3D  BA3TER  (XPeS  AM)  SUPECETIHG  WOIES. 

mo  games  op  tWMmai  vhbigbs 


L 


.1 


TABLE  2.  EftROS2D/3D  APHJCBTICMS 


APPLICATION 

CALCULATICtB 

awans 

.  HYPERSONIC  VISCOUS 
SHOCK  LAYTO  FLOW- 
FIELDS 

-  Shock  Laver  Radiance  Studies 

-  AFE  Flowtield  Studies 

-  Ionized/Excited  State  Reactions 

-  Thermal  Nonequilibrium  Upgrades 

In  Progress 

.  ROCKET  NOZZLE 
FLOWFIEIDS 

-  Severed  Large  Scale  Boosters 

-  Generalized  Finite-Rate  Kine¬ 
tics  and  Particulate  Nonequi- 
libriua 

.  TEST  FACILITY 
SUPPORT 

-  Hypersonic  Nozzle  Calcula¬ 
tions  for  Caispan*  AEDC. 

NSWC,  AFWAL 

-  Thermodynamic  (Imperfect  Gas) 
Upgrades 

-  Transitional  BL  Issues 

.  MISSILE/ PLUME 
INTERACTIONS 

-  Conventional  (Base  Flw 

Studies) 

-  Lateral  Control  Jet  Studies 

-  Scarfed/Bifurcated  Nozzle 
Plumes 

-  Hulti-Ehgine  Base/Plumes 
(In  Progress) 

-  Turbulence  Modeling  Issues 

-  3D  Gridding  Preble® 

.  SCFAHJET 

FLCWFIELDS 

-  Fuel  Injector  Studies 

-  Scramjet  Corfoustors 

-  Sc ramjet  Nozzles 

-  Gridding /Turbulence  Issues 

.  HYPERSONIC  WAKE 
FLOWFIEIDS 

-  FV  Near  Wake  Studies  with 
Ablation  Product  Chemistry 

-  Transitional  Issues 

-  Couple*  chemistry  Mechanisms 

.  JET/PUME 

RESEARCH 

-  Axisywmetric  Jets  Into  Still 
Air 

-  3D  Jet  Mixing  Problems 

-  TVD  Numerics  Required  for 

Acoustic  Applications 

-  Vortical/Large  Scale  Structure 
Issues 

.  FILM/ WINDOW 
eocene  STUDIES 

-  Window  Cavity  Coolant  Studies 

-  Turbulent  Issues  Keyed  to 

Scalar  Fluctuation  Predictions/ 
Compressibility  Effects 

attention  on  needed  upgrades  in  the  areas  of 
turbulence  modeling  126.  27]  and  grid  gener¬ 
ation,  which  are  generally  the  limiting 
factors  in  obtaining  good  agreement  with  the 
data. 

4.  PARCH  FHS  COPE 

4,1  Gas-Phase  Fluid  Dynamic  Equations 

PARCH  solves  the  Reynolds  averaged, 
compressible  flow  equations,  cast  in  strong 
conservation  form  in  generalized  curvilinear 
coordinates: 

!£  +  H  +  !£  +  !£-h-°  (1) 

at  at  a<i  as 


Vxx+Vxy+Vxz 

{xtyx+?yTyy+?zTyz 

^xTzx+^yTzy+*zTzz 

?xV?yV{zq2 

•,<Vix+{y0iy+tz°ix) 

»(?xex+?y'y+{z,z) 


A  detailed  description  of  the  fluid  dynamic 
elements  in  the  above  vector  arrays  and  the 
transformation  to  generalized  coordinates  is 
provided  in  refs.  3  and  4.  The  PARCH  code 
contains  options  for  solving  the  thin  layer 
equations  and  Euler  equations  in  addition  to 
the  full  NS  equations. 

With  the  addition  of  NS  chemical  spec¬ 
ies  equations  (i  -  1,2,3,  ....  NS)  and  the  2 
k«  turbulence  model  equations  to  the  contin¬ 
uity,  momentum  and  energy  equations,  the  [5 
+  NS  +  2]  vector  array  of  dependent  variables 
is  given  by: 


where  E  »  E.  -  E  .  Analogous  expressions 
are  obtained  for  the  F  and  G  arrays,  and. 
the  source  term  vector  H  takes  the  form: 


£  (ClP-C2pe) 


The  inviscid  <E.,  F • ,  G.) 
F  ,  G„)  flux  vectors  taice 


Ei  ■  3 


puU+5xP 

PVU+SyP 

P«U+$zP 

(Et+P)U 


In  the  above  equations  {(x,y,z),  n<x,y,, 
z)  and  6(x,y,z)  represent  the  curvilinear 
coordinates  in  the  transformed  computational 
domain:  {  .  {  ,  {  ,  ,  ,  nv.  n_.  6  .  s  ,  &  , 
and  J  represent  the  metrics  and  Jacobian  Of 
the  transformation;  p  is  the  fluid  density; 
P  is  the  pressure;  u,  v,  and  w  are  the 
Cartesian  velocity  components  in  the  x,  y. 
and  viscous  (Ey,  and  z  directions;  o.  represents  the  mass 
the  form:  fraction  of  the  ith  Chemical  species,  p  Is 

the  laminar  viscosity;  q  is  the  heat 

flux;  k  is  the  turbulent  Ki’rret ic  energy;  and 
«  is  the  turbulence  dissipation  rate.  U,  V 
and  W  are  the  contravariant  velocity  compon¬ 
ents  . 

For  turbulent  flow  simulation  the 
laminar  viscosity  and  thermal  conductivity 
are  replaced  by  their  respective  sums  of 
laminar  and  turbulent  values,  (i.e.  p  +  p., 

.  .  Ic  +  k.>.  Additionally,  the  source  term  H  is 

l3a)  comprised  of  the  chemical  production  terms 
w,;  the  turbulent  production  P,  and  the 
dissipation  of  turbulent  kinetic  energy,  e; 
and  the  gas/particle  interaction  terms  Hp  , 
H0  «, .  Ho  „  and  Hr,  v,  required  for  multi-phA^e 
fl6*  sifidlation  18?  28]. 


pi it  Methodolo 


Applying  the  conventional  Beam-Warming 
algorithm  to  equation  (1),  utilizing  Euler 


31-5 


implicit  time-differencing,  yields  the 
'delta'  form  finite-difference  expression 
13,  4,  29 J  written  below  for  the  2D  system 
of  equations: 

n  +  At(j{RN  +  -  MNmaN 

»  -At(»,EN  +  5  PN  -  HN) ]  -  RN 
t  n 

In  equation  ,(5),  $,+}s  a  aentral  difference 
operator,  AQ"  -  a”  -  q"  where  N  denotes 
the  time  step  level,  and,  the  flux  vectors  E 
and  F ,  (which  are  nonlinear  functions  Of,  a) 
have  been,, linearized  about  a  ,  viz.,  e"*1  * 
E”  +  a"aq"  where  A  -  3E/3Q.  Eguation  (5)  is 
the  unfactored  form  of  the  block  algorithm 
and  represents  a  system  of  4  fluid  (5  for  3D 
flows),  n  (-  NS)  species  equations,  and  2 
turbulence  model  equations  (which  we  will 
now  dismiss  to  simplify  our  discussion  of 
matrix  splitting) .  We  thus  seek  to  decom¬ 
pose  an  n+4  system  of  coupled  equations  to  a 
system  of  4  coupled  fluid  dynamic  equations, 
and  n  scalar  chemical  species  equations .- 
Using  the  nomenclature 

-  (p,  pu,  pv,  E,.)r 

.  ,  T  <«> 

°C  -  <°1'  °2 '  °3 . V 

the  n+4  system  is  decomposed  as: 


“ 

“ 

1  1 

I 

I+At  6^ 

Aff 

la!c. 

+  6 

n 

Bff  |^Bfc 

Acf 

1  Acc 

Bcf  Kc 

“ 

'1 

- 

- 

«f 

A®f 

- 

Rf 

"c 

l! 

Aflc 

Rc 

wheie  A 

ff  ’ 

3Ef/3Qf, 

Acf  “  3V8Qf' 

etc. 

The  above  system  of  matrices  is  split 
about  the  horizontal  (indicated  by  the 
dashed  lines)  leading  to  a  fluid  dynamic 
system  written  as: 


(I  + 


,  „N 
5{Aff 


\Bfr)1Aaf 


1  -  At<VfC  +  \Bfc)A°C 


(*) 


(where  the  source  term  Mf,  having  particu¬ 
late  contributions  is  treated  explicitly, 
and  has  thus  been  incorporated  into  Rf )  . 


This  exercise  in  matrix  partitioning 
recovers  the  original  4x4  block  structure  of 
the  perfect-gas  fluid  dynamic  formulation, 
with  addition  of  a  forcing  function  on  the 
explicit  right  hand  Bide  and  revised  ele¬ 
ments  of  the  Aff  and  B.f  matrices  on  the 
implicit  left  Tiand  side  to  account  for 
generalized  multi-component  species  and 
calorically  imperfect  behaviour  (see  refs,  s 
and  17  for  details) .  The  elements  of  the 


forcing  function  term.  AQ  ,  contain  the  net 
influence  of  the  chemical  species  change 
(due  to  convection/diffusion/kinetics)  on 
the  fluid  dynamic  solution  through  pres¬ 
sure/species  derivatives  [3.  17).  The 
inclusion  of  this  term  on  the  right  hand 
side  is  not  essential  to  obtain  a  converged 
steady  state  solution  and  it  can  be  dis¬ 
carded.  However,  it  cannot  be  discarded  for 
time  accurate  computations.  For  the  same 
reason,  it  can  not  be  discarded  for  a  space 
marching  PNS  computation  unless  time-iter¬ 
ative  methdology  is  incorporated.  The 
removal  of  the  forcing  function  from  the 
right  hand  side  can  impact  the  rate  of 
convergence  and  this  is  an  atea  of  current 
investigation. 

4.3  Numerical  Methodology 

All  work  with  PARCH  to  date  has  fo¬ 
cussed  on  the  analysis  of  steady  flow  prob¬ 
lems  using  non-time  accurate  procedures  to 
expedite  convergence  to  steady  state.  The 
block  unfactored,  matrix-split,  fluid  dy¬ 
namic  equations  (eq.  8)  (with  the  explicit 
species  term,  AQ  ,  removed),  are  approx¬ 
imately  factored  as  follows: 

II  +  At6?Ajfl  II  +  Att^B^lAQ^  »  R«  (9) 

Equation  (9)  can  be  solved  by  block  tridiag¬ 
onal  inversion  13,  29],  which  is  computa¬ 
tionally  expensive  per  time  step,  but  gener¬ 
ally  permits  taking  large  time  steps  (e.g., 
Courant  numbers  of  5  -  10)  and  obtaining 
converged  solutions  in  a  very  reasonable 
number  of  iterations  (e.g.,  300  -  3,000. 
depending  on  the  problem  at  hand,  the  grid, 
the  initial  and  boundary  conditions,  etc.). 
Equation  (9)  can  more  efficiently  be  solved 
by  using  the  diagonalized  scheme  of  Chaussee 
and  Pulliam  130]  which  uncouples  the  block 
system  and  reduces  the  work  to  the  inve: sion 
of  a  scalar  tridiagonal  system.  However, 
the  implicit  diagonalized  solution  is  re¬ 
stricted  to  the  Euler  equations  (the  visrous 
terms  do  not  diagonalize  and  m  <st  thus  be 
treated  explicitly),  and,  the  pa  n  to  conver¬ 
gence  for  complex,  viscous  dr  inated  flows 
can  be  slow  and  sometimes  prot  ematic. 

The  choice  of  the  bloc  id  tridiagonal 
inversion  or  diagonalized  so.„tion  procedure 
for  the  fluid  dynamic  equations  is  available 
as  a  user  option  in  PARCH  and  is  very  problem 
dependent.  With  multi-zone  versions,  the 
diagonalized  option  can  be  used  in  some 
zones  and  the  blocked  option  in  others 
(e.g..  for  a  missile'  plume  interactive 
problem,  the  zone  of  strongly  interactive 
flow  can  be  handled  by  the  block  procedure 
with  all  other  flow  zones  analyzeable  by  the 
generally  more  efficient  diagonalized  method) . 
With  central  difference  numerics  employed, 
artificial  dissipation  is  required  in  nonvis- 
cous  regions  to  ensure  stability  and  diagon¬ 
al  dominance.  The  implicit/explicit  second 
and  fourth  order  dissipation  model  of  Jameson,, 
et  al.,  131]  is  employed  in  PARCH.  Indepen¬ 
dent  time  steps  are  used  to  advance  the 
equations  based  on  a  user-specified  Courant 
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number  (locally  applied  at  each  grid  point) 
with  a  flux  change  limiter  (e.g.,  20  percent 
change  in  AQ/a) ,  which  cuts  back  on  the 
local  time  step  in  regions  of  severe  change 
(see  ref.  4  for  details). 


4.4  Chemical  Species/Rate  Kinetics 
Algor  if  "ra 


Upon  matrix  splitting  and  decomposition 
of  equation  (7).  the  lower  half  contains  the 
chemical  species  transport  equations,  written 
as: 


+  At<Vcc  +  Vcc  -  «N>Aac  ■  Rc 


The  second  term  on  the  right  hand  side 
contains  the  forcing  functions  from  the 
fluids  upon  the  species,  which  is  discarded 
for  time-asymptotic  steady-state  solutions. 
Subsequent  factorization  leads  to: 


KI-AtMN>  +  At8,AR  ]  t(I-AtHN) 
5  cc 


(id 


+  At\BcclAQc 


Equation  (11)  represents  the  numeri¬ 
cally  intensive  task  of  inverting  block  NxN 
tridiagonal  matrices.  CPU  costs  and  memory 
requirements  can  become  prohibitive  as  the 
number  of  chemical  species  gets  large.  An 
efficient  alternative  solution  strategy  has 
been  devised,  which  breaks  up  the  solution 
sequence  into  two  steps: 


(1)  a  point  implicit  solution  of  the 
chemical  kinetic  rate  equations 
with  diffusion  and  convection 
treated  explicitly:  and. 

(2)  a  globally  implicit  time  integra¬ 
tion  of  the  species  equations 
sequentially  with  the  chemical 
source  term  specified  from  step 
(l). 


The  details  of  this  methodology  are  provided 
in  Reference  32. 


4 .3  Turbulence  Modeling 

In  the  earlier  2d  versions  of  PARCH  [J, 
«.  *.  33).  the  high  Reynolds  number  form  of 
the  ke  model  was  utilized  and  near  wall 
matching  was  achieved  by  coupling  the  ke 
solution  to  a  mixing  length  -  Van  Driest 
formulation  at  a  location  corresponding  to 
y  -  50.  The  low  Reynolds  number  extension 
of  the  k«  model,  as  proposed  by  Chien  [34], 
has  been  implemented  in  the  3D  code.  In  the 
Chien  low  Re  extension,  the  convective/dif- 
fuaive  terms  are  the  same,  but  the  source 
terms  for  k  and  i  are  given  by: 

H|c  -  E  -  p*  -  ^  <12> 

(ciE  -  C,p«f )  -  exp  (-C,y+>  (13) 

where: 

f  -  l  -  j-J-j  exp  (-pk»/6ns)*  (14) 


and: 


Mt  “  CyPk1/'  Ii-exp  (-C,y+>)  (15) 

In  eqs.  (12)  and  (13),  y  represents  the 
distance  from  the  nearest  wall  and^is  used 
for  computing  the  corresponding  y  .  The 
model  constants  are  Cn  *  0.09,  Cj  *  1.35, 
C,  «  1.8,  C,  *  0.0115  and  C4  -  0.5.  P  is 
the  turbulent  production  term. 

The  turbulence  model  equations  are 
solved  as  independent,  uncoupled  equations 
using  the  approximately-factored  ADI  solver 
of  eq.  (ll).  The  source  terms  are  treated 
implicitly  using  the  linearization  described 
in  refs.  26  and  27.  Corrections  to  the  k« 
equations  for  compressibility,  curvature, 
etc.,  are  incorporated  in  a  zonal  manner  on 
a  problem  dependent  basis  [26,  27).  The 
initialization  of  the  turbulence  model 
variables  is  case  dependent  and  often,  a 
simpler  algebraic  eddy-viscosity  model  is 
used  to  initiate  the  calculation  until  the 
flow  structure  becomes  somewhat  established: 
then  k  and  t  are  initialized  assuming  the 
turbulence  to  be  in  equilibrium.. 

4.6  Multi-Phase  Plow  Capabilities 

The  PARCH  code  contains  multi-phase 
flow  capabilities  for  the  simulation  of 
solid  propellant  rocket  nozzle/exhaust  plume 
flowfields  where  the  dilute  particle  assump¬ 
tion  applies  and  eliminates  particle  volu¬ 
metric  effects  [35).  Gas/particle  inter¬ 
actions  [35)  can  be  treated  in  both  the 
equilibrium  limit  (where  particle  velocities 
and  temperatures  are  taken  to  be  the  same  as 
that  of  the  gas-phase)  and  the  nonequili¬ 
brium  limit  (where  particle  velocities  and 
temperatures  differ  from  those  of  the  gas- 
phase).  In  the  nonequilibrium  limit,  the 
analysis  is  presently  restricted  to  flows 
with  a  primary  streamwise  direction  where 
the  particulate  equations  can  be  spatially 
integrated. 

The  particulate  equations,  cast  in 
strong  conservation  form  in  generalized 
curvilinear  coordinates,,  are  listed  below 
for  two  dimensions. 


!fp  +  !fp_H 

9?  9i)  HP 


0 


(16) 


The  inviscid  flux  (Ep,  F„)  vectors  take  the 
following  form:  r  ‘ 


Pp  Up 


Pp  hp  Up 


(17a) 
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FP 


1 

J 


Pp  Up  Vp 

PP  VP  VP 
Pp  hp  Vp 


(17b) 


The  source  term  vector  Hp  takes  the  form: 


0 


0 

1  '  Pp  (up  '  u)/tu 

5  "  pP  (vp  "  v)/tv 

-  Pp  (hp  -  h)/Th 


(18b) 


Particulate  equations  are  solved  for  differ¬ 
ent  particulate  types  (e.g..  A1,0,)  and  for 
several  representative  sizes  (e.g..  1  pm.  3 
pm,  3  pm,  ...).  The  nomenclature  to  desig¬ 
nate  types  and  sizes  has  beet,  eliminated  for 
simplicity.  In  the  above  equations,  up  and 
vp  are  the  Cartesian  particulate  velocity 
components  in  the  x  and  y  directions  and  U„ 
and  V_  are  the  contravariant  velocity  com¬ 
ponents.  t  ,  x  .  and  v.  represent  char¬ 
acteristic  particle  times  for  velocity  and 
thermal  equilibration.  Details  of  the 
explicit  predictor-corrector  based  particle 
space  marching  algorithm  utilized  is  provided 
in  ref.  36.  Coupling  between  the  gas  and 
solid  phases  is  provided  through  the  gas/par¬ 
ticle  interaction  source  terms  in  both  the 
gas-phase  and  particulate  equations  [331.  In 
nozzle/plume  applications,  the  particle 
solution  is  typically  updated  (by  marching 
down  the  length  of  the  nozzle  or  the  exhaust 
plume)  every  50  iterations  of  the  gas-phase 
solution. 

The  highly  efficient  particle  spatial 
marching  technique  is,  of  course,  limited  to 
flows  where  there  are  no  recirculating 
features.  Applications  include  rocket  nozzle 
flow  or  the  farfield  of  rocket  exhaust 
plumes.  The  nearfield  is  significantly  more 
complex,  being  characterized  by  large  base 
regions,  plume  induced  separation  and  a 
significant  amount  of  recirculating  flow. 
The  analysis  of  particulates  in  this  region 
requires  the  usage  of  a  time-asymptotic, 
elliptic  solver. 

4.7  Grid  Blanking.  Multi-tone  Blocking,  and 
Generalized  Boundary  Conditions 

In  the  PARC  code  [4],  which  preceeded 
PARCa.  significant  effort  was  expended  in 


the  development  of  coding  logic  which  permits 
patching  the  overall  flowfield  to  'blank 
out1  grid  points  occupied  by  embedded  obsta¬ 
cles  (rather  than  contour  the  grid  about 
such  obstacles  as  would  be  required  in 
conventional  codes) .  This  facilitates  the 
treatment  of  embedded  boundaries  such  as 
steps,  struts,  cavities,  etc.,  which  would 
be  difficult  to  deal  with  if  blanking  capa¬ 
bilities  were  not  available.  With  blanking, 
the  overall  grid  is  broken  down  into  a  set 
of  'patches'  for  each  of  the  mapped  coordin¬ 
ate  directions  (viz.,  patching  is  done  in 
mapped  com-utational  coordinates,  not  in 
physical  coordinates).  The  patches  are 
automatically  constructed  from  boundary 
inputs.  Figure  1  illustrates  the  patching 
concept  for  a  simple  2D  problem.  Boundary 
conditions  are  applied  along  the  outer 
computational  boundaries  as  well  as  on  the 
embedded  boundaries,  and  are  generalized  to 
permit  varied  fluxes  to  cross  the  boundaries. 


The  analysis  of  geometrically  complex, 
three-dimensional,  chemically  reacting  flow- 
fields  can  require  several  million  node 
points  with  memory  requirements  well  in 
excess  oi  those  available  on  modern  day 
super  computers.  To  overcome  the  memory 
limitation  imposed  by  machines,  a  general¬ 
ized  multi-zone  blocking  procedure  has  been 
made  operational  in  PARCH3D.  The  flowfield 
is  split  into  several  zones  and  only  one 
zone  is  permitted  to  reside  in  the  memory 
while  the  flowfield  variables  from  the  other 
zones  are  saved  (i.e.,  on  SSD,  an  I/O  device 
available  on  CRAY) .  The  zones  are  rolled  in 
and  out  of  memory  in  a  sequential  fashion 
and  specialized  logic  has  been  written  to 
ensure  communication  between  adjacent  zones 
in  a  manner  consistent  with  the  second  order 
accuracy  of  the  implicit  algorithm.  The 
details  of  the  multi-zone  blocking  is  dis¬ 
cussed  in  ref.  37  and  closely  parallels  that 
recently  implemented  by  Sirbaugh.  et  al. 
[38],  in  the  AEDC  PARC  code. 

4.8  Recent  numerical  Upgrades 

PARCH  implements  central-difference 
numerics  with  second/  fourth  order  artifi¬ 
cial  dissipation.  ItB  application  to  hyper¬ 
sonic  problems  with  strong  shock  waves  can 
be  problematic.  Roe/  TVD  upwind  numerics 
[19]  has  recently  been  incorporated  [7]  to 
integrate  the  matrix-split  fluid  dynamic 
equatic.is.  With  this  upwind  methodology, 
issues  arise  with  regard  to  the  scalar 
solver  equations  for  the  chemical  species 
and  turbulence  model  equations,  and  with 
regard  to  the  Roe/TVD  real  gas  manipula¬ 
tions,  which  are  'ad  hoc'  if  performed  after 
the  matrix-splitting.  Successful  results 
for  problems  with  non-combustion  chemistry 
have  been  obtained  using  nonconservative 
forms  of  the  scalar  equations.  Future  work 
is  geared  towards  developing  a  non-matrix 
split  upwind  version  of  PARCH  (with  all 
equations  strongly-coupled)  with  a  finite- 
volume  discretization.  Such  upgrades  will 
borrow  from  the  methodology  incorporated  in 
the  TUFF  NS  code  [2D. 
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3.  PARCH  CODE  VALIDATIOH  AMD 
REPRESENTATIVE  APPLICATION 

i.l  Observations  on  Code  Validation  Process 

The  validation  of  a  Navier-Stokes  code, 
which  contains  generalized  thermochemical 
capabilities  and  advanced  turbulence  models, 
must  be  performed  in  a  very  systematic 
manner,  and,  must  be  restricted  to  a  very 
specific  category  of  flowfield  problems.  The 
performance  of  the  'basic  code'  (algorithm, 
boundary  conditions)  must  be  distinguished 
from  the  performance  of  the  incorporated 
submodules  for  turbulence  and  thermochem¬ 
istry.  and,  will  be  dependent  on  the  quality 
and  resolution  of  the  grid  utilized. 

A  detailed  discussion  of  the  code 
validation  process  for  scramjet  propulsive 
flowfields  was  given  by  Dash  139],  with  four 
distinct  levels  of  validation  identified,  as 
summarized  below. 

LEVEL  1  -  Performance  Of  The  'Basic 
Code  * .  This  entails  code  to  code 
comparisons,  serves  to  remove  'bugs', 
establishes  run  parameters  (e.g., 
artificial  damping  coefficients),  and 
defines  the  operational  range  of  the 
code  using  the  existing  algorithms  and 
boundary  conditions. 

LEVEL  1  -  Analysis  Of  ’Fundamental ' 
Unit  Problems. This  entails  analyzing 
unit problems  such  as  simple  shear 
layers,  laminar/turbuler.t  diffusion 
flames,  etc.,  to  ensure  that  the  ad¬ 
vanced  turbulence  models  and  thermo¬ 
chemistry  were  incorporated  into  the 
code  correctly,  and,  that  the  coeffi¬ 
cients  are  appropriate  (e.g.,  turbu¬ 
lence  model  coefficients,  thermodynamic 
curve  fits,  chemical  rates,  etc.). 

LEVEL  3  -  Analysis  Of  'Component' 

Problems? This  entails  the  analysis  of 
■advanced'  unit  problems  which  are 
subsets  of  the  overall  flowfield  prob¬ 
lems,  and  for  which  detailed  data  are 
generally  available.  For  a  missile 
airframe/plume  interaction  problem, 
component  problems  would  include: 

.  missile  aerodynamic  problems  sans 
plume:  viz.,  blur.t  nose  region 
thermochemistry,  treatment  of 
wings/fins/  control  surfaces, 
angle-of-attack  issueB,  etc. 

.  plume  interaction  problems  sans 
missile  airframe:  viz.,  straight- 
back  jets,  transverse  jets,  angled 
jets  with  simple  approach  flows, 
etc. 

.  unit  plume/airframe  interaction 
problems:  viz.,  conventional 

plume/ba3e  flow  interaction  prob¬ 
lems  for  single/  multiple  nozzles: 
angled/transverse  plume/airframe 
interaction  problems  sans  wings/- 
fins,  etc. 

LEVEL  4  -  Analysis  Of  ’Complete'  Flow- 
rlelg  Problem. This  entails  the  analy¬ 
sis of a problem  which  could  involve 


additional  complexities  such  as  multi-zone 
blocked  grids,  zonal  turbulence  modeling, 
etc.  Validation  on  this  level  should  pro¬ 
ceed  initially  to  establish  a  baseline 
operational  capability  (e.g..  to  get  all  the 
pieces  in  place) ,  recognizing  that  the  Level 
3  unit  problems  may  not  be  easily  resolved 
to  support  the  Level  4  analysis  (e.g., 
turbulence  modeling  issues  may  preclude 
obtaining  good  agreement  with  Level  3  unit 
problem  data) . 

3.1  PARCH  Code  Validation  Studies 

PARCH  derives  from  ARC  1 3 ]  and  PARC  14] 
which  have  been  very  popular  aerodynamic  and 
propulsive  SS  codes  in  the  United  States, 
and  reflect  a  ten  year  history  of  develop¬ 
ment,  upgrade,  validation  and  application  - 
restricted  to  single  component.  single 
phase,  perfect  gas  flows  with  simple  alge¬ 
braic  turbulence  models.  ARC  code  aerody¬ 
namic  validation  studies  have  been  widely 
reported  in  the  open  literature,  by  Pulliam 
and  coworkers  (3,  40,  41]  and  many  other 

investigators.  ARC  code  derivatives  have 
been  successfully  applied  to  projectile 
flowfield  problems  142]  and  have  incorpor¬ 
ated  upwind  (TVD)  upgrades  (43,  44].  PARC 
code  plume/propulsive  validation  studies 
have  also  been  widely  reported  in  the  open 
literature  by  Cooper  and  various  couorkers 
at  Sverdrup  (45  -  51], 

Level  l  validation  issues  with  PARCH 
have  been  largely  resolved  Dy  previous  and 
ongoing  studies  with  ARC  and  PARC.  Our 
PARCH  validation  work  was  initiated  with 
Level  2  studies  which  emphasized  a  checkout 
of  the  new  code  with  inclusion  of  advanced 
turbulence  modelB,  multi-component  species, 
real  gas  thermodynamics  and  finite-rate 
chemistry.  The  unit  problems  studied  have 
included. 

(1)  turbulent  free  shear  flows  for 
streams  of  different  composition, 
using  the  k«  turbulence  model  and 
variants  with  high  Mach  number 
compressibility-corrections  [52] : 

(2)  laminar /turbulent  shock-boundary 
layer  interaction  problems; 

(3)  laminar  premixed  flame  problems: 
and. 

(4)  turbulent  combusting  shear  layers 
in  a  duct. 

These  Level  2,  fundamental  unit  problem 
studies  have  been  described  in  refs.  5-8 
and  33.  They  have  ensured  us  that  the  k« 
turbulence  model  and  the  finite-rate  chem¬ 
istry  are  working  properly  in  PARCH  via 
comparisons  with  results  of  other  (already 
validated)  computer  codes,  and  with  funda¬ 
mental  data.  At  Level  3,  some  of  the  funda¬ 
mental  studies  performed,  oriented  towards 
rai8sile/plume  interactive  flowfield  problems, 
will  be  summarized  below. 

3.3  Jet  Interaction  Studies 

Jet  interaction  unit  problem  studies 
have  included  the  analysis  of:  conventional 
(straight-back)  propulsive  jets.  v;ith  uniform 
low  and  high  speed  approach  flow  -  with  and 
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without  base  regions;  transverse  and  angled  problem  properly.  The  case  involves  the 
jets;  and.  wall  jets  (to  simulate  missile  sonic,  tangential,  balanced  pressure  injec- 

film  cooling  problems  as  well  as  wall  bounded  tion  of  a  Mach  l.  cold  (T  -  254  *K)  a,  jet 

propulsive  jet  interactions).  For  straight-  into  a  Mach  2.44,  hot  (T  -  1270  »k>  vitiated 

back  jets,  we  have  used  the  data  of  Seiner  airstream  in  a  near-parallel  wall  combustor, 

which  has  served  to  validate  our  earlier  PNS  The  airstream  has  a  thick  boundary  layer, 

jet  model.  SCIPVIS  [53,  54],  Figure  2  which  was  about  three  times  the  size  of  the 

exhibits  predicted  density  contours  for  an  initial  H,  jet  (jet  slot  height  was  0.4  cm), 

underexpanded  (Pj/P  "  1.44)  Mach  2  axi-  Pigure  7  shows  the  experimental  set  up  and 

symmetric  jet  exhairsting  into  a  Mach  .25  compares  predictions  (performed  imposing  a 

external  stream,  while  Figure  3  compares  turbulent  Prandtl  number  of  0.9  and  utiliz- 

PARCB  and  SCIPVIS  predictions.  Numerical  ing  the  hybrid  k«/Van  Driest  turbulence 

studies  showing  comparisons  of  SCIPVIS  model)  of  H,,  N,,  0,,  and  Ha0  mole  fractions 

predictions  with  data,  using  various  two-  at  the  combustor  exit  (36  cm  downstream  of 

equation  turbulence  models  (ks,  kw,  kacc),  the  injection  plane)  with  the  measured  data, 

are  described  in  refs.  53  and  54  -  the  kw  The  results  are  quite  reasonable  and  accur- 

model  performed  the  best  for  this  unit  ately  locate  the  flame  position  (peak  H2o> 

problem  which  has  not  yet  been  incorporated  although  they  slightly  under  predict  the 

into  PARCH.  Comparative  studies  with  PARCH,  peak  level  of  H,0  observed  (this  may  require 

TOFF,  and  SCIPVIS  of  such  jet  flows,  using  a  use  of  adaptive  gridding  that  concentrates 

new  matrix  of  data,  will  be  the  subject  of  a  points  in  the  flame  zone) . 
forthcoming  paper  £55), 

The  above  'Level  3'  validation  studies 
A  PARCH  prediction  for  an  underexpanded  exhibit  the  ability  of  PARCH  to  analyze 

(Pj/P  *  2)  Mach  2  jet  exhausting  into  a  various  types  of  get  interactions  using  a 

Madh  2  external  stream,  in  the  presence  of  a  two-equation  turbulence  model,  and  the 

base  (base  height  is  1.5  nozzle  exit  radii)  chemical  kinetic  capabilities  incorporated 

is  exhibited  in  Figure  4.  This  prediction  in  the  code.  Issues  with  regard  to  the 

simulated  an  experiment  of  Reed  and  Hastings  turbulence  modeling  still  have  not  been 

[561,  and  the  predicted  base  pressure  agreed  resolved  at  this  2D  component  problem  level, 

quite  well  with  the  experimental  measurement  and  adaptive  grid  requirements  are  indicated 

despite  the  uniform,  course  mesh  employed  to  achieve  adquate  resolution  with  a  reason- 

(50  by  50  over  4x4  numerical  domain),  and  ably  sized  mesh.  Analogous  Level  3  get 

the  use  of  a  basic  ke  model  with  no  compress-  interaction  studies  for  3D  problems  will  be 

ibility-correction.  This  calculation  is  performed  in  the  near  future, 
being  repeated  with  an  adaptive  mesh  [571. 

using  a  compressibility-corrected  turbulence  5.4  Missile  Rocket  Nozzle  Studies 
model  [52]  for  the  base  region  shear  layers. 

A  comparable  PARCH  prediction  with  an  H.  jet  A  complete  missile  calculation  requires 

instead  of  an  air  jet  is  exhibited  in  Figure  the  analysis  of  the  rocket  t.ozzle/propulsive 

5,  which  demonstrates  the  ability  of  PARCH  flowfield.  For  some  problems,  there  can  be 

to  deal  with  base  combustion  -  the  base  strong  coupling  between  the  nozzle  exhaust 

pressure  levels  were  elevated  from  those  of  and  the  missile  aerodynamic  flowfields.  A 

the  noncombusting  case  and  appear  qualita-  specialized  version  of  PARCH  (PARCH/RN)  has 

tively  reasonable,  although  r.o  data  is  been  developed  to  analyze  rocket  nozzle 

available  to  quantify  the  prediction.  flowfields,  starting  from  nonequilibrium 

conditions  in  the  combustion  chamber.  This 
Predictions  for  a  2D  transverse  jet  version  deals  with  multi-phase  (gas/particle) 

interaction  flowfield  simulating  the  helium  nonequilibrium,  as  well  as  chemical  nonequil- 

fuel  injection  experiment  of  Kraemer  and  ibruim  and  is  described  in  refs.  8  and  28. 

Rogers  (described  in  rei.  58)  are  exhibited 

in  Figure  6  along  with  the  experimental  Validation  sans  nonequilibrium  effects 

setup.  Predictions  made  with  the  ks  turb-  is  provided  via  data  such  as  that  of  Back 

ulence  model  underestimated  the  lateral  and  Cuffell  [591.  The  test  case  chosen  is  a 

extent  of  the  approach  separation  zone  popular  one  for  validation  of  nozzle  codes 

indicating  too  fast  a  rate  of  mixing.  A  since  both  wall  and  profile  data  are  avail- 

'capped'  version  of  the  k«  model  which  did  able.  an<^  large  throat  curvature  poses  a 
not  allow  the  turbulent  viscosity,  4  to  distinct  numerical  challenge  to  simulate  the 

exceed  1000  4,  produced  results  in  better  flowfield  in  this  conical  nozzle.  The  reser- 

agreeraent  with  the  data  indicating  the  voir  conditions  were  P  =  70  psia  and  T  « 

requirement  to  incorporate  compressibility  s*°  R.  The  nozzle  is  a  conical  geometry 

effects  and  possibly  strong  nonequilibrium  with  45*  converging  and  15*  diverging  half 

effects  (correction  for  P/«  >>  1)  into  the  angles.  The  throat  radius  is  0.8  in.  with  a 

turbulence  model.  Gridding  was  not  an  issue  small  throat  radius  of  curvature  (R  /R  .  * 

as  ascertained  by  both  grid  convergence  -.625).  Pigure  8  shows  the  grid  utilised"  And 

studies  on  both  rectangular  and  adaptive  comparisons  between  the  measured  and  computed 

[571  grids.  Predictions  by  Weidner  and  pressures  on  the  wall  and  axis,  for  an  Euler 

Drummond  for  this  problem  using  an  algebraic  calculation.  The  agreement  with  data  is 

turbulence  model  also  underestimated  the  seen  to  be  good  upstream  of  the  nozzle 

lateral  extent  of  the  separation  zone  [581.  throat;  however  the  comparison  is  poorer 

downstream  of  the  throat.  The  cause  of  the 
For  high  speed  wall  jets,  the  Burrows  discrepancy  may  be  inadequate  grid  resolu- 
and  Kurkov  data  [591  are  among  the  few  sets  tion  in  the  throat  region  and  failure  to 

of  data  available  that  provide  the  detailed  resolve  the  significant  gradients  produced 

initial  conditions  required  to  analyze  this  by  the  small  throat  radius  of  curvature. 

The  agreement  with  data  is  comparable  to 
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that  achieved  by  most  other  investigators 
(see  e.g.  the  recent  work  of  harcum  and 
Hoffman  in  ref.  61). 

To  illustrate  gas/particle  nonequili- 
brium  capabilities  in  PARCH,  a  solid  propel¬ 
lant  rocket  motor  nozzle  calculation  was 
performed  with  H/C/O  chemistry  (12  species. 

16  reactions) ,  and  with  A1,0,  particulates 
(30*  mass  loading) .  Preliminary  calculations 
were  performed  assuming  all  the  particulates 
to  have  radii  of  3  |im.  Computations  were 
performed  with  and  without  particles  to 
illustrate  the  strong  influence  of  particu¬ 
lates  on  the  gas-phase  flowfield.  Figure  9 
compares  the  Mach  number  contours  from  the 
gas  only  calculation  with  that  of  the  multi¬ 
phase  calculation.  As  shown  by  the  Mach 
number  contours,  the  presence  of  particles 
has  a  dramatic  influence  on  the  flowfield. 
The  reflected  shock  disappears;  the  parti¬ 
cles  peel  away  from  the  nozzle  at  the  throat 
and  the  limiting  particle  streamline  effect 
is  clearly  seen.  Figure  10  shows  the  temper¬ 
ature  distributions  along  the  nozzle  center- 
line.  Notice  the  particulate  temperatures 
lagging  the  gas  temperature.  At  the  nozzle 
exit  plane.  the  thermal  nonequilibrium 
between  the  gas  and  particles  is  almost  300 
°K.  Also,  the  particles  begin  to  solidity 
with  the  onset  of  phase  changes  indicated  by 
the  particle  temperature  remaining  constant. 
Comparisons  with  an  earlier  spatial  marching 
two-phase  code,  SPFNOZ  code  [62]  are  also 
shown,  downstream  of  the  throat. 

This  case  was  also  computed  with  three 
particle  size  groups.  The  total  mass  loading 
of  particulates  remained  the  same,  however 
it  was  distributed  into  particles  of  3,  5 
and  10  microns  with  respective  mass  frac¬ 
tions  of  .6,  .3  and  .1.  Pressure,  temper¬ 
ature,  and  Mach  number  contours  are  shown  in 
Figure  11.  The  striations  evident  in  the 
contours  of  temperature  and  Mach  number 
coincide  with  the  limiting  particle  stream¬ 
line  locations  of  the  three  particle  size 
groups  (3a  is  uppermost,  5|i  is  next,  10|i  is 
lowest).  Further  details  of  this  calcula¬ 
tion  and  other  rocket  nozzle  calculations 
are  provided  in  refs.  8  and  28. ; 

3.5  Tactical  Missile  Airframe/Plume  Inter- 
action  Studies 

Much  of  our  recent  work  has  concen¬ 
trated  on  the  difficult  interaction  problem 
of  a  tactical  missile  with  scarfed  (bifur¬ 
cated)  nozzles  [63]  where  the  nozzle  exhaust 
issues  from  the  sides  of  the  missile  (Pig. 
12).  Calculations  for  a  tactical  missile  (M 
=  0.6  sea  level)  with  a  liquid  (amine) 
propellant  and  no  wings/  fins  are  presented. 
Figure  13  shows  the  grid  utilized.  The  3D 
problem  was  performed  with  half  plane  symm¬ 
etry  and  had  two  engines  whose  centerlines 
are  on  the  plane  d  -  0  and  d  ■  180°,  with 
grid  points  clustered  in  the  vicinity  of  the 
nozzle  exit  plane  and  base,  as  well  as  on 
the  missile  body  surface  to  resolve  the 
boundary  layers.  Note  that  the  'blanking' 
capabilities  of  PARCH  greatly  simplify  the 
analysis  of  the  base  region.  Contours  of 
temperature,  velocity  and  turbulent  kinetic 
energy  (the  full  flow  was  taken  to  be  turb¬ 
ulent  and  solved  using  the  low  Re/Chien 


variant  of  the  k«  model)  are  exhibited  in 
Figure  14,  in  the  symmetry  plane  which 
includes  the  centerline  of  both  engines. 
Axial  cuts  of  x/ Rg  *  18  ( gust  downstream  of 
nozzle),  -  25  (in°base)  and  *  30  (in  p]-  e- 
wake  flow)  are  shown  in  Fig.  is  for  the 
temperature. 

The  problem  described  above  was  repeat¬ 
ed  for  a  missile  flying  at  an  angle-ol -attack 
of  10°.  Contours  of  Mach  number  and  turbu¬ 
lent  kinetic  energy  are  exhibited  in  Figures 
16  and  17  m  a  plane  containing  the  two 
nozzle  axes  (e.g..  top  view)  and  in  a  plane 
rotated  180°  (e.g.,  side  view).  The  side 
view  contours  show  a  thin  turbulent  boundary 
layer  on  the  windward  (bottom)  side  of  the 
missile,  and  indicate  separated  flow  on  the 
leeward  (upper)  side.  The  upstream  influence 
of  the  propulsive  jets  is  readily  evident  in 
the  top  view  Mach  number  contours.  Cross 
flow  contours  of  Mach  number  (and/or  veloc¬ 
ity)  temperature,  and  turbulent  kinetic 
energy  are  exhibited:  at  x  ■  22.9  (at  the 
missile  base)  in  Figure  18;  and,  at  x  -  23 
(just  downstream  of  the  base)  in  Figure  19. 
Note  that  the  plumes  heat  up  the  base  as 
evident  from  the  base  temperature  contours 
shown  in  Figure  18.  Note  also  that  the  flow 
downstream  of  the  missile  base  represents  a 
complex  interaction  of  3  free  shear  flows, 
namely  the  two  exhaust  plumes  and  the  mis¬ 
sile  wake. 

Work  is  currently  in  progress  towards 
analyzing  a  tactica)  rissile  with  wings/fins 
(Fig.  20)  and  towards  analyzing  a  missile 
with  nonflush  scarfed  nozzle  (Fig.,  21). 
Attempts  are  being  made  to  analyze  these 
problems  with  a  single  grid  to  minimize  CPU 
costs  (the  use  of  contiguous  blocked  grids 
entails  more  operations,  e.g.,  the  transfer 
of  information  from  one  blocked  grid  to  the 
next,  and  will  slow  down  the  path  to  conver¬ 
gence)  . 

5.6  Hypersonic/Higher  Altitude  Missile 

Applications 

Much  of  this  work  has  entailed  the 
upgrade  of  PARCH  to  incorporate  thermal 
nonequilibrium  effects,  and,  advanced  ground 
state  and  excited  state  air  chemistry  [9]. 
Thermal  nonequilibrium  work  has  included  the 
performance  of  sensitivity  studies  to  assess 
the  dependency  of  reaction  rates  on  temper¬ 
ature  (viz,  which  temperature  is  utilized  in 
the  chemical  reactions) .  Other  work  in  this 
area  has  explored  the  ability  of  the  PARCH 
NS  code  to  simulate  very  high  Mach  number /- 
high  altitude  shock  layer  problems  such  as 
the  Mach  37.  80  km  case  (simple  perfect  gas 
conditions  were  used  here  to  first  explore 
numerical  issues)  whose  pressure  contours 
are  exhibited  in  Fig.  22  for  2  nose  radii 
(R  2.5  in.  and  R  -  7.9  in.).  Note  the 
marked  differences  In  the  shock  thickness 
for  these  two  cases,  which  is  clearly  exhib¬ 
ited  in  the  pressure  variation  along  the 
stagnation  streamline  (Figure  23).  in  such 
cases,  the  inclusion  of  rotational  nonequil¬ 
ibrium  effects  in  the  thick  shock  may  be 
required  [64]  as  will  be  the  inclusion  of 
slip  flow  surface  boundary  conditions. 
Comparisons  of  such  hypersonic  calculations 


with  direct  simulation  Honte  Carlo  code 
predictions  are  currently  in  progress. 


TABLE  4.  SCHAFT3D  CODE  DEVELOPMENT 
PROM  STOPF  CODE  FRAMEWORK 


(.  SCHAFT  PMS  CODE  AMD  PRELIMINARY 
CALCDLATIOMS 

4.1  SCHAFT  Code  Overview 

The  SAIC  SCHAFT  Code  120,  24,  25  3 

represents  an  upgrade  of  the  3d  pns  STUFF 
code  of  Molvik  and  Merkle  (21]  whose  fea¬ 
tures  are  summarized  in  Table  3  below. 


TABLE  3.  STUFF  CODE  OVERVIEW 


3D  'phin  Layer  PNS  Code  Developed 
For  Hypersonic  External  Aerodynamics 
With  Advanced  Thermochemistry  By 
Molvik  And  Merkle  (AIAA  Paper 
89-0199) 

Roa/TVD  -  Convective,  Central  Dif¬ 
ference  -  Diffusive 

Iterative  Spatial  Marching  Procedure 

Vectorization  on  CRAY-2 

Fully-Coupled/Fully  Implicit  Finite- 
Rate  Clean  Air  Chemistry  (5  +  NS  -  l) 
Matrix  Inversion  Where  NS  «  7  For 
Clean  Air  Chemistry 

Laminar  Transport  Data  For  Air 


Recent  Opgrades  By  Molvik 


Generalizaticn  Of  Matrix  Size  To  S  t 
NS  -  l  Where  NS  Is  Number  of  Chemical 
Species 

Perfect  Gas/Eguilibrium  Air  (Tanne- 
hill  Fits)  Run  Options 


The  work  to  date  in  developing  SCHAFT  from 
STUFF  is  described  below  in  Table  4 .  The 
user-friendly  aspects  of  dealing  with  gener¬ 
alized  H/C/N/O  chemistry  parallel  the  method¬ 
ology  in  earlier  SAIC  codes  (SCORCH,  SCHNOZ. 
etc.)  and  PARCH,  in  that  data  banks  contain 
the  generalized  thermochemical  data,  and 
varying  mechanisms,  rates,  etc.,  is  quite 
straightforward.  STUFF  utilizes  forward/ 
backward  rate  data  whereas  the  earlier  SAIC 
codes  utilized  forward  data  only,  with 
backward  rates  obtained  from  the  equili 
brium  coefficient. 

4.2  SCHAFT  Equations 

The  finite-volume  equations  in  the 
SCBAFT3D  code  are  given  in  Table  3  below. 
Note  that  SCHAFT  integrates  a  system  of  5 
(fluid)  +  !)S  -  l  (species)  +  2  (turbulence) 
equations  in  a  fully-coupled  manner  with  all 
source  terms  treated  fully-implicitly .  The 
complete  details  of  the  numerics,  including 
the  Roe  upwind  manipulations,  performed  with 
the  real  gas  behavior  accounted  for  in  a 
rigorous  manner,  are  given  in  ref.  21. 


3D  PNS  Extension  Of  STUFF  For 
Plume/Propulsive  Applications 

Generalization  Of  Boundary  Condi¬ 
tions 

-  No  Slip/Slip/Symmetry/Free- 
streara  On  Any  Of  4  Boundaries 

Full  Cross-Flow  Stress/Diffusive 
Terms  Incorporated 

Generalization  Of  Clean  Air  Finite- 
Rate  Chemistry  For  Arbitrary  H/C/N/O 
Systems 

-  User  Friendly  Coding  To  Vary 
Reactions  Employed.  Rate 
Coefficients,  etc. 

-  Data  Bank  Of  Reaction  Mechanisms 
And  Rate  Data 

-  Transport  Data  For  H/C/N/O 
Chemical  Species 

-  Full  Coupling/Fully  Implicit 
Methodology 

Inclusion  Of  Two-Equation  Turbulence 
Models 

-  ke.  Low  Re  Chien  Terms 

-  Strong  Coupling /Extension  Of 
Matrix  Size 

-  Implicit  Treatment  Of  Source 
Terms 


TABLE  5.  SCHAFT3D  EQUATIONS 


JL_  IllOiid ndf  ♦  //lEdndf  ♦  //iFdfdf  ♦  J/i Gd£dn 
dt 

.  _■>.  //ASdfdf  ♦  _■>_  //4Td£dn  ♦  ;//0d£dndr 
Where  5  .  Si  (0.  On)  ♦  S3  (0.  0f )  1 

T  •  T]  (0.  Of )  ♦  Tz  (0,  0„)  J 

[ORIGINAL  STUFF  CODE  HAD  ONLY  Si  TERN] 


0  -  [p,  pu.  pv,  pW.  pEt.  P°l.  P <»2. 


5  FLUID 
VARIABLES 


pk.  P«)T 


MS  -  1  CHEMICAL 
SPECIES 


2  TURBULENCE 
VARIABLES 

SOURCE  TERM 

D  ■  [0.0.0, 0.0.  «2,  — — ,  wns  _|,  Dk,  0c3T 


CHEMISTRY  SOURCE  TURBULENCE 
TERM  SOURCE  TERMS 


0k,  Dc,  -  LOW  Re  CHIEN  FORM  OF  kc  F0RMUALTI0N 

ALL  SOURCE  TERMS  -  LINEARIZED /FULLY  IMPLICIT  TREATMENT 


The  source  terms  in  SCHAFT  are  all  linear .zed 
and  treated  in  a  fully-implicit  manner  -  a 
detailed  description  of  the  treatment  of  the 
chemical  source  term.  i.,  is  provided  in 
ref.  21.  1 

4.3  Numerical/ Validation  Studies 

The  STUFF  PNS  code  has  concentrated  on 
hypersonic  external  aerodynamic  applications, 
with  validation  studies  [63]  emphasizing  the 
clean  air  chemistry  capabilities.  SCHAFT 
has  involved  an  extension  of  STUFF  for 
plume/propulsive  applications,  and  the 
validation  studies  performed  to  date  have 
included: 

(1)  Laminar  Premixed  H,/Air  Flame 

(2)  2D  Shear  Layers 

(3)  2D  Shock  Propogation  In  Duct 

( 4 )  2D  Shock  Induced  Combustion 

(3)  2D  CD  Nozzle 

(6)  3D  CD  Nozzle 

(7)  3D  Combustor/Nozzle 

(8)  2D/3D  Plumes 

Many  of  these  validation  studies  have 
involved  ’Level  1'  comparisons  with  predic¬ 
tions  made  utilizing  PARCH,  as  well  as  with 
earlier  PNS  codes  such  as  SCRINTX  IS.  17] 
and  SCRINT3DT  (20.  22).  While  PARCH,  and  its 
predecessors,  ARC  and  PARC,  have  a  long 
validation  history,  STUFF  is  a  new  code,  and 
our  extended  version,  SCHAFT.  has  been 
operational  for  less  than  1  year.  Hence, 
validation  to  date  has  been  limited  and  has 
emphasized  'Level  l*  comparisons,  some  of 
which  will  be  briefly  summarized  below. 

<.4  2D  Shock  Propogation  in  Duct 

SCHAFT  can  run  in  an  Euler  mode  as  well 
as  a  PNS  mode  and  a  numerical  study  of  a 
simple  2d  shock  propogation  problem  is 
presented  and  compared  with  SCRINTX  results 
in  Figure  24.  The  conditions  and  grid  for 
this  perfect  gas  calculation  are  described 
below,  along  with  a  comparison  of  predicted 
pressures  along  the  upper  and  lower  duct 
walls.  Results  of  the  two  codes,  both 
implementing  second-order  Roe  upwind  numerics, 
are  in  good  agreement,  with  the  SCHAFT 
predictions  showing  somewhat  crisper  waves. 
Comparisons  of  pressure  contours  for  this 
case  more  clearly  exhibit  the  superior 
shock-capturing  characteristics  of  SCHAFT 
which  utilizes  an  iterative,  finite-volume 
discretization  in  comparison  to  the  non-iter¬ 
ative  finite-difference  discretization 
utilized  in  SCPINTX. 

4.3  Shock-Induced  Combustion 

A  solution  of  flow  in  the  same  duct 
with  the  same  grid  as  the  previous  case  is 
shown  in  Figure  23,  where  the  approach  flow 
now  contains  two  uniform  streams  -  a  lower 
H,  stream,  and  an  upper  air  stream  both  at 
the  same  pressure  (.1  atm),  temperature  (750 
•K),  and  Mach  number  (M  -  2.9).  The  initial 
temperature  and  pressure  levels  are  too  low 
for  combustior  to  ignite  the  initial  shear 
layer.  The  shock  emanating  from  the  lower 
compression  surface  is  sufficient  to  initiate 
combustion  as  shown  in  the  temperature 


contours  and  the  water  contour  of  Figure  26. 
Combustion  initiates  when  the  shock  pene¬ 
trates  the  Hj/air  shear  layer.  SCHAFT 
performed  this  analysis  with  a  7  species/ 8 
reaction  representation  of  the  H/O  chemistry. 
H,  contours  serve  to  indicate  the  extent  of 
the  shear  layer  -  notice  the  very  crisp 
response  of  the  shear  layer  streamlines  to 
wave  interactions.  H,o  contours  clearly 
indicate  the  combustion  process  and  its 
onset  just  downstream  of  where  the  shock 
from  the  lower  wall  penetrates  the  shear 
layer . 

6.4  SCHAFT  Analysis  of  3D  Coabustor/Hozzle 

Problem 

SCRINT3DT  calculations  (22]  were  per¬ 
formed  earlier  using  first  order  Roe  upwind 
numerics.  Attempts  to  analyze  this  problem 
using  second  order  upwind  numerics  failed. 
The  Beam-Warming  second  order  central-dif¬ 
ference  run  option  was  not  sufficiently 
robust  to  deal  with  the  t hocks  generated  by 
the  underexpanded  jets  wh  .le  the  ad  hoc  real 
gas  Roe  upwind  formulatio  l  would  not  operate 
with  second  order  accur:  „y •  The  SCRINT3DT 
calculation  could  NOT  be  started  from  the 
initial  data  plane  'top  hat’  profiles.  The 
solution  was  initiated  1  duct  height  down¬ 
stream  with  profiles  provided  b v  a  PARCH  NS 
solution  (the  complete  PARCH  rolution  for 
this  case  is  described  in  refs.  8  and  28). 
The  first  order  SCRINT3DT  result!  were  found 
to  be  overly  diffusive,  and  flux/  species 
conservation  was  not  satisfactory.  To  exhibit 
that  the  fluid/chemistry  matrix  split  coup¬ 
ling  in  the  Roe  formulation  was  the  source 
of  the  problems  encountered  by  SCRINT3DT. 
the  calculation  had  been  repeated  with 
air/air  mixing  (perfect  gas)  using  second 
order  Roe/TVD  numerics.  It  was  found  that 
the  calculation  could  be  initiated  at  x"-o 
and  flux  balances  were  excellent  (see  ref. 
22  for  details). 

The  SCHAFT  analysis  of  this  flowfield 
(Fig.  28)  was  extremely  promising.  The 
calculation  could  be  started  from  'top  hat’ 
profiles  at  x“0  and  no  problems  were  encoun¬ 
tered  using  the  second  order  Roe/TVD  numer¬ 
ics.  Contours  in  a  vertical  plane  passing 
through  the  center  of  the  inner  H,  jet  are 
shown  in  Fig.  29.  This  plane  initially 
exhibits  more  of  a  2D  like  solution.  The 
initial  growth  of  the  Hj/air  shear  layer  is 
depicted  in  the  temperature  contours.  The 
pressure  contours  exhibit  the  underexpansion 
shock  propogating  outward  from  the  jet  and 
the  Prandtl-Meyer  fan  propogating  inward. 
Figure  30  exhibits  SCHAFT  cross-flow  con¬ 
tours  of  H,0  at  planes  x=5 ,  10,  and  15. 
Note  the  deformation  of  the  original  square 
shapes  by  the  expansion  waves  emanating  from 
the  upper  wall  and  side  wall.- 

6.4  Ax i symmetric  Underexpanded  Plume 

The  calculation  simulated  a  uniform 
Mach  2,  hot  (T  -  7000  »K) ,  underexpanded  air 
jet  exhausting  into  a  uniform  Mach  S  exter¬ 
nal  air  stream  (p,/p„  *,  10/1).  a  relatively 
crude  grid  was  eriplojed  for  this  jet  inter¬ 
action  calculation  with  50  radial  grid 
points  extending  from  the  axis  to  upper 
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boundary  (r/r.  »  3),  and  an  axial  step  size 
of  ax  *  .1  t,  employed  (where  r,  is  the 
nozzle  exit  radius) .  With  this  crude  grid, 
a  step-like  initial  profile  at  the  nozzle 
exit  plane,  and  no  special  treatment  of  the 
lip  interaction  region  or  the  Mach  disc 
region,  the  results  exhibited  in  Figure  31 
were  obtained.  With  twice  the  grid  resolu¬ 
tion,  the  nearfieid  pressure  contours  shown 
in  Figure  32  were  obtained  which  show  a 
clear  definition  of  the  lip  Prandtl-Meyer 
expansion  fan,  the  barrel  and  reflected 
shocks,  and  the  plume  underexpansion  shock. 
The  upper  boundary  at  r/rj  -  5  is  'non- 
reflective'  and  permits  wades  such  as  the 
plume  underexpansion  shock  to  pass  out  of 
the  computational  domain  with  no  reflec¬ 
tions.  The  improvement  provided  by  enhanced 
nearfield  grid  resolution  is  readily  evident 
by  the  prassure  variations  along  the  plume 
centerline,  also  shown  in  Figure  32. 

A  series  of  calculations  for  3D  square 
and  rectangular  plumes  are  described  in 
refs.  20,  24  and  25.  For  3D  problems,  a 
cross-flow  adaptive  grid  is  required  which 
conforms  to  the  evolving  plume  shape  -  such 
adaptive  gridding  will  be  added  to  SCHAFT  in 
the  near  future.- 

CONCLUDING  REMARKS 

Significant  progress  towards  analyzing 
3D  tactical  missile/  exhaust  plume  interac¬ 
tion  flowfields  has  been  made  using  the 
PARCH  NS  code.  Current  capabilities  provide 
for  the  analysis  of  complete  3D  interactive 
flowfields  with  finite-rate  chemistry  and 
equilibrated  multi-phase  flow.-  Efforts  are 
now  concentrated  on  grid  generation  for 
protruding  nozzles  and  for  missile  wings/ 
fins.  Two-equation  turbulence  models.,  such 
as  kr,  are  now  operational  in  PARCH.  Their 
calibration  and  upgrade  for  complex  3D, 
compressible  flows  requires  detailed  and 
systematic  comparisons  with  available  data. 
Such  work,  as  well  as  the  upgrade  of  multi¬ 
phase  flow  capabilities  to  provide  for 
gas/particle  nonequilibrium  effects.  is 
envisioned  for  the  near  future.  PARCH  has 
incorporated  chemistry  using  a  matrix-split 
formulation  which  works  effectively  and 
efficiently  with  central-difference  numerics, 
but  not  with  Roe/TVD  upwind  numerics. 
Modifications  to  PARCH  to  make  the  chemistry 
consistent  wth  the  Roe/TVD  formulation  are 
in  progress  which  will  employ  a  strongly- 
coupled.  large  matrix  formulation. 

The  SCHAFT  PNS  code  has  such  a  strongly- 
coupled  chemistry  formulation,  which,  along 
with  its  finite-volume  numerics,  provides 
very  accurate  results  and  extremely  robust 
performance.  SCHAFT  has  run  all  the  calcula¬ 
tions  described  in  an  effortless  manner 
without  the  need  to  include  special  start-up 
procedures,  or,  to  pack  grid  points  m 
regions  of  extreme  gradients.  Clearly, 
adaptive  gridding  will  greatly  improve  the 
accuracy  of  the  calculations  described,  but 
'robustness'  problems  were  never  encountered 
-  a  statment  we  cannot  make  about  any  previ¬ 
ous  spatial  marching  PNS  code  we  have  ever 
worked  with.  SCHAFT  operates  in  both  a  2D 


(planar  or  axisymmetric)  or  3D  mode,  pres¬ 
ently  includes  finite-rate  chemistry,  two- 
equation  turbulence  models,  and  generalized 
implicit  boundary  conditions.  Its  excellant 
performance  to  date  clearly  warrants  itB 
application  to  supersonic/  hypersonic  missile 
aerodynamic  and  plume  propulsive  flowfield 
problems  and  we  p)an  to  use  it  for  such 
purposes  in  upcoming  programs. 
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fig-  *:  Axial  Pressure  Distribution  ror 
Back  and  Cuffel  Nozzle. 


Fig.  10:  Centerline  Temperature  Variations 
for  Solid  Propellant  Rocket  Nozzle 
Prediction. 
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Fiq.  11:  Contours  for  Solid  Propellant 
—  Rocket  Nozzle  Calculation  with  1 

Size  Groups. 


Pig.  11:  Schematic  of  Bifurcated/Scarfed 
Nozzle  Canted  at  an  Angle  p  Rela¬ 
tive  to  the  Missile  Axis  (from  Ref. 
63  .)  . 
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P.R.  Blgnell,  Chairman 

So  we  are  on  the  last  lap  of  this  conference  with  a  substantial  time  alio  ted  for  discussion.  In  the 
programme,  you  will  see  reference  to  the  Round  Table  Discussion  after  the  remarks  by  the  Tecnnical 
Evaluator.  That  isn't  strictly  what  will  happen;  it  won't  be  a  Round  Table  Discussion  in  the  true  sense, 
it  really  is  a  free-for-all.  For  those  of  you  who  went  to  Trondheim,  the  discussion  was  done  slightly 
differently  there  in  that  the  session  chairmen  played  a  major  part  in  the  Round  Table  Discussion,  it  was  a 
genuine  Round  Table  Discussion.  I  would  have  expected  three  of  the  session  chairmen  to  be  here, 
unfortunately  one  of  them  has  had  to  go,  Mr.  Lacau.  But  there  were  two  other  session  chairmen  from 
Trondheim,  Prdfessor  G*rsten  and  our  Technical  Evaluator.  As  I  said  on  Monday,  we  were  all  sorry  that 
Jack  Nielsen  had  to  pull  out  only  a  week  or  so  ago.  It  was  a  bit  of  a  problem  for  me  for  about  5 
minutes.  I  walked  into  the  office  next  door  to  mine  and  spoke  to  Paul  Herring  and  as  he  was  coming  to 
Friedrichshafen  I  asked  him  if  he  would  be  prepared  to  take  cn  this  job,  which  he  readily  agreed  to  do.  I 
was  extremely  grateful,  as  you  can  imagine  given  that  sort  of  notice  but  I  was  aware  that  Dr.  Nielsen  had 
been  unwell  for  6om<*  considerable  time.  Anyway,  Paul  is  a  colleague  of  mine,  has  been  for  some  25  years 
or  so,  during  which  he  has  worked  solely  really  in  missile  aerodynamics.  So  he  is  well  able  to  comment  on 
a  Symposium  entitled  "Missile  Aerodynamics".  He  has  worked  in  the  Guided  Weapons  Division  of  what  was 
Bristol  Aircraft  Ltd,  which  then  became  British  Aircraft  Corporation  and  finally  British  Aerospace,  and  he 
is  now  head  of  an  Aerodynamics  Department  within  the  Corporate  Research  Center  of  British  Aerospace  in 
Bristol.  He  has  presented  AGARD  papers,  as  you  well  know,  he  presented  one  this  week,  papers  at  AIAA 
meetings  on  missile  aerodynamics  and  for  those  of  you  yesterday  afternoon  who  were  still  <*wake,  and  quite 
a  lot  of  you  were  awake  when  Mr.  Delery  was  speaking,  you  will  have  noticed  that  Paul  is  a  member  of  the 
GARTEUR  Action  Group  09  on  flows  past  missile  afterbodies.  While  you  have  all  been  enjoying  yourselves 
during  the  evenings,  out  on  the  town  as  it  were,  Paul  has  been  locked  away  In  his  hotel  room.  He  has 
missed  all  the  functions ,  the  boat  trip,  the  jazz  band,  this  is  what  I  believe,  I  don't  really  know,  while 
he  has  been  preparing  his  comments  for  you.  Without  more  ado,  I  will  ask  Paul  to  give  you  his  evaluation. 

P.G.C.  Herring,  British  Aerospace 

I  want  to  start  by  saying  that  I  am  very  much  aware,  and  I  think  more  aware  than  anybody  sat  down  there, 
that  I  am  here  standing  in  for  Jack  Nielsen,  Mr.  Missile  Aerodynamics  himself.  There  is  no  way  that  I  can 
compete  either  in  physical  or  mental  stature  with  Jack.  I  know  that  if  Jack  was  doing  this  technical 
evaluation  all  of  his  remarks  would  be  technically  sound,  they  would  be  extremely  perceptive  and  they 
would  be  honest.  All  I  can  promise  is  that  my  remarks  will  be  honest.  One  of  the  nice  things  about  AGARL 
meetings  is  the  fact  that  they  bring  together  people  who  are  working  in  a  common  field.-  Those  of  you  who 
attended  this  meeting  and  other  meetings  will  knew  that  a  lot  of  the  technical  discussions  and  information 
exchange  takes  place  outt’de  this  hall,  be  it  la  the  room  out  there,  over  in  the  lunch  hall,  or  even, 
runor  has  it,  in  the  local  bars  and  cafes.  That  to  me  is  one  of  the  most  useful  and  interesting  parts  of 
a  meeting  like  this. 

Turning  to  what  has  been  happening  inside  these  four  walls,  I  have  been  generally  very  impressed  with  the 
very  high  standard  of  presentation  of  the  papers.  I  don't  think  we  have  had  a  bad  presentation  all  week. 

I  would  like  to  congratulate  all  the  speakers.  One  comment  1  would  like  to  make  before  I  actually  go  on 
to  the  technical  evaluation  is  about  the  human  brain.  You  may  know  tha,  the  human  brain  is  a  marvelous 
piece  of  machinery.  It  starts  working  a  couple  of  weeks  after  conception  and  continues  functioning  until 
the  moment:  that  you  stand  up  to  talk  in  public.  Bearing  that  in  mind,  I  shall  start  ay  evaluation.. 

On  the  green  card  that  we  received  announcing  this  meeting,  the  stated  purpose  of  this  symposium  is  to 
review  current  progress  and  achievements,  highlight  outstanding  problems  and  establish  pointer-  for 
planning  future  research  programs.  Ihat  is,  a  follow-on  from  the  1982  meeting  which  was  held  in  Trondheim.; 

At  the  end  of  the  1982  meeting,  as  you  heard,  we  had  a  Round  Table  Discussion  and  I  have  selected  half  a 
dozen  topics  which  came  out  of  that  Round  Table  Discussion,  and  I  want  initially  to  see  if  we  have 
achieved  any  of  the  aims  that  were  raised  at  that  RTD.  One  of  the  points  that  was  raised  in  Trondheim  was 
that  exact  prediction  methods  are  beginning  to  account  for  the  major  flow  features  about  weapon 
configurations.  I  think  to  some  extent  that  statement  is  still  true,  though  obviously  we  ere  now  able  to 
account  for  more  of  those  features  and  some  of  the  minor  flew  features  So  in  that  sense  we  as  a 
community  have  made  a  lot  of  progress  over  the  last  8  years.  Tha  second  point  that  was  raised  was  that 
advanced  panel  methods  were  beginning  to  shew  promise  but  were  not  yet  ready  to  be  used  as  er^gineeriag 
tools.  That  Is  one  thing  that  we  con  definitely  cross  off  our  l4?".  Advanced  panel  methods  are  used 
day-to-day,  routinely  for  the  design  and  evaluation  of  missile  configurations..  The  next  point  that  was 
made  was  that  CFD  was  too  costly  in  terms  of  run  costs  and  set-up  time  to  be  used  on  a  day-to-day  basis., 

I  th\n«c  that  most  people  would  agree  that  this  ie  still  true.  I  think  that  it  will  be  so  for  a  long  tioo 
to  come.  A  further  point  that  was  made  is  that  we  needed  to  undertake  trade  off  Studies  between 
aerodynamics  and  stealth  requirements.  1  have  no  doubt  that  such  studies  have  been  taking  place,  but 
obviously  for  security  reasons,  one  can  imagine  that  those  studies  won't  be  discussed  at  a  meeting  like 
this.  Those  of  you  who  were  in  Trondheim  in  1982  will  remember  that  during  tue  Round  Table  Discussion 
there  were  some  fairly  heated  debates  about  the  usefulness  of  experimental  dstd;  semi-empirical  prediction 
methods  and  CFD  methods.  It  was  Jack  Nielsen  who  said  that  we  need  to  continue  to  develop  the 
computational  methods,  the  semi-empirical  methods  and  to  do  more  tests,  both  for  method  development  and 
validation.  It  is  good  to  see  that  in  this  conference  we  have  lots  of  new  cor  «.tational  methods,  new 
semi-empirical  methods  and  more  experimental  data.  Now  I  don't  intend  to  go  ‘  ^ugh  all  the  papers  that 
were  presented  this  week  and  give  a  assessment  of  each  paper.  What  I  have  it  divide  the  papers  of 
the  week  into  a  number  of  topic  areas.  Vhst  I  would  like  to  do  is  go  through  -nose  topics:.  In  addition 
to  those,  I  think  that  I  will  start  by  first  looking  at  the  three  papers  we  had  Monday  morning,  the  survey 
papers.  I  think  thst  people  would  generally  agree  that  those  three  survey  papers  were  very  interesting 
and  very  informative.  But  a  couple  of  points  on  each  of  them.  In  Mr.  Lacau's  paper  he  concentrated  on 
the  evaluation  of  missile  aerodynamics  using  computational  methods. 
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The  thing  that  surprised  me  is  that  he  didn't  mention  Navier-Stokes.  Mr,  Lacau  seemed  co  indicate  that 
the  future,  perhaps  as  far  as  Aerospatiale  is  concerned,  lies  with  the  Euler  solvers,  Barry  Haines  gave 
an  excellent  overview  of  the  Bath  conference,  I  wasn't  at  the  Bath  conference,  but  talking  to  people  who 
were  there,  I  understand  he  gave  a  very  fair  and  very  full  overview  of  what  went  on.  He  showed  some  very 
impressive  viewfoils  from  that  conference  showing  CFD  solutions  for  very  complex  stores  installations  and 
the  installation  of  the  multiple  stores  on  the  F-15  was  a  very  good  example  of  that.  I  wonder  how  often 
you  can  actually  grid  up  a  configuration  like  that  for  aerodynamic  assessment?  One  comment  that  Barry 
made  that  came  from  that  conference,  which  I  think  ought  to  be  borne  in  mind,  is  the  point  that  we  can  use 
CFD  as  a  guide  to  good  design.  Howard  Torode  gave  us  some  comments  on  the  conference  that  was  held  a 
couple  of  years  ago  in  Ankara.  One  of  the  points  that  he  made  is  that,  at  the  Ankara  conference, 
aerodynamicists  were  concerned  that  although  they  bad  been  asked  to  produce  accurate  aerodynamic 
information  for  missile  configurations,  when  that  Information  is  used  by  the  system  engineers,  they  end  up 
putting  straight  lines  into  their  models  and  k  .  assured  us  that  that  system  was  r.ow  changing.  I  will 
believe  it  when  I  see  it.  Certainly  as  far  as  the  people  that  re  work  with  are  concerned,  the  aerodynamic 
models  that  they  use  in  their  simulation  studies  are  not  yet  capable,  as  far  as  I  know,  of  taking 
aerodynamic  data  as  detailed  as  we  could  provide.  The  other  point  that  Howard  made  was  on  unsteady 
aerodynamics  and  I  don't  think  that  we  as  a  community  have  looked  at  unsteady  aerodynamics  in  the  detail 
that  we  ought  to. 

Going  on  now  to  the  first  topic  on  ay  list,  Euler  methods.  This  was  to  me  a  disappointment.  There  were 
several  papers  which  described  the  same  problem,  that  is,  smooth  bodies  at  supersonic  speeds  and  the  use 
of  empirical  experimental  data  to  determine  how  and  where  the  flow  separates  from  a  smooth  body  at 
incidence  at  supersonic  speeds.  Nothing  was  presented  on  Euler  solutions  for  subsonic  and  transonic 
speeds.  This  is  an  area  where  the  couputational  methods  like  Euler  need  to  be  applied.  Because  of  the 
three  papers  that  we  had  which  discussed  supersonic  Euler,  all  basically  looking  at  the  same  problem,  some 
of  which  used  the  same  experimental  data,  1  wonder  to  what  extent  the  committee  who  selected  the  papers 
were  deceived  by  the  abstracts.  It  was  suggested  just  before  1  came  up  here  that  it  would  be  interesting 
to  do  a  correlation  between  what  appears  in  the  abstract  and  what  appears  in  the  paper.. 

It  seems  to  me  that  the  Euler  solution  can  be  used  at  supersonic  speeds  to  provide  good  estimates  of 
overall  forces  and  moments  for  some  configurations.  But  how  people  can  expect  non-viscous  codes  to 
represent  highly  separated  flows  in  the  lee  of  bodies  is  beyond  me.  I  will,  with  Mr.  Celery's  permission, 
quote  from  his  paper  where  he  was  talking  about  the  CARTEUR  Action  Group  activities.  Initially  the  Action 
Group  was  going  to  look  at  the  use  of  semi-empirical,  multi-component  and  Euler  methods  as  applied  to 
missile  afterbodies.  The  action  group  very  soon  decided  to  drop  the  Euler  activity,  because,  as  Mr. 

Delery  said,  "the  use  of  Euler  for  highly  separated  flows  is  science  fiction,  not  science".  One  of  the 
concerns  that  I  have  about  Euler  metnods  and  CFD  methods  in  general,  is  the  problem  of  grid  generation  for 
real  configurations.  Some  of  the  grids  that  Mr.  Lacau  showed  for  example  -  in  particular  for  the  complex 
airbreathing  configuration  -  obviously  took  a  considerable  amount  of  time  and  research  to  generate.  But 
in  my  experience,  particularly  at  sub-sonic  speeds,  it  is  often  the  small  features  of  a  configuration 
which  can  have  a  profound  effect  on  the  aerodynamic  characteristics.  X  remember  many  instances  of 
missiles  at  sub-sonic  speeds  for  example,  where  the  presence  of  a  launch  rail  can  produce  quite  profound 
changes  to  the  aerodynamic  characteristics.  If  we  are  going  to  use  CFD  methods  we  are  going  to  have  to 
represent,  through  the  grid,  those  small  excresences.  Are  we  going  to  be  able  to  do  that?  I  don't  know. 

Moving  on  to  the  Navier-Stokes  papers,  I  was  very  impressed  to  see  how  Navier-Stokes  is  uo;»  being  used  for 
practical  problems.  Navier-Stokes  obviously  has  a  tremendous  promise  for  the  future.  It  is  obviously  the 
future  of  CrD.  As  the  last  paper  this  morning  indicated,  Navier-Stokes  is  not  limited  by  the  alogritho, 
it  is  limited  by  the  computer  power  that  is  currently  available.  Because  Navier-Stokes  is  the  future,  we 
need  to  be  developing  the  Navier-Stokes  solvers  now  so  that  we  have  the  algorithms  available  when  the 
computers  become  available.  Those  computers  are  going  to  become  available  perhaps  a  lot  quicker  than  we 
think.  Computer  power  has  a  way  of  going  •  p  in  quantum  leaps.  Who  knows,  in  five  years  time  we  may  have 
a  hundred  times  the  computer  power  we  he  <*  available  now.  I  think  that  vs  need  to  be  ready  to  use  those 
machines  when  they  come. 

Going  on  to  general  comments  about  CFD,  I  think  that  we  need,  as  a  community,  to  use  CFD  sensibly.  The 
paper  by  Mike  Mendenhall  was,  if  you  like,  the  epitome  of  how  we  aa  a  missile  aerodynamics  community 
should  use  prediction  codes.  You  use  the  right  code  for  the  right  application.  If  you  can  use  a 
semi- empirical  code,  use  it;  if  you  have  to  go  to  a  panel  code,  use  it;  for  some  other  features  of  the 
flow  you  may  have  to  go  to  Navier-Stokes,  so  use  Navier-Stokes,  but  use  the  right  code  for  the  right 
application.  Again  I  go  back  to  the  comment  that  Barry  Haines  made  that  CFD  can  be  used  as  a  good  design 
guide  and  can  help  to  solve  some  specific  problems,  but  we  don't  want  to  2nd  up  using  CFD  in  a  blanket 
fashion;  it  is  not  cost  effective. 

Going  on  to  sere i-empiri cal  methods,  as  I  said  earlier,  it  ia  nice  to  see  that  semi-empirical  methods  are 
still  being  developed.  People  who  actually  are  involved  with  missile  design  realize  that  semi-empirical 

methods  are  always  going  to  be  used  in  the  same  way  that  the  experience  of  an  engineer  is  used.  An 

engineer  can  give  an  off-the-top-of-the-head  figure  for  an  aerodynamic  coefficient,  perhaps.  As  long  as 
there  are  missiles  we  are  going  to  have  semi-empirical  methods  because  chey  provide  basic  information  at 
minimum  cost. 

Some  of  the  methods  that  were  presented  were  fairly  naive.  I  was  particularly  concerned  with  the  Cornier 
paper.  They  are,  if  I  understood  correctly,  hoping  to  represent  the  load  oa  a  panel  as  a  fuuction  of  the 
zero  roll  argle  panel  load  and  roll  angle,  I  tried  this  myself  once  many  years  ago,  I  suspect  the  Nielsen 

organisation  may  have  tried  it  once  many  years  ago,  and  although  it  looks  attractive  initially,  I  think 

people  soon  realise  that  it  doesn't  work  and  you  have  to  start  using  the  now  well-known  equivalent 
angle-of -attack  approach. 


Going  to  the  experimental  papers,  it  is  obvious  that  there  are  still  many  problems  vhich  can  only  be 
investigated  in  the  wind  tunnel.  It  is  obvious  to  ne  from  the  papers  we  have  had  this  week  that  there  is 
currently  a  very  great  deal  of  care  and  attention  to  model  design  and  care  in  execution  of  experiments, 
that  the  experiments  and  tests  are  obviously  very  carefully  planned,  very  carefully  thought  out  and  have 
obviously  been  done  by  professionals.  This  is  something  that  is  good  and  necessary,  simply  because  of  the 
cost  of  wind  tunnel  teats  these  days.  It  is  nice  to  see  that  we  are  getting  such  high  quality  data  on  all 
sorts  of  things  from  the  papers  that  were  presented  by  ARA  and  the  more  recent  papers  we  have  had  on 
heating  for  example.  We  must  make  sure  that  we  are  just  as  careful  when  we  come  to  analyze  these  data. 

Coming  on  to  some  of  the  general  papers,  we  had  some  very  useful  reviews  and  descriptions  of  how  the  data 
that  we  as  a  community  provide  are  being  used  for  current  project  investigations.  It  is  nice  to  see  that 
the  prediction  methods  that  are  being  developed  are  actually  used.  That  is  something  that  we  need  to 
remember.  We  are  here  to  provide  methods  that  will  be  used. 

In  conclusion  I  vhink  that  what  I  would  like  to  end  with  is  a  concern  that  has  been  with  me  for  a  long 

time  in  that,  I  intimated  as  much  when  I  was  talking  about  Mike  Mendenhall's  paper,  we  need  to  be  aware  of 

what  is  available  both  in  terms  of  methods  and  experimental  data  and  that  those  tools  need  to  be  used 
sensibly.  You  don't  use  a  screw  driver  on  a  nut,  you  use  a  spanner.  In  the  same  way  we  need  to  use  the 
right  prediction  tool  for  the  right  application.  That  application  and  the  tool  is  determined  by  factors 
such  as:  -  how  accurate  do  we  need  the  solution  to  be;  -  how  much  money  have  we  got  available  to  find  that 
solution;  how  quickly  do  we  need  that  solution;  -  how  many  times  are  we  going  to  require  that  particular 
information  for  however  many  configurations. 

So  in  summary,  generally  I  thought  the  conference  was  very  good,  very  informative.  The  big  disappointment 
to  me  was  the  Euler  sessions,  and  the  fact  that  all  those  papers  was  so  similar  was  a  surprise  to  me  and  I 

hope  that  it  was  a  surprise  to  the  Panel  who  selected  the  papers.  If  the  papers  were  selected  in  that 

fashion  deliberately,  I  must  say  that  I  am  disappointed.  Finally,  I  would  like  to  end  by  saying  that  we 
all  come  here  to  learn  by  listening  to  presentations,  exchanging  views,  discussions,  even  being  shot  down 
in  flames  occasionally,  it  all  helps,  we  learn  from  our  mistake*.  Finally,  I  remind  people  why  we  are 
here.  We  are  here  as  an  aerodynamic  community  to  develop  aerodynamic  prediction  techniques  which  are  used 
to  design  more  effective  weapon  systems.  We  are  not  here  to  sit  around  playing  with  interesting  problems, 
we  are  here  to  provide  solutions  to  real  problems  which  will  Increase  the  effectiveness  of  weapons  systems 
and  our  work  must  have  a  practical  application  and  with  that  I  would  like  to  finish. 

P.R.  Blgnell,  Chairman 

Thank  you  very  much,  Paul,  for  that  evaluation.  I  had  in  fact  made  an  additional  list  of  6  points  which 
have  already  been  covered  in  the  evaluation  and  it  would  only  be  a  complete  waste  of  time  to  add  to  what 
has  already  been  suggested.  So  really,  now  it  is  over  to  you.  I  would  ask  that  because  this  session  is 
being  recorded,  it  will  be  included  in  the  Conference  Proceedings,  you  must  give  your  name  and  affiliation 
when  you  speak.  The  session  is  now  open  for  discussion. 

D.S.  Woodward,  RAE 

I  might  take  issue  with  Mr.  Herring  slightly  on  his  comments  over  Navier-Stokes.  I  think  it  is  not  true 
to  say  that  the  application  of  Navier-Stokes  is  limited  solely  by  the  power  of  the  computers  that  are 
available,  theie  is  a  very  fundamental  problem  with  the  application  of  Navier-Stokes  and  that  is  the 
turbulence  modelling  that  is  incorporated  in  those  codes.  We  are  going  to  have  a  technical  status  review 
this  afternoon  on  the  state  of  turbulence  modelling,  but  I  think  it  is  fair  to  say  that  there  is  no 
turbulence  model  currently  available  on  which  one  can  rely  to  provide  accurate  calculations  of  the  flow, 
particularly  when  the  flow  is  partially  separated.  I  think  there  is  a  very  fundamental  advance  that  we 
need  to  make  before  we  can  take  advantage  of  any  advance  in  computer  power  that  may  come  in  the  future.- 
The  two  things  need  to  go  together. 

P.G.C.  Herring,  British  Aerospace 

One  of  the  things  that  I  think  I  said  was  that  we  need  to  develop  the  algorithms  including  the  turbulence 
models  so  that  they  are  available  for  use  on  real  problems  when  the  computing  power  is  available.  I  agree 
there  are  areas  where  we  have  got  to  Improve  the  algorithms.  We  need  to  develop  the  algorithms  and  not 
wait  until  the  computers  which  will  enable  them  to  be  used  become  available. 

K.  Gersten,  Univ.  Bochum 

I  would  like  to  clarify  something  about  the  nomenclature.  Navier-Stokes  -  I  saw  from  the  papers  that  most 
of  these  Navier-Stokes  codes  were  actually  not  Navier-Stokes,  not  full  Navier-Stokes  bnt  more  partially 
parabolized  Navier-Stokes,  so  in  principle,  these  are  hidden  boundary  layer  equations  really  because  you 
parabolize  these  equations  so  I  wonder  why  people  are  afraid  to  use  the  word  boundary  layers.  We  have 
learned  about  boundary  layers  for  about  80  years  or  sc  and  Euler  methods  are  of  any  value  only  in 
combination  with  boundary  layer  equations  to  get  the  separation  line  etc.  I  think  Euler  methods  per  se, 
are  not  of  any  value  except  when  you  combine  them  with  boundary  layer  equations  or  any  other  equations 
where  the  viscous  effect  comes  into  play.  I  would  like  to  see  more  of  the  fundamental  work  on  boundary 
layers  applied  to  even  more  complicated  three-dimensional  flows.  In  the  list,  boundary  layer  methods 
would  be  very  good  to  see. 
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P.R.  Binnell.  Chairman 

While  you  are  giving  the  microphone  to  Prof.  Lilley,  perhaps  1  could  ask  a  question  myself  on  Euler 
methods,  that  is  the  application  of  Euler  methods  to  missile  aerodynamics.  I  am  somewhat  puttied  at  the 
level  of  agreement  there  seems  to  be  between  Euler  methods  and  experiment,  but  1  wonder  if  we  have  got  a 
situation  here  where  two  wrongs  are  making  a  right,  where  you  may  well  have  deficiencies  in  the  equations 
in  the  Euler  equations  being  combined  with  deficiencies  in  the  numerical  schemes  and  the  overall  result  in 

that  you  get  good  agreement.  I  would  like  somebody  to  tell  me  if  that  is  true  or  not.  If  it  is  true  it 

suggests  that  you  are  getting  good  agreement  for  the  wrong  reasons. 

G.M.  Lilley.  Unlv.  of  Southampton 

Mr.  Chairman,  you  have  more  or  less  stated  one  of  my  questions.  My  first  question  however,  is  in  the  form 
of  a  statement.  It  is  a  minor  point,  and  it  is  one  in  which  I  would  not  wish  it  to  be  seen  that  I  am 

making  any  criticism  on  all  of  the  excellent  computations  that  have  been  presented  at  this  conference 

under  the  name  Navier-Stokes.  My  statement  is  that  it  is  wrong  to  call  these  solutions  of  the 
Navler-Stokes  equations;  they  are  solutions  of  the  Reynolds  averaged  Navier-Stokes  equations,  which  were 
referred  to  some  years  ago  as  RANS,  Reynolds  Averaged  Navier-Stokes  equations.  I  would  suggest  it  is 
better  to  use  this  notation  and  would  avoid  any  confusion  with  the  very  large  computing  power  that  is 
available  today  one  can  obtain  at  low  Reynolds  numbers  the  full  simulation  of  the  Navier-Stokes  equations 
and  such  solutions  involve  none  of  the  approximateions  and  simplifications  associated  with  RANS.  If  ir 
future  meetings  we  are  going  to  refer  to  these  solutions  from  full  simulation  cr  from  large  eddy 
simulation  (LES)  there  will  be  confusion  if  they  are  to  be  compared  also  with  Navier-Stokes  solutions 
which  are  strictly  Reynolds  averaged  Navier-Stokes  solutions.  At  this  meeting  as  far  as  I  am  aware,  the 
solutions  presented  have  been  from  the  Reynolds  averaged  Navier-Stokes  equations.  The  second  point  is  the 
point  that  Chairman  has  just  made  with  regard  to  the  problems  of  numerics.  Here  1  would  just  like  to 
remind  the  audience  that  at  the  Stanford  Conference  in  1980-81  we  attempted  the  comparison  between 
calculations  made  on  the  various  turbulence  models  for  complex  turbulent  flows  and  good  reliable 
experimental  data.  Let  me  remind  the  audience  here  that  the  complex  turbulent  flows  that  we  were 
concerned  with  at  the  Stanford  meeting  were  very  much  simpler  than  some  of  the  very  complex  flows  that  we 
have  at  this  meeting  with  missiles  incorporating  wing  body  interference,  tnin  wing  and  tall/fin 
Interference.  All  of  these  are  much  more  complex  than  treated  at  the  Stanford  meeting.  At  that  meeting 

it  was  very  difficult  to  see  in  many  cases  the  differences  between  one  turbulence  model  and  another 

because  in  the  main  the  solutions  suffered  from  numerical  inaccuracies,  centered  on  a  lack  of  grid 
independence  and  problems  associated  with  numerical  diffusion.  Earlier  in  this  meeting  I  made  the  point 
that  Indeed  in  many  of  the  calculations  presented  here  a  lot  of  numerical  diffusion  has  been 
incorporated.  Thus,  when  a  certain  turbulence  model  is  employed  it  is  easy  to  miss  the  differences 
between  using  one  type  of  turbulence  model  such  as  an  algebraic  stress  model,  k-epailon,  or  full  Reynolds 
stress  equation  model  from  another  if  strong  numerical  diffusion  is  present.  Some  of  it  of  course  is  grid 

generated,  some  of  it  is  by  the  numerical  algorithm  used.  J  stress  that  it  is  important  to  make  full  use 

of  the  power  of  the  computers  we  have  today  in  obtaining  accurate  solutions  of  the  Reynolds  averaged 
Navier-Stokes  equations  with  the  current  turbulence  models.  Thic  will  enable  us  to  see  more  clearly  the 
deficiencies  in  these  models  and  will  assist  in  the  development  of  improved  turbulence  models,  which 
address  more  adequately  the  physics  of  turbulence.  A  review  of  current  turbulence  models  is  being 
discussed  this  afternoon. 

W.  Schmidt.  Pornler 

I  would  like  to  come  back  to  the  question  that  Mr.  Woodward  raised  earlier.  I  am  a  little  bit  concerned 
about  the  fact  that  in  many  cases  the  matter  of  the  turbulence  models  is  not  the  real  problem.  The  very 
bad  resolution  of  the  flow  physics  due  to  coarse  meshes  and  due  to  the  high  numerical  viscosity  is  the 
real  problem.  It  might  not  be  a  matter  of  having  the  best  turbulence  model  in  the  first  place  since  we 
are  lacking  many,  many  other  things.  Many  people  just  use  the  turbulence  model  as  an  umbrella  for  all 
those  things  they  do  not  understand  when  they  do  real  practical  applications.  The  second  argument  was 
along  with  Mr.  Geraten.  If  you  use  large  computers  tbe  most  efficient  way  to  incorporate  boundary  layer 
methods  in  Euler  methods  is  to  use  the  parabolized  Navier-Stokes  equations. 

J.  Slooff,  NLR 

A  change  of  subject,  Mr.  Chairman,  if  you  will  allow  me.  The  technical  evaluator  very  briefly  mentioned 
the  fact  that  very  little  attention  was  paid  to  unsteady  effects  at  this  meeting.  It  Is  my  impression 
that  Increased  manoeuvrability  or  agility,  at  least  for  certain  classes  of  missiles,  Is  something  that  is 
being  pursued  fairly  strongly.  Therefore,  that  raises  the  question  of  whether  or  not  we  should  pay  more 
attention  to  time  accurate  simulation  of  flowfieldc  about  missiles  both  computationally  as  well  as 
experimentally.  I  wonder  whether  somebody  from  the  missile  conznunitv  would  comment  on  that  and  perhaps 
give  sene  indications  in  particular  for  what  sort  of  experimental  means  that  they  would  hope  to  be 
available  for  that  purpose  in  the  future. 

P.R.  Blgnell,  Chairman 

Anybody  want  to  comment  on  that?  I  believe  that  at  the  Missile  Aerodynamics  Conference  that  was  organized 
to  celebrate  Jack  Nielsens  70th  birthday  in  1988  there  was  quite  a  lot  of  discussion  on  unsteady 
aerodynamics.  This  is  one  of  the  points  that  I  wanted  to  raise  here  that  we  have  had  very  little  on 
unsteady  aerodynamics  and  I  wonder  if  there  Is  some  sort  of  scope  for  having  a  meeting  in  the  not  too 
distant  future  covering  that  aspect  of  missile  aerodynamics,  looking  at  unsteady  aerodynamics,  dynanic 
effects,  aeroelasticity,  etc. 
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M.  Mendenhall  r  Nielsen  Engineering 

Joop,  I  think  that  you  hit  upon  the  problem.  We  are  all  trying  to  stick  our  heads  in  the  sand  and  avoid 
unsteady  aerodynamics  because  it  is  a  difficult  problem.  We  at  HEAR  have  been  trying  to  use  the 
engineering  methods  to  look  at  unsteady  aerodynamic  and  hydrodynamic  effects,  in  particular,  long  slender 
bodies  going  through  rapid  pitching  manoeuvers.  What  we  are  finding,  interestingly  enough  sox.:  of  It  has 
been  published,  some  of  it  hasn't,  is  that  the  vortex  shedding  effects  in  unsteady  motion  are  critical  to 
ihe  non-linear  aerodynamics.  We  have  seen  some  very  interesting  effects  of  unsteady  vortex  shedding 
induced  effects  on  control  fins.  There  is  almost  no  data  for  us  to  compare  with,  but  what  we  have  seen  is 
«  reversal  of  the  hysteresis  loop  for  the  fin  normal  force  as  a  function  of  changing  angle  in  a  steady 
pitching  aanoeuver.  1  don’t  know  if  this  is  correct  or  not,  but  if  it  is,  it  tws  great  implications  on 
the  design  of  control  systems.  We  are  also  doing  some  work  which  Marnix  could  probably  talk  about  better 
than  I.  He  is  looking  at  unsteady  effects  of  sea  skimming  missiles  flying  at  low  altitudes,  essentially 
flying  over  a  wavy  wall,  if  you  will,  and  some  of  the  dominant  non-linear  effects  that  can  occur  there.  I 
think  that  the  problem  in  my  work  in  the  last  number  of  years  in  unsteady  aerodynamics  and  hydrodynamics 
of  missiles  and  submersible  bodies  is  the  problem  that  there  are  no  data  available  to  find  out  if  what  we 
are  calculating  makes  any  sense.  You  can  calculate  a  lot  of  things.  You  turn  on  the  code,  and  as  they 
say,  if  it  doesn't  blow  up  the  answer  is  right.  I  think  we  all  realize  that  is  not  true.  I  think  that 

what  we  need  to  do  is  to  get  some  people  interested,  and  we  need  to  get  3ome  data  together  to  evaluate 

some  of  these  unsteady  methods. 

M.F.E.  DllleoluB,  Nielsen  Engineering 

Our  dear  VP  mentioned  my  name,  so  I  would  like  to  say  that  in  the  application  to  missiles  the  aspect  of 
unsteady  aerodynamics  will  become  intimately  coupled  with  resonances  or  the  frequencies  of  the  structure 
and  the  automatic  pilot  and  that  we  are  finally  getting  down  to  where  you  have  to  have  the  aerodynamicist 
and  the  system  guy  come  together  and  understand  the  problem.  The  thing  of  it  is  that  the  natural 
frequencies  Influence  one  another  and  will  affect  the  final  performance  of  the  whole  thing  and  that  is,  as 

a  natler  of  fact,  the  mispile  engineer's  nightmare.  That  is  why  during  one  of  the  talks  we  listened  to 

describing  a  Navier -Stokes  solution  1  popped  up  the  question  that  maybe  it  is  important  that  you  consider 
the  unsteady  aspects.  At  NASA  Ames  they  show  big  differences  in  the  transonic  range,  the  shock  formation 
can  be  quite  different  and  Introduce  frequencies  again  that  you  miss  when  you  do  it  in  time  asymptotic 
solution.  The  costs  are  horrendous,  and  is  it  right?  I  don't  know.  Experiments  and  tests  are  just  as 
important  today  in  view  of  th4t.  unsteady  problem  that  we  are  faced  with  next.  So  don't  forget  the  tests 
and  experimentation.  What  .o  do?  I  don't  know  how  you  do  experimentation  for  unsteady  effects. 

P.R.  Blgnell,  Chairman 

Could  I  ask  Dr.  Orllk-Ruckemann  to  consider  making  a  comment.  I  am  surprised  he  has  not  stood  on  the 
table  waiting  to  get  in  on  this. 

Dr.  R.  Otllk-Ruckenann,  NAE 


I  am  rather  on  the  production  end  of  all  those  aerodynamic  data,  not  a  person  who  applies  them,  and  before 
1  say  how  you  can  get  them,  let  me  pose  a  question  to  people  who  actually  use  aerodynamic  data  for 
predicting  stability  and,  generally  speaking,  behavior  cf  missiles.  Research  of  this  nature  is  often 
driven  by  a  documented  need  and  in  the  aircraft  community  we  have  had  cases  where  there  was  clear  evidence 
that,  if  you  do  not  Include  seme  non-linear  and  unsteady  effects,  the  correct  prediction  of  an  aircraft 
manoeuver  at  high  angles  of  attack  and  high  rates  of  motion  was  not  a  very  precise  procedure.  I  wonder 
whether  anybody  here  has  had  any  experience  with  predicting  missile  behavior  under  such  conditions  and 
whether  he  could  point  out,  without  necessarily  mentioning  what  missile  it  was  or  without  revealing  too 
many  details,  whether  there  were  any  large  discrepancies  between  the  predicted  behavior  and  the  actually 
observed  one. 


M.E.  DiUenlus,  Nielsen  Engineering 

It  just  so  happened  that  I  saw  a  bit  of  a  propaganda  tape  from  NASA  Ames.  They  show  calculations  done  for 
the  shuttle  fuel  tank  going  through  a  fairly  rapid .acceletation  through  the  transonic  range,  and  there  are 
appreciable  differences  because  of  the  shock  motion  and  the  wake  meting  back  and  forth  on  the  bottom  of 
the  tank.  That  is  one  example  that  I  can  think  of.  ’ 

W.B.  Brooka,  LTV 

I  don't  know  whether  it  is  just  personal  ignorance  or  not,  but  I  am  often  embarrassed  by  the  hinge  moments 
on  the  control  fins  measured  in  flight  as  opposed  to  those  measured  in  wind  tunnel. 

Dr.  K.  Orllk-Ruckemann,  NAE 

I  would  now  like  to  get  back  to  how  to  provide  unsteady  and  especially  non-lirear  uuteady  data.  Several 
speakers  have  mentioned  that  this  is  a  formidable  computational  problem  and  I  agree  with  that.  In  our 
laboratory  we  have  been  pursuing  experimental  methods  to  obtain  this  information  and  we  have  developed 
some  non-linear  types  of  experiments  with  an  associated  non-linear  method  of  representing  the  data 
obtained.  So  far,  this  has  never  been  applied  to  a  missile  configuration,  but  rather  to  a  wing  or  wing 
body  configuration,  and  it  consists  of  presenting  various  kinds  of  aerodynamic  data,  such  as  detailed 
pressures  as  well  as  forces  and  moments,  in  terms  of  the  various  motion  variables  and  their  time 
derivatives.  He  have  also  used  that  kind  of  data  obtained  experirentally  in  a  wind  tunnel  to  predict  the 
actual  free  behavior  of  a  model,  in  this  case  in  roll,  and  we  have  shown  that  there  was  a  very  good 
agreement  between  the  prediction  based  on  those  non-linear  data  and  a  free-to-roll  motion  of  the  same 
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model  la  the  seme  wind  tutnel.  When  standard  linear  data  were  used  Instead,  that  agreement  was  often 
rather  poor.  I  stress  that  this  was  for  a  particular,  rather  high,  angle  of  attack  of  35°  or  45°,  for 
a  large  amplitude  (up  to  40°)  and  also  high  frequency  (up  to  10  He)  motion  of  a  delta  wing  with 
approximately  2  foot  span.  I  am  still  looking  for  somebody  who  could  give  me  such  Information  regarding 
missiles. 

W.B.  Brooks,  LTV 


If  I  could  mix  the  two  topics  we  have  been  discussing,  and  maybe  someone  knows  the  answer  much  better  than 
I  do,  as  we  move  to  unsteady  solutions,  does  the  Reynolds  averaged  approach  break  down?  I  know  in 
fundamental  turbulence  measurements,  sometimes  the  averaging  process  takes  days,  which  we  generally  don't 
have  for  our  flow  fields. 

G.M.  Lllley,  University  of  Southampton 

In  general  it  is  accepted  that  solutions  of  the  unsteady  form  of  the  Reynolds  averaged  Navier-Stokes 
equations  will  be  correct  provided  the  frequencies  are  small  or  the  unsteady  time  is  long  compared  with 
the  turbulence  time  scales.  Unsteady  solutions  from  the  Reynolds  averaged  Navler-Stokes  equations  would 
be  applicable  In  finding  unsteady  derivatives,  etc. 

W.B.  Brooks,  LTV 

How  would  this  then  relate  to  subjects  such  as  the  last  paper  which  involved  chemical  reactions? 

S.M.  Dash,  SAIC 

No  Influence  if  the  chemistry  rates  are  still  representable.  The  same  comments  that  Dr.  Lllley  has  made 
should  apply  to  chemically  reacting  flowa.  We  do  typically  solve  unsteady  time  accurate  solutions  of  a 
large  number  of  chesilcally  reacting  flows  using  Reynolds  averaged  equations,  and  I  say  the  comment  does 
apply  to  those  flows  also. 

Dr.  K.  Orllk-Ruckemam,  NAE 

I  would  like  to  make  a  further  comment  regarding  the  unsteady  effects.  We  should  distinguish  between 
high-frequency  phenomena  which  affect  the  structural  and  control  responses  and  more  low-frequency 
phenomena  which  affect  the  dynamic  behavior  of  the  complete  missile.  In  this  second  case  It  should  be 
realized  that,  if  we  get  into  significantly  non-linear  situations,  the  standard  method  of  superimposing 
the  effects  of  various  motions ,  such  as  represented  by  the  stability  derivative  approach  (I  believe  there 
was  one  or  two  papers  on  that  In  the  meeting)  is,  strictly  speaking,  not  valid  any  longer.  In  fact,  it 
could  lead  to  substantial  errors.  So  It  Is  important  to  investigate  more  complex  motions,  not  just 
pitching  motions  and  rolling  motions  separately. 

J.B.  Berry.  Aircraft  Research  Association 

I  think  that  unsteady  effects  are  very  difficult  to  set  up  experiments  to  study  and  get  quantitative  data 
for.  But  I  think  where  the  experimentalist  can  help  is  getting  a  better  understanding  of  the  physics  of 
the  flow  processes  which  are  causing  the  unsteady  responses  and  here  I  think  non-intruslve  techniques, 
e.g.,  lasers,  for  flow  visualisation  and  flowfield  surveys  are  going  to  be  much  more  important  from  now  on. 

P.R.  Blgnell,  Chairman 

Mr.  lacau  on  Monday  was  talking  about  accuracy, 
center  of  pressure  to  within  half  a  caliber  hut 
within  a  quarter  of  a  caliber,  but  is  that  good 
would  need  to  get  even  more  accurate  than  that, 
comment  on  that? 

G.  Horettl,  British  Aerospace 

I  think  the  overall  accuracy  Is  very  important.  The  more  accurate  the  data  is,  quite  obviously,  the 
better  is  the  job  we  may  do  and  the  better  is  the  envelope  we  can  produce  at  the  end  of  the  day  on 
various  missile  or  various  stores.  So,  yes,  it  is  important  to  Increase  the  accuracy,  but  we  have  got  to 
balance  that  with  the  costs,  and  it  ia  not  very  simple  to  do  that.  1  was  surprised  to  see  that  we  use 
l&vier-Stokes  for  so  many  CPU  hours.  Perhaps  with  less  ucney  we  can  achieve  similar  results.  1  think 
this  is  very  important,  I  would  like  more  accuracy,  but  I  am  not  so  sure  the  costs  warrant  it. 

W.  Schmidt.  Dornler 

Along  with  accuracy  I  have  a  question  that  is  coming  from  the  application  standpoint  and  might  be  very 
pragmatic.  As  you  know  missiles  and  rockets  are  built  to  be  used  once  and  are  manufactured  in  large 
quantities  at  a  rather  bad  manufacturing  accuracy.  How  can  we  talk  about  accuracy  in  tools  if  we  don't 
know  the  accuracy  of  the  final  product? 

R.  Dealandes,  MBB 

Since  about  5  years  I  am  using  Euler  codes  for  missiles,  for  missile  separation  and  for  trajectory 
prediction, -and  1  am  quite  happy  about  the  accuracy.  I  do  not  think  that  we  will  ever  apply  any 
Navier-Stokes  oode  on  it  because  we  ere  happy  with  about  SOX  agreement  between  Euler  and  full-scale 
aerodynamics.  He  are  not  looking  at  flow  phenomena,  such  as  vortex  tracks  and  so  on,  but  we  have  to 
quantify  the  coefficients,  and  so  1  think  we  should  say  also  a  little  bit  good  about  Euler,  because  these 


and  he  said  the  use  of  semi-empirical  methods  would  give 
the  use  of  OFD  methods  would  give  center  of  pressures  to 
enough?  Are  there  applications  of  mlssil“8  where  you 
say  highly  agile  air-to-air  missies,  would  anybody  like  to 
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equations  are  the  unique  physical  solutions  we  have  now  available  in  CFD.  Panel  methods  and  potential 
theory  are  mathematically  tuned  solutions.  Navier-Stokes  codes  now  available  are  for  me  science,  fiction 
because  of  the  lack  of  appropriate  turbulence  modelling. 

S.  Dash,  SAIC 

I  would  like  to  comment  on  that  last  remark.  1  think  that  the  Navier-Stokes  codes  serve  a  very  useful 
purpose  even  in  preliminary  design  of  very  unconventional  systems.  All  the  problems  that  we  are  dealing 
with  are  not  strictly  aerodynamic  problems  with  pressures.  In  fact  in  some  of  the  advanced  missile 
concepts  with  unconventional  propulsive  systems,  we  are  talking  about  hot  reacting  plumes  with 
particulates  impinging  over  large  portions  of  the  aerodynamic  e  faces.  For  those  types  of  calculations 
only  Navier-Stokes  types  of  codes  will  be  applicable.  The  turbulence  models  for  aerodynamic  predictions 
in  Navier-Stokes  codes  are  really  no  different  than  the  turbulence  models  you  would  be  using  in  boundary 
layer  codes.  So  if  a  KE  model  works  in  a  boundary  code,  you  will  have  the  same  accuracy  in  a 
Nivier-Stokes  code.  The  real  problems  are  dealing  with  the  heavily  separated  flow  regions  and  some  of 
those  effects,  and  there  we  do  need  upgrades  in  turbulence  modelling. 

H.  Mendenhall,  Nielsen  Engineering 

I  will  bring  up  a  topic  that  came  out  of  the  Missile  Aerodynamics  Conference  in  Monterey  in  November 
1988.  We  had  a  Missile  Aerodynamics  Panel  session.  A  comment  that  was  made  and  recorded  in  the 
proceedings  of  that  Conference  was  that  the  quality  or  the  sophistication  of  the  missiles  that  are  being 
designed  today  are  limited  by  the  capability  of  the  codes  that  are  available  to  design  those  missile .  As 
long  as  your  missile  design  is  evolutionary  and  the  missile  that  you  are  going  to  build  for  next  year  '.a 
going  to  look  99.44%  like  the  missile  you  designed  last  year,  we  are  probably  O.K.,  and  the  seal-empirical 
methods  are  in  good  shape  But  I  think  a  group  of  people  in  this  at  dience  maybe  should  be  considering, 
vhat  is  the  missile  20  yettrs  from  today  going  to  look  like,  an'*  what  kind  of  methods  or  predictions 
methods  are  required  for  a  dramatic  change  in  missile  configuration,  something  totally  different  than  we 
have  seen  at  this  point. 

P.R.  Blgnell,  Chairman 

If  you  go  to  a  completely  different  shape  then  that  could  prove  to  be  a  very  much  more  expensive 
solution,  Maybe  it  doesn't,  I  don't  know.  However,  in  the  missile  fraternity  there  has  been  a  lot  of 
thinking  that  it  may  be  better  to  go  for  something  cheap  and  cheerful  than  something  that  is  extremely 
sophisticated  and  complicated.  Maybe  if  you  wanted  to  make  the  le^er,  you  would  never  sell  it  in  the 
sense  of  industry  having  to  maka  a  profit.  So  there  must  be  a  ti  ae  off  between  something  that  is  pretty 
conventional  and  something  which  is  very  sophisticated  but  which  may  have  problems  in  manufacturing. 

Thank  you  for  that  comment  Dr.  Mendenhall, 

M.  Ahmet,  British  Aerospace 

I  have  more  of  a  general  comment  to  make  rather  than  a  technical  one.  It  appears  to  me  that  although 
there  is  agreement  that  all  methods  discussed  have  their  practical  applications,  yet  arguments  develop 
about  Euler  vs-  Navier-Stokes  vs.  empiricism  or  analytical  methods.  I  think  that  it  may  be  an  idea  for 
our  colleagues  involved  in  these  specific  fields,  to  look  at  In  more  detail  at  the  other  techniques,  so 
they  can  appreciate  the  applications  and  limitations  in  a  bit  more  detail. 

P.R.  Blgnell,  Chairman 

One  thing  that  concerns  me,  coming  from  industry,  relative  to  CFD  is  that  there  is  always  a  great  deal  of 
debate  between  the  people  in  the  research  laboratories  developing  the  codes  and  the  people  at  what  I  would 
call  the  sharp  end,  who  have  to  apply  these  codes  ir  real  life,  whether  that  be  to  a  missile  or  to  an 
aircraft.  Is  there  anybody  who  would  care  to  comment  from  the  missile  industry,  that  there  is  this 
rapport,  which  is  obviously  quite  necessary,  between  the  code  developers  and  the  people  who  actually  have 
to  use  these  codes  in  the  end  to  design  missiles? 

D.  Hughes,  British  .aerospace 

I  have  been  Involved  over  the  past  nine  years  or  so  in  using  semi-empirical  prediction  methods  for  the 
design  of  missiles.  The  particular  application  that  1  have  been  looking  at  Involves  a  semi-automated 
approach  whereby  missiles  can  be  designed  very  quickly  using  semi-empirical  techniques  so  that  when  used 
in  the  concept  feasibility  stages  you  can  produce  many,  many  configurations  in  a  very  short  space  of  time, 
which  are  the  sort  of  time-scales  that  you  need  at  this  level  for  use  in  simulation  modelling.  One  of  the 
things  that  I  have  noticed  is  that  Invariably  no  matter  how  careful  the  semi-empirical  method  designers 
are  in  developing  the  codes,  the  project  aerodynnmicist  will  always  come  up  with  a  configuration  that 
doesn't  quite  meet  the  code  that  he  has  got.  Therefore,  bearing  in  mind  the  fact  that  expanding  the  data 
baaes  of  these  codes  is  likely  to  be  very  costly  in  the  future  if  wind  tunnel  testing  is  involved,  perhaps 
a  marriage  between  the  semi-empirical  approach  and  the  computational  fluid  dynamics  approach  could  be 
postulated  whereby  the  results  of  computational  fluid  dynamics  runs  could  be  used  to  expand  the 
seal-empirical  method  data  bases.  Perhaps  people  would  like  to  comment  on  that. 

S.  Me  Dougs  11  -  British  Aerospace 

We  are  already  doing  it.  1  presented  some  results  in  my  paper  using  a  semi-empirical  method  and  compared 
these  with  a  panel  method.  We  have  already  incorporated  panel  method  results  into  the  technique.  As  I 
said,  the  new  inviscld  calculation  is  being  expanded  to  Mach  numbers  up  to  5,  and  we  will  be  using  Euler 
methods  to  extend  the  data  base  of  the  semi-empirical  method  in  order  to  do  that. 


Then  1  would  like  to  ask  if  the  code  has  been  validated  against  experimental  data. 
S.  McDougall»  British  Aerospace 


Yes. 


S.  Dash,  SAIC 

That  path  has  been  tak«  quite  a  bit.  X  have  been  involved  in  the  National  Aerospace  Plane  program  in  the 
United  States,  and  preliminary  design  of  the  scram  jet  propulsion  system  is  routinely  done  by 
one-dimensional  cycle  codes.  One-dimensional  cycle  codes  contain  information  such  as  skin  friction,  the 
amount  of  combustion  that  takes  place  and  tries  to  simply  represent  very  complex  processes.  The  CFD 
community  has  gotten  Involved  and  we  have  taken  these  large  full-scale  computer  codes,  we  have  attempted 
validation  as  best  as  possible  and  we  have  transferred  the  CFO  information  into  the  cycle  decks.  We  have 
put  Information  relevant  to  combustion  efficiency,  to  A  to  KE's  for  inlet  performance  and  all  these  types 
of  information  have  been  fed  in  to  improve  the  cycle  decks  information  for  preliminary  design* 

P.R.  Bignell,  Chairman 

1  would  like  to  get  back  to  Mr.  Deslandes.  You  commented  on  the  use  you  make  of.  Euler  methods.  Did  I 
understand  it  correctly  that  these  you  use  In  the  context  of  store  carriage  and  release,  because  that  Is 
an  incredibly  complicated  aerodynamic  situation  where  you  are  releasing  a  store  into  an  aircraft  flow 
field  so  can  you  comment  that  you  still  get  good  comparisons  with  experiment? 

R.  Deslandes,  MBB 


With  the  panel  method  I  was  using  10  years  ago,  I  never  succeeded  in  producing  a  full  agreement  for 
installed  flows  of  a  store  on  an  aircraft.  With  the  Euler  method  we  get  more  than  90Z  of  appropriate 
measurements.  Calculating  separation  and  comparing  the  results  with  flight  tests,  we  never  get  more  than 
80  -  90Z  agreement,  but  we  don't  know  where  this  difference  exactly  occurs.  Some  mistakes  are  probably 
provided  by  the  analysis  of  the  flight  test  data  itself.  Not  knowing  perfectly  where  we  are,  we  are  happy 
about  the  80Z  accuracy  provided  by  the  Euler  equations.  You  cannot  reach  this  degree  of  accuracy  with 
other  data  than  higher  order  methods  like  the  Euler  method. 

P.R.  Bignell,  Chairman 

One  comment  I  was  going  to  address  to  Howard  Torode,  but  he  has  just  left  the  room.  He  said  to  me  as  we 
were  walking  back  one  afternoon  that  he  was  extremely  disappointed  that  there  was  so  little  on  sub-sonic 
aerodynamics  and  I  thought  he  would  be  addressing  the  hall  on  this.  Would  anybody  else  like  to  make  a 
comment  on  why  we  didn't  seem  to  get  too  much  in  the  way  of  sub-sonic  aerodynamic  papers  or  issues  being 
discussed  at  the  meeting.  I  would  have  thought  that  people  still  work  on  high  sub-sonic,  maybe  transonic, 
missile  applications. 

R.  Deslandes,  MBB 


I  was  also  very  surprised  to  see  that  the  Euler  applications  in  this  meeting  were  only  referring  to 
super-sonic  speeds.  I  think  that  the  reason  is  that  for  sub-sonic  speeds,  you  cannot  use  space-marching 
schemes  which  are  very  good,  but  you  have  to  use  time-marching  procedures.  We  have  a  very  good  experience 
in  misaile  aerodynamic  calculations  with  the  Euler  code  in  sub-sonic  regions  and  also  there,  the  accuracy 
is  much  higher  than  attainable  with  potential  theory  even  within  the  transonic  regime.  There  are  some 
problems  for  the  base  pressures  predictions.  However,  still  now,  we  cannot  specify  who  is  right,  the  wind 
tunnel  with  small  scale  models,  or  the  Euler  calculations  which  for  Instance  provided  a  very  good 
approximation  for  a  crew  escape  module  which  we  were  analysing  last  year. 

G.M.  Lilley,  Ehiverslty  of  Southampton 

I  accept  everything  the  last  speaker  has  said  with  regard  to  solutions  of  the  Euler  equations,  but  I  would 
welcome  his  telling  us  of  his  experience  in  using  the  Euler  equations  in  the  case  of  separated  flows. 

R.  Deslandes,  MBB 

I  was  expecting  this.  Perhaps  I  should  say  that  Euler  is  not  able  to  calculate  smooth  surface 
separation.  It  is  impossible  with  an  lnvlscld  code.  We  have  seen  in  this  session  possibilities  to  take 
this  kind  of  separation  into  account  by  fixing  the  transition  line  and  the  separation  line.  However, 
wherever  you  have  surface  singularities,  this  means  a  kink  or  a  sharp  edge,  Euler  will  produce  a  physical 
separation.  We  have  very  good  results  for  such  separation  effects,  which  are  matching  wind  tunnel 
measurements  by  more  than  90Z. 

G.M.  Lilley,  University  of  Southampton 


i 


Mr.  Chairman,  1  really  wanted  to  change  the  subject,  so  if  you  are  still  continuing  this  particular  area 
of  discussion,  perhaps  I  had  better  let  somebody  else  speak. 
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W.  Schmidt,  Do  raler 

Slnre  you  are  talking  about  Euler  and  Reparation,  X  think  l  have  to  add  one  point.  If  we  deal  with  a  high 
speed  invlscid  flow,  high  supersonic  flow  over  a  smooth  surface  and  the  flow  has  to  pass  a  strong  shock 
due  to  discontinuities,  then  this  can  cause  separation  as  a  fully  Invlscid  problem.  Similarly,  we  deal 
with  an  Invlscid  vortex  and  a  shock,  namely  a  vortex  passing  through  a  shock,  then  we  will  experience  on  a 
fully  Invlacld  basis,  that  this  vortex  will  burst.  There  is  not  only  this  viscosity  causing  separation, 
but  also  invlscid  phenomena.  In  some  cases  the  invlscid  phenomena  are  causing  separations  that  are 
looking  very  similar  to  the  very  physical  ones.  This  is  the  only  reason  why  sometimes  Euler  can  succeed 
in  predicting  flows  that  originally  are  viscous  flows  with  separation. 

M.F.E.  Plllenlu8,  Nielsen  Engineering 

One  thing  that  we  didn't  bring  up  here  was  the  work  that  was  done,  I  believe,  at  NASA  Langley  by  Newsome. 

1  am  not  a  CFD'er,  but  it  has  worried  me  to  no  end.  He  did  convergence  studies  with  the  grid  using  an 
Euler  on  a  fin  and  Navier-Stokea  of  some  kind  on  the  fin,  and  with  the  Euler  he  kept  getting  different 
results  as  he  kept  refining  the  grid.  It  never  converged.  So  sharp  edge  vortical  formation  Euler  is 
highly  questionable,  I  think.  Perhaps  you  do  have  to  use  a  cut-off  or  such  thing  to  make  sure  that  it  Is 
physically  correct.  With  regard  to  Hr.  Deslandes'  comments  on  him  being  very  happy  with  Euler,  which  is 
nice,  in  his  store  separation  work.  Remember  we  saw  the  case  here  of  the  F-15  which  took  6  man  months  to 
set  up  and  using  the  Euler.  Guess  what  they  didn't  get  -  the  inlet  vortex  flow  that  came  out  of  it.  So 
there  are  still  problems  with  that  if  you  are  dealing  with  a  specific  aircraft  with  big  inlets.  There  is 
also  the  wind  tunnel  problem  of  course.  Does  the  inlet  work  In  the  wind  tunnel  the  way  it  does  In  full 
flight.  Apart  from  that,  the  vortical  flow  that  comes  out  of  an  inlet  under  certain  conditions  is  not 
modeled. 

R.  Deslandes,  MBB 

Mr.  0illenlu8,  to  be  honest,  1  would  like  to  remark  that  the  grid  they  have  shown  Is  represents  ting  a 

closed  intake.  Therefore,  they  had  no  chance  to  produce  any  vorticity  there.  Some  other  Euler  codes  and 

grid  generators  are  available,  which  can  simulate  open  inlets  as  also  done  at  HBB  for  the  Tornado  or  with 
the  EFA  aircraft. 

G.M.  Lllley,  Uaiverslty  of  Southampton 

tv„  point  I  wished  to  make  is  In  relation  to  experiments  and  what  one  can  deduce  from  them.  In  many  of 

the  test  results  that  were  discussed  at  this  conference,  the  model  was  mounted  in  the  wind  tunnel  with  an 

ordinary  sting,  and  hence  there  was  the  problem  of  deriving  the  base  pressure  that  would  exist  on  the 
actual  case  of  the  missile.  I  wonder  whether  any  of  our  experimentalists  would  like  to  comment  on  this 
problem  in  predicting  the  kind  of  base  flow  and  the  accuracy  in  deriving  that  base  flow  on  the  missile 
model,  which  would  exist  in  the  absence  of  the  sting. 

J.  Dalery,  ONERA 

1  would  like  to  speak  in  French.  The  problem  of  the  model  support  which  is  used  for  base  flow  studies  is 
a  basic  problem.  It  has  been  studied  a  very  long  time  ago  as  well  in  Europe  as  in  the  USA.  However,  for 
all  the  teat  cases  in  the  case  of  GARTEUR  for  instance,  with  a  view  to  test  the  Navier-Stokes  codes,  we 
have  chosen  an  upstream  support  (nose  sting  system).  In  this  case  there  are  no  disturbances  due  to 
three-dimensional  effects  coming  from  a  lateral  strut  placed  in  the  high  speed  flow.  So  since  the 
computing  codes  can  take  account  of  the  upstream  boundary  layer,  we  find  ourselves  In  a  validation 
situation  which  I  would  call  healthy. 

P.R.  Blgnell,  Chairman 

It  is  almost  exactly  12:30  so  I  think  we  must  bring  our  discussion  to  a  halt.  I  would  like  to  thank  the 
program  committee  who  helped  me  to  put  the  program  together  and  the  session  chairmen  also.  More 
particularly  1  would  like  to  thank  the  authors,  especially  the  invited  speakers  and  if  I  could  say  a 
special  thank  you  to  Dr.  Graham  from  Imperial  College,  to  Msrnix  Dillmius  from  Nielsen  and  to  M. 

Chaopigny  from  ONERA  who  were  prepared  to  present  papers  at  the  very  last  minute  on  withdrawals.  This  has 
meant  that  we  were  able  to  stick  to  our  schedule  of  31  papers.  I  think  that  that  was  particularly 
appreciated.  Above  all  I  would  like  to  thank  the  delegates  to  the  conference  who  have  participated  so 
well  during  the  week  and  to  this  discussion  here  this  morning.  It  has  been  a  delight  to  have  the  meeting 
so  well  attended.  I  thank  you  very  much  for  that  and  I  now  hand  over  to  the  Panel  Chairman  to  draw  the 
meeting  to  a  close. 

J.McCroskey,  FDP  Chairman 

Thank  you  Bob.  Now  it  is  time  to  bring  our  66th  Meeting  of  the  Fluid  Dynamics  Panel  to  a  dose.  Whether 
you  prefer  Euler  or  Navier-Stokes  or  lleberkase  or  wlenerschnitxel,  I  hope  that  you  have  found  this 
Symposium  both  informative  and  stimulating  and  that  you  have  enjoyed  the  Duchy  of  Wuerttemberg  and  the 
Bodensee  environment  as  much  as  I  have. 

Now  as  we  say  In  the  U.S.,  a  word  from  our  sponsor.  I  would  like  to  call  your  attention  to  some  events 
that  you  can  find  on  the  AGARD  cable  charnel  in  the  months  ahead.  We  have  a  fall  Symposium  in  the 
Netherlands  on  Vortex  Flow  Aerodynamics,  a  four  day  symposium  followed  by  some  Panel  business  meetings. 

In  the  spring  of  1991,  we  have  two  specialists  meetings  on  the  topics  you  see.  Effects  of  Adverse  Weather 
on  Aerodynamics  and  Manoeuvring  Aerodynamics  to  be  held  in  France.  In  the  fall  we  have  a  full  blown 
Symposium  or  Airframe  Engine  Integration,  and  then  in  the  spring  we  will  have  two  spec,  il  courses 
presented  at  von  Kerman  Institute  and  other  locations  to  be  determined  precisely  on  Alt  craft  Dynamics  at 
High  Angles  of  Attack  and  Engineering  Methods  in  Aerodynamic  Analysis  and  Design  of  Aircraft,  with  I  am 
sure  some  attention  paid  to  missiles.  So  I  would  ask  you  to  please  contact  me  or  the  AGARD  office  or  your 
countrymen  on  the  Panel  for  further  details. 
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This  Symposium  on  Missile  Aerodynaad.es  was  intended  to  review  the  current  state  of  affairs,  to  highlight 
outstanding  problems  and  to  guide  future  research  programs.  I  will  leave  it  to  you  to  determine  the 
extent  to  which  these  goals  were  met,  but  I  would  say  on  this  subject  or  any  of  the  other  A6ARD  functions 
if  you  find  them  useful,  and  I  certainly  hope  you  do,  I  would  urge  you  to  relay  your  positive  impressions 
to  your  colleagues  and  to  your  management.  If  you  don't  like  what  you  have  seen,  we  would  appreciate  your 
constructive  criticism,  preferably  directed  to  Panel  members  and  we  will  strive  to  improve.  Assuming  you 
have  found  something  to  cheer  about,  I  would  like  on  your  behalf  to  thank  the  Program  Committee  and 
especially  the  Program  Chairman,  Mr.  Robert  Bignell,  and  the  Technical  Evaluator  and  of  course  the 
speakers  for  their  contributions  for  making  this  In  my  view  a  very  successful  Symposium. 

Next  I  am  sure  you  will  join  me  In  thanking  our  warm  and  efficient  German  hosts.  These  Include  a  number 
of  people,  1  will  just  mention  a  few,  Herr  Guenther,  the  German  National  Coordinator  and  of  course  a  lot 
of  support  from  the  German  Ministry  of  Defense.  Here  in  Priedrichshafen  Buergermeister  Sigg,  Herr  Haupt, 
Herr  Fischer,  the  personnel  in  town  in  Friedrich shafien  and  the  Graf  Zeppelin  house,  Dornler  and  Deutsche 
Aerospace,  you  recall  Herr  Ambos  was  joining  us  on  the  boat  ride  and  certainly  His  Royal  Highness  Carl 
Duke  of  Wuertteaberg.  His  presence  will  linger  with  us  beyond  this  mornings  session. 

Please  join  me  in  thanking  our  good  friend  and  colleague  Dr.  Wolfgang  Schmidt,  also  people  working  with 
him,  Frau  Berkel,  Frau  Bower  and  other  Dornler  personnel  who  have  been  here  on  the  site,  and  1  am  sure 
that  they  will  certainly  be  ready  for  a  vacation  after  this  exhausting  week. 

Successful  meetings  rely  heavily  on  the  staff  of  AGARD  and  it  is  even  more  difficult  when  we  have  these 
classified  meetings  such  as  this.  We  must  acknowledge  first  and  foremost  our  Panel  Executive  Winston 
Goodrich,  our  Panel  secretary  Anne  Marie  Rivault,  and  others  Including  the  technicians  who  have  operated 
this  projection  and  audio  equipment  in  this  rather  difficult  environment  so  efficiently  all  during  the 
eek  and  including  Mr.  Fischer  from  the  local  organization. 

This  could  go  on  and  on,  but  1  will  now  say  last  and  by  no  means  least,  our  interpreters  who  have  worked 
very  hard  all  week  keeping  up  with  our  supersonic  conversations.  I  can  hardly  even  pronounce  their  names 
and  they  have  kept  the  dialogue  going  bi-lingr*  Jy;  Madame  Kudick,  Madame  des  Susby  and  M.  Sherer.  Thank 
you  very  much. 

Now  unless  Wolfgang  has  some  further  remarks  or  surprises,  you  never  know, 

W.  Schirldt,  Dornler 

I  would  like  to  thank  all  of  you  for  being  so  active  in  here  and  the  whole  thmg  worked  out  very  nicely. 
J.  HcCroskay,  FDP  Chairman 

Thank  you,  Wolfgang,  thanks  to  you  ladies  and  gentlemen,  have  a  safe  trip  home  and  a  pleasant  trip  too, 
and  we  hope  to  see  you  at  future  AGARD  activities. 
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